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A STUDY OF 'TIE FWW OVER A 45O SWEPTBACK WING-FUSELAGE 

COMBINATION AT T M S m C  MACH NUMBERS 

B y  Richard T. idhitcomb and Thomas C. Kelly 

Pressure  distributions, tuft patterns, and schlieren surveys have 
been  obtained f o r  a sweptback wing-fuselage  conibinatian in the Langley 
8-foot  transonic  tunnel a t  Mach numbers t o  1.U and angles of attack - 

t o  20°. The wing had 43O .of sweepback, an aspect  ratio of 4.0, a .taper 
ra t io  of 0.6, and 89 mAcA 6x006 airfoi l   sect ion.  A study of  the result8 
of these measurements indicates  the development of various phenomena wtth 
increases in Mach rider ana angle of attack. Among these phenomena are  
the development of the shock on the w i n g ,  the   h i t ia t - Ion  and  rearward 
movement of a strong normal shock behind the . t ra i l ing  edge of the wFng-, 
fuselage  juncture, the onset of the bow shock ahead of the wing lea- 
edge, and the increase and reduction of the boundary-layer separation 
and the leading-edge  boundary-layer  vortex. - 

Several  detailed wind-tunnel investigatians  (refs. l and 2, f o r  
example) have provided a basis for  the  understanding of the  flow  over 
sweptback wings a t  high-s~ibaonic Mach numbers. On the basis of these 
data and pressure. dAta obtaFned from the. wing-flow me'thod (ref.  3) the 
nature of the flow over sweptback WFngs at  transohic speeds has been 
con3ectured.  Because of the  previous speed limitations of wind- tunnels, 
hawever, it has  been  impossible t o  obtaln a more.detailed investigation 
of the  nature  of-this flow at  transonic speede. A s lo t t ed  test section , 
which allows an fnvestigation .of relatively  large models.in the traasonic 
range t o  a Mach nuiiber of 1.14 recently  has  been  installed in the Langley 
8-foot transonic tunnel. With this new fac i l i ty ,  a detailed  Investigation 
of  the flow phenmcina over a 45O swept-wing - fuselage cambination has 
been made. The resul ts  of this study provi.de not only  a contribution  to 
the knowledge of the flow over swept wings in the  transonic  range but 
also an indication of the.nature of sweptback  wing-fuselage fnterference 
a t  transonic Mach nmbers. A 
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The data t o  be discussed include  prkssiire  diitributioni,' tuft . 

-.  . *- * 
patterns, and schlieren  surveys. Through conefderation of the8e dad 
'it has been po-6sible to  present a qual i ta t ive description of development 
of shock waves and boundary-layer separation the w i n g  Gd fuselage .at r' 
transonic Mach numbers. . -. 

.. 

APPARATUS 

The Langley 8-foot t r a n s d c  i s  a single-return, dodecagonal, 
slotted-throat wind tunnel which operates at a stagnation pressure . 

approximately  equal to atmospheric  pressure. The .tunnel ifl cspable of 
continuous operation up to a Mach nlrmber of 1.14. A complete description 
of the Langley 8-foot transonic t h e 1  may be found in  reference 4. 

The model configuration for the present inveetigatlon had a wing 
with 45O sweepback of the  quarter-chord line, an aspect  ratio of 4, a 
taper   - ra t io  of 0.6, and-an NACA 6x006 airfoil  section parallel to the 
air stream. "he fuselage of the combination, which I s  ahown in figuree 1 
and 2, had. a finenesa rat30 o l  IO baeed .on..m.del' diamet,kF&id length -fit% 
the  model nose to   intersect ion w i t h  the sting. Two m o d e l s  were used t o  
obtain  theee data. One, used for pressure.measurements, had a wFng con- 
structed of a m i l d  steel core  with a tin-bfsmuth-alloy  coverfng arrd i e  
descr-lbed in reference. 5; the other, used fo r  schlieren eurvey8, tuft 
surveys, and force measurements, had a wing conetructed of 14s-T aluminum 
al loy  and fs described in reference 6. The model used for preeeure 
measurements is-&own mounted in the 8-foot slot ted  tes t   sect ion Fn-  - . .. 

figure 1. General dfmensiona of . the  models and locations of preseure 
or i f ices  on the wing and fuselage are presented in figure 2. 

. - .  
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T u f t -  surveys were made w i t h  al ternate 'rows of nylon line and w o o l  
yarn cemented direct ly   to   the surface of the model. The very  flexible 
wool-yarn tufts gave a good 1ndicati.on. o f  -.s71fght. .changes. Fn flow dfrec- . . . . - 

tion. The less f lexible  thFn nyIon tufts remained on the w i n g  longer 
a t  higher Mach numbers,  however, and gave a good indic&tiau of violent 
separation. It was found also-that  the  difference In the thlcknessee 
of- the two types of tufts could  be used t o  determine the  re la t ive thick- 
ness of the boundary layer.  Schlieren photographs were made with the 
temporary single-pass system deecribed Fn .reference- 4. 

". . .. 

. ". 

. .  

. .  

RESULT3 . .  . . ." 

The data to be analyzed are presen€e-d-as-  individual groups for given 
survey  conditions. Each group consists of pree.wg data,. farce data, -tuff. 1 - 
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patterns, and schlieren s l i r v k y s ~ .  Survey conditions  for  various Mach n u -  
berfs a t  each of several angles ,of attack @re presented' fn figures 3 t o  8. 

Pressure data to be- analyzed are p reen ted   i n   t he  form of, pressure- 
coefficient  profiles  plotted"&t  the  five semispan measurement stations 
OR a plan form of me wFng and a t  six radial locations on an outline of 

the  fuselage. . The pressure  coeffciclent P i s  defined as 

where  po and s, &e the free-stream s t a t i c  and dymmic pressures, 

respectively, and pz i s  the local static presmre. The pre'ssure data 

were.taken  dlrectly  fmm"bhe'tabulated data of references 5 and 7. Force 
data and tuft-patterii  phoGgraphs are presented w i t h  each pressure-- 
coefficient  prof i lei  V a r i a t i - & s  'of the  force results with Mach nrnnber 
are  presented fn figure 9. Force and tuft data were taken from more 
complete unpublished  data  obtained in the  Langley 8-foot  transonic  tunnel. 

p2 - Po 

so 

Schlieren data are preseated: for most cases 3 n  the form of composite 
side views  and plan views of the model. The plan-view  composite is- placed 
a t  the  correct spanwise loca t i an  for Oo angle of attack; The ax ia l  loca- 
t ions of  the w i n g  root and t i p  w e  also shown in the  schlier'en  aide view. 
Photographs uged to. construct %&e composite aid& view were obtained  by 
using a stationasy schlieren system and m a v l n g  t he  model both longitudi- 
nally and ver t ica l ly  in  the test section. The p h i  views were obtafned 
by rotating  the model 9'0' and o f f s e t t h g  it vertically,  Bec&use the 
individual  pictures  used in the schlieren  corqosites were taken during 
separate. runs, slight variations in the tunnel Mach nuniber result in 
discontinuities of the  various shacks as they +end f r o m  one 'picture 
of the composite t o  eo-&a-,  "-?iie -grid lines &awn fn most of .the , 

schlieren photographs are  approximately gaml le l .  and normEiL to   the  flow. 
The object shown above the  rearward  end of the  fuselage for the 4' angle- 
of-attack  case i s  a probe which was used t o  measure f luc tk tyons  in  down- 
wash mgle, The probe  had no noticeable  effect on the  schlieren Fndica- 
tions. It should be-noted that the scale of  the schlieren composites  and 
that of the  pressure  profiles are not equal. 

For convenience, the  discussion i s  divided i n t o  considerations of , 

the phenomena a t  individual angles of attack and Y&ch numbers. Through- 
out these  individual  disaissions, however, the development.of  various 
phenomena with.  increases fn Mach number and angle o f  attack w i l l  be  noted. 
A m o n g .  these p h e n o q  are..  the expaneion of the f i e l d  of .flow of the body, 

h the development of the shock on the w h g ,  the h i t i a t i o n  and r&arward 
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movement of a strong n o m 1  shock behind the t ra i l ing  edge of the wing- I 
fuselage  juncture,  the  onset of bow shock ahead of the wing leading e Q e ,  
and the  .increase and  reduction -of the  boundary-layer  separation and the 
leading-edge  boundary-layer  vortex. 

." 
. . .. .. 

*- 

Angle of Attack of 0' 

A t  an angle of .attack of Oo and a M a c h  nunher of 0.85 (f fg. 3( a) 1 
the.pressure  distributions and t u f t . smeys   i nd ica t e   t he  presence of 
typical subcrit ical  flow on the Xing and fuselage. The drag is similar 
t o   t h a t  a t  other subsonic. Mach numbers and disturbance8 fn the field 
about  the model are - sligllt, a s  indl+tecl  b.x--Ae- s+l+ere.photographs,- 
The pressure  data of reference -5 fo r  the  Ousehge-alone  ConfiguratiCX. 
indicate  that  the  increase Fn the velocity on the  fuselage due t o  the 
presence of the  fuselage i s  of the order of 0.03 in Mach number a t  a 
Mach rider of 0.85. The extent of this reg im of induced velocit ies 
i s  relatively local, and therefore, for. the wing-fuselage configuration, 
only the Fnboard sections of the w i n g  w o u l d  be si@;nificantly  affected. 

. . - . . - 
. .  - 

For a Mach nurnber of 0.90 (fig. 3(b)) supercritical  conditions exiet 
over most of the wing semia-pan and an the  fuselage i n  the  region of the 
wing-fuselage  juncture. It should be .noted, however, that  based on the 
component of velocity normal to w 3 n g  leading edge the flow over the w i n g  
i s  s t i l l - subcr i t ica l .  The schlieren camposite  Fndicates  the  presence of 
w e a k  shock mvea la the  region above the wing-fuselage  juncture. Cqar-  
ison of t h i s  picture u i th  those  obtained at ather time6 indicates that 
these shocks are  extremely transitory in  nature.  There is  no percep- 
t i b l e  drag rise associated with the  formation of these Bhocks. 

. 
*. . 
I . . - "" 

A t  a Mach nuuiber af 0.94 (fig. 3( c )  ) , a .stronger,  extensive shock , 

stabi l izes  a t  the t ra i l ing  edge of the wing-fuselage juncture a8 ahown 
i n  the schlieren composite. The presence of the shock i 8  indicated by 
the dark, shaded region a t  (a) in figure 3( c) . This shock i B  approxi- 
mately normal t o  the. King surface and, as evidenced by the pressure 
distributions, extends la te ra l ly  normal to .  the  plane of .  symmetry t o  
beyond the 69-percent-semispan station, The pres-sures measured on the 
fuselage  indicate .that the shock manat_l& - ~ r o m " t h e . . w i ~ ~ f u s e ~ ~ . . ~ u ~ c t u r e  
t ra i l ing  edge extends w i t h  .nearly uniform str-epgth around the  fuselage. 
The nearly normal shock crossing  the wing t i p  ((b). i n  fig."3(c))- is 
associated with disturbances produced by the t i p .  The other weak shocks 
are  transitory. TuFt patterns show no changes Fn the boundary layer on 
the wing o r  fuselage. The force  results.  indicate that a slight increase 
in drag coefficient is associated with the development..of the shock 911. 
the wing a t   t h i s   k c h  number. 

. . .  

. . . . . . - . . . ." ~ 
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The pressure  dfstributions.oq.the  fuselage and  side-view schlieren 
pictures .of  fiwe 3(d)  indicate  that, when the Mach rider i s  increased 
t o  0.97 the shock originating at. the   t ra i l ing e-* of the wing-fuselage 
juncture ((a) in f ig .   3(d))  becomes relatively weak and slopes rearward. 
These same data indicate a strong,  nearly normal shock (b) develops 
approximately  one-half  chord length behind the wing-fuselage  juncture. 
The shading dowt ream of the  strongest  indication of $his shock (b) 
indicates  -that it curves rEarward from the plane of  symmetry. Although . 
the shock (a) i e  not  sufficiently strong t o  be  visible  in  the lowest 
side-view  schlieren  picture; it probably  extends outward t o  merge wlth 
the shock (b) a t  approximately (c) .  The  pres-e distributions on the - 

wing indicate that the shock (b) crosses the rearward  portion of the 
wing and merges with ahock-(a) in  the midsemispan region. The shock 
result ing from the merger croasea  the  outboard  region of  the w i n g  and 
extends  nearly n o t "  to  the  stream w e l l  beyond the wing t ip ,  as Fndi- 
cated by the  schlieren  plan v i e w  at (a). The portiona of the shock 
beyond the w i n g  -t ips which are  nearly normal t o  the stream are also  vis i -  
ble  in the side view at (a). The shading forwazd of the  strongest indi- 
cations of -the ahock (d) in the  side view are further indications of the 
forward.  extension of  the shock ahead of  the normal portions as &own 
directly in the plan view. The. two dark regions (e) visible in the  plan- 
view schl ieren  a t  a Mach  rtumber of 0.97 behfnd  the  wing-fuselage-juncture ' 

t ra i l ing  edge are  associated  with  the  nearly n o m 1  portions of the com- 
bined shock shown at (e) in the lower side-view picture. This relation- 
ship i s  indicated by the  shadings  ahead of the  darkest  regions and the - 

dual  nature of the indications. The fac t  that these  indications (e) In 
the plan view are  not a t  the same streamwise 8tation:as  the normal region 
a t  (e) Fn the  side view is due t o  slight differences in  the test Mach 
numbers fo r  the two  pictures. The &&le  indications  are  associated 
w i t h  a slight angle of attack of  'the &del with  respect  to the stream. 
The angle of these dark regions (e) w i t h  respect  to  the  stream  direc- 
t ion  indicates   that   a t  a vertical   distance from the combination the shock 
i s  nearly normal-to the  stream in the spanwise 8 8  w e l l  a s  the ver t ica l  
direction.  This phenomenon resul ts  froan the rearward  slope of  the shock 
near the plane of symmetry and the  farward slope near  the t i p ,  as  shown 
in  the  side view. 

The waves ( f )  which appear above and below. the  juncture in the 

schlieren composite were caused by - --ch long, 0.02-inch-dlmeter 1 
2 

wire segments placed n o m 1  to the air stream on the upper and lower 
surfaces of the  fuselage. It has been shorn (ref. 4, fo r  example) tha t  
small disturbances in the flow generate waves which croas  the  flow at  
approxbately  the Mach .angle and yet can be  detected by Echlieren 
apparatus. It was hoped, therefore,  that  the  prdtuberances on the . 

fuselage would provide an indication of the Mach  nuaiber distribution in 
the  region of the wing-fuselage juncture. The pratderances were auf- 
ficiently  large,  however, t o  produce a strong complex f i e l d   t o  points 



at  least one diameter from the-  fuselage surface, aid.  Indications of the 
Mach  number distribution provided by the  anglee of the waveB are lnaccu- . " 

r a t e  in that  region. Waves  em,nating from the protuberancea become 8" I 

what weaker several diameters from the fuselage surface &mi do- provia&- a- A.. ..? ." 
fairly  reliable  indication of the Mach n&er variation a t  a distance 
from the  fuselage. The extent of the wave8 (fig. 3( a) ) indicates the 
presence af sup~s0nl.c velocit ies well above the fuselage surface for 
this stream Mach nmb'er of 0.97. A meamranent of the wave angle at a 
point  approximately  three  diameters above the juncture t ra i l ing  edge 
indicated a Mach number of 1.02 in that region. - 

. n 
. .  

. .  

The pressure data of reference 4 indicate  that a t  this ~ a c h  rider 
of 0.97 the induced Mach  number increment on-the  surface of the  fmelage 
alone i s  approximately 0.04. Schlieren photographs  obtained a t  thie 
condition show that the  increased  velocity f i e ld  extends well into the 
stream and for the wing-fusehge combination the  entire forward portion 
of  the wing i s  operating in a Mach number field considerably  higher than 
the stream value. Also the  pressure8 on the f o k d  portion of the wing 
are  generally  considerably more negative than those .for a wFng alone. -- 

The pressure  distributiom and schlieren &eys fo r  t h e  fuselage alone 
(ref. 4) indicate that no shock is pre8ent.m  the  fuselage alone at  this 
Mach  number; thus, the strong normal shock (b) behind the t r a i l h g  edge 
of the  wing-fwelage  juncture of the conibfnation must be  a8sociated with . 

the wing- The strength .of t h i s  shock f o r  the King hi the presence of 
fuselage, however, is probably somewhat greater than it would be for a 
w i n g  alone. 

.. 

. 

- -- 

. .  . . . .  . .. . . .. 

A t  a Mach  number of 0.99 (fig; 3 ( e )  ) the oblique shock originatfng 
a t  the  t ra i l ing edge of the  wing-fusehge  juncture (a) is a t i ~  rela- 
t ively weak at  the  plane of symmetry. A t  stations farther outboard on 
the semispan, the Mach nmiber ahead of the shock and the pressure change 
through the shock are  greater than those fo r  the  inboard  region and thus 
indicate that t h i s  ahock is probably somewhat stronger ~ 1 1  the outboard 
region. When the Mach nmiber is increasetl t a  0.99, the strong, nearly 
normal shock present behind the   t ra i l ing  edge of the wfng-fuselage junc- 
ture a t  the lower Mach rider of 0.97 mvea downstream t o  a  position 
opposite the   t ip  of the wing ((b)  i n  fig.  3(e )  ). This h o c k  extends 
vertically from the  fwelage Fna direction nearly normal t o  the stream. 
In the  plane of the w l n g  it extends nearly noma1 t o  the strean from the 
fuselage BUrface but a t  a Bhort distance fram the  fuselage it turn8 for- 
ward, a a  &am in the plan view a t   ( c ) .  Because of this forward mvement, 
the shock (b) c ro~see   the  rearward region of the outboard  portion of the 
w i n g  and leaves  the  .tip at (a). The P-d move~ient8 of the ehock (b) 
onto  the wing t i p s  are also shown in the side view at  (c) . Just  out- 
board of the wing t ip   the weak shock originating at the wing-fuselage 
juncture (a) merges with the strong normal shock (a). The combwed 
shock (e)  extends toward the tunnel- wall at a moderate  angle w i t h  respect A :  
t o  the stream. A t  short  distances above and below the wing plane the 

.c 
t -  

. .  - . 
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- . shock (b)  turns  rearward  sl ightly  in  the  lateral   direction, as shown by 
the shading a t  ( f 1 in the  side and plan views. 

* 
The conibined shock' for   the  mdel  a t  a Mach. number of 0.99 st r ikes  

the  tunnel   wal ls   a t   (g)   in  ffgure 3(e). The discontinuity in the indi- 
cations of this  contact i n  the plan-view pictures i s  due to a slight 
difference in the Mach numbers for the  two pictures. The incidence of  
the shock on the w a l l  indicates that the flaw f i e l d  of the   mdel  has '. 

eipanded suf f ic ien t ly   to  produce supersonic  velocities at the  tunnel 
wall. The w a l l  pressures  indlcate a maximum Mach umber Increment of 0.W 
was produced by the model a t  the wall at  near-sonic Mach numbers ( re f .  4) I 

Since  a normal shock is present on the  fuselage  alone at a Mach 
number  of 0.95, ( re f .  4.1 at the  same location  as  the normal shock (b) on 
the  fuselage combjrcation, it may be assumed that th i s  shock on the combi- 
nation i s  due i n  part t o  the f d l a g e .  The induced velocit ies ahead of 
the  shock on the  combination, hawever, are somewhat higher  than  those 
on the  fuselage  alone  because of the  expanded field of the outboard 
regions of the w i n g .  The shock on the  fuselage o f  'the conibination, 
therefore, i s  probably  stronger,than  that on the  fuselage  alone. On 
the.  basis  of  the  pressures measured on the  fuselage o f  the combination 
and the shock patterns observed at the lower Efach  number of 0.97, it 
m a y  be  expected that a normal shock similar t o  that  emanating from the 
fuselage would be presefit  behind a wing alone and would probably  stand 
somewhat forward of i t s  location on the combination. 

- 

a 

Tbe schlieren composite shows a How wave, associated w i t h  the 
-+ deceleration of the  local  supersonic flow fnduced by the Rzselage , 
v located. about  one-ha-lf-chord length forwazd of' +e wlng-Fuselage- 

juncture  leading d g e  ( (h)  i n  f ig .  3( e) } . Force  coefficients  indicate , 
a  rather  abrupt &ag rise ' for  the combination when the Mach  number is 
increased f r d m  0.94 t o  0 .B. Since  the  tufts show only slight changes 
in the boundary layer, most of the drag increase i s  probably due t o  the 
development of strong shocks rather than to  separation. For thicker 
wings and those  with lesa sweep, the drag increase at high  subsonic 
&ch numbers is  due primarily t o  separation  (ref. 1). 

Schlieren photographs  obtained a t  a Mach  number of 1.,00, but  not 
presented,  indicate that, when the Mach  number is  increased from 0.99 
t o  1.00, tKe strong,  nearly normal shock originating from the'surface 
o f  the  fuselage moves downstream and no longer  crosseB t h e   t i p  of the 
wing 88 it does a t  a Mach  number of 0.99. With a further increase in 
Mach nunher t o  1.02, t h i s  shock continues t o  move downstream and reaches 
the  positions ahown at (b)  in   f igure 3 ( f ) .  A comparison of the  data 
presented f o r  the combination with that for  the  fuselage  alone  (ref: 4) 
indicates that this shock is far ther  rearward when the wing i s  present. 
The change i n  the  pressure  distribution on the  fuselage  associated  with 4 



this movement resul ts  i n  a significant increase t& pressure drag '  
for  the  fuselage. Thus, although  the shock m. the  f'usehge of the combi- 
nation  appears.  of"the same strength  as that, on the  fuselage  alone,  the 
losses  associated  with it must be greater. The shock (a)   or iginat ing 
a t   t h e   t r a i l i n g  edge of the wing-fuselage juncture i s  s t t l l  relat ively . 
weak a t  this &ch  number.  The most outboard pressure dfstributfon on- 
the wing indicates E& increase in pPesswe.ne_ar.the  trailing edge which . - 

i s   apparedly  not associated  directly with- t h e  shock (a).  crossing t h e  
wing semispan. Tbis pressure change is associa;ted  with  disturbances 
or iginat ing  a t  the t i p .  The effect  of these  dishrbances on the f i e ld  
i s  shqn at ( c )  in   the  schl ieren sf& and plan views of figwe 3(f). 
The various disturbances emanating spamrtse from the t i p  merge a t  a 
short  distance. from t h e   t i p  to form a relat ively stmn&shock a t  (a). 
This shock ( a )  associated  with  the w i n g  apparently merges with  that a t  
( b )  produced primarily by the  fuselage  several semispans outside  the 
schlieren v im.  The  bow shock associated with the  w i n g  .is shown at (e) 
i n  figure 3 ( f ) .  The second disturbance which appears in the  schlieren 
composite in the  region above the wing-fuselage  juncture. ( f )  is the  
intersection of the bow shock ( e )  on the  tunnel  wall. At the lower Mach 
number of  0.99 th i s  shock does not'  extend to   t he  w a l l .  

. . - . . . -. . . 

With an incr-ease i n  Mach number t o  1.11 ( f ig .  3( g ) ) . ,  the shock 
originating a t  the   t ra i l ing  edge o f - t h e  wing-fuselage  Juncture (a) ie 
swept near ly   to   the   t ip   t ra i l ing  edge. The secondary bibturbances. 
associated  with  the  t ip a t  8 Mach number of 1.02 ( f ig .  3 ( f )  1 disappear 
a t  t h i s  higher Mach  number of  1.11. . .  The bow shock (c  ) is apparently 
attached t o  the leading edge of the  juncture. The shock (b: associated 
with  the fuselage of  the combination moves .off the-surf ice  of the fuse- 
lage as it dues far the  fiselage  alone  (ref. 4).  The pressm-e distri- 
butions on the rearward end'of  .the  fusela@ are t h e  same. 86 those on 
the  fuselage  alone. No separation is indicated  by  the  tuft  patterns a t  
this Mach  number aa a t  lower h c h  numbers. At higher Mach numbers t h e -  
shock or iginat ing  a t   the  wing-f'uselage-juncture trail ing-edge would 
move further rearward on the w5ng and finally t o   t he  trailing edge 
where it .would remain a t   a l l  higher Mach numbers. The r o o t  bow wave 
would  become  more inclined and would reach  the  leading edge of the w i n g  
a t  a Mach number of approximately 1.40. 

. .  

- 

Angle of Attack of  bo 

A t  an angle of attack of k0..and a Mach  number of  0.85 ( f i g .  &(a) 
the  pressure  distributions  indicate sIqElTT'ftica1 flow  over the forward - 

portions of the upper. surface of the w i n g .  Relatively high .Mach numbers 
are  associated with the  negative  pressure peaks formed at the upper- 
surface .leading edge, a value of 1.62 being  indicated a t  'the  &-percent- 
semispan station. Ho apparent drag r i s e   i s   a s soda ted  e t h  the  super- 
c r i t i c a l  cond.itions. The schlieren composite indicates weak shocks 

1 
a 

" .  
" 

4 
. .- 

. .. 
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u associated  with  the  supercritical  velocities in the 
wing-fuselage  juncture. The.wea& shock waves shown 

the  near-sonic  velocity  field  adjacent t o  the   t ip .  
I .  &e probably caused by  disturbances  acting  parailel 

. 
t . 

9 

region above the ' 
above the w i n g  t i p  
t o  the  stream i n  
These waves are 

possibly  associated  with  the weak separation  near  the  tip. 

A t  a Mach  number of 0.90' ( fig. 4(b) ) , a shock, which appears t o  
originate  at  the  wing-fuselage-juncture  trailing edge and which i s  
approximately normal to- both  the wing surface 'bd  the  plane of symmetry, 
i s  indicated by 'the  schlieren composite ( ( a )  in f ig .  4( b)  ) and the  pres - 
sure  distributions. This  shock i s  similar in apgearance t o  one which 
occurred on the wing a t  an  angle of attack of Oo and a Mach  number of 
0.94. Several  disturbances, which seem t o  emanate *.om the lower sur- 
face of the  fuselage i n  the  schlieren composite ( b ) ,  are  associated 
with  the  near-sonic f l o w  indicated on the  lower-  surfaces of the wing 
and fuselage by the  pressure  distributions. A disturbance  approxi- 
mately normal t o  the flow located  just back of the "Lip and extending 
la teral ly   wel l  beyond t h e   t i p  is sham  in  the  schlieren plan-form  view 
a t   ( c ) .  This disturbance may be associated  with the deceleration  of 
a wide accelerated f l o w  f i e l d  around the  wing-fuselage  combination. It 
is similar in   nature   to   that  f o r  a body alone. ( See fig. 4( g) . ) 

A defini te  drag rPse  bccms when the Mach  number i s  increased t o  
0.94. The noticeable  redirection of the tufts outward on the  rear  
-portions of the upper surface of the wing behind the shock which or igi-  
nates   a t  the-wing-fuaelage-Suncture t r a i l i ng  edge iqdi-tes a thickening 
o f  the boundary layer at this  canditfon which m a y  be associatea  with 
limited  separation. It would appear,  therefore,  that the drag  r ise  
for  this condition is  due i n  part to  additional boundary-layer losses 
as  well  as t o  shock losses,  unlike  the  case at an angle  of.attack  of Oo 
where the  drag rise was due- almost ent i re ly  t o  shock losses. The 
shock (a) extending above the   t ra i l ing  edge o f  the wing-fuselage  junc- 
ture  i n  the  side-rim  schlieren. composite for   a  Mach  number of 0.94 
( f ig .  4( c ) )  is considerably  stronger than that fo r  an angle of attack 
o f  Oo, as might be  expected.  Conversely, the shock (b )  below the junc- 
t u r e   i s  weaker than for  Oo. The pressures and schlieren surveys indi- 
cate  that  near the  t ips  the shock above- the wing is, much stronger and 
more extensive  for bo ';m for  an angle of  attack o f  Oo ( see   ( c )   i n  
f ig .  4(c)) .  The indications of the shocks -above the two t i p s  vary 
considerably  in  intensity and extent. Photographs taken 8: other 
instants   for   this  same condition  indicate that the  differences between 
the  strengths of - the ahock on the two wing tips.  i s  due t o  unsymmetrical 
fluctuations of the  disturbances  since  at some instants  the shock i s  
more nearly equal in strength on the two t ips .  Although it is  not  per- 
ceptible fn the  composite, schlieren photograph, pressure  distributions 

" edge peaks. The pressare  distributions  indicate that this oblique shock 
merges -with the..J&ncture-traiibg-edge - " - . . . . - . . . . " .  shock in the  vicini ty  of the   t ip .  

4 indicate  the  presence if, an oblique shock associated  with  the  leading- 
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A t  Mach numbers of 0.97, 0.99, and 1.02 ( f ig s .  4(d) to & ( f ) )  the  
general  nature of  the shock formation above the wing-body combination 
for-an  angle of attack o f  bo is  s imilar   to  that f0.r Oo at the same k c h  
numbers, although  the magnitudes and positions of the shock6 di f fe r .  - 

The  weak oblique-shock which gpparently m a t e s  from the t i p  leading 
edge a t  a Mach  number of  -0.99 ( ( a )  in  f ig .  4( e ) )  is probably  associated 
with  the  ini t ia t ion of  a t i p  vortex.  The re la t ively weak oblique 
shock ( a )  ahead of the main fuselage shock (b) at a Mach number of 1.02 
( f ig .  4( f )  } and the complex shock formatfon ( a )  above the  fuselage at 
a Mach  number of 1.11 ( f ig .  4( g) ) are  aseociated  with  the flow  over 
the  fuselage  at  an angle of attack. 

. .. . .  

t 

c - " 

Tuf t  surveys ( f ig .  4( f)) show tha t   the  shock originating a t  the 
wing-fuselage-juncture.  trailing edge s t i l l  1.ead.s t o  . a .  twckening of tlg . .. . . 

boundary layer a t  .a Nach number of. 1. I1 although  the extent of the 
thickened boundary layer is less  than at  lower Mach numbers when the  
juncture shock was  far ther  forward on the wing. 

Angle of attack of 6 O  .. 

A t  an angle of .attack of 60 and a Mach number of 0.80 ( f ig .  5 ) ,  
the  regions of. negative  pressure 04 the upper surface 0:. the  sections 
near the leadLng edge become progressively  broader from the  root to the 
t i p  and suggest  the.presence of a separation vortex such a6 that .I 

described in reference 8; the fine nylon tufts are dlrected outward in 
the  regions of high  negative  pressures so that the  presence of a leading- 
edge separation  vortex is again.  suggested. The heavier y a r n  t u f t s ,  - 

which extend  further  Into the stream from the model surface, are not 
directed outward ae much as the  fine woven tufts and indicate that the 
region  of  reversed flow of the  vortex i s  quite  thin. A t  t h e   t i p  
sections  the  relatively low level  of negative  pressures an the  upper 
surface,   the  relatively poor pressure  recovery at the   t ra i l lng  edge, 
and the  s l ight  outward directian of  the  tuf ts   are   indicat ive of a 
thickened boundary layer over the entire chord. 

. .. 

. .  

- *. .. 
J 

". . 

Angle of Attack of 80 . .. . . . i  ." 

With an increase f n  angle af  attack  .to 8O a t  a Mach m b e r  of 0.80 
(fig.   6(a)),   the  pressure  distributions and tuft surveys  indicate a 
marked rearward  spread and a considerable  strengthening of the  leading- 
edge separation  vortex. Complete separation  over  the  whg from a 
s ta t ion  just  inboard of the 80-percent-semfspm-6tation out t o  the t i p  
i s  indfcated  by  pressure surveys. 

- .  

With an increase i n  Mach number t o  0.85 ( f ig .  6(b)  ), tuft patterns 
6 

show that outward Plow in  the bmd-ary layer on the  leading edge of most 
- 
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of the semispan and over  the  entire chord on sections  inboard of the 
50-percent-semispan s ta t ion has disappeared; this  conditfon  indicates 

regions. The vortex  type of flow has been  replaced  by an attached 
supersonic  accelerating f l o w  around the  leading edge of  the  type 
described in  reference 9. 

. 
I that the  leading-edge  separation vortex has b&n eliminated in   these 

When the Mach  number i s  increased  through 0.90 t o  0 . 9  the  extent 
of the  vortex and separation  contract  outboard and rearward ( f igs .  6( c )  
and 6 ( d ) ) .  The tuf t   pat terns  and pressure  afstributions  indicate that, 
a t  a Mach  number of 0.99, the  extent of severe boundary-layer losses 
on the wing upper surface is l i m i t e d  to  the  region back of the  adverse 
gradients,  associated  with  the shock. A t  this  condition,  the flow 
phenomena are similar in  nature  although  different in  magnitude to   the  
f low phenomena which existed  at  a corresponding- Mach  number and an 
angle of attack. of bo. 

With an increase  in Mach  number t o  1.11 ( f ig .  6 (e ) )  the shock which 
originates  at  the  wing-fuselage-juncture  trailing edge moves far ther  
rearward‘as it crosses  the wing as it Bid at- lower angles of  attack. 
The pressure  distributions  ‘indicate  that  this shock causes a d is t inc t  
pressure  discontinuity as it croases  the t i p  sect-ion. There i s  a possi- 
b i l i ty   tha t   the  boundary layer is  extremely t u n  over this  region of  
the t i p  so tha t  the field pressure  disturbance i s  allowed t o  extend 
nearly  undistorted t o  the model aurface. 

t 

Angle of  Attack of  12’ . 

As the  angle of attack is Fncreased to 12O.at a Mach  number of  0.80 
( f ig .  7(a))  the  leaang-edge  separation  vortex  spreads  rapidly  rearward 
with complete separation  over  the  wing.  evident from the  30-percent- 
semispan s ta t ion  out   to   the  t ip .  

WFth increases  in Mach  number t o  0.89 ( f ig .   7 (b ) j ,  0.99 ( f ig .  7 ( c ) ) ,  
and 1.11 ( f ig .  7(d)), the  separated  region on the upper surface of the 
wing contracts ~utward and rearward as it d.i& at lower angles of attack. 
A t  a Mach  number o f l . 1 1 ,  separation is confineti t o  the  region back of  
the adverse  pressure  gradients on the midsemispan and outboard  sections. 
Because of the  reattachment of  the boundary layer,  the lift carried by 
the outboard  regions of the wing increases  as  the Mach  number i s   r a i sed  
from 0.89 t o  0.99 and, -as a resu l t ,   the   l i f t   o f .  the en t i re  wing increases 
With a fur ther   r i se   in  Mach number t o  1.11, the lift on outboard sections 
continues t o  increase,  while on the inboard sections a decrease i n  lift 
is nbted,  because of the  presence  of-a  supersonic  type of flow over 
these  regions. 
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Angle .of Attack" of  20° 

A t  an angle o f '  attack of 2oo and at Mach numbers of  0,79 ( f ig .  8( a) ) 
and 0.89 (f ig .   8(b)  ) severe separation of me flow over,   the  entire upper 
surface of the wing i s  indicated by the t u f t  PatteI'IlB. Because  o f  the 
complete separation,.  the  negative  pressures on each of the  sections are 
very  nearly uniform with  the  negative  pressure  leveldecreasing f r o m  
root t o   t i p  and indicate more severe-separation .on the.  qutboard sectiqns. 
The greater  severity of separation on the  outboard  sections € 8  also 
shorn by  the  tuft   patterns.  As the Mach  numb& i s  increased t o  0.99 
( fig.  8( c )  ) , the  pressure  distributions and tuft patterns  indicate a 
reattachment of the flow on the rear  portfons of the  sections  near the 
root. With a m t h e r  increase in Mach  nuniber t o  1.11 (f ig .  8 ( d ) ) ,  this 
region of flow reattachment  spreads slightly &"d. 

A t  a Mach  number of 1.11, the  absolute  pressures on the  inboard 
upper surface o f  the. wing approach absolute zerot  the.. l@ting pressure 
coef f ic ien t   a t   th i s  Mach  number being  about -1.16. 

A study of the  pressure  distributions,  tuft patterns,-and  schlieren . 

surveys  obtained f o r  a 45' sweptback wing-fuselage- combination forms the . .. 

basis  for  the  following  general remarks. . .  

A t  angles of attack of 0' and 4' a strong normal shock develops 
behind the   t ra i l ing  edge of the  wing-fuselage  juncture at a Mach  number 
of  0.97. This shock crosses  the wing a t  Mach numbers of 0.97 and 0.99. 
A t  higher Mach numbers it moves downstream of the  wing.  

A shock, which originates at the   t r a i l i ng  edge o f  the wing-fuselage 
juncture,  develope at a Mach  number of -0.94. T h i f  shock slopes rear- 
w a r d  and becomes relat ively weak as the Mach  number i s  increased  to 1.00. 
This shock merge$ with  the strong normal shock behind the  wing juncture 
and the combined  shock extends w e l l  beyond the ving-fuselage combination 
a t  near-sonic Mach nwabers. 

Because of the induced flow over  the  fuselage, a bow shock forms 
somewhat forward of the wing-root  leading edge a t  a Mach  number of 0.9. 
This shock moves rearward  with fncreasing Mach number and i s  a t  the 
roo t  leading edge a t  8 Mach amber of 1,. 11. . . .:. - I. - " 

T L I ~ ~  patterns and pressure  diatributiops  indicate no separation- 
over  the  whg fo r  a l l  test  Mach numbers at an angle  of  attack of Oo. 
A t  an angle of attack of 4' increased barndai-y-layer losses form between 
Mach numbers of 0-89 and 0.94 on the  midsemlapan and outboard sections 

rv. 

". , 

.. . 
. ., 

- 
1 

" . ." . -~ 

. .. . 
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4 of  the  wing back of t he  shock originating at the wing-fuselage;jupcture 
t r a i l i ng  edge. With further increases in Mach number, the region of 
increased boundary-layer losses contracts rearward. . 

A t  an angle of a t tack of 8' and a Mach number of 0.80, the tu f t  
patterns  indicate the presence of a leading-edge  separation vortex and. 
separation  over  the midsemispan and outboard sections of the wing. As 
the Mach nunib-er- i s  increased  to  transonic  values, the flow  reattaches 
over  tlie  forward  regions  of the wing .  A t  Mach numbers higher than 0.9 
separation is confined t o  the region -back of the shock which o r igba te s  
at the wing-fuselage-juncture  traLling edge. 

A t  an angle of attack of 20° and a Mach  numker of 0.79 the  flow 
is separated over the   en t f re  upper  surface of the wing. A t  Mach numbers 
of 0.99 and higher, the tuft patterns  indicate ,a reattachment  of  the 
flow on the  rearward  regions of the inboard sections. 

Langley Aeronautical  Laboratory 
National Advisory Committee f o r  Aeronautics 

Langley Field, Va. 
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Figure 1. - Wing-fuselage 
In the 
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line 

Figure 2.- Pressure no&l"dAuensiam and orifice locations. All dimensions 
a r e  in inches. 
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