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RESEARCH MEMORANDUM

REGENERATTVE-COOLING STUDIES IN A 5000-POUND-THRUST LIQUID-
OXYGEN - JP-4 ROCKET ENGINE OPERATED AT 600-PCUNDS-
PER-SQUARE- INCH COMBUSTION-CHAMBER FPRESSURE

By Adelbert O. Tischler and Jack C. Humphrey

SUMMARY

No difficulties were experilienced in fuel cooling a 5000-pound-thrust
liquid-oxygen - JP-4 rocket engine operated at 600-pounds-per-square-inch
combustion-chanber pressure. Over-all heat-transfer rates of 1.2 Btu per
second per square inch were measured at oxidant-fuel weight ratios of 2.4.
The low magnitude of these heat-transfer rates may be attributed Lo the
formation of a protective carbon insulating lsyer on the combustion-
chamber walls. Linear extrapolation of heat-transfer rate with pressure
indicates that fuel cooling at chamber pressures considerably gbove 600
pounds per square inch is feasible.

Specific impulses of about 30 percent of ‘“theoretical equilibrium-
expansion values were obtalned. At an oxidant-fuel weight ratio of 2.4
the specific impulse messured was 258 pound-seconds per pound.

INTRODUCTION

The purpose of this research was to demonstrate the feasibility of
fuel cooling & ligquid-oxygen - JP-4 rocket engine opersting al a chamber
pressure of 600 pounds per square inch and to obtain data for the heat-
transfer rates at this chamber pressure.

Numerous -investigetions of the performance and heat-transfer rates
of oxygen-hydrocarbon rocket engines heve been made previously. Such
measurements have been made in large-thrust fuel-cooled engines (refs. 1
and 2). The combustion-chamber pressure for these engines was of the
order of 350 to 500 pounds per squere inch. During the course of the
investigation reported herein, data on the operation of an oxygen-
gasoline engine of 28,000 pounds thrust operated at 600-pounds-per-square-
inch chamber pressure were reported (ref. 3). Since JP-4 fuel and
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gasaline are both hydrocarbon fuels with similar, though not identical,
specific heats and heating values, the heat-transfer rates and performance
figures in this report extend the data obtalned previously.

The engine used for these tests was designed to produce 5000 pounds
thrust. The engine characteristic length was 31.4 inches and the chamber-
throat area ratlio was 4. The injector was a like-on-like type with
alternate rings of fuel and oxildant Jjet pairs. -

Performance and heat-transfer dafa were obtained both with fuel
(regenerative) cooling and with weter cooling. The data are presented
and briefly discusfed in this report.

APPARATUS
Thrust Chamber

The thrust chamber is shown disgrammaticaelly in figure 1. The outer
and inner wells of this chamber were welded together without expansion
Joints to form an integral cooling-passage engine. A new fabrication
technique was used as follows: An inner shell was fabricated of nickel
sheet by forming, heliarc welding, and spinning over a mandrel as dls-
cussed in reference 4. Twenty-four notched ribs were hellarc welded to
this inner shell. Strips of l/32-inch Inconel sheet were formed in hand
Jigs (fig. 2(a)). These strips were set into the notched ribs (fig. 2(b)),
and the strips and ribs were simultaneously welded together to mske an
integral assembly (fig. 2(c)). The welded assembly of etrips formed the
outer skin of—the cooling Jacket. This skip was reinforced with several
wrappings of fiber-glass cIoth (fig. 2(d)). The fiber-glass cloth was
bonded. by alternate layers of plastic cement.

The cooling-Jjacket dimensions were such that the coolant velocity sat
the throat of the englne was 3% feet per second at a fuel flow of 5.4
pounds per second (fuel demsity, 0.76 1b/cu £t). At the chamber the
coolant velocity was 17 feet per second for the same flow. The pressure
drop through the cooling Jacket for this fuel flow was 22 pounds per
square inch. The pressure drops for various fuel- and water-coolant

flows are shown graphically in figure 3.

Injector

The injector used in these studies was similar to those reported in
reference 1. The configuration is shown in figures 4 and 5. The inJjec-
tor was a lilke-on-like type with four fuel rings and four oxygen rings
arranged alternately. There were 80 pairs of (.055-inch oxygen holes
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and 96 pairs of 0.036-inch fuel holes; 30 additional 0.031-inch fuel
holes were drilled in the outer ring to spray fuel along the chamber
surface. -

Instrumentation

The engine was mounted on a flexure-plate thrust stand equipped with
a strain-gage force-measuring cell. The flow diagram of the test rig is
shown in figure 6. Chamber pressure was measured both with strain-gage
transducers and with recording bourdon-tube instruments. Oxygen flow and
fuel flow were each measured with two instruments, a driven-turbine
flowmeter and a venturl meter equipped with differential pressure trans-
ducers. Accuracy of the individual thrust, pressure, and flow measure-
ments was about +1 percent. These signals were fed into a recording
oscillograph with a timing signal.

Temperatures of the coolant into and out of the engine ‘jacket were
measured with iron-constantan thermocouples with a cold-junction couple
in an ice bath. No attempt was made to measure coolant temperatures at
intermediate points; therefore, only over-all heat-transfer values were
obtained. ILiquid-oxygen temperatures were measured by copper-constantan
thermocouples with the cold-Jjunction thermocouple in a bath of liquid
nitrogen. Temperatures were recorded on strip-chart recording
potentiometers.

Propellants

Liquid oxygen analyzing dabout 0.5 percent nitrogen was obtained from
a commercial vendor. This smount of nitrogen is insufficient to affect
performence measurably.

The JP-4 fuel used was drawn from two batches, which varied only
slightly in analysis. 'No additives were used in the fuel. The average
analysis of the two fuel batches used is shown in tsble I. The variation
in specific gravity and specific heat of the fuel with temperature were
estimated from this analysis with the aid of correlation charts presented
in reference 5. These values are represented by the following equations:

Specific gravity = 0.766 [1 + 5.8x10"% (60 - T)]

cp = 0.458 + 0.000536 T

where T 1is in OF. (Symbols used in this report are defined in
appendix A.)
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Pressurized helium gas was used to pump the oxidant and the fuel to
the engine from 16-cubic-foot stainless-steel tanks. Flow rates were
adjusted by regulating the gas supply pressure to the mropellant tanks.

PROCEDURE

For the fuel-cooled runs, the JP-4 fuel supply to the engine was
run first through the cooling Jacket then to the injector. Coolant-flow
direction wes from nozzle to injector.

Two series of water-cooled runs were made, the First wilth water flows
through the cooling Jacket from 9 to 12 pounds per second, the second with
flows from 6 to 7 pounds per second. ’

Most tests were of 10 seconds duration. One 60-second run was made
with fuel cooling to show that the shorter runs gave valid heat-transfer
and performance data.

The engine was started with gaseous oxygen and geseous propane fed
at relatively low pressures (20 and 16 1b/éq in., respectively} through
the injector from a separate propellant supply. These propellants were
ignited by a torch located at the 1lip of the nozzle. After burning
occurred in the chamber, the main propellant supply valves were opened
to obtailn sbout 40 percent of full flow. The high-pressure liguid-
propellant supply automatically closed check valves in the gaseous supply
systems. After the engine operation et partial flow was deemed satis-
factory, the propellant valves were opened to full filow. The full-flow
running time was usually 10 seconds. At shutdown the fuel valve was
closed about 0.4 second after the oxidant valve. The engine occasionally
screamed very briefly during shutdown. During the course of the 1nvegti-
gation, the rim of the injector face burned slightly. This buraning shows
in figure 5. Whether or not the burning was a direct result of the
screaming was not ascertained. .

RESULTS AND DISCUSSION

The dats for the fuel-cooled rune are tabulated in table II. Spe-
cific impulse, characteristic velocity, nozzle coefficlents, and over-all
heat-transfer rates through the engine asre plotted as functions of
oxldant-fuel ratio in figure 7.

The water-cooled runs are tabulaeted in table III. Performance
peremeters are plotted in figure 8. ) - - .

Theoretical performance for liquld oxygen - JP-4 fuel at 600-pounds-
per-square-inch chamber pressure (ratio of chamber pressure to exit
pressure, 40.8) is given by figure 9 for comparison with the experimental
results.

696¢%
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Heat Transfer

No difficulties were encountered in operating the rocket engine with
fuel cooling at 600 pounds per square inch. The temperature rise for the
fuel during its passage through the cooling jacket ranged from 73° to
132° F; the over-all heat-transfer rate ranged from 1.0 to 1.4 Btu per
second per squere inch (fig. 7). The highest heat-transfer rates occurred
at the high oxidant-fuel ratlos, that is, nearest stoichiometric burning
(o/f = 3.4). 8Since high o/f ratios correspond to low fuel flows as well
as high combustion itemperatures, operation in this mixture ratio region.
presents the most difficult regenerative-coollng problem.

One series of runs gave heat-transfer rates higher by gbout 10 per-
cent than those for a later series. No changes were made in either the
engine setup or operating procedure between these runs. These heat-
trensfer-rate variations may be ascribed to changes in the character or
the thickness of the carbon layer formed 1n the engine during rumning.

With water cooling the heat-transfer rates were of the same magnitude
as those for fuel-cooled runs (fig. 8). The rates for water flows be-
tween 9 and 12 pounds per second were slightly greater than for flows be-
tween 6 and 7 pounds per second. In this case, the slightly greater
heat-transfer rates may be due in part to the colder chamber-wall sur-
faces with higher coolant flows. The wall-surface temperatures msy also
affect the carbon deposit that forms on the combustion-chamber surfaces.

Heat-transfer rates for some runs at low oxidant-fuel ratios appear
out of line and higher than other corresponding values. Each of these
runs wag the first of a seriles. In order to determine whether the high
hegt-transfer rates occurred on the first run or at low o/f ratios a
special series of four runs was mede. The first and third runs were at
intermediate o/f ratios; the second and fourth runs were at low o/f
ratios. The results are shown in the following table:

Run | Retio, Btu/
o/f |(sec)(sq in.}, q

1 2.0185 1.23

2 1.831 .96

3 2.573 1.07

4 1.709 .96

In this case the first run agein gave a high heat-trensfer rate when
compared with the expected value. The heat-transfer rates for the re-
maining runs sgreed with the data shown in figure 7.

The high heat transfer observed during the first run may occur be-

cause the insuleting layer has not yet formed. Since no effort was made
to remove the carbon deposit hetween runs, or between series of ruuns,



6 G NACA RM ES8BO2

changes in the nature of the csrbon film in the time interval between

run series 1s indlcated. The 60-second run, which was made gbout 2 hours
after a previous series of runs, showed "normal" heat-transfer rates.

Heat transfer and other performance values remained steady after 3 secounds
running time whether the run was the first of & series or not. Figure 10
indicates the extent of variation of the measured parameters for the 60-
second run. A slight overshoot of heat-transfer rate, never more than
105 percent of the steady-state value, was occasionally dbserved during

the flrst 3 seconds running time.

Comparison with other heat-transfer results. - Most heat-transfer
rates (refs. 1 and 3) in rocket engines of various slzes were obtained
with fuel containing 1 percent silicone oil as an additive. The use of
the silicone additive reduced the over-all heat-transfer rates by from
15 to 40 percent (ref. 1). At an oxidant-fuel ratio of 2.4 (corresponding
very nearly to point of maximum theoretical specific impulse) the heat-
transfer rates ranged between 0.55 and 0.65 Btu per secoml per square
inch for combustion-chamber pressures between 300 and 500 pounds per square
inch. These results were for gasoline fuel. With JP-1 fuel 1lnstead of
gasoline a heat-transfer rate of 0.45 Btu per second per square inch in
e 5500-pound-thrust epgine was measured (ref 1). This value was for a
combustion-chamber pressure of 370 pounds per square inch at an off of

2.4, and the JP-1 fuel again contained silicone oil additive.

Heat-transfer rates were measured for two large engines that used
JP-4 fuel without additives (ref. 2). One engine, of 75,000 pounds
thrust, was operated at 385-pounds-per-square-inch combustion-chanber
pressure; the other, of lightwelght tubular constructlon and of 120,000
pounds thrust, was operated at 475-pounds-per-square-inch combustion-
chamber pressure. Hegt-transfer rates. for the lower-thrust engine were
in the neighborhood of 0.6 Btu per second per square inch. The tubular
engine showed an inltially high heat-transfer rate that did not appear in
the data for the more massive 75,000-pound-thrust engine. The initial
heat-transfer rates reached nearly 1.4 Btu per second per square inch,
then fell and leveled off at gbout 1.1 Btu per second per square—lnch
after approximately 3 seconds of running. o

The heat-transfer values obtained at NACA at a pressure of 600
pounds per square inch were for JP-4 fuel with no additive. To compare
the data of references 1 and 2 with the data.of this report, corrections
are needed. To correct for the effect of additives, the data of refer-
ence 1 were divided by 0.60. To correct for pressure, the data of ref-
erences 1 and 2 were extrapolated linearly with pressure (see ref. 6] to
800 pounds per square inch. With these corrections, the heat-transfer
data of the references agree reagonably well w1th the 1.1 to 1.2
Btu per second per square inch reported herein for an oxidant-fuel ratic

of 2.4.

-
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Role of carbon deposit in decreasing heat-transfer rate. - The ob~
served heat-transfer rates are well below those calculated for a clean
metal wall on the basis of classical heat-transfer equations and the
thermodynamic properties of the exhaust gases. Apparently, the thin coat
of carbon that was observed to form on the combustlion-chamber and nozzle
surfaces is an effective heat berrier.

Estimates of the over-all heat-transfer rate with various heat-
transfer resistances in the surface layer were made. These rates were
calculated on the basis of completely burned gas temperature throughout
the chamber and asre therefore somewhat high, particularly since only
ebout 92 percent of the theoretical characteristic velocity was realized
experimentelly. The calculation method is given in appendix B. The re-
sults are shown grephically in figure 11.

These estimaetes indicate that the heat-transfer rates cobserved may
be accounted for if the carbon surface layer has a surface temperature of
about 5300° F. These calculations also indicate that without the carbon
insulating layer the over-gll heal-transfer rate might be of the order of
10 Btu per second per sguare inch.

From these results, the thickness of the carbon layer can be esti-
mated, provided the thermal conductivity of the carbon is known. Thermal
conductivities of carbon reported vary from 0.04 (lampblack) to 3.0
(petroleum coke) Btu per foot per square foot per hour per OF. If the
first value listed is used, the calculated carbon-layer thickness for
this engine is 0.005 inch; for a conductivity of 3.0 Btu per foot per
square foot per hour per ©F the thickness is 0.21 inch. No measurements
of the actual carbon deposits were made, in part because of the uncer-
tainty ebout what happens to the carbon layer during shutdown operations.
The thicknesses of the carbon deposits after the rums appeared to be of
the order of 0.01 inch.

The injector probebly affects the form and thickness of the carbon
layer and, in effect, the heat-rejection rate. An injector configuration
(such as that used in this study) that creates conditions (presumebly a
fuel-rich film) for forming a thick carbon layer on the chamber surfaces
will exhibit low-heat-relection-rate characteristics. Conversely, an in-
jector that limilts the formation of a carbon layer will cause higher hesat-
rejection rates. The combustion chamber does not fill with carbon,'be—
cause, as the carbon layer thickens, its surface temperature increases.
Eventually a surface temperature (thickness)} is reached where the carbon
layer is "in equilibrium"” with the reaction products in the combustion
chanber; that is, the rate of carbon deposition’ is equal to the rate of
cerbon erosion. :

Extrapolation of results to higher pressures. - The highest tempera-
ture rise in the coolant. jacket during the fuel-cooled runs was 1320 F
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(at off = 2.8). The maximum tolersble temperature rise in the fuel with-
out risk of film boiling or coking is unknown at present. This would
depend on the local heat-transfer rates, the vapor pressure, the gum-
forming characteristics of the fuel, and the coolant pressures and veloci-
ties 1n the chamber Jacket. For a number of batches of JP-4 fuels, ref-
erence 7 reports that, at 500-pounds-per-square-inch pressure and a
coolant velocity of 27.6 feet peér second, a fuel temperature rise of more
than 700° F is possible before f£ilm boiling occurs. At higher jacket-
pressures and at higher coolant velocities, still higher temperature
rises in the fuel without £ilm bolllng should be possible. Here, however,
a second temperature limit may occur, namely, the gum-forming or coking
temperature. Presumably the thin film of coolant in immediste contact
with the metal wall and therefore exposed to temperatures well above the
bulk coolant temperasture will form gum st these elevated temperatures.
This gum then probably adheres to the metal wall. The gum coat 1tself,
however, "cracks" to form coke. In a marginally cooled engine, any such
thermal barrier between the coolant and the metal wall will result in
excessive metal temperatures and wall burn-ocuts. Reference 7 states that
coking occurred at metal-wall temperabures between 800° and 1200° F, de-
pending apparently on the particular batch of JP-4 fuel used.

For purposes of estimating maximum chember pressure at which a rocket
engine can be regeneratively cooled with JP-4 fuel, a temperature rise of
700° F is assumed. IFf it is further assumed that the heat-transfer rate
increases linearly with pressure (see ref. 6) and the chamber surface
area 1s proportlonal to thrust, then

P, < = meAT) <,
Substituting numerical values,

700\ 0.699 : '
Pe,max = 600 (‘13—2) B=3g = >4000 1b/sq in.

If the fuel is precooled to a low temperature, the fuel temperature
rise and therefore the opersting combustion-chamber pressure can be in-
creased even.further without encountering the f£1lm bolling or gum~forming
temperatures. The use of a fuel with very low gum-forming tendency would
also permit. a higher final fuel temperature; hence, higher operating
pressure. ’ L - . ’

It must be pointed out that these estimates indicate only the fuel-
cooling capacity for an engine design with surface area to thrust ldenti-
cal with the test engine. Estimstion of the local hesat-transfer rates
at high pressure, particularly in the nozzle throat, will depend on the
detailled design (wall thickness, coolant velocitiess of each particular
engine, and 1s beyond the scope of this discusslon. The low over-all

696%
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heat-transfer rates observed and the calculated cooling-capacity reserve
do indicate, however, that fuel cooling at chamber pressures considerably
above 600 pounds per square inch 1s feasible.

Performance

Experimental specific-impulse values of sbout 90 percent of theo-
retical (equilibrium expansion) were cobtained at all oxidant-fuel ratios.
At an oxidant-fuel weight ratio of 2.4 the specific impulse measured was
258 pound-seconds per pound. The specific impulse with fuel cooling was
practically the same as with water cooling. Iikewise, characteristic
velocity and nozzle coefficients were compareble for the fuel- and water-
cooling runs. The experimental values of nozzle thrust coefficient Cp

were slightly below theoretical values. Since nozzle coefficients may be
expected to be 3 to 5 percent below theoretical, these experimental values
appear to be high. Careful recalibrations of the thrust, flow, and
Pressure-measuring equipment disclosed no persistent error, however.

These specific-impulise values agree well with data of references 1
to 3. A limited number of specific-impulse data from these sources and
from this report are plotted in figure 12 against combustion-chamber
pressure. Shown also 1s & curve for specific impulse equal to 90 percent
of the maximum theoretical equilibrium specific impulse with perfect ex-
pansion to standard stmospheric pressure from each combustion-chamber
Pressure. '

SUMMARY OF RESULTS

A 5000-pound-thrust liquid-oxygen - JP-4 rocket engine was operated
at 600-pounds~per-square-inch combustion-chanber pressure with both fuel
(regenerative) and water cooling. No difficulties were experienced.

Over-all heat-transfer rates of 1.2 Btu per second per square inch
were measured at oxidant-fuel weight ratios of 2.4. The low magnitude
of these heat-transfer rates may be attributed to the formstion of a
protective carbon insulatling layer on the combustion-chamber walls.
Linear extrapolation of heat-tramnsfer rate with pressure indicates that
fuel cooling at chamber pressures considerably higher than the 800 pounds
per square inch used in these tests 1is feasible.

Specific impulses of about 90 percent of the theoretical values for
equilibrium expansion to standard atmospheric pressure were obtained.
At an oxidant-fuel weight ratio of 2.4 the specific impulse measured was
258 pound-seconds per pound.

Lewis Flight Propulsion Laboratory
National Advisory Committee for Aeronsutics

Cleveland, Ohio, February 6, 1956
U
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APPERDIX A

SYMBOLS
surface area, sq in.

nozzle thrust coefficient

characteristic velocity, ft/sec

specific-heat at constant pressure, Btu/(1b)(°F)

diameter, ft

NACA RM ES6B02

heat-transfer coefficlent across combustion-chamber gas boundsary

layer, Btu/(sec)(sq in.)(°F)

specific impulse, lb—sec/lb

thermal conductivity of combustion-chamber gas, Btu/(sec)(in.)(°R)

mass~-flow rate through chamber, Ib/sec
oxidant-fuel ratioc
pressure T s
over-all heat-transfer rate,"Btu/sec
heat-transfer rate, Btu/(sec)(sq in.)
thermal resistance to heat transfer, R = t/k, (sq in
temperature, °F or °R

thickness, in. - -

half=angle of convergent section of nozzle .

half-angle of divergent secticon of nozzle

viscosity of gas, 1b/(in.)(sec)

. )(sec)(°F)/Btu

€96¢
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Subscripts:

c combustion chsmber
e exit

T fuel

m metal wall, hot side
max maximum

n nozzle

t nozzle throat

s surface, hot side
Superscripts:

average
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APPENDIX B

EFFECT OF CARBON FILM ON HEAT-TRANSFER RATE

The following equations apply to the calculation of the thermal re-
sistance of a film or layer of insulating material on the metal surface
of a gas-metdal-~liquid heat-exchanger apparatus.

The calculatlions ofthe carbon-layer thermal resistance that would
1imit the heat-transfer rates to various values were based on the follow-
ing steps: (l) A gas-side surface temperature for the carbon layer was
assumed. (2) The heat-transfer rates for the combustion-chamber section
were then calculated using the following equations:

a. = B(T, - T) (1)

0.8 1/3
_B °p,s"
= 0.023 de p’xss":d > ( ) C_—t;—g) ()

For calculating the gas-film heat-transfer coefficient h, the
McAdems equation was modifled so that gas properties at the carbon-
. surface temperature were used. In addition, properties for nonshifting
(frozen) composition were used, to eliminate effects due to changing gas
composition. The gas properties used at various temperatures are plotted
in figure 13. These correspond to an oxidant-fuel ratic of 2.43.

(5) With the heat-transfer rate thus cbtained, the temperature on
the hot side of the metal wall was calculated.

ta
m=cC
T, = 400 + —

The cold-side temperature was assumed to be 400° F. This assumed tem-
peregture is probably high, but, since the temperature difference across
the metml-carbon layer is very high (of the order of several-thousand
degrees}, the error will not significantly affect the calculated results.

4) From the difference between the hot-side (surface) and the cold-

gide Emetal wall) carbon-layer temperatures, the re51stance of the carbon
layer was calculated to be

R = . _m (3)

696¢
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In order to compare the calculated heat-transfer rates in the
combustion-chamber section with the over-all rates measured, it was
necessary to estimate the over-all rate analytically. This was done by
use of the following equations:

Qchc + Qp
=< 4
A+ A (4)
0.181kg am \0-8 [T\0-8 /ey cbg\ 1/3
e ) () ()
. 0.2 gin @\ .0.2 , sin a ,0.2
[dc -<l+-§i—n——ﬁ' ag +-s—mde:l (5)

Simplifications inherent in these calculations are: (1) The total

temperature of the combustion-chember gases T. was assumed to exist

unchenged. throughout the chamber and nozzle. (2) The assumed surface
temperature of the carbon layer and the properties of the combustion-
chamber gas at the surface were further assumed to be constant throughout
the chamber and nozzle. (3) The nozzle was approximated geometrically
by frustums of two cones Joined at the nozzle throat and havling half-
angles « and B. ’

In order to avoid computational complications due to the varying
heat-transfer rate and to the varying thickness of the metal wall
throughout the nozzle section, the carbon-layer thermal-resistance cal-
culations (eq. (4)) were based on the calculated heat-transfer rate and
metal thickness in the combustion-chamber section only. Calculations
of the carbon-layer resistance at various sections of the nozzle were not
attempted. The calculated over-all heat-transfer rate (eq. (5)) was
gbout 30 percent grester than the value for the combustion chamber

(eq. (1)).

Because the calculations were intended primarily to show the quali-
tative effect of varying cerbon-layer thickness rather than the quanti-
tative value of this effect, radiation was neglected. Radiative heat
transfer in rocket combustion chambers ordinarily amounts to sbout 20
percent of the convective heat transfer.
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TABLE I. - JP-4 FUEL ANALYSIS

Specific gravity at 60°/60° F
Net heating value, Btu/lb
Hydrogen-carbon ratio, H/C
Aniline point, OF
Reid vapor pressure, lb/sq in.
Distillation at temperature, OF
Percent evaporated:
Initial bolling point
5
10
20
30
40
50
60
70
80
g0
95 (final boiling point)
Residue, %
Toss, &

0.766
18,725
0.171
138
2.6

149
201
226
255
274
291
310
326
349
374
411
484
1.0
0.6

15



TABLE IT. - 3SUMMARY OF DATA FOR FUEL~-COOLED S000-POUND-THRUST LIQUID-OXYOUEN - JP-4 ROCKET ENGINE

Oxygen | Oxygen|Fuel |[Total Coolant|Coclant|Over-all | Chember | Thrust, Oxidant-| Speeific |Charac- |Nozzle
tempera-| mass- |masg- |pro- temper-| temper-| heat~ pressure, 1b fuel impulse, |teristic |thrust
ture, flow |flow |pellant-|{ature, |ature |transfer |Ib/aq in. mass 1b-sec/1b| velocity, | coefria
" OF |rate, |rate, |flow Of ° |rige, |rate abs ratio ft/sec |clent
1b/sec| 1h/sec| rate Btu/tuec)
1b/sec (=q in.)

-282.2 | 12.71 | 7.32 20.03 37.2 84.0 |1.238 598.8 5110 1.74 256.2 5373 1.525
-284.0 | 12.51 |68.43 18.94 37.2 83.9 [1.087 557.6 4820 1.95 254.2 5280 1.545
-277.5 [ 12.92 [5.94 18.86 38.5 91..8 |1.104 569.7 4880 2.17 258.4 B44] 1.578
~271..8 {12.92 [5.61 18.53 39.6 101.4 [1.162 582.4 4782 2.30 257.2 5462 1.513
-266.4 |13.20 ;5.45 183.85 40 .4 113.8 |1.275 586.2 4849 2.42 2595.8 5482 1,528
-289.8 |12.69 (6&.580 18.25 58.9 73.5 .9807 582.8 4918 1.934 255.5 5818 1.489
-286.9 |15.12 [6.217 19.34 60.9 75.5 . 8554 580.2 4886 2.110 287.9 5520 1.500
-285.0 [13.20 15,174 | 18.37 58,7 108.3 |1.171 886.7 4704 2.551 256.0 5558 1.482
-281.2 |13.62 [5.596 19.22 60.4 101.7 |1.188 588.9 4955 2.434 256.7 5519 1.496
-280.3 |13.75 |5.463 | 15.21 60.8 106.0 [1.150 588.4 4974 2.517 258.0 5617 1.510
-277.6. (14,15 |5.020 19.17 60.3 132.4 [1.407 584.7 4301 2.81%9 256.4 o492 1.497
-282.7 |13.75 {5.454 15.20 43.8 107.2 |1.201 541. 4899 2.5821 254.4 5555 1.479
-292.7 {13.82 [5.440 19.26 5.7 107.0 [1.198 592.8 49528 2.540 2685.9 55h39 1.485
-292.7 {13.70 |5.430 19.13 48.8 10%.7 |1.1568 587.8 4979 2.523 260.3 5§33 1.512
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TABLE III. - SUMMARY OF DATA FOR WATER-COOLED 5000-POUND-THRUST LIQUID-OXYGEN - JP~4 ROCEKET ENGINE

Oxygen | Oxygen|Fuel [Total | Coolant|Coolant|Coolant{ Over-all | Chember | Thrust,|Oxidant-| Specific |Charac~ |Nogzle
temwpera~ magss~ |masa- | pro- mass- | temper-| temper-| haat- pressure, 1b fuel impulse, |terlstlic | thrust
ture, fiow |flow |pellant-| flow ature, |sture |tranafer |1b/sq in. mass 1b-seo/1b| veloeclty,| coaffi-
°F | rate, |rate, |flow rate, of rise, |rate ebs ratio ft/sec | clent

1b/sec| 1b/rec| vate, 1b/sec op Btu/{sec)

1b/Bee (sq 1in.)
-285.8 | 12.44 |8.102 | 20.54 3.159 66,86 28.1 1.150 802.4 5132 1.535 249.8 5284 1.822
-283.2 | 13.34 |6.545 | 19.88 4.27% 88.1 28.8 1.097 801.8 5099 2.038 258.5 5452 1.514
~276.1 | 14.04 (8.264 | 20.30 4.622 | 83.8 27.1 1.106 620.3 5503 2.241 261.5 5505 1.528
-274.2 | 15.24 | 5.756 21.00 4.547 | 51.5 35.1 1.288 838.5 5475 2.648 280.7 5477 1.531
~269,5| 14.48 | 5.950 20,43 4.118 50.8 L B 627.8 5230 2.434 268.0 5534 1.524
-285.8 | 12.75 | 7.499 | 20.25 £.511 54.8 39.8 1.107 595.8 5036 1.700 250.1 5218 1.623
-28%.1 | 12.70 |7.274 | 19.87 8.387 | 54.0 36.8 9501 589.7 49352 1.746 £249.3 53117 1.509
-075.8 [ 12.89 |6.602 | 19.28 6.615 | 53.1 34.8 9412 574.8 4877 1.922 254.9 5373 1.5a7
-2735.8 | 13.06 |6.312 | 19.37 6.402 | 52.8 36.8 .8622 589,0 4887 2,069 254.1 5480 1.452
-272.8 | 13.24 |6,265 | 19.50 6.415 52.8 38.2 1.002 581.9 5006 2.113 259.0 8379 1,549
~271.8 | 13.68 |5.738 | 19.40 6.416 52.4 40.7 1.068 589.3 4896 2.381 P59.2 5475 1.524
«265.4 | 13.48 |5.437 | 18.90 8.608 | 41.1 38.8 1.059 588.6 4850 2.476 259.0 5419 1.557

L =r g 3
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NACA RM E56BOz

6.68" Diam.

1"

5 Inconal

.—_N.._

15°

0.059" Niokel

2.87" Dimm.
l

5.38" Diam.

12 Additional ribs
(sse gketch above)

12 Main ribs

Figure 1. - Thruet chavber.

Prageure tap



{(a) Hand Jjigs for meking outer coolant- Jacket strips.
Figure 2. - Engine fabrioation.

C-35373

20d9SH WY VOVN

61T



20 o : NACA RM E56BO2

- C-35374

(b) Placement of strips in notched ribs to form outer coolant-jacket wall
(welding of immer ribs to irmer wall incomplete).

Figure 2. - Continued. Engine fabrication.

Flatalal
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NACA EM ES56B0O2

" 6968

C-37076

(¢) Engine welded into intregral assembly.

Engine fabricetion.

~ Continued.

Figure 2.



(d) Final engine asssmbly with fiber-glass reenforcement.
Figure 2. - Cpneluded. Engine fabrication.

C-357083
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NACA RM E56B02 L 25

C-39373

Figure 5. - Injector.
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Figure 7. - Performance and heat-tiransfer data for fuel-cooled rums.
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