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AN 8-FOOT AXISYMMETRICAL FIXED N0ZZC.Z FOR SUBSONIC MACH 

MACH NlRCNXR OF 1.2 

By Virgil  S. Ritchie, Ray E. Wright, 
and Marshall P . W i n  

The design and operation of a fixed  nozzle of axid symmetry for  
high-subsonic Mach numbers and for a supersonic Mach number of 1.2 was 
investigated i n  connection with the conversion of a large high-speed 
subsonic w i n d  tunnel  to  traslsonic  operation. The nozzle was carefully 
designed by potential-flow  theory and w a s  adjusted  for  boundary-layer 
development. The resul ts  of f l o w  surveys i n  the nozzle  indicated that 
the uniformity of the flow i n  the supersonic test section was suffi- 
cient for m o d e l  testing. In the subsonic test  section  provided in the 
region of the nozzle throat, the flow was of remarkable uniformity and 
permitted the tes t ing of small models at Mach nunibers as great as 0.99. 

Small f l o w  i r regular i t ies ,  w h i c h  were propaga.ted along Mach l ines ,  
tended t o  become concentrated  near  the  nozzle axis. Reduction of some 
waviness i n  the surface of the nozzle by amounts of the  order of 
0.006 inch resulted i n  bprovement of the flow, and deviations from the  
&sfgn Mach  number a t  the nozzle axis did not then exceed 0.02. &mll 
surface  irregularit ies of the nature of roughness,  cracks in the  surface 
of the  plaster  l iner,  and small  discantinutties in  slope produced no 
noticeable  effect on the f low and were  presumed masked by the thick 
boundary layer. 

Humidity effects  were controlled by heating of the flow mixture. 
No condensation shocks could be detected even with considerable  cooling. 
The slow formation of fog, w h i c h  occurred w i t h  supercooling, produced 
a distributed  effect on the Mach number distribution. 

The  power required for supersonic  operation was in substantial 
sgreement with t-he smallest of several e s t a t e s  obtained from 
previously  published  Information. 
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Because of the special problems encountered in  flight near sonic 
speeds, an urgent need exists f o r  additional aerodynamic tes t ing  
f a c i l i t i e s   f o r  use at Mach numbers near  unity. As a means of  providing 
the needed fac i l i t i es ,   l a rge  subsonic wind tunnels already operating a t  
Mach numbers s l igh t ly  less thaa unity may be provided with supersonic 
nozzles t o  permit t es t ing  a t  Mach numbers slightly greater than  unity. 
The conversion of the Langley 8-foot  high-speed  tunnel t o  transonic 
operation has been considered and one phase of the problem has been the 
design and operation of a fixed  nozzle of axial symmetry t o  pennit 
t es t lng  at high-subsonic Mach numbers and at a supersonic. Mach  number 
of 1.2. The tunnel is of  the single-return,  closed-throat  type, of 
circular  cross  section  throughout, and the low-speed par t  of the return 
passage is open to  atmspheric  pressure.  Installatfon of the nozzle as 
a p las te r . l iner   in   the   th roa t  region  of the  tunnel was undertaken late 
i n  1947 and the greater portion af the flow surveys reported herein 
were  o75tained during  the early part of 1948. This paper, which should 
be of interest   to   those concerned with transonic w i n d  tunnels,  covers 
the  design and operating  characteristics of the nozzle. 

Preliminary  Considerations 

The design of the  nozzle was decisively  influenced by the original 
tunnel geometry and by the power available. FxperlmentaJ. data from 
preliminary surveys KPth various flow-expansion liners in  the throat 
of the tunnel  indicated that the power required at Mach numbers as 
great as 1 . 3  should not exceed the 16,000,horseparer available. I n  
order to  assure adequate  operaTWTower under all test conditions,  the 
nozzle w a s  therefore  conservatively chosen t o  produce a Mach  number 
of 1.2. 

A circular  nozzle was selected rather than the e m l e r  two- 
dimensional  rectangular  nozzle mainly because its instal la t ion involved 
less modification t o  the existing tunnel,  but several other advantages 
resu l t  from the  circular  cross  section. The boundary-layer displacement 
thickness, knowledge of which is required in  the  nozzle  design, i e  more 
reliably  estimated  for the circular  nozzle, because the boundary layer 
is in  general  uniformly  distributed over the surface, whereas fo r  the 
rectangular  nozzle the boundary layer tends t o  thicken more rapidly  in 
the corners. Moreover, because of t h i s  boundary-layer  behavior and 
also because of the  lesser  perimeter,  with  given  cross  section,  the 
circular nozzle i s  expected to   require   less  power than a rectangular 
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nozzle  with  the sam.e mass f l o w .  The circular  section may a lso  be 
advantageous in   fac i l i t a t ing   the   t es t ing  of propellers and bodies of 
revolution. w 

Several lmown disadvantages are associated  with  the  circular  cross 
section.  Perhps  the most serious of these is  the  tendency of &is- 
turbances  arisfng from inaccuracies in design o r  from axisymmetrical 
irregularities at the w a l l  t o  become concentrated near the center of 
the  nozzle. Because of this tendency, special Care is required t o  
assure accuracy of design and instal la t ion.  It i s  believed  essential, 
for  instance, t o  a l l o w  f o r  variations in displacement  thickness of the 
boundary layer. The cfrcular  cross  section i s  also disadvantageous  with 
respect t o  changing from one supersonic Mach number t o  another (by 
means of removable o r  adjustable  nozzle  blocks) and with respect  to 
providing windows fo r  the use of flow-visualization  equipent. 

The shape of the  plaster   l iner  was largely  dictated by the  original 
tunnel lines. (See f ig .  1.) A long, slowly  converging  entrance l i ne r  . 
was required  in order t o  produce a steady uniform flow at the  throat 
(Mach  number 1.0) , since such a unif o m  flow was t o  be assumed in the 
theoretical  nozzle design. Inasmuch as neither  the  required  precision 
of this f l o w  nor the  precision  attainable  xith a given  geometrical 

slowly convergent as  the orig-inal  tunnel shape i n  combination w i t h  
other  requirements, such as necessary  length of supersonic  portion and 

portion of the  nozzle was chosen as  9 inches, which i s  about 1.5 times 
the minimum possible  length  for a nozzle  producbg a Mach  number of 1.2. 
This  choice of length was believed t o  be conservative  with  respect t o  
the  production of a sat isfactor i ly  uniform flow in  the test region. 
The thickness of  the  l iner,  which d f e c t s  i ts  fa i r ing  i n t o  the original 
tunnel w a l l s  a t  i t s  upstream and downstream ends, was dictated by the 
requirement of at leas t  3/4 inch of plaster to  permit  proper anchoring 
t o  the  original steel wall. In meeting these  various  requirements,  the 
l i n e r  extended 140 inches upstream and fa i red  into  the  or iginal  tunnel  
125 inches downstream from the  throat. Space l k i t a t i o n s   r e s t r i c t e d  
the  test  section  length t o  only  about one-half the  tunnel  diameter 
unless sufficient power were avai lable   to  d r a w  the shock into  the 
diffuser. Lack of space would i n  any c&se have prevented the fnstal la-  
t i o n  of a second throa t ,  but w i t h  Mach numbers not much greater  than 1.2 
the  efficiency of diffusion  through  the normal shock i s  believed  to be 
l i t t l e  32 any less than that in a diffuser  operating between the same 
two Mach numbers. The requirement of a long, slowly converging 
entrance  liner  lends itself t o  the  production of a short subsonic test 
section  near  the  throat, and such a tes t   sect ion w a s  provided. (See 
f ig .  1.) A narrow window in the  nozzle  wall  extending from upstream 
of the  throat t o  downstream of the  supersonic  test  section was provided 

? arrangement was h o r n ,  the  entrance  liner was made a6 long and as 

d required  thickness of plaster, would allow. The length of the  divergent 

I f o r  a s u d  observation of flow phenomena. 
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Divergent  portion  of.nozzle.- The steady  supersonic  potential flow 
in   the  axial ly  symmetric divergent  portion of the nozzle. was calculated 
by the method of characterist ics.  (See reference 1.) For the  applica- 
t ion of t h i s  method, a Mach number dis t r ibut ion along the  axial  center 
l i ne  was arbitrari ly  selected.  (See f i g .  2 . )  The  Mach  number increased 
from 1.0 at the  throat   to  1 .2  at point A 60 inches downstream  of the 
throat .  The calculation  then proceeded  from the assumed values of Mach 
number along the center  l ine and  from the  constant  value 1.2 along  the 
characterist ic through A, marking the upstream boundary of the uniform- 
flow  region. 

. . . . . . . - 

The axial Mach  number distribution was chosen with  zero axid Mach 
number gradient a t  the throat in  order t o  be consistent  with the assump- 
t ion of uniform f low at that point. The accuracy of the  step-by-etep 
f l o w  calculations  decreased  near  the  throat and the Mach  number 
intervals between points of the Mach net were reduced. The f ac t  that 
the chosen Mach  number gradients were small in  the  region  near  the 
throat was considered  favorable t o  the  accuracy of the  calculation. 

The charaderiat ic  network for   the flow i n  the  divergent  portion 
of the  nozzle is shown in   f igure  3. The numerical  calculations were 
started at point A and were extended step by step  into  the remainder 
of the  f ie ld .  Note that the nozzle boundary was not immediately defined 
but that the network was extended beyond the  probable  position of the 
walls. This method of calculating from the  center outward and from 
larger t a  smaller  values of the Mach number i s  believed t o  be more 
accurate than the  opposite method of calculation. I n  particular, 
attempts to calculate from a given  wall shape to   the  flow near  the 
center led to   d i f f i cu l t i e s  due t o  magnificatton of the inaccuracies 
inherent i n  a step-by-step computing process. 

Once the  flow f ie ld  had been calculated,  the Mach numbers and the 
f low angles throughout the  f ie ld  were knm. From the flow angles the 
streamlines  could be obtained by a method suggested by Mr. Morton Cooper 
of the Compressibility  Division of the Langley Aeronautical  Laboratory. 
The streamline forming the  effective boundary of the  noz-ile was assumed 
t o  pass  through  the  throat at a radius  equal  to the gemetrical radius 
of the  tunnel  decreased by the estimated displacement  thickness 
(about 0.25 i n . )  of -&he boundary layer. The increment In radius of t h i s  
streamline at downstream stations was obtained by integrating  the 
tangent of the flow angle (or the flow  angle i tself   s ince it did not 
exceed 0.0175 radian) along a l ine  CD ( f ig .   31-paral le l  %o the axis OA. 
Special  care i s  required t o   a s m e   t h e  accuracy  of  the  integration. 
The angles  used  in this integration should s t r i c t l y  have been those 
lying along the  streamline  i tself .  A second approximation t o  the t rue 
streamline w a s  therefore  obtained by taking  the  l ine integral with 

c 
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respect  to  distance parallel t o  OA of the f low angles along the  approxi- 
mate streamline CE obtained by the first integration.  This  process is 
rapidly convergent and a third approximation CB yielded no further 
change i n  radii. The flow angles used i n  these integrations were care- 
Fully determined by interpolation from the  points of the Mach net. The 
effective radii (that is, without adjustment f o r  boundaxy-layer dis- 
placement)  determined for  the divergent portion of the nozzle and f o r  
the supersonic test section are given i n  table I. 

One-dimensional theory was used t o  check the o v e r 4  expansion of 
the  effective  cross-sectional  area of the nozzle f r o m  the min imum 
section OC ( f ig .  3) where the flow is one-dimensional t o  the  supersonic 
tes t   sect ion where the f l o w  is agaw one-dimenslonal. The aver-all 
increase  in  nozzle  radius  yielded by the one-bimensional theory  differed 
from that obtained by the characteristic method  by less than 0.001 inch. 

Convergent portion of nozzle.- The convergent portion of the  nozzle 
was desimed  to  m e e t  the requirement of increasingly gradual convergence 
toward the throat,  where the Mach nuiiber unity i s  reached, and t o  
produce a s h o r t  subsonic test section in the   vicini ty  of the throat. 
With increase in  Mach d e r  toward unity, the flow becomes increasingly 
sensitive both t o  changes  in  cross section of the stream tube and t o  the 
curvature of the surface. The entrance l-er was therefore designed 
wlth the c u m t u r e  ' i n  the direction of f low decreasing t o  zero at the 
throat. 

The sensi t ivi ty  of the flow i s  s u a  that considerable caxe was 
required t o  assure that sonic speed wmld actually be attained at the 
assumed throat. Adjustment t o  allow f a r  developmnt of the boundary 
layer was therefore required. With unfform f l o w  (zero  pressure  gradient) 
the slope of the boundary layer was estimated at 0.0018. If, however, 
the  velocity i s  increasing  through the throat, the boundary-layer 
thickness u i l l  increase..less rapidly. In fac t ,  it seems quite  possible 
that at Mach number unity on the supersonic side a zero-gradient flow 
mul& be unstable. Any accidental  thiming of the boundary layer would 
then produce a n  increment in Mach number, and the accompanying pressure 
gradient would produce the boundary-layer  thinning  required t o  maintain 
the Mach number gradient. Moreover, this effect might be progressive 
so that the effective throat would move upstream. In order t o  insure 
s t ab i l i t y  of the effective throa t  poaition the slope of the  entrance 
liner at the  throat w a s  taken as 0.0alg instead of the value 0.0018 
estimated from the boundary-layer growth. 

A mathematical expression which meets the  requirements as t o  slope, 
curvature, and slowness of convergence and also connects  reasonably 
smoothly with the original tunnel l ines  gives the  geometric radius i n  
inches as 
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r = 46.25 - 0.001gx + (1.3 x 10 )x -8 4 
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where 46.23 is  the geometric radius at the effective minimum section 
in inches  (fig. 1) and x i s  the distance i n  inches upstream of the 
effective minimum section. This expression w&s used for  calculating 
the radii given in table 11. The geometric minimum occurs 30 inches 
upstream of the effective minimum section. 

Boundary-Layer  Compensation 

The necessity  for taking account of the boundary-layer development 
has already been pointed  out in connection with the  design of  the 
entrance liner. With supersonic Mach nmbers as low as that f o r  which 
t h i s  nozzle i s  designed it is also imperative t o  allow  for the boundary- 
layer development in the  divergent  part of the nozzle. 

In the absence 09 experimental data on the behavior of the turbu- 
lent  boundary layer in  transonic flow, certain  reasonable assumptions 
were  made.  The boundary-layer  behavior was assumed t o  be essentially 
the same, except for di rec t   e f fec ts  of density changes, as for  incom- 
pressible flow; and, jus t  as with incompressible flow, the flow outside 
the boundary layer was assumed to behwe &a if the  streamlines  near  the 
boundary were displaced  may from the wall by an amount equal t o  the 
displacement  thickness of  the boundary layer. 

The calculation of displacement-thickness  distributions is made 
through use of the boundary-layer momentum equation. Through t h i s  
equation the influence of  the outside  flow upon the development of the 
boundary layer i s  determined. Approximate formulas fo r  the computation 
of turbulent-boundary-laFr momentum thicknesses in compressible flows 
are  given in reference 2. The calculations  require a knowledge of the 
Mach and Reynolds number Ustributions d o n g  the  tunnel, the i n i t i a l  
boundary-layer  condftion, and the variation of an important boundary- 
layer parameter E,, the   ra t io  of the displacement  thickness to   the 
momentum thickness. The displacement  thiclmess I s  obtained frm the 
momentum thickness by multiplication Kith q. The variation of Hc 
was determined experimentaUy.frm data obtained in   the Langley 8-foot 
high-speed tunnel during a preliminary  nozzle  investigatJon in which 
rough wooden nozzles were tested In the  tunnel. For the  conditions 
existing i n  the 8-foot tunnel, Hc was found t o  vary mainly w i t h  Mach 
number and t o  follow approximately the variation suggested i n  refer- 
ence 2. A more extended discussion of this variation is given in refer- 
ence 3 .  

The nozzle desfgn was fac i l i t a ted  by taking boundary-layer measure- 
ments along the wall of the orig-1 tunnel. A preliminary check of the . 

i 
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applicability of the cEtlcula.tion methods of reference 2 t o  the predic- 
t ion of the boundary-layer development axially dong the w d L  of the 
&foot  tunnel was made by calculating  the  displacement-thickness growth 
in a subsonic l iner   opera thg  at a test-section Mach number  of 0.85 and 
comparing the calculated  values with measured values of the boundary- 
layer  displacement thickness at the tmel w a l l  ( f ig .  4).  In this 
preliminary  calculation the variation of Hc with Mach nmiber w a s  
neglected and a constant  value of 1.28 was used. This procedure 
involved only Qnall error  since the variation of & with Mach  nuuiber 
up t o  a Mach number of 0.85 was not very great. The agreemnt between 
theory and  experiment (ffg.  4) was considered  satisfactory. 

The calculation of the distribution of b o w - l a y e r  displacement 
thickness fo r  use in the nozzle design proceeded f rom a measured value 
far upstream in the  contraction cone.  (See f ig .  4.) In the upstream 
portion of the  nozzle,  the Mach number distribution needed in  the  calcu- 
la t ion  was determined from the cross-sectional area at  each pfnt i n  
connection with the asrmmption of uniform axial (one-dimensional) flow 
at each section and Mach nmber unity a t  the throat .  For such a slowly 
converging  entrance, the assumption of one-dimensional flow involves 
negligible  error. In estimating the Mach numbers in the sensitive 
regi0n.nea.r the throat, the previously  estimated slope of the displace- 
ment thickness W&B taken i n t o  account. Ln the divergent portion of the 
nozzle,  the Mach nmber  distribution at the wall was taken from the 
potential-flow  design. The calculated Mach  number distribution is shown 
in figure 5 .  The variation w i t h  Mach nmber of  the r a t i o  I& was taken 
from the  results of the  preliminary investigations. 

The calculated  course of the displacement  thickness is  sham in 
figure 6. Note that a decrease fn thickness i s  predicted in  the  region 
of rapid  acceleration  just downstream from the t h r o a t .  The experimental 
data  presented in figure 6 are discussed in a subsequent section in 
connection w i t h  t h e  results of flow survey8 in the nozzle. The geometric 
radius at any section of the divergent par t  of the nozzle is obtained by 
adding the  boundary-layer  displacement thickness at that section t o  the 
radius determined in the  portential-flow design. The geometric r ad i i  so 
obtained are presented i n  table I. 

Installation of the nozzle as a plaster liner inside  the original 
w a l l s  of the tunnel involved  the  use of special  construction  materials 
and methods. A high-strength,  quick-setting  plaster, m o c a l  B-11, was 
selected fo r  the construction material after practical  tests indfcated 
that it was satisfactory f o r  the purpose of the temporary installation. 
The plaster was very hazd and resis tant  t o  chipping and on sett ing 
increased only sl ight ly  i n  volume. 
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The method used for   instal l ing  the  plaster   l iner   consis ted 
essentially of fastening  metal   lath  to  the  steel  walls of the  tunnel 
(by welding) in  the  region  selected  for  the  lFner  installation and 
applying  plaster  coats  to  build up the   l iner  t.0. the  proper  geometric 
dimensions. (See tables I and 11.) All leaks  in  the  tunnel wall i n  
the  region  designated  for  the liner ins ta l la t ion  were stopped (by 
welding)  before the  plaster  was applied. The final  plaster  coat was 
shaped to   the  desired  axial   prof i le  by means of a template r i g  which 
was designed t o  ride on metal rings fastened  securely t o  the  tunnel 
wall a t  stations 2 feet  apart  axially  along  the  nozzle  length. The 
reference rings were ground as nearly as possible  to  true  circular 
shape by means of a grinding  attachment  rotating off a rigid  tube 
alined  along the tunnel  axis of symmetry. The average r ad i i  of the 
various  reference  rings were determined very accurately, using the 
central  tube as a reference, and no deviations of  more than 0.004 inch 
from true  circular shape were obtained.  This  technique of building up 
the  plaster   l iner  left  a t  the  ring  locations narrow unfil led channels 
which required  f i l l ing and sanding after the rest of the  nozzle was 
installed.   Fil l ing wa8  a l s o  required at the edges of a long  narrow 
window instal led in  the  top of the  tunnel  for  observation of flow 
phenomena. 

A de ta i l  view  showing etages of the  plaster-application  technique 
i s  given i n  figure 7. In the  foreground of t h i s  view, m e t a l  lath is 
shown attached t o  the  tunnel wall; in  the  center of the view, a basic 
coat of  plaster  is shown applied to   t he  metal lath;  and in   the back- 
ground, a s t r i p  of the final smooth plaster  coat is visible.  In 
figure 8, the  template  rig used f o r  shaping the final plaster   coat   to  
the  desired  profile between adjoining  reference rings is shown resting 
on the  tunnel  floor. A photograph of the completed nozzle, as viewed 
from downstream, i s  gLven as figure 9 .  

The accuracy of the  instal la t ion was of importance primarily in 
the  throat and  divergent  portion of the  nozzle.  Physical measurement 
of the  over-all accuracy  of the  nozzle  installation was not feasible 
because of the large mount of time and careful work requi-red for such 
an undertaking. The axial profi le  of  the nozzle wall was carefully 
checked, however, by means of templates of the design  geometric shape 
extending from 24 inches upstream of the  effective m i n i m u  t o  96 inches 
downstream of  the  effective minimum section. These checks of the  axial  
prof i le  by  means of  templates were  made at 2-inch  intervals around the 
en t i re  circumference of the  nozzle, and maximum deviations of the  actual 
wall shape from the  design shape did  not exceed  about 0.011 inch. These 
maximum deviations  in  the  original  installation were subsequently 
reduced (by sanding and f i l l i n g ' t o  deviations of the  order of 0.005 inch 
The finished wall surface,  although  glazed  In  appearance and smooth t o  
the  touch  (except fo r  slight discontinuities in slope at some reference- 
ring  locations) was not  so f ine  as that commonly used fo r  mall 
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supersonic  nozzles.  Relative t o  the tunnel size, however, the  surface 
was very smooth. 

Apparatus and Measurements 

The arrangement shown i n  f fgure 10 was used for the measurement of 
static  pressures at the w a l l  and near the axial center  line of the 
nozzle. "he static-pressure  orifices in  the surfaces of both  the wall 
and the  2-inch-diameter cylindrical axial-survey  tube were of 0.031-inch 
diameter  and were instal led normal t o  the  surface. Wall orif ices  were 
located  axially 2 inches apart in the throat and supersonic-flaw  region 
and 6 inches apart in o the r  r e e o n s  of the  nozzle. Those in the 
cylindrical  tube were located 2 inches apart i n  the throat and super- 
sonic test ssction and 6 inches ap& elsewhere. Wall orif ices  were 
instal led 90 apart around the circumference of the channel at several 
axial stations t o  permit checks for symmetry of the flow. Wall and 
cylindrical-tub&  surfaces  near  static-pressure  orifices were kept f ree  
of i r regular i t ies .  Local  static-pressure measurements by means of 
orifices in the  cylindrical-tube &d nozzle-wall  surfaces were  assumed 
t o  be equal t o  those outside the boundary layer except in the region of 
shock where pressure changes would occur over a n  axid distance  greater 
at the surface than outside the boundary layer. 

T0td"preSSWe measurements in the  subsonlc flow upstream of the 
nozzle throat  were obtained by means of a total-pressure  tube In the 
ellipsoidal nose a t  the upstream  end of the CylFndrical  tube.  (See 
f ig .  10.) %e to t& pressures were assumed t o  be correct as measurea 
and t o  apply downstream of the stat ion of neasurement as long as the 
f l o w  remained essentially shock free.  

Tke cylindrical  tube was positfoned along the axid center line of 
the  nozzle so that the upstream end of the  tube was located  sufficiently 
far upstream of the throat  t o  introduce no appreciable  dhturbances in 
the flow near the  effective minimum section. The tube was mabtained 
i n  position by a r ig id  support system located in  the tunnel diffuser  
( f ig .  10) and by sweptback stay wires runnfng from the wall of the con- 
traction cone t o  the nose of the tube. The tube was capable of axial 
adjustment to permit static-pressure measurements at intervals as c l o s e  
as desired. 

Cones (of 3' included angle) equipped  with  stat5.c-pressure  orifices 
and total-pressure  tubes were used f o r  more detailed surveys of the f low 
in the  supersonic test section than could be obtained by use of the 
cylindrical  tube.  Static-pressure  orifices were of 0.010-inch diameter 
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and were instal led normal to   the  surface at 2-inch intervals along the 
length of the cone. Orifices were also installed at angular loca- 
t ions 90' apart in the cone surfaces t o  permit approximate  checks fo r  
symmetry and inclination of the flow.  Total-pressure tubes of 
0.010-inch inside diameter were instal led in cone t i p s  which were 
interchangeable  with sharp t i g s  normally used w i t h  the cones. The cones 
were capable o f  axial adjustment t o  permit measurements a t  axial 
intervals as close as desired.  Static  pressures measured by means of 
the cones  required  correction  for induced velocity at the  surfaces of 
the cones; but t h i s  correction W&B very small, corresponding to a 
theoretically  estimated Mach number increment of the order of 0.001 and 
was near the accuracy of  the pressure measurements. A large cone 
66 inches long (fig. 11) was designed for  f l o w  surveys  very  near the 
a x i d  center line of  the  supersonic  test  section, and an arrangement of 
two snall cones located 180° apart angularly (ffg. 12) was used f o r  
surveys at distances of 3, 7, and 13 inches off the  center line. 

d 

Satisfactory  preciaion Fn pressure measurements was more d i f f i cu l t  
to attain by means of  o r i f i ce s   i n  cones than by means of orff ices  in 
the cylindrical tube,  because the thinner boundary layer on the cones 
rendered the cone surface  conditions more c r i t i c a l .  The th in  boundary 
layers on the cones were considered  advantageous, however, for  pressure . 
measurements i n  the vLcinity of shocks. 

Pressures were  measured xith multiple-tube xnmometers containing 
tetrabramoethane. These  manometers were photographed  simultaneouely. 
The random error  in the  pressure measurements was estimated to  be no 
greater than 3 pounds per square  foot, w h i c h  is equivalent t o  en error  
of less than 0.0033 in  the flow Mach number throughout a Mach number 
range  extending from 0.4 t o  1.3. 

0 

A shadow system was provided t o  supplement the pressure apparatus 
in exmination of the  supersonic flow f o r  the presence of strong dis- 
turbances. The equipment used for producing shadow images  due to 
changes in density  gradients in the supersonic flow consisted of an 
intense  -point-source light and a condensing lens which were used to 
project a beam of approximately para l le l  light rays  acro8s  the  nozzle 
dfameter. The  shadow equipment was made portable f o r  greater   versat i l i ty  
i n  examination of' flow  disturbances.  Disturbance images were observed 
on the  nozzle wall opposite the observation window. The senei t ivi ty  of  
the system was sufficient  to  permit  the  observatlon of normal shocks at 
~ a c h  numbers as l o w  as 1.06. 

The stagnation temperature of the flow mixture in the tunnel W ~ E I  
measured by meas of electrical-resistance thermometers located at 
several points between the tunnel w a l l  and center line in the low-speed 
region upstream of the entrance cone. The s t a t i c  temperature,  equivalent a 
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3 t o  the stagnation  temperature in the low-speed region, was assumed t o  
decrease isentropically with flow expansion. 

Apparatus used f o r  measurement of pressures and temperature i n  the 
boundary layer adjacent t o  the nozzle w a l l  and methods use& f o r  reduc- 
t ion of the measurements are  described in reference 3. 

The measurements reported in this paper were, with the  exception 
of those made during several  run8 Fn w h i c h  condensation effects  were 
deliberately  introduced,  obtained with sufficiently high tunnel tempera- 
tures  to  preclude the existence of significant  condensation  effects Fn 
the flow. For typical  tunnel-operation  temperatures, the Reynolds 
numbers attained in the Mach number 1.2 tes t   sect ion were approxi- 
mately 3.8 X 10 per  foot. Mach n w e r s  were obtained from the   ra t io  
of s t a t i c  t o  total pressures. 

6 

Results and Discussion 

Mach  number distributions.- Mach number distributions  obtained 
from pressure measurements st the wall and a t  the surface of the 
cylindrical tube along the  center line of the  nozzle f o r  both  subsonic 
and supersonic  operation are presented i n  figures 13 and 14. These 
results indicated that with subsonic  operation the f l o w  in  the  throat 
region of the nozzle uas very uniform and suitable f o r  subsonic tes t ing 
purposes. An essentially  zero-gradient  region existed in the f l o w  aver 
a considerable  length in the vlcini ty  of the throat for Mach numbers 
up t o  0.97, but above 0.97 as the Mach.number approached unity the 
gradients i n  the downstream portion of this region  gradually  increased. 
(See fig. 13.) The f l o w  i n  the upstream portfon of this  subsonic test 
section was uniform up t o  Mach numbers as high as 0.9; and at this 
Mach  number a model 8 inches long and inches in dieneter was success- 
ful ly   tes ted with negligible  interference from the tunnel w a l l s .  The 
length of the uniform test region m s  such st any Mach number that with 
fineness  ratios about 6 the s i z e  of the model a t  could be tested was 
limited by choking rather than by the  length of the test section. 

With supersonic  operation  the  experimental Mach number distribution 
i s  seen t o  be in excellent agreement w i t h  the design  distribution 
(figs. 13 and 14). The fac t  that the experimental position of the 
throat (Mach nmber  unity) is within an inch of the design  position is 
regarded as particularly  significant. A coqarison of the  actual 
distribution obtained i n  the contraction cone o r  convergent portion 
of the  nozzle w i t h  one-dimensional  theory, which includes  calculated 
boundary-layer-displacement  effects, i s  presented in figure 15. N e a r  
the throat  region of the nozzle the agreement between the  theoretical  

c 

Y 
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Mach  number distribution and that  measured along the  contraction-cone 
center  line and wal1-1s"e3pec3%lly g o d .  This agreement indicates 
that the  flow  attained  near  the minimum section was pract ical ly  one- 
dimensional a.nd free of appreciable induced vHocities.  The agreement 
became increasingly poor with  distance upstream of the throat  region 
largely because of induced velocit ies brought  about by -increasingly 
rapid changes of the  contraction-cone radii. The generally  favorable 
agreement between theory and  experiment in  the  contraction cone appeared 
t o  validate  the use of one-dimensional  flow relat ions  in  the design of 
gradually  convergiq  channels f o r  subsonic flow.. 

In order t o  obtain a more accurate  indication of  the  character of 
the flow,  pressure me&surements  were taken at rinch axia l  increments 

near  the  center  line of the  divergent part of the nozzle. The corre- 
sponding M a c h  number dis t r ibut ion is  presented  in figure 1.6. These 
measurements were obtained by moving the  cylindrical  survey  tube 
(f ig .  10) axial ly  at inch  increments between runs for  eight  successive 
runs. The flow near the axis in  the  divergent  portion of  the  nozzle and 
in  the  supersonic test section i s  seen t o  be f r ee  of large  di'sturbances. 
The maximum flow disturbances  in  the  supersonic test  section were 
equivalent to  deviations of  0.02 from the design Mach  number of 1.2. 

1 

5- 

The  Mach  number variation  with  distance  off the center  l ine,  and 
particulazly the tendency of the f low clisturbances t o  become concen- 
t ra ted a t  the  center, was investigated by means of the  survey cones 
(f igs .  11 and E). The larger cone (fig.  ll) could be moved para l le l  to 
the  nozzle axis t o  place  pressure  orifices from 0.1  inch t o  1.5 inches 
o f f  the  axis a t  any station. Mach numbers obtained  with t h i s  cone fn 
two positions are compared i n  figure 17 with  those  obtained from the 
cylindrical  tube  (orifices 1 in. off  center line). The comparison is 
affected by the  lack of precision of  the cone  measurements and by a 
change, with time between tests, in  the  disturbance at the  77-inch sta- 
tion; but within  the  accuracy of the  data no consistent  variation i n  
the Mach  number within 1.5 inches of the  center  line can be detected. 

With the cone mounting arrangement of f igure 12, the Mach  number 
distribution  could be obtained a t  3, 7, and 13 inches off the  center 
l i ne .  This arrangement was used to  trace  the  extension from the  center 
l i ne  outward of disturbances  near  the 75-inch station. I n  the two cases 
investigated ( t w o  Fntensities of the  disturbance as shown in   f i g s .  18 
and 19) the  disturbance is seen  to decrease, as expected, from the 
center outward.  Considerable scatter  present  in  the first of these 
cone  measurements was reduced (downstream of the 73.5-in. s t a t ion   a t  
7 in.   off   the  center  l ine,   f ig.  19)  by  improvement of the cone surface. 
These disturbances  followed the Mach l i nes  of. the flow and became 
broader outward from the  center  line, and  because of t h i e  reason as 

. .  



well as because of the tendency t o  'become concentrated at the  center, 
they  are  believed t o  be due not to  shqck waves but to .  gradual con- 
vergence of Mach l ines  of compression. The Mach number distributions 
a t  7 and 13 inches off the  center line may be compared in  figure 18 
with  those  calculated by the characteristics method start ing from the 
experimental  distribution at 1 Inch  off  the  center  line. From these 
investigations,  the flow  appears t o  be mre uniform elsewhere  than at 
the  center. 

From these surveys and frm shadowgraph observations,  the flow in 
the test section  appears t o  be f a i r l y  uniform and f ree  of shocks, a 
conclusion which i s  further  supported by the agreement between the 
experimental and design Mach number distributions. If greater 
uniformity of  the Mach number Ctistribution than that  existing  near  the 
center  l ine  is   required  for any particular  test ,   the model c m  'be 
placed in an off-center  position. By the  procedures  hereinbefore 
described, a circular  nozzle of size comparable to the  8-foot high-speed 
tunnel superson-lc  nozzle f o r  Mach nuniber 1.2 can evidently be designed 
t o  produce a sat isfactor i ly  uniform  supersonic flow. 

Effects of w a l l  l r regular i t ies  on flow  uniformity.- The supersonic 
flow in  the  nozzle inmediately after instal la t ion was not so m o t h  as 
desired  (circular symbols, f ig .  20) and a lfmited amount of tfme was 
spent in attempting t o  improve the flow. It was found that  the flow 
devlations measured near  the  nozzle  center 1- could be traced t o  
i r regular i t ies   in   the w a l l  shape by use of the calculated  character- 
i s t i c s  network (f ig .  3 ) .  The use of this network f o r  locating  the 
points of origin of flow disturbances was made possible by the close 
agreement of the  actual and design  flows. C a r e f u l  checks of the wall 
shape by  means of axial-profile  templates in  regions where f l o w  dis -  
turbances were suspected t o  originate  indicated small deviations from 
the  design shape. These deviations  usually  consisted of shallow bumps 
and depressions, sometimes axisymmetricd and sometimes localized,  in 
the  nozzle wall. In each of several  instances where w a l l  irregularities 
were reduced by sanding bumps and f i l l i n g  depressions,  the  associated 
f low disturbances were observed t o  have decreased.  Deviations of the 
actual  nozzle  proffie f r m  the  design  profile, as determined by means 
of axial-profile  templates, were reduced. from f0.011 inch t o  *0.003 inch 
i n  a  region  extending from 24 inches  upstream of the effective minirmun 
t o  96 inches downstream of the  effective m t n h m  section.  Figure 20 
shows a comparison of the masured Mach number distributions  axially 
along the w a l l  and near the center  l ine of the  nozzle before and after 
reduct  ion of the wall-prof ile deviations; a noticeable improvement in 
the f l o w  i s  evident, especially near the  center line at a station 
75 inches downstream of the  effective minirmun section where the  devia- 
t ion from the  design Mach number (1.2) was reduced t o  about  one-half 
of the  original  deviation. F'urther improvement  of the flow was con- 
sidered  possible by additional work  on the  installation accuracy, 
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although  exact agreement of actual and design f low distributions could 
not be expected because of possible  error i n  the boundary-layer pre- 
diction and because of possible  periodic flow disturbances not due t o  
wall i r regular i t ies .  

An indication of the relat ively mall. bump dimensions required  to 
produce severe  flow  disturbances was obtained by fastening a 0.030-inch- 
diameter s t r ing  around the nozzle wall at an axial stat ion 30 inches 
downstream of the effective minkmu section and  observing i t s  e f fec t  on 
the  supersonic  flaw. A strong compression disturbance  followed by a 
strong expansion (f ig .  21),, with  deviations of as much as- 0.13 from the 
disturbance-free f l o w  of Mach number 1.2, was produced near the nozzle 
axis. The disturbance, which was strong  near the nozzle axis, was 
observed as a weak compression a& accompanying expansion at its inter-  
section with the w a l l  i n  the downstream part  of the supersonic t e s t  
section. (See f ig .  21.) Small irregular i t iee  of the n a t u r e  of rough- 
ness, cracks in the plaster  surface, and small local  discontinuities in 
slope produced no noticeable  effect on the f l o w .  This behavior i s  
believed t o  be par t ia l ly  due t o  the masking effect  of the  thick boundary 
layer and par t ia l ly  due t o  the random nature of these  disturbances, as 
contrasted with the  axial ly  symmetrical disturbance produced by the 
string. 

Boundary-layer  development.- An attempt was m a d e  by means of 
boundary-layer  surveys t o  check the calculated  displacement  thichesses 
at various  positions  dong the nozzle wall ( f i g .  6) .  Although in some 
cases  the  experimentally  determined values were i n  good agreement w i t h  
the  calculated  values,  in  others  considerable  divergence  occurred. 
Moreover, values of the displacement  thickness  obtained a t  the same 
time  and at the same axial position  but at different angular positions 
c m  the wall of the nozzle failed t o  agree among themselves.  Several 
possible  reasons for these divergences  include loca l  accumulations of 
-boundary-lay-er air due t o  lack of perfect symmetry i n  the pressure 
distributions,  localized  leaks  into  the  tunnel upstream of the measuring 
position, etnd variation of stagnation  temperature (assumed constant) 
through the boundary layer. An analysis of the boundary-layer velocity 
profiles  obtained  in this investigation is contained in reference 3.  

The success of the over-all  design in  producing the  design Mach 
number dis t r ibut ions,   par t icular ly   in   the  vicini ty  of the  throat, 
indicates that the assumptions made i n  the design as to the behavior of 
the turbulent boundary layer i n  transonic flow and as t o  i t s  effect  on 
the  outside flow are at l ea s t  approximately  correct. If the changes in 
boundary-layer  displacement thickness had been neglected In the design, 
the nozzle would  have been expected t o  produce a Mach number of' about 1.18 
instead of 1.20. 

c 
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OPE3ATIONAL CHARACTERISTICS 

Effects of Humidity and H e a t  Transfer 

Because the low-speed par t  of the tunnel was open t o  the atms- 
phere,  care was required t o  prevent flow disturbances &e t o  condensa- 
t ion in  the high-speed,  low-temperature par t  of the  nozzle. Adverse 
condensation effects were prevented by allowing the tunnel t o  become 
heated, a method that was quite  effective in winter when stagnation 
teqera tures  not above 180° F were required but was somewhat incon- 
venient in summer when the  required stagnation t eqe ra tu res  might 
reach 23O0 F. The stagaation  temgerature was controlled  by  adjustfng 
the amount of air exchange through a annulus around the tunnel in the 
low-speed section. 

Condensation shocks, uhich have been the source of some diff icul ty  
in  other  supersonfc tunnels, could be prevented according t o  refer- 
ence 4 by limiting  supercooling t o  less than 54' F. In  the  supersonic 
nozzle herein described, however, no condensation shock could be 
detected either from pressure  distributions o r  from shadowgraph observa- 

exceed 54' F. On the other hand, fog could usually be observed in  the 
nozzle. The fog w a s  moat evident i n  the cooler  region near the wall 
where, because of the  inccmplete mixing of the  cooling air with the 
remainder of the air in the tunnel,  the  temperature might be as much 
as 50° F less   than that at the  center. The reason  for this behav€or i s  
believed to be that in a continuous-circuit  tunnel such as the Langley 
8-foot  high-speed tunnel the so l id  or   l iquid  par t ic les ,  and possibly 
ions,  carried around i n  the air  stream are  sufficiently numerous t o  
provide  nuclei f o r  condensation. Moreover, .in such a large  nozzle,  the 
ra tes  of temperature change are sufficiently md2. t o  permit slow con- 
densation  (fog formation) on these nuclei, 8 possibi l i ty  wh ich  ie 
suggested i n  reference 5. The 54' F supercooling is therefore never 
even  approached, so that the cataclysmic  process of formation and 
growth of  molecular  nuclei which is  responsible f o r  the condensation 
shock cannot occur. 

I tions, even though at times the nominal supercoolibg was allowed t o  

W 

The slow condensation process produces only a small effect  on tbe 
Mach number distributions, and this effect  is dlstributed  rather  than 
concentrated as in the case of the condensation shock. In order t o  
investigate t h i s  effect,  the nozzle was werated w l t h  varying humidity 
conditions. The corresponding Mach  nuznber distributions at the wall 
and near the center of the  nozzle  are shown Fn figure 22, &ere  the 
r e l a t i v e   h m d i t y  tn the  low-qeed  section of the tunnel is  increasing 
from runs 1 t o  4. The Mach IIumber at which the estimated  saturation 

seen t o  decrease with increasing  condensation  throughout the nozzle. 
* temperature is reached is indicated f o r  each case. The hch number is 
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This resul t  w a s  at  f i rs t  surprising because h e a t  addition, due to the 
condensation, increases the Mach number i n  subsonic flow but has the 
opposite  effect  in  supersonic flow. It must be  remembered,  however, 
that the amount of  condensation is  not  uniform  throughout  the  nozzle 
but i s  increasing w i t h  increasing Mach  nuuiber (decreaaing  temperature). 
Tne munt of  condensation is  therefore  greater at the tbroat  than  in 
any subsonic par t  of  the nozzle; but the Mach number a t  the throat 
cannot exceed unity. The mass flow i s  therefore reduced throughout 
the  subsonic part of the nozzle. The amount o f  the reduction i n  Mach 
number a t  any s-ktion  in  the subaonic par t  due to the  reduction  in 
mass flow exceed8 the increase due t o  condensation at that s ta t ion 
because the condensatlon a t  the throat i s  always greater.  In  the 
supersordc  region, the Mach numbers a re  reduced  because the amount 
of  condenaation i s  evemhere  greater  than a t  the  throat. 

Another effect  between runs 1 and 4 (f ig .  22) i s  the movement of 
the  effective  throat approximately 7 inches downstream. Such an effect  
might be due t o  a time lag i n  condensation,  but it i s  believed due t o  
the  influence of heat  transfer on the boundary-layer development. 
Because of the decreasing  stagnation  temperature between m a  1 and 4, 
the  relatively  increasing  heat  transfer i n t o  the  tunnel  increases  the 
rate of growth of the boundary-layer  displacement thickness. In the 
very sensitive  region near the throat,  this effect  may be sufficient 
t o  s h i f t  the effective  throat  the observed distance downstream. Such a 
s h i f t  requires   less  than 0.00014 increase in the slope of the boundary- 
layer  displacemnt  thickness. 

. .. . 

The flow  near  the  center of the nozzle i s  influenced by condensa- 
t i on  i n  the  cooler  region near the wall.. This  effect i s  evid.ent i n  
figure 23, which shows the dependence of  the Mach  number in   the  teet  
section on the temperature relative  to  saturation  temperature.  mote 
that  the supercooling at the wall i s  much greater than that at the 
center. In spite of the f a c t  that the  design Mach number on the center 
line i s  the same a t  the 90-inch s ta t ion  (B" in f i g .  3) as at the 
&-inch s ta t ion (A in f ig .  3) the decrement due t o  condensation is  much 
greater a t  the 90-inch s ta t ion ( f ig .  23). Thi.6 effect  i s  due t o  the 
progressive  condensation i n  the  region  near the walls, for  the flow i n  
this region affects that downstream along the Mach lines.' 

W a l l  Interference f o r  a Typical 

Transonic-Airplane Model 

In order t o  o b t d n  an estimate of the maximum fuselage  length, f o r  
a typical transonic-airplane model, which could be tes ted  f ree  of wall 
interference  effects i n  the Mach number 1.2 nozzle,  calculations were c 
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made of the flow pattern about a simple body of revolution  located at 
L the  axis of synanetry in  the  supersonic  test  section. This body con- 

s is ted of a cone of revolution, whose angle (35O included  angle) was 
identicel  with the nose angle of the model fuselage,  followed by a 
cylindrical  afterbody whose diameter  (approx. 3.75 in . )  was equal t o  
the maxFmum diameter of the mdel. The flow calculations depended, 
f o r  the most par t ,  on the method of c k a c t e r i s t i c s  but  the  use of 
some approximate theory was also necess- because of the existence of 
subsonic flow near  the cone. The resul ts  of the  calculations  me shown 
i n  figure 24. Tests of the transonic-airplane model yielded  the  nozzle- 
wall Mach number distribution shown in figure 24, which indicated  a 
measured shock sl ight ly  upstream of the calculated nose-shock location 
at the w a l l .  The measured shock appeared  as a gradual  cnmpression 
because of the  thick boundary layer at  the  nozzle wall. The intersec- 
tion of the  reflected shock and the body could not  be  calculated  because 
of the  occurrence of subsonic f low behind  the shock in the region of 
intersection, but  the maximum fuselage length was estimated t o  be about 
one tunnel radius.  Consideration of the  interference problem by m a k i n g  
use of the  free-stream Mach lines yields nonconserntive  results as is 
shown in  f igure 24. No  measurements  were available t o  determine  the 
axial location of the  reflected shock a t  the center of the  tunnel 
downstream of the model fuselage. 

& 

d 
Effects of Flow Nonuniformities on Model Forces 

In order t o  obtafn practlcal  information concerning  the  effects 
of f l o w  disturbances on model force measurements, a complete model of 
a transonic  airplane was investigated in the  supersonic test eection 
when the f low disturbance a t  the 75-inch s ta t lon on the  axial  center 
l i ne  produced a deviation of as  much as 0.05 f r o m  the  test-section Mach 
number of 1.2 (fig.  19). The axial location of t h i s  moderately  strong 
flow disturbance was varied vlth respect t o  the model by changing the 
axial. location of the model along the  center  line of the  test   section; 
and  model forces w e r e  measured with the flow disturbance  located i n  
several  regions  near the wing and t a i l  surfaces. The results of th i s  
investigation,  reported  separately  in  reference 6, indicated that a t  
Mach number 1.2 no significant changes of l i f t ,  drag, and pitching- 
moment coefficients f o r  the given model were produced by flow non- 
uniformities  equivalent  to Mach  number decrements of the or& of 0.05 
or l e s s   a t  the a x i s  of  symmetry  and extending over an axial  distance 
of 2 or  3 inches o r  6 t o  10 percent of the model length.  Reference 6 
&so contains  experbuental  data which indicate that the fluctuating 
normal shock in  the streem at the downstream end of the  supersonic  test 
section has no significant  effect  on model forces until it approaches 
the  region of the model base and t a i l  surfaces. 
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Power Requirements 
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The  power required  to  operate  the  nozzle i s  shown in  figure 23. 
Additional power data are included from investigations in the diffusing 
portion of a liner originally  installed in the tunnel   to   faci l i ta te  
tes t ing at high subsonic  speeds and from the  preliminary rough wooden 
nozzle tests. The apparent  scatter i s  due to  the  wide.vaziation in 
conditions under whlch the data were obtained. For the plaster  nozzle 
operating at Mach number 1.2 the power given,  about 12,500 horsepower, 
i s  that required  for maintenance of the supersonic  flow in the t e s t  
section. This value was obtained i n  winter; with the higher operating 
temperature  required fo r  avoiding  condensation e f fec ts  in summer, the 
power required  for  the same Mach number would be s o m e w h a t  greater. In 
general,  the Mach  number values above 1.2 were maintained  over only 
short distances, and the power values may therefore be samewhat l e s s  
than would be  required  for the production of a t e s t  region at the same 
Mach numbers. In the  case of the  original  tunnel with subsonic l i ne r  
and a l s o  for  the rough wooden nozzles, shock waves existing i n  the flow 
upstream of the terminal normEd. shock may. have affected the power 
required. Because the Mach  number i s  i n  most cases  not  constant  over 
the  cross  section of the tunnel, the Mach number corresponding t o  any 
given power value may a l s o  depend on the  posftion at which the Mach 
number is  obtained. The power absorbed by the  strut-and-survey  tube 
was estimated  not  to exceed 850 horsepower. 

The estimated power required because of the no& shock t e d -  
nating  the  supersontc flow i s  shown -Fn figure 25 fo r  comparison. The 
shock power at  Mach  number 1.2 i s  s t i l l  small and is only  a minor part  
of the t o t a l  power. W i t h  increasing Mach  number, the shock-power curve 
and the course of the experimental power values  tend toward  convergence. 
This behavlor is t o  be expected if the dlffuser flow is  not spoiled by 
the shock, because with increasing Mach nLrmber the diffueion through 
the  normal shock exceeh by an increasing amount the preceding  expansion 
in the nozzle, so that decreasing  diffusion is required of the diffuser. 
As pointed  out i n  reference 3, the flow dLd not  separate behind the 
normal shock terminating the supersonic  flow w i t h  Mach number 1.2. 

The experimental power data may be compared with nozzle-empty 
estimates made without consideration of dirferences in  tunnel geometry 
m d  Reynolds number from informat  ion  presented in  references 7 t o  9. 
The  powkr required t o  operate the 8-foot high-speed tunnel was con- 
siderably less than est'lmated from the fii*St two of these references 
( f ig .  25). The upper  curve in figure 25 was ccrmputed fo r  adbbat ic  
compression from blower pressure  ratios given i n  reference 7; a tunnel- 
fan efficiency of 80 percent was assumed. The curve from reference 8 
was obtained,for  test-section  pressures  representative or those i n  
the  &foot  high-speed  tunnel during operation.  Reference 9, which 
became available  after campletion of this  investigation,  leads t o  a 

I 

. 
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* 
power estimate in  good agreement with the  present  experimental data 
(fig. 25). The power estimates conta-d in reference 9 were based on 

fncluding a high-speed  subsonic  tunnel  larger  than the 8-foot high- 
speed tunnel; in reference 9 certain  reasonable assumptions were  made 
regarding the variation of total-pressure  losses with Mach nmber. 

L diffuser-efficiency test resul ts  from a number of wind tunnels 

CONCLUSIONS 

1. A large,  approximately  8-foot-diameter,  supersonic  nozzle of 
circular  cross  section for Mach number 1.2 was made t o  produce a test 
region of sat isfactor i ly  uniform f low.  

2. Considerable  care,  including compensation for boundary-layer 
development, was required  in the design and construction,  particularly 
in  the  region of the throat. 

3. Simificant  iqrovement of the nozzle flow was achieved by 
reducing  irregular  surface waviness by amounts of the order of 
0.006 inch i n  height. - 

4. Experimental Mach number distributions in the nozzle were Fn 
excellent agreement with the design distrrbutions. The flow in  the 

uniformity  satisfactory f o r  aerodymmic testing; deviations from the 
desi- Mach number at the center line did not exceed 0.02. 

* supersonic tes t   sect ion was free of shocks  and o r  a degree of 

5.  The design features leading t o  the supersonic  test  section were 
consistent w i t h  the  production i n  the throat  region of a subsonic test 
section of sat isfactor i ly  uniform flow for Mach numbers as great as 0.99. 
The length of the uniform test   region w a s  such at any Mach number that 
with fineness  ratio about 6 the  size of the model that could be tested 
was limited by choking rather than by the  length of the test   section. 

6. Flow irregularities, which  were propagated along Mach l ines ,  
tended t o  become concentrated  near the axis of symmetry. 

7. Small surface  irregularit ies of the nature of roughness, cracks 
in  the  plaster  surfaces,  and small. localized  discontinuities  in  slope 
produced no noticeable  effect on the f l o w  and were therefore  concluded 
to be masked by the thick boundary layer. An axisymmetrical  0.030-inch- 
diameter bmnp around the wall in the divergent  portion of the  nozzle 
produced a large  disturbance  corresponding to a Mach number deviation 
of 0.13 at   the   axis .  



20 NACA RM ~ 5 0 ~ 0 3 ~ t  

8. In  this large nozzle, no evidence was found of the existence 
of a condensation shock. Slow condensation  occurred and produced a 
distributed  effect  on the Mach numbers. 

9 .  The power required  for  supersonic  operation was in substantial 
agreement with the smallest of several  estimates obtai-d  from previ- 
ously published  information. 

10. Except for   the  direct   effects  of density changes, the turbulent 
boundary layer in  transonic flow behaved i n  essentially the same manner 
a s  for incompressible flow; i t s  effect  on the outside f low was equiva- 
l e n t   t o  a displacement of the streamlines near the wall by an amount 
equal to the boundary-layer  displacement thickness. 

Langley Aeronautical  Laboratory 
National Advisory Committee fo r  Aeronautics 

Langley A i r  Force Base, Va. 

. 
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'TABU3 I1 

COORDINATES FOR CQN!l33ACTION CONE OR CONVERGENT PORTION OF TBE 

MACH NUMBER 1.2 NOZZLE 

Distance upstream of  effective 
minimum section, x 

(in. 1 

0 
2 
4 
6 
8 
10 
12 
14 
16 
18 
20 
22 
24 
26 
28 
30 
32 
34 
36 
38 
40 
42 
44 
46 
48 
50 
55 
60 
65 
70 
80 
90 
100 
110 
120 
130 
140 

Geometric radius, r 
(in. 1 

46.2500 
46.2470 
46.2440 
46.2410 
46.2381 
46.2351 
46.2323 
46.2295 
46 -2269 
4.6.2244 
46.2221 
46.2200 
46.2183 
46.2169 
46.216a 
46.2155 
46.2156 
46.2164 
46.2178 
46.2201 
46.2233 
46.2275 
46.2327 
46.2392 
46.2470 
46.2563 
46.2865 
46.3285 
46.3846 
46.4571 
46.6625 
46.9679 
47.4000 
47.9883 

:, 48.7657 
49.50 
50.27 
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Figure 1.- Approximate shape and dimensions of and tentative  teet  sections i n  the Mach number 1.2 
temporary nozzle installed aB a liner in the Langley 8-foot high-spes tunnel. All dimensions 
are glven in inches. 
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Figure  5.- Calculated  distribution of Mach number axially along the 
entire length of the contraction cone and nozzle. 
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Figure 9.- The completed temporary plaster  nozzle for Mach number 1.2, as 
viewed from downstream. 
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Figure 11.- Cone ( 3 O  Included angle) for measuring t o t a l  and static pressures along the axial center 
llne of the E U ~ E L - E O ~ ~ C  t e s t  section. . .  
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Figure 12.- Arrangement o f  3 O  included-angle cones far measuring total and static pressure6 off the 
axial center Une of the supersonic test section. 
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b l g u r e  14.- Mach number  distributions obtained frm static-pressure measurements d d l y  d o n g  the 
nozzle d l  for subsonic and supersonic flm. 



Figure 15. - Compari6on of experimental Mach number dlstributions axially along the wall and near the 
center  ne of the contraction cone Kith tbe p o t e n t l d - n a i  theory. 
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Figure 16.- Ccmparlecm of theoretical. Mach number diatribuklon a x l a 2 . l ~  along the nozzle center llne 
with experimental values obtained at close axial intervals f r o m  ei&t successive runs. 
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Figure 18.- Mach number dlskributions  obta3sed f'rm pressure measurements at approximately I, 7> 
and 13 hches  o f f  the axLQ center line of the supersonic test section wlth a slight disturbance 
in the flow. 
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Figure 21.- Flow disturbance produced by an axisprmetrical bump (O.O3O-inch high) on the nozzle 4. 
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Shdions uf which Msch number measuremenfs were o h i n e d  

Figure 23.- Effect of supercooling on indicated Mach numbers at the wall and near the center line of the 
supersonic test section. 
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Figure 24. - Calculated flow pattern about a cone of revolution  with 
cylindrical  afterbody and canparison of calculated and measured 
shock locations at the nozzle wall. 
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Fimre 25.- Power required for  traneonic operation of the Langley 8-foot 
high-speed tunnel. 
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