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NATTONAL ADVISORY COMMITTEE FOR AERONAUTICS

RESEARCH MEMORANDUM

INVESTIGATION AT ZERO ANGLE OF ATTACK OF A 16-INCH RAM-JET ENGINE
IN 8- BY 6-FOOT SUPERSONIC WIND TUNNEL

By T. Nussdorfer, F. Wilcox, and E. Perchonok

SUMMARY

A study wes mgde in the NACA Lewls 8- by 6-foot supersonic wind
tunnel of the performence of a 1l6-inch ram-Jet engine &t zero angle of
attack and over s range of free-stream Mach numbers between 1.5 and
2.0. The engine was equlpped with & single-oblique-shock 50° cone
inlet and a cylindrical constant-aree exit nozzle. The study wes made
with & can~type flame holder using propylene oxide as fuel.

Maximum . propulsive thrust coefficients in the order of 0.55 and
net internal thrust coefficients of 0.725 were cbtained gt Mach numbers
1.5, 1.8, and 2.0. No specig] combustion or operastionsl problems were
encountered over g range of hurner-inlet Mach numbers from 0.220 to
0.367 and total-tempersasture ratios between 2.0 and 5.5.

Reasonable sgreement was noted between the experimentally deter-
mined additive and cowl pressure drags and the theoretically predicted

values.

Some suberitical diffuser instebility was encountered at Mach |,
numbers of 1.8 and 2.0. ’

INTRODUCTION .

As pert of a genersl program to study and evaluate the ram Jet as
a supersonic power plant, an experimental investigation of the per-
formance of a typilcal 16-~inch ram-jet engine wes underteken in the NACA
Lewls 8- by 6-~foot supersonic wind tumnel. The engine was designed for
a f£light Mach number of 1.8 end had a single-obligue-shock external-
compression inlet. Engine performance was investigated at six free-
stresm Mach numbers between 1.5 and 2.0 and at angles of attack from 0°
to 10°., The Reynolds number, based on diffuser-inlet diameter, varied
from 4.56x105 to 4.92x106. Based on engine length, the Reynolds number
varied from 77.5x106 to 81.1x108.
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Specific objectives of the investigation were (1) to evalugte the -
net performance of the engine; (2) to compare the measured drag of a _
burning ram-jet engine with values calculated from small-scale cold-flow
investigetions and with existing theories; and (5) to investigate the
effect of changes in flight Mach number and fuel-ailr ratio on diffuser
and combustion-chamber stability

This report presents an evaluation at zero angle of attack of total
and component engine body drags, internsl engine performance, and the
net propulsive thrust developed by this engine with 8 cylindrical
constant-area exit nozzle.

APPARATUS

The installation of the ram-jet engine'in the 8- by 6-foot super-
sonic wind tunnel is shown schemstically in figure 1. A sweptback

vertical strut attached to the tunnel belance freme supported the’ R

engline. The inlet was located in the region of the test-section win~
dows and . a schlieren system was employed to study the shock formation
gbout the diffuser inlet.

The engine consisted of a diffuser 9.34 feet long and a combustion
chember and nozzle 6.25 feet long (fig. 2). The supersonic diffuser was
so designed that the oblique shock generated by the 25° half-angle con-
ical splke would fall slightly shead of the cowl lip st a free-stream
Mach number of 1.8. Internal and externsl dimensions of the engine are
given in teble I. The diffuser and the center body were constructed of
steel and the combustion chanber and the exlt nozzle were made of

1/8 inch Inconel.

A vortex pillot similar to that described in reference 1 was
employed. A blend by volume of 50-percent gasoline and 50-percent
propylene oxide was used as a pllot fuel and was introduced through a
commercial spray nozzle rated st 12.5 gallons .per hour at a differ-
ential pressure of 100 pounds per square inch.

The can-type flame holder (references 2 and 3) had a surface open
grea of 133 percent of the combustion-chamber frontsl area. The fuel
system consisted of two independently controlled manifolds having
cammerclal nozzles spraying fuel within the flame holder. A dilsgrem
of the flame holder and the fuel-nozzle arrangement is shown in fig-
ure 3., In order to cbtain smooth pulsation-free combustion, 1t was
found necessary to use propylene oxlde as fuel.

e h Lol ad.
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Details of static- and totel-pressure surveys at stations 2 and x
are indicated in flgure 4. A water-cooled total-pressure rake, which
was not attached to the tunnel scales, was located at the combustion-
chenber exit to obitein internal engine performance. Static wall ori-
Pices were loceted on the forwsrd section of the outer shell of the
diffuser and slong the diffuser inner wall and center body. Fluctua-
tions in pressure gt station 2 were determined with a commercial
differentisl-pressure pickup.

The total tempersture snd pressure level in the test section
depended on the Mach number amd the atmospheric conditions and could not
be controlled.

PROCEDURE

A cold-flow investigation to establish the effect of mass flow and
combustion-chamber-inlet Mach number on diffuser recovery and external
dreg preceded the investigation with combustion. A remotely adjustable
valve wee installed st the flame-holder station to control the
combustion-chamber inlet Mach number. over both the suberitical and
supercriticel flow range. '

The mass flow was computed from the dete obtained at station x
(fig. 2). The instrumentation at this station was calibrated by corre-
lation with air-flow messurements at station 2, with dsta from a
1/2-scale version of this inlet, with mass flows determined from meas-
urements of shock structure on schlieren photographs (reference 4), and
with meximum capture area flows for the supercritical cese. The air
mess flow is believed to be accurste within %3 percent.

The total pressure st the combustion-chember inlet (station 3) was
found to be the same (within the accuracy of the measurement) as that
at station x. Accordingly, the diffuser pressure recovery ils expressed
in terms of a total pressure st station x calculated from the masss flow
and the measured static pressure. Burner-inlet Mach nunbers are based
on the annular area at the diffuser exit.

In order to separste the engine body drag from the support strut
drag, additional runs were made with a dummy strut identical in every
way with the support strut. The technique of using a dummy strut to
evaluste support strut drag is discussed in reference 5. 1In general ,
the assumptions required are thet the strut drag and the body-strut
interference drags ere double the values for the case with the support
strut alone. A photogreph of the instellation showing the engine, the
support strut, and the dummy strut is shown in figure 5.
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Without combustion, the stetlc pressure and erea at the nozzle exit
and the air mass flow were used in obtaining Jet thrust. With combustion
the nozzle exlt was assumed choked and the Jet thrust computed from tall-
reke total-pressure deta. Combustion efficiency end gas total-
tempersture rise were computed by the methods generally employed and
outlined in references 6 and 7. The heat lost to the alr streem in
cooling the combustion chamber could not be -included in the evaluation
of the combustion efficiency and the gas total-temperature rigse. The
combustion efficiency is defined as the ratio of the change in energy
of the gases flowlng through the engine to the lower heating value of
the fuel being injected. '

T

2064 _

Most of the data ere conveniently expressed as a functlon of the
mass~flow ratio m/ho. This parameter is defined as the ratio of the

actual air mess flow through the engine to the mess flow conteined in a
free-stream tube having a dismeter equal to the diffuser-inlet diameter.

SYMBOLS -

The following)symbOls are used in this report:

A area, (sq f£t)

C force coefficlent, F/qumax

F © force, (1b)

/e fuel-air ratio _
h _lower heating velue of fuel,(13,075 Btu/lb for propylene oxide)

J mechanicel equivalent of heat, (778 ft-1b/Btu)

M . Mech number _ : . . e

m mess flow, (slugs/sec) -
P . total pressure, (1b/sq £t ebsolute)

o static pressure, (1lb/sg £t sbsolute)

q dynamic pressure, % pM? -
T total temperature, °r ——
v velocity,.(ft/sec) : <

PN
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We fuel flow, (1b/sec)
SEE:EQlXQ. engiﬁe efficiency (reduced to 100-percent combustion
Mo ed efficiency)
T ratio of specific heats
T combustion efficiency
T total-temperature ratio across engine
Subscripts:
a additive drag
d - total body drag
£ . friction drag
max ‘ maximum
b Pressure drag
thrust
X air-flow measuring station (59 in. from cowl lip)
0 free stream
1 engine Inlet
2 altefnate air-flow measuring station (18 in. from cowl lip)
3 combustion-chamber inlet
4 nozzle inlet
6 nozzle exit

RESULTS AND DISCUSSION
Diffuser Performance

The variation of the combined subsonic and supersonic total-
pressure recovery across the diffuser Px/PO- and mass-flow ratio m/mo

LG o T
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with combustion-chember-inlet Mach number Mz is presented in figure 6
at free-gtream Mach numbers My of 1.5, 1.8, and 2.0 for both cold-flow

and burning conditlions, It is noted that for this particuler diffuser
configuration the critical mass f£low occurred st Mz of approximately
0.195 at all three flight Mach numbers. A% My of 1.5 the pressure
recovery was close to the normsl shock recovery over the entire sub-
critical range investigated. Although peek pressure recoveries con-
siderably sbove normal shock recovery were observed at My of 1.8 and
2.0, a rather sharp drop in pressure recovery was observed at a Masch
number of 2.0 as the flow was reduced below the critical value. Maximum
mess-flow ratios of 0.776, 0.920, and 1.000 resulted at Mach numbers of
1.5, 1.8, and 2.0, respectively. Because of the large nozzle-outlet
area, no combustlon date could be obtained in the subcritical region of
any of the Mach numbers investigated. S

Represgentative schlleren photogrsphs of the points lebeled A, B, C,
and D on figure 6 are shown in figure 7. A smell amount of contraction
in the flrst l/z inch of the inlet prevented the normsl shock from .
entering the inlet at Mach numbers below 2.0. (Compsre A end B, fig. 7).

Shock pulsations were observed in the suberitical flow range at
Mach numbers of 1.8 and 2.0. Such pulsations are undesirsble not only
because they reduce the diffuser total-pressure recovery, but because
they can also cause burner instebllity and blow-out. In order to
1llustrate the magnitude of these pulsations, traces of the static-
pressure fluctugtlions at station 2 for conditions C and D are shown in
figure 7. At peak pressure recovery (fig. 7(c)), a slight smount of
normel shock movement can be cobserved. Consliderebly more movement is
evident when the mass-flow ratio is reduced (fig. 7(d)). The Ffrequency
and the megnlitude of dtatic-pressure fluctuation at station 2 under
critical-flow conditions (fig. 7(c)) were 4.5 cycles per second and
Plus 4.5 percent of a base pressure, respectively. The instantaneous
pressure record indicates that the fluctuation was in the form of small
Pressure surges above the base value, The instantaneous pressure record
for point D indicates & frequency of 17.9 cycles per second and the

fluctuation of #17.4 percent of the average pressure. From the o

schlieren photographs for this condition, the normal shock appears to
travel from the lip out to & point two-thirds the length of the spike.
Drag Evalugtion
Drag characteristics of the configuraﬁion were investigasted under

cold-flow conditions over & range of mass-flow retios. Under burning
conditions,the drag charscteristics could be investigated only at the

Ny
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maximum mess-flow ratio et each Mach number. No measursble difference
could be found in the total body drag between cold flow and burning con-
ditions. It was also determined that, within the asccuracy of the data,
the Interference drag between struts or of the strut on the body was
negligible.

Variation with My of the totael body dreg coefficlent (as deter-
mined by force measurements) for a range of mass-flow ratios is shown
in figure 8. The dashed lines representing the minimm drag coefficient
indicate the same generel trend for thls ram-jet configuration snd for
an 8-inch configurastion of similar external geometry but heving a lower
combustion-chamber length to diameter retio. The minimum drag coeffi-
clent decreased lineerly from 0.2 at Mg = 1.5 to 0.163 at Mg = 2.0
(fig. 8). At a given Mach number the drag increased ra.pid.ly with
decreasing mess flow.

The theoretical additive drags (a:L]_ component and body drag coeffi-
clents are based on the combustion-chamber ares Apg,) calculated by a
method similar to that described in reference 8 are compared in figure 9
with the experimentally determined velues calculsted from = momentum
balance between stations O and 1. Results are presented in terms of
mess-flow retio for My of 1.5, 1.8, and 2.0. In general, at a glven
Mp the experimental edditive drag decreased linearly as the mass-flow
ratio increassed. Considering the assumptions made in deriving the
theoretical curves and that the effect of friction has been neglected
in the experimentel evaluation of additive dreg, the excellent agreement
between simple theory and experimental data 1s probably coincidental.

Component drag coefficients at Mgy of 1.5, 1.8, and 2.0 are sum-
marized in figure 10 and compared with total body drags derived from the
scale measurements and Indicated in Pigure 8. The cowl pressure drag
coefficients, which were obtalned by graphical integration of the pres-
sure coefflcients along the cowl surface, increased linearly with mass-
flow ratio. It is of interest that where datd were availsble at the
same mass-flow ratio for gll three Mach numbers, essentlally identical
covwl drag coefficients were recorded. Moreover, below & mass~flow
ratio of epproximately 0.6, leading-edge suction on the external cowl
surfacé results in & positive thrust force. The experimentally deter-~
mined cowl pressure drag for a mass flow ratio of 1 et Mp = 2.0, _
(fig. 10(c)) agreed reasonsbly well with the value computed from lin-
earized potential theory (the local pressure coefficient taken equal to

V -
-2 ﬁ?—;, where Vy 1ies the local pertubetion velocity in the direction

of the engine axis and Uy i1s the flight velocity). These results are
consistent with data obtained during studies of an 8-inch-dismeter

diffuser (reference 9).
TGRS gs .
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Friction drag was not measured; however, theoretical values were
obtalned from coefficients based on turbulent compressible flow over a
smooth flat plate (reference 10). (This procedure ylelded sgreement
with experimentally determined friction coefficients for an 8-inch
diameter body hsving the same genersal shapé as this engine, refer-
ence 11). At a given My, the caelculated friction drag coefficilents

were assumed constent for all mass-flow ratios and were based on test-

section conditions, wetted body surface area, and a Reynolds number e

based on a total bhody length.

Comparison of the summetion of the drag components with the total
drag obtalned from the scales (fig. 10) indicates varying degrees of
agreement. The cause of these discrepancies 1s not known, but may arise
from inadequacies in evaluating elther the measured total engine drag or
any of the component drags. Among the latter, error in the estimated
friction drag is more likely than in the additive or cowl pressure drags.

Engine Evaluatién

The experimentsl variation of the net-thrust coefflcient C£ with
the total-temperature ratio across the engine T 1s shown in fig-

ure 11. An improvement in cycle efficiency wlth increasing Mg resulted. ';

in essentially the same maximum net-thrust coefficient 0.725 for all
three free-stream Mach numbers in spite of a decrease in the meximum T
a8 My was ralsed.

These net-thrust-coefficient data are characteristic of the par-
ticuler internal engine configuration investigsted. Such data can be
combined with the external drag of the body in which the engine will be
used to determine the propulsive thrust that will be developed. For this
englne the experimental lnternal-thrust date of figure 11 (supercritical
conditions) have been-combined with the minimum-drag data of figure 8
to indicate the net propulsive thrust developed. Because identical
supercritical drags were determined for this configuration under both
cold-flow and butrhing conditions, this procedure is considered valid
for critical mass flows. '

The variation in engine thrust minus drag (or propulsive thrust
coefficient) with flight Mach number for a range of T 1is indicated
in flgure 12 as cross plots of experimental data. These data show
that the propulsive thrust coefflcient increased with My for a given
T and that a fixed propulsive thrust coefficient can be maintained as
the Mach number is raised by reducing T. For example, at Mg of 2.0

e

b 20647 y |
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a body thrust minue drag coefficient of 0.55 wes obtained with & T of
4.25, whereas gt en My of 1.5a T of 5.6 Would'be required to

deliver the same propulsive thrust.

The efficiency of this engine as a propulsive device is indicated
in figure 13. The parameter has been idealized to 100-percent combus-
tion efficlency and in its present form can be applied to this engine
for any fuel and eny combustion efficilency. Because it is small, the
kinetic energy of the fuel &t injection has been neglected. Corre-
sponding values of Mz and T are included in figure 13 for conven-
lence in interpretation. Engine thrust must exceed the engine body drag
to result in a positive engine efficiemcy. With this particular
configuration,a positive engine efficiency occurred at + gresater
than 2.0 for a Mach number of 2.0 and would occur at slightly higher
values of T at lower Mach numbers.

Operation of a fixed-geometry engine at design conditions does not
necessarily imply that the peak over-all engine efficiency occurs simil-
taneously with meximum T or maximim thrust minus drag. For off-
design supercriticel operation, however, such as 1s the case wlth this
configuration, raising T does cause increases 1ln both engine effi-
clency and (C4-Cq). The trends obtained indicate thet increases in T
beyond the maximum experimental values to achleve operation at the
critical or design condition will result in grester thrust minus drag
values but will csuse little gain In engine efficlency. Further
increases In T will result In subcritical operation and ultimate

reduction in engine efficiency.

The effect of an increase in Mach number My was e marked increase
in the engine-efficlency perameter. A maximum value of nearly 0.15 was
obtained at My = 2.0.

Burner Performance

Burner-performance data are presented in figure 14. Complete
burner evaluation was not undertaken_pecause_it was not necessary to
the primsry objective of the investigastion. It was only necessary to
develop & burner having satisfactory operational charscteristics over
a range of Mach numbers from 1.5 to 2.0 and at angles of atteck up to
100, Such operstion was achieved with a can-type flame holder end with
propylene oxide as fuel. The varlstion with fuel-air rstio of combus-
tion efficiency 1y, ratico of total temperature at combustlon-cheanber

exit to total tempersture at combustion-chember inlet T, and

mm .
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combustion-chamber-inlet Mach number M is shown for three free-

stream Mach numbers. Great significance should not be attached to the
varliation of burner performance with flight Mach number because the _
proportion of fuel to the primery and secondary fuel manifolds wes not
the seme for all three values of M, and &t all fuel-air ratios.’
Neither lean nor rich blow-out limits were encountered. The meximum
fuel-air ratio was limited by the capacity of the fuel-handling system.

' Burning occurred at values of Mgz ‘renging from 0.220 to 0.367 and

over a range of f/a from 0.029 to 0.081l (stoichiometric f/a for
propylene oxide 1s O. 105) The meximum T decreased from 5.50 at My

of 1.5 to 4.25 at, My of 2.0. Absolute values of combusticn efficiency
and T are probably no more accurste than #5 percent, because an error

of 3 percent in the air flow in the lean fuel-air ratio region would
result in a S-percent change in combustion efficiency.
SUMMARY OF RESULTS

The performance of a typical l6-inch ram-Jet engine was invegti- _
gated in the 8- by 6-foot supersonic wind tunnel at an angle of attack

of 0° and at Mach numbers from 1.5 to 2.0. The engine was equipped with

a single-oblique-shock 50° spike diffuser and & cylindrical constasnt-
ares exilt nozzle. The following results were obtalned:

l. At a free-stream Mach number of 2,0, a total-temperature ratio
across the engine in excess of 2.0 was required for propulsive thrust
to be delivered by the engine., Maximum propulsive thrust coefficients
in the order of 0.55 and maximum net internal thrust coefficients of
0.725 were obtained at Mach numbers of 1.5, 1.8, and 2.0.

2. Comparison of the ‘summation of the drag components with the
total engine drag obtained from the scales indicates varying degrees
of agreement. .

3. The cowl pressure drags incressed linearly with mass-flow ratio
. and at a given mass-flow ratlo were negligibly affected by variation in
Mach number from 1.5 to 2.0. Agreement wes noted between the'experi-

mentel data and the value theoretically predicted for a mass-flow ratio

of 1 at Mach number 2.0.

4. The additive drag increased approximstely linearly as the mass-
flow ratio decreaged. Reasoneble agreement was noted between the

experimental date and the additive drag predicted fram one-dimensional -

theory.

D NS VIEEETIREN
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5. The burner opersted over a range of inlet Mach numbers from
0.220 to 0.367 and a range of total-temperature ratioc across engine
between 2.0 and 5.5. '

8. Under-cold flow conditions,some suberitical diffuser instability
was encountered at free-stream Mach numbers 1.8 and 2.0, Due to the
large exit-nozzle ares, however, the engine could not be operated sub-
critically with burning, and the effect of the diffuser instebility on
burner performence could not be established.

Lewls Flight Proplulsion Laboratory,
National Advisory Committee for Aeronautics,
Cleveland, Ohilo. :
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Tralling odge of
center body support

strutas located iIn
this poslition but
13 inches upstream
of this station

Station x O Total presasure

01 Static pressuras

Station 2 AN

Plgure 4. = Air-flow ilnstrumentation details,

.. "

17



NACA RM E50L04 m

Figure 5. - Installation of 16-inch ram-Jet engine in test sectlon of 8- by 6-foot
supersonic tunnel with dumy strut.
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Figure 6, = Variation of diffuser total-pressure recovery and mass-Ilow ratio with combustion«
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My = 2.0; m/my = 0,995;
frequency, 4.5 cycleas per
second; Ap = 115 pounds per
aquars foot (+4.5 percent
of base prassure)

Mp = 1.8; m/mg = 0,92 My = 2.0; m/my = 0.733;
frequency, 17.9 ecycles per
second; Ap @ %481 pounds par
square foot (+17.4 percent
of average pressure)

Figure 7, - Hepresentative schlieren photographs and

Prossure trace for C

Pressure trace for D

pressurse traces,
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—————— Minimum drag 16-inch ram Jet
((m/my) .. = 1.0 at Mg = 2,0)

—— — = Minimum drag 8-inch configuration
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Figure 8., - Effect of free-stream Mach number and mass=flow ratio
on engine body drag coefficient obtained from force measurements.
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Figure 12. - Varlation of propulsive thrust coefflcient with free-
stream Mach number and gas total-temperature ratio.
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Figure 14. - Continued. Effect of fuel-air ratlo on combustion
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