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NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS

RESEARCH MEMORANDUM

EXPERIMENTAL, STUDY OF A METHOD OF DESIGNING THE
SWEPTBACK-WING—FUSELAGE JUNCTURE TO
REDUCE THE DRAG AT MODERATE
SUPERSONIC SPEEDS

By Robert R. Howell
SUMMARY

An investigation has been made in the Iangley transonic blowdown
tunnel at Mach numbers between 0.8l and 1.42 to determine the effects
on the zero-lift pressure drag of a sweptback-wing—fuselage combination
due to combining a specific fuselage contour in the wing-fuselage Junc-
ture with the area distribution obtained from application of the prin-
ciple of the supersonic area rule. The general configuration tested
consisted of a thin L45° sweptback wing of aspect ratio 4 in combination
with a body of fineness ratio 9.2. The ratio of fuselage frontal area
to wing plan-form area was 0.1ll. Pressure-drag reductions greater than
those obtained by an axisymmetrical indentation of the fuselage in
accordance with the principles of the supersonic area rule as applied
for a design Mach number of 1.2 were obtained at Mach numbers between 1.2
and 1.4, the highest test Mach number, with a configuration having the
same longitudinal distribution of area but a localized fuselage shaping
in the wing-root Jjuncture in accordance with the curvature of the stream-
lines over an infinite sweptback wing.

A comparison of the zero-lift drag variation with Mach number of the
wing-fuselage configuration axisymmetrically indented according to the
principle of the supersonic ares rule (designed for a Mach number of 1.2)
with the wing-fuselage configuration axisymmetrically indented according
to the principle of the transonic area rule (designed for a Mach number
of 1.0) indicates that, for this configuration, the Mach number 1.0 inden-
tation becomes inferior to the Mach number 1.2 indentation at Mach numbers
above about 1.25.

INTRODUCTION

The concept of shaping the fuselage of a sweptback-wing—fuselage
combination in such a way as to combine the curvature of the streamlines



. e XmE
e

NACA RM L55HO5a (O . 3
45 free-stream dynamic pressure, O.7 pOMO2

i

b S total plan-form area of wing, 12.960 sq in.

MODELS

» The general configuration tested consisted of a sweptback wing of
I aspect ratio 4, taper ratio 0.6, 45° sweep of the quarter-chord line,
and NACA 65A00L4 airfoil sections in the stream direction mounted in the
midwing position on a fuselage of fineness ratio 9.2. The ratio of
fuselage frontal ares to wing area was 0.11. The basic fuselage, which
was an arbitrary body of revolution, was modified to obtain the three
different fuselages tested as follows:

Edir L

J—

One of the fuselages tested was indented by application of the
principle of the supersonic area rule (ref. 3) to the basic wing-body
combination. As in reference 3, the indentation was determined by
averaging three area developments of the exposed wing which were obtained
by taking oblique cuts made tangent to the design Mach cone at 0%, 450,
and 90° roll angles. The 459 cut was weighted at twice the 00 and
90° cuts in obtaining the average area development for the wing. This
average wing area development was subtracted from the basic fuselage
area development to obtain the supersonic indentation. The indentation
was made axisymmetrically and was designed for a free-stream Mach num-

: ber of 1.2. The ordinates obtained for the fuselage are presented in
! table T and a sketch and photographs of the configuration are presented
’ as figures 1 and 2, respectively. : .

A second fuselage was obtained by combining with the longitudinal
area development that resulted from the application of the supersonic
area rule a fuselage contour shaped in accordance with the calculated
streamline shape that would exist on the wing surface at a free stream
Mach number of about 1.2 if the sweptback wings were of infinite span
and the fuselage were not present. For the present case, the stream-
line shape used was computed in the same manner as the shape used in
reference 2. The sweepback angle of the 50-percent-chord line of the
wing was used as the sweepback of the wing of infinite span. Inasmuch
ag theoretical airfoil pressure distributions have been shown by numer-
ous investigations to agree with experimentally determined values at
Mach numbers less than critical, theoretical pressure distributions
were used for the present streamline derivation in the absence of suit-
able experimental values. The pressure distribution used was obtained
from reference 4 and the corresponding velocity distribution was
adjusted for first-order compressibility effects according to Prandtl-
Glauert rule.

)
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As in reference 2, the slope of the resultant velocity at each
point along the chord was obtained by combining the local velocity nor-
mal to the c¢/2 line with the component of the free-stream tangent to
the c/2 line. These slopes were multiplied by incremental distances
to obtain lateral displacements which were summed progressively from
leading to trailing edge of the wing. As previously mentioned, the
wing-surface—fuselage intersection line was made to conform to this
calculated shape. Behind the wing trailing edge, the streamline shape
was arbitrarily faired into the plan-form shape of the fuselage which
had been symmetrically indented according to the supersonic area rule.
By use of elliptic shapes, the fuselage cross-sectional shape was dis-
torted to allow the longitudinal area development of the fuselage
indented according to the supersonic area rule to be maintained while
satisfying the streamline shape in the wing root. The distortion was
made only when necessary ~ the remainder of the cross-sections of the
fuselage being circular. The design ordinates for this fuselage are
presented in table II and a sketch and photographs of the configuration
are presented as figures 1 and 2, respectively.

The third fuselage tested was indented according to the principle
of the transonic area rule (ref. 1). This fuselage was axisymmetrically
indented as was the fuselage obtained from the principle of the super-
sonic area rule. Design ordinates for this fuselage are presented in
table III and a sketch and photographs are presented as figures 1 and
2, respectively.

A comparison of the longitudinal area distributions for the con-
figurations tested is presented in figure 3.

APPARATUS

The investigation was made in the langley transonic blowdown tun-
nel which has an octagonal slotted test section measuring 26 inches
between flats. The models were mounted on an internal electrical strain-
gage balance supported by a sting at an angle of attack of 0°. The
angle was set with a sensitive inclinometer and was unchanged for all
tests. The force data were recorded by photographing self-balancing
potentiometers.

The model base pressure was measured with an open end tube inserted
through the center of the sting into an open section of the balance.
The pressure so measured was the average static pressure in the open
annulus around the sting in the plane of the base. The base pressures
as well as the pressures required for the determination of Mach number,
dynamic pressure, and Reynolds number were recorded by a quick-response
flight-type pressure recorder.

-
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TESTS

The tests were made through a range of Mach number from 0.81 to 1.42

at Reynolds numbers ranging from 2.5 X 106 to 2.9 X 106 based on the
wing mean aerodynamic chord. For the ratio of model to tunnel size
used, reference 5 indicates negligible tunnel wall interference at sub-
sonic speeds. At supersonic speeds, the data are also equivalent to
free-air values except for a range of Mach number where wall-reflected
disturbances affect the measurements. Based on the measurements of base
pressure and experience with models of similar size, it appears that for
the fuselage alone the results would be affected by the wall reflections
between a Mach number of about 1.03 to 1l.14. The reflected disturbances
intersect the tip of the wing of the wing-body combination to a slightly
higher Mach number. The wing-tip interference, however, should have no
effect on the comparison of the drag of different wing-fuselage combina-

H 7 v varyv amoll hit +ha ceamea Ffar 211
tions inasmuch as it shcoculd be nct only very small but the same for all

configurations compared.

The tests were made with a 1/8-inch-wide strip of 0.001- to 0.002-
inch-diameter carborundum particles running spanwise and located on both
the upper and lower wing surfaces at 10 percent of the local wing chord
behind the wing leading edge. The particles were blown on a wet strip
of thinned shellac. There was also a similarly constructed 1/4-inch-
wide roughness band around the forebody of the fuselages located 1 inch
back from the nose. Inasmuch as the same wing was used for all of the
tests, the wing roughness strip did not change hetween configurations.
Care was taken to insure that the fuselage roughness band had the same
degree of roughness for each of the three configurations.

The base drag coefficient was obtained from the difference between
the measured base pressure and the free-stream static pressure and was
algebraically subtracted from the measured total-drag coefficient to
obtain the net drag coefficient. The drag data measured at Mach numbers
greater than about 1.15 were corrected for buoyancy effects resulting
from longitudinal gradients in test section Mach number. The estimated
maximum errors in total-drag and base drag coefficients are +0.001 and
*0.0005, respectively. The general level of accuracy is believed to be
better than these limiting estimates.

RESULTS AND DISCUSSION

The basic drag characteristics at an angle of attack of 0° of the
three configurations tested are presented in figure 4 as a function of

SOWPIRRI
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Mach number. Presented are the total-drag coefficient, base drag coef-
ficient, and net drag coefficient, all based on the total wing area.

As was noted previously, the tests were made with roughness strips
to fix transition on the wing and fuselages, thereby eliminating the
possibility of changes in the viscous drag between the different config-
urations as a result of changes in the location of boundary-layer tran-
sition. The order of obtaining data points for each configuration
started with the lowest test Mach number and progressed to the highest
test Mach number. After the test Mach number range was covered, a check
point was taken at a subsonic Mach number to insure that the drag due
to the roughness particles had not changed during the tests. The check
points are noted by the flagged symbols on the data plots and indicate
that any change in drag due to roughness blewing off the model was well
within the accuracy of the tests.

The fairing of the drag-coefficient curves through the shock reflec-
tion interference range (1L.03 < My < 1.14) is purely arbitrary and hence
no valid comparison can be made of the drags in this range of Mach number.

Tor all of the configurations tested, the increase in drag coeffi-
cient between a Mach number of 0.85 and 1.2 is about 0.007, an indica-
tion that the general configuration was a fairly low pressure-drag form.

Comparison of the Drag Characteristics of the Streamline
Contoured and Axisymmetrically Indented Fuselages

A comparison of the net drag coefficient for the configuration
axisymmetrically indented according to the supersonic area rule and the
combination of supersonic area rule and streamline contoured configura-
tion is presented as figure 5. Inasmuch as the subsonic level of drag
coefficient for both configurations is nearly the same, the figure also
serves to show a comparison of the variation of pressure drag coeffi-
cient with Mach number for the two configurations.

Combining the streamline shape to the fuselage sides with the fuse-
lage area development obtained from application of the supersonic area
rule resulted in a reduction in pressure drag in the range of Mach num-
ber between about 1.2 and 1.4. The magnitude of the reduction for the
present case amounted to spproximately 0.002 in net drag coefficient or
about 25 percent of the total pressure drag rise. It is not clear from
the results of these tests why the maximum drag reduction occurred at a
Mach nunmber near 1.3 rather than at the design Mach number of 1.2. There
are a number of factors, however, that may have bearing on this result.
Among these are the growth of the boundary layer on the fuselage and
wing which may cause an appreciable change in the effective shape of

N
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the fuselage contour, the arbitrary fairing made of the fuselage shape
behind the wing trailing edge, and the three-dimensionsl effects of
the finite wing and fuselage on the pressures in the wing root which
were neglected in designing the streamline shape.

It is indicated that pressure-drag reductions greater than those
afforded by axisymmetrically indenting the fuselage according to the
principle of the supersonic area rule can be obtained by combining with
the. indentation according to the supersonic area rule a localized inden-
tation in the wing-fuselage Juncture in accordance with the streamline
flow over a sweptback wing of infinite span. It should be pointed out,
however, that the magnitude of the pressure-drag reductions attainable
by contouring the fuselage in accordance with the streamline shape would
depend upon the overall slenderness of the conflguration as well as on
the relative size of the fuselage and wing. It is probable that the
effectiveness of the streamline contouring in affording pressure-drag
reductions would decrease with respect to the effectiveness of the area-
rule indentation as the overall slenderness of the conflguration is
increased or the relative size of the fuselage is decreased.

A comparison of the variation of net drag coefficient with Mach
number for the configurations whose fuselages were axisymmetrically
indented according to the principles of supersonic and transonic ares
rule are presented in figure 6. The comparison shows the difference
in drag coefficient at any Mach number within the test range that may
be expected from the differences in fuselage design for a Mach number
of 1.0 (transonic area rule) and a Mach number of 1.2 (supersonic area
rule). Tt is indicated that, for the configuration tested, the config-
uration indented according to transonic area rule had a slightly lower
zero-1ift drag at Mach numbers near 1.0. At Mach numbers greater than
about 1.25, the drag of the Mach number 1.0 indented body increased
with Mach number such that the increase in drag coefficient above that
of the Mach number 1.2 indented body was about 0.003 at a Mach number
of 1.k, '

CONCLUDING REMARKS

Zero-l1lift drag measurement at Mach numbers from 0.8 to 1.L have
been made on & thin 45° sweptback wing of aspect ratio 4.0 in combination
with a fuselage of fineness ratio 9.2 to determine the change in pressure
drag of the configuration due to contouring the sides of the fuselage to
conform approximately to the streamline shape over a sweptback wing of
infinite span. The ratio of fuselage frontal area to wing plan form
area was 0.11.
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For the configurations investigated, pressure-drag reductions greater
than those obtained by an axisymmetrical indentation of the fuselage in
accordance with the principles of the supersonic area rule were obtained
at Mach numbers between 1.2 and 1.4t with a configuration having the same
longitudinal distribution of area and a localized fuselage contour in
the wing-root juncture shaped in accordance with- the streamline flow
over an infinite sweptback wing.

A comparison of the variation of zero-lift drag coefficient with
Mach number for the fuselage axisymmetrically indented according to the
supersonic area rule (designed for a Mach number of 1.2) with that of a
fuselage axisymmetrically indented according to the transonic area rule
(designed for a Mach number of 1.0) showed no large differences in drag
coefficient except for Mach numbers above 1.25 where the drag of the
body indented according to the transonic area rule became significantly
greater.

Langley Aeronautical laboratory,
National Advisory Committee for Aeronautics,
langley Field, Va., July 22, 1955.
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TABLE I

NACA RM IS5S5HOSa

DESIGN COORDINATES  FOR THE FUSELAGE INDENTED

ACCORDING TO THE SUPERSONIC AREA RULE

Body Body
station, radius,
X r

0.000 0.000
.050 .060
.100 .090
400 . 196
.800 .278

1.200 .340

2.000 4o

2.500 ho1

3. 000 .5%8

5.500 575

4.000 60k

4.800 631

5.200 .638

5.600 645

6.000 .651

6.400 .64

6.800 632

7.200 613

7.600 .597

8.000 .595

8.400 .59%

8.800 .591

9.200 .588

10.000 .593
10.800 .568
11.600 .525




TABLE II
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DESIGN COORDINATES FOR THE COMBINATION FUSELAGE

Body Body
station, radius,
x r Body cross-sectional view
0 s}
A 197
.8 .279
1.2 341
1.6 .30 Verticel center line —‘
2,0 RISR
2.0 483 3
2.8 .521 ¢« ——
3.2 2554 Y Horizontal center line
3.6 .582
.o en
L.y .619
%.8 .631
5.2 .638
5.6
6.0
6.4
6.8 See body
7.2 Cross- -
7.6 sectional
8.0 ordinates
8.
8.8
9.2
10.0 .593 2
10.8 .561
11.6 .520
Body cross-sectional ordinates
x = 5.6 x = 6.0 x = 6.4 x = 6.8 w x = 7.2 x = 7.6
2 y z Y z y z W y z y z y
0 0.650 0 0.665 0.650 ¢} 0.620 s} 0.590 ¢} 0.560
.1 .6u2 .1 657 .1 .6h2 .1 .613 .1 .583 .1 .554
.2 .617 .2 .631 .2 .617 .2 .590 .2 .562 .2 .5%5
.3 5Tk 3 .586 .3 .5Th .3 .5ho .3 .525 .3 .50L
A .507 R 517 B .506 b 487 A 468 R 450
.5 RH05) 5 411 .5 oy .5 393 .5 .382 .5 2373
55 2331 55 334 55 -329 =55 -325 55 322 55 321
.60 .224 .60 .221 .60 .e21 .60 .230 .60 .2%9 60 .251
.625 .135 .625 .123 .625 .131 .625 157 .625 .179 625 . 204
.636 .063 .636 0 .638 0 .638 .097 .638 37 638 173
639 o .6u6 [¢] .646 .103 646 151
.656 0 655 122
663 086
.671 [o}
x = 8.0 —‘ x = 8.4 x = 8.8 x = 9.2
z Y 2 b z y Z Y
0 0.560 0.565 o 0.578 0 0.594
.1 .55k W1 .558 .1 571 .1 .586
- .2 534 .2 .538 .2 .5h9 .2 .563
: .3 k99 .3 .502 .3 510 .3 .522
B b7 RN RN R RIG3Y b 461
.5 .368 .5 .365 .5 .360 .5 .356
S 55 313 55 307 55 .29 55 .282
1;? .60 .238 .60 .227 .60 .199 .60 .166
E .625 .187 .625 .169 .625 .120 .625 [¢]
g ! 638 .152 .638 .128 .636 .056
Y 46 126 646 .093 .639 0
655 087 655 o]
33 663 0
A S -
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TABLE IIT

NACA RM 155HO5a

DESIGN COORDINATES FOR THE FUSELAGE INDENTED

ACCORDING TO THE TRANSONIC AREA RULE

Body Body
station, radius,
X r
0.000 ‘0.000

.050 . 060

100 .090

oo .196

. 800 .279
1.200 341
1.600 L3904
2.000 A
2.400 483
2.800 .521
3,200 554
3.600 .582
4. 000 .60k
4 .L00 .619
4.800 .631
5.200 .638
5.600 .645
6.000 .651
6.400 L6LL
6.800 .633
7.200 622
7.600 .613
8.000 .609
8.400 .608
8.800 .608
9.200 .606
10. 000 .59%
10.800 .561
11.600 .520
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Figure l.- Diagrammatic sketch showing dimensions of the three configurations
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L-87742

Configuration indented according to supersonic area rule

L-87743

Combination configuration

L-8774L

Configuration indented according to transonic area rule

(a) Plan-view photographs.

Figure 2.- Plan view and three-quarter side view of the three wing-body
configurations tested.
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L-877L6

Configuration indented according to supersonic area rule

L-877L5

Combination configuration

S i

L-877L7

Configuration indented according to transonic area rule

(b) Side-view photographs.

A
F
)

Figure 2.- Concluded.
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Basic wing-body

M = 1.2 indented and combination configurations

; . y—Basic fuselage and M = 1.0 indented configurations
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Figure 3.- Longitudinal area developments of the configurations tested.
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'(a) Fuselage indented according to the supersonic area rule.

Figure k.- The variation of total-drag coefficient, base drag coefficient,
and net drag coefficient with Mach number for the three configurations
tested. a = 0°.
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Dp, and base drag coefficient, CDb

c

Total-drag coefficient,

Cp

Net drag coefficient,
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(b) Combination fuselage.

Figure 4.- Continued.
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Total-drag coefficient, CDI., and base drag coefficient, Coy

Cp

Net drag coefficient,
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(c¢) Fuselage indented according to the transonic area rule.

Figure 4.- Concluded.
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Free-stream Mach number, Mo

Figure 5.- A comparison of the variation of net drag coefficient with
Mach number for the combination fuselage configuration and fuselage
indented according to the supersonic area rule.
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Figure 6.- A comparison of the variation of net drag coefficient with
Mach number for the fuselage configurations indented according to
the supersonic and transconic area rules.

NACA - Langley Field, Va.



3 1176 01438 0639

TR




