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ADDITIONAL COMPARISONS BETWEEN COKPUTED ANDMFASURED 

TRANSONICDRAG-RISECOEJXFIC~ATZEROLIFT 

FORwIETG-BCDY-wicGcompIGuRATIoNs 

By George H. Holtiwsy 

Additional comparisons between ccmqruted wave-drag coefficients by 
the method of NACA RM A53El7 and measured values of drag rise fram sub- 
sonic to supersonic speeds at zero lift are presented. The effect of an 
afrfoil section modification was investigated for a w%ng plan form having 
45O of sweepback and an aspect ratio of 3. Comparisons for triangular 
wings of aspect ratios 2, 3, and4 indicate that- theory is valid for 
triangular ags with aspect ratios as large as 4 with airfoil sections 
as thick as 5 percent of the local chords. 

. 

The computing method of reference 1 has been effectively used to 
estimate the effect of fuselage alterations on zero-lift drag-rise coef- 
ficients at transonic speeds for w5ng-body-tail ccmibinations (refs. 2 
and 3)= This report m&es further comparisons of the theoretical comput- 
ing method with available experimental results, showing effects of wing 
plan-form changes, and the effect of an airfoil-section change on a wing 
of given plan form. 

INTRODWTION 

An indication of the effect of changes in w3ng plan form on the 
accuracy of the cvtfng method was Investigated by comparing measured 
drag-rise coefficients with calculated. values for three triasgular wings 
of aspect ratios 2, 3, and 4. The free-fall tests of these wings were 
with identical fuselage-tail canibinations snd covered a Mach number rsnge 
of 0.84 to 1.12. 

The effect of an airfoil-section change was investigated with a WLng 
plan form having 450 of sweepback, an aspect ratio of 3, and a taper ratio 
of 0.4. The object of this portion of the investigation was to determine 



. 
if the computing method can be used to predict small changes in drag-rise 
coefficients due to small changes in the ,model area distribution. The 
wing airfoil-section change consisted of increasIng the leading-edge a? 
radius and adding forward camber to improve the high lift characteristics 
at low speeds. These wings were tested (ref. 4) in the Ames 6- by 6-foot 
supersonic w3nd tunnel at high subsonic (M = 0.6 to 0.9) speeds and super- 
sonic (M = 1.2 to 1.9) speeds. 
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SYMBOLS 

aspect ratio 

coefficients defining the ,mag.nItude of the harmonics of a 
Fourier sine series 

zero-lift drag coefficient, drag at zero lift 
ss, 

zero-lift wave-drag coefffcient, 
theoret;z EE drag at 

as, 
zero-lift drag-rise above 

zero-lift drag-rise coefficient, subsonic level 
a? 

local chord ,measured parallel to plane of sytrmetry 

local chord of the design airfoil sections 

meanserodynamic chordofthetotalwing 

fuelage or body length 

free-stream Mach number 

number of terms or harmonics used in the Fourier sine eerie8 

a lmmnonic of the Fourier sine series 

free-stream dynamic pressure 

projection of S, onaplaneperpendicularto x axis 

are&s formed by cutting configurations uith planes 
perpendicular or oblique to the x axis 

derivative or slope of S curve8 as a function of x 

tot&l wing area. 

I 
I 

. 
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II. XtY,Z 

8 

7 

cp 

X 

f 

8 

distance meastmed from the nose of the model aLong the x s&s 

Cartesian coordinates as conventional body sxes 

angle between the z es and the intersection of the cutting 
planes X witk the yz plane 
(See ref. 1 for descriptive sketches and deteiled definitfons.) 

matimum wing thiclmess to chord mtio 

transfomnstion of the length x to radfans, arc co8 
6 - F) 

St series of psreLlel cutting planes tmgent to the Wch cone 
(At M = 1.0 these planes are pmpendiculer to the x s.xLa.) 

angle in the xy plane between the intercept of the cuttm 
planes X and the y axis, ezc tan (,/m COB ~9) 

MODEZSAKDTESTS 

T&angular-W-Models 

. 
ThethreetrQmgular wlnge of aspect ratios of 2, 3, end 4 w-e aIU 

tested with the same fuselage-tail combination. The detaF1-s of the models 
axe given ~flgmelandtable I. The equation in figure 1 for the furse- 
lage radii up to station X39.4 is for & fineness-ratio-12 Sears-Eaack body 
(~~L&mumdrag for grescribedvoltme andlength). Theradiifortheremin- 
ing portion of the fueelage we gfven Fn table I, 

. The aspect-ratio-4 wing had afrfoil sections (NACZ 0005 streanrwise) 
which were almost identical with the NACA 0005-63 sections used for the 
aspect-ratio-2 end -3 wings. Note further Ftable Ithatthewingareas 
were essentiaUy equal (30 sq et) tith different mes.u eerodynmk chords 
of 5.19, 4.3, and 3.66 feet for the wings hadng aspect ratios of 2, 3, 
end 4, respectively. 

The experimental investigations were conductedbgthe free-f&l 
recovera.ble-model technique. The teats of these wfngs ham been reported. 
fully in references 5, 6, and 7. The tests covered the M&h number range 
from 0.86 to 1.12 with corresponding Reynolds numbers of about l,~O,COO 

000 for the meen aerodymmic to 3,OOO,OOO peg foot (~,X>O,OOO to 16,500 
chord of the wxtng with an aspect retie of 2, l 

The estinaated accuracy of the measurement of the dxsg coefficients 
for the trimgulax =t=@- CD = fO.OO1 which includes & 2-percent error 
in dynamic pressure, Q due to the possible error in &ch number of 
M= kO.01. 
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Swept-W- Models 

Two swept-wing models were tested (ref. 4) to determine the effect e 

of an airfoil section motification. The basic swept-wing model is shown 
in figure 2, with a sketch of the lead--edge modification which was 
tested on the second model. The local chords were increased appromtely 
2 percent by the modification. The fuselage, imlding the cut-off portion 
(fig. 2), is for a Sears-Has& type body having a fineness ratio of 12.5. 

The basic wing had an aspect ratio of 3, a lead&g-edge sweep of 4?, 
a taper ratio of 0.4, and NACA 64~006 airfo-ll sections perpendicular to 
their own quarter-chordline. The wfng plan-form area was 2.43 square 
feet and the mean aerodyna&c chord was 0.956 feet. 

The modified wing had a leading-edge sweep angle of 45.3O and modified 
airfoil sections as indicated by the ordinates listed in table II along 
with the corresponding ordinates of the basic wLng. The change in wing 
profile consisted of an increased leadingledge radius with some camber 
added to the forward portion of the airfoil sections. The modified 
ordinates extended reerwsrd to 4.0 percent of the local chords, c*, of 
the basic airfoil sections. 

The tests and experimental procedures are reported ti detail ti 
reference 4 for these swept-wing models. The tests pertinent to this 
report were obtained in the 6- by &foot wind tunnel at a Reynolds nuder 
of 2,900,OOO based on the mean aerodynamic chord of the basic wing. The 
subsonic tests ranged from M = 0.6.to 0.9; the supersonic teste from 
M = 1.2 to 1.9. 

RFSULTS AND DISCUSSION 

Available ~erimental data on three wing plan forms having aspect 
ratios of 2, 3, and 4 enabled a comparison to be made with theoretical 
computations in order to further assess the range of applicability of the 
theory. 

coulputations.- The c(zunpu.tations of wave-drag coefficients for these 
models were performed in the same manner, tith the same cutting planes, 
as the examples given in reference 1. This discussion is concerned 
primarily with the effectiveness of the 24 haxmonice of a, Fourier sine 
series in satisfactortiy representing the slopes of the szea-distribution 
curves. Prior to obtaining the slopes of,the area curves, the wzLng volumes 
for each cutting angle were checked to ewure that the volumes for each 
King were equal to the irrtegrated area of.the wing area distributions 
shown in figure 3. 

4 
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N The de@yee of convergence of the Fourier coefficients ti the summation 

? c an= used in the calculation of the theoretical dreg coefficients . 
ll=3. 
was checked as was done 3n reference 8, and the results are shown in 
figure 4 for the three triangul~ wings. Dsta points sre shown for the 
five cutting angles fn the xy plane of &= oO, 8.1’, 1r.4O, r7.8O, and 
28.p. As dziscussed in reference 1, the cwutation of the drag coeffi- 
cients at M = 1.00 used only the final summation (N = 24) for I# = O", 
but the M = 1.14 computation, for example, used ell five foal summations. 
For eachwingthe T# = O" (M = 1.00) c-e shows a lack of convergence, 
and perhaps alarger number of terms shouLdbe used,althoughthds would 
tendto increasethetheoretica3 dragandthe disagreementnormslly 
obtained&t& Machnumber of1.00 betweentheoryand experiment. 

A more direct evaluation of the effectiveness of the 24 terms of 
the Fourier series, in representing the original ma&be-computed slopes 
of the area-distribution curves, was obtained by checking the slope curves 
by utilizing the equation: 

24 

S'(x) = 
T 

An sin ncp 
& 

where the values of An are those computed 3x1 determining the wave drag. 
An example of this procedure is shown fn figure 5, where the slope curvee 
for the aspect-ratio-3 wing were satisfsctorfiy checked. As might be 
expected from-the discussion on convergence, the sharp peak of the 
$r = O" (M = 1.00) curve is not matched by the 24-term solution. 

The results of the theoretical calculations for the trfangulsr-wing 
models are shown in figure 6, and as would be expected the higher aspect I ratfo wings sUo have the higher wave drag. 

Comparison of theory with experiment.- The results of the experLments 
and computstions for the three triangular-wing models are cou~ared in 
figure 7. For the aspect-ratfo-2 and -3 wings (figs. 7(a) and T(b)), the 
computations predicted the drag-rise coefficients at supersonic speeds 
exceptionally well. For these two wings the affferences between the 
csLculateds.ndexperLmental values are generally less than 5 percent, end 
actuaSl.y are less than the experimental scatter. 

The comparison for the aspect-ratio-4 wing is made in figure 7(c). 
The data points indicated by circles were obtained during osciuating 
flight end were -used Q.-the original comparison with theory for this wing 
(ref. 1). Subsequent experLments and detailed inspection of photographs 
of the model in flight proved that the originsL data were not for a clean 
configuration. The photo@Tephs showed that the resr hanger used to support 
the model had notretracted (see fig.. 8). The new subsonic drag coef- ’ 
ficienta are now in weement with values for the aspect-ratio-2 end -3 
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wings, end the new comparison between experiment and theory is consistent 
with the other tests of reference 1 in that the theory is somewhat low at 
supersonic speeds. In this case the maximum deviation of the theory 
occurs at M = 1.12 and is &bout 12 percent, which is well within the 

' 20-percent value stated in reference 1. It is interesting to note that, 
although reference 9 suggests a velue of; A(T)~/~ of unity &s the limit 
of applicability of the srea rule (ref. 10) for rectangular wings, this 
triangular wing has a value of A(. equal to 1.47 and the theory is 
still applicable. 

Compsrison of emerimental results.- Of interest, although of second- 
ary importance to this report, is s comparison between the experimental 
results for the wings of different aspect ratios (fig. 9). As was men- 
tioned previously, all three models hsve~similar drag coefficients at 
subsonic speeds. The apparent progressive- increase in the drag-divergence 
Mach number with increasing aspect ratio would not be generally expected 
due to the decrease in leading-edge-sweep sngle with increased aspect 
ratio. However, for most swept wings without bodies, the critical pressure 
coefficient occurs first on the root airfoil section (ref. XL). Mounting 
swept wings on a body of.finite, but notinfinite, radius decreaees these 
distortion velocities (e.g., ref. 12). In the c&se of this report, the 
wing-body interference might cause the increase in drag-divergence Mach 
number with increased aspect ratio. Further analysis and investigation 
are required before eny definite conclusions are drawn. 

Swept-Wing Models 

This section of the discussion is concerned with the eveluation of 
the computing .method for estimating drag~chsnges due to relatively minor 
profile changes. For both the basic and:modified airfoil sections the 
rounded noses (fig. 2) result in srea distribution curves which have 
infinite slopes when the cutting plane8 are wallel to the wing leading 
cage. Thus for this wing plan form and &sch number8 equal to fi or 
greater, linear theory, on which the computm method is based, is ba'si- 
celly unsuited for computing the effect of small changes in leading-edge 
radius, bemuse a rigorous application of the theory will give.absurd 
answers (infinite wave drags). However, #revious experience with subsonic 
leading edges has shown that computations limited to 24 -nice smooth 
out slight discontinuiies in the area-distribution curve. Thus, itwould 
be of interest to apply the computing method for the entire range of test 
Mach numbers and determine the shape of the sherpened airfoil sections 
defined by the 2kterm solution at the higher Mach numbers. The computa- 
tions s.nd comparisons above e Mach number of fi would strictly apply only 
for the sharpened (both basic snd modified) airfoil sections. 

computations.- Detcils of these computations are somewhat different 
than those of reference 1; therefore, souie explanation of the procedures 
psed is desirable. A Mach number of 1.5 Was selected for the example 
'computation. 

- 
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The compu-ktions were m&e from the area distributions determined 
for the low-speed?uod& (ref. 4) which w-ill be referred to es the "full== 
scale" model in this report. Presented in figure 10 are the full.-scale- - 
model area distributions used in the computation of the wnve-drag coef- 
ficients for a B&ch nmber of 1.5. These sree distributions were 
determined for cutting planes ti only one q uadrant of 8 because of the 
symmetry of the model, end thus only five cuts were made at equal 22.9 
increments of 8. The corresponding intercept engles (q) in the my 
plane were O", 23.20, 38.4O, 46.0°, and 48.2 . The $ = O" cut w&s also 
used to compute the wave drag at M 
q = o", 23.2O, 

= 1.0, and the cutting angles of 
and 38.4“were also used to estimab the wave drag at 

M = 1.28. To estimate the wave drag at a Mach number of 1.9 an additional 
cut was ,mcde for q = 58.25O end-this srea cxn=ve(fig.ll)wssusedtith 
the curves obtained for the M = 1.5 computstion converted to new sngles 
of 8. 

N 
The desee of convergence of the summation 

c 
an2 ISShOWlfn 

n=l 
figure l2 for the basic snd modified xings for the ffve cutting angles 
for Ikch number 1.5. Reasonable convergence of the series for the 24 
terms is indicated for the three smsller cuttdng engles, end the solution 
probably is v&lid (see ref. 8). As was expected, paxticuhrly for the 
modifiedwing, the series for the f = 460 end Jr = 48.2' cuts (sy+r- 
sonic leeding edges) show rather slow conver gence (fig. 12(b)) and dndicste 
that the solution is questionable. 

The validity of the computations was FnvestigstedbgmakJng check 
solutions of the slope curves of the area distributions. As before, the 

.checkpoin-ts were computed framthe An values derived in-the drag compu- 
tations * The limiting of the solution to 24 terms resulted fn little 
smoothing of the S*(x) curves for the M&h number 1.00 cuts for these 
*gs (fig. 13(a)). Onthe other hsnd,24terms didnotdefti the shsrp 
peeks of the $ = 460 cuts for both wings (fig. 13(b)). Thus the 2kkrm 
solutions for Mach numbers greater than the fi ere not for rounded airfoil 
sections but for wWgs with sharp l-ding edges of the type shown fn 
figurel&f~ *=46O. These nose fairinga are rsqtired prZmarfly for 
cuts near the sweep sngle of the xlng leed3ng edge, and the effects of 
these fairings (slight volume change) are relatively au&l. at other cutting 
angles. 

24 
The values of 

c 
2 tin wereplotiedagainat 8 as showninfigure 

n=3. 
15 and the ereas under the c-es were dnte@xxtedto obteinthe wave-drag 
coefficients: . 
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for the two wings. This figure illustrates the large peak values of the 
summation which occur when the cutting planes are parallel to the wing 

-leading edge. Slight rounding of the peaks produces very little change 
in the integated area. In spite of these difficulties in the M = 1.5 
computation, at each value of B the summation for the modified wing 
(with a sharp leading edge, fig. 14) is greater than that for the basic 
wing and there is no question as to the lower theoretical drag of the 
basic wing. For higher Mach numbers such as the. M = 1.9 computation, 
the fairing toward the peaks covers a smaller range of B. 

Although the sting-mounted models did not have complete Sears-Haack 
bodies (fig. 10(a)), in the computations'they were initially considered 
to have such; then the forebody wave-drag coefficients were estimated by 
subtracting a correction of 0.0004. This correction was determined from 
the difference between the computed wave-drag coefficients for the complete 
fuselage and the computed forebody coefficients for the cut-off fuselage. 

cDo’ (SWB-&Ck body) - CD,'(CUt-off Sears-Eaack forebody) 
= 0.0036 - 0.0032 

The wave-drag coefficient of the cut-off,Sears-Haack body was computed 
as follows: The area curve of the cut-off b"py,was divided into two parte 
by plotting the area distribution of a Van Karman ogive with its infinite 4 
cylinder having a cross-sectional area e&ual to the base area of$h? cut- -. 
off Sears-Eaack body. To the wave-drag coefficient of the van K&man m 
ogive was added a computed (method of ref. 1) coefficient for the second 
part of the area-distribution curve for the cut-off Sears-Haack body. It 
was necessary to alter slightly this second or remaining area distribution 
to produce zero slope at the point of cut-off. This approximation was 
felt to be justified since the total correction was small. 

Comparison of theory with experiment.- Figure 16 presents the experi- 
mental zero-lift drag coefficients f&m wind-tunnel data for the swept-wing 
models with the computed wave-drag coefficients added to the subsonic level 
of the experimental data. The coefficients are all forebody values and, 
as described previously, the theoreticalvalues (based only on area distri- 
butions, no evaluation of the slight camber) were computed at Mach numbers 
of 1.00, 1.28, 1.5O-snd 1.9. The computations for M = 1.50 and M = 1.90 
are for -the sharp-nose sections of figure 14. The difference between 
computed and experimental values of the drag-rise coefficients for the 
basic wing were generally less than 20 percent of the experimental valuee 
for the supersonic Mach numbers of 1.2 to 1.9. Comparable agreement for 
the modified wing occurred from Mach numbers of 1.2 to 1.5. 

The difference in drag-rise coefficients between the basic and modi- 
fled wings as indicated by theory (sharp-nose sections) and experiment is 
influenced by the difference in camber. The effect of the slight camber r 
was estimated, using an equivalent flap &xl the procedures of reference 13 
(applicable to wings with supersonic leading edges). Mach numbers of 1.5 
and 1.9 were selected to illustrate the added drag rise of the modified 
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King over the basic wing as shown Fn figure 17. The agreement between 
theory and expertient at M = 1.5 is better than might be expected with 

i - the assumptions involved. At a Mach number of I.9 the theory under- 
estimated the increase in drag-rise coefficient due to the modification, 
but the theory did showan increase andthepercatage increase is very 
sidlar to the percentage increase in the experTmental dues. This graph 
also illustrates the unresolved problem that the experimental drag coef- 
ficients increased from M = 1.5 to 1.9, whereas all components of the 
theoretical values, includdng the effect of camber, decreased. 

CONCLUDING REMARKS 

A f'urther~evaluation has been made of the theoretfcal cmputing method 
of reference 1 for predicting zero-lift wave-drag coefficients. The cases 
emed were three triangular-wing models of aspect ratios 2, 3, and 4, 
and a basic and a modified atifoil section on a wing plan form hav3ng 450 
of sweepback. 

L 

L 

The computing method is apparently valid for triangular wings with 
aspect ratios as Uge as 4 with an airfoIl. section 5 percent thick. For 
the triangular-m models tested, 24 harmonics of a Fourier sine series 
were adequate to represent the slope curves of the model area distributions 
and hence to compute the wave-drag coefficients. !I!he errors of prediction 
in each case were considerably less than the 20-percent value stated in 
reference 1. . 

I-. 1 _I 
The basic theory is fraapplicable to area dia-tributions which have 

extreme slopes or an extreme discontinuity in slope, both of which occurred 
for the swept-wing models at Mach numbers above-l.&. The computing method 
smoothed the area distributions and qualitatively predicted at sll Mach 
numbers the increase in wave drag for the relatively minor profee change. 
For supersonic speeds up to M = 1.5, the quantitative predictions of the 
drag-rise coefficients for the swept-ufng.models were again within 20 per- 
cent of the experimental. values. 

Ames Aeronautical Laboratory 
National Adtisory Connnitiee for Aeronautics 

Moffett Field, Calif., June 6, 1955 
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TABLE I.- DIMEXSIONS OF TRIANCXlLARWIfGMODELS 

Aspect ratio . . . . . . . . . . . . . . . . . 
30.; 

4 
Area,sqft . . . . . . . . . . . . . . . . . jl.2 30.0 
Meanaerodynamic chord, ft.. . . . . . . . . 5.19 4.y. 3.66 
Airfoil sections, NACA streamwiee . . . . . . 0005-63 0~~15-63 0005 

uselage 
Fineness ratio . . . . . :. . . . . . . . . . . . . . . . . . 12.4 
Maxi.mumdiameter,in. . . . . . . . . . . . . . ..o-==- 17*0 
NosebomdLameter, In. . . . . m . . . . . . . . . . . . . . 1.9 
Fuselage radii at stations behind the theoretical ord5nates 

Fuselage station Inches 

14-o .o 7.23 
150.0 7.10 
160.0 6.60 
165.0 6.34 
189 -6 5.10 
195.6 4.50 

3.20 
2.30 
0 

orizontal-tafl eurfaces 
Area,sqf% . . . . . . . . . . . . . . . . . . . . . . . . . 
Aspectratio......................... 
Taper ratio t . . . . . . . . . * . . :. * . . . . . . . . . 0.2 
Airfoil. section, streamwise . . . . . . . . +' . . . . . NACA 65-006 
Sweep of streamwise 0.25 chord, deg . .-,. . . . . . . . . . . 45.0 

'ertical-tail surfaces 
Area,sqft . . . . . . . . . . ..m............ 3.1 
Aspect ratio. . . . . . . . . . . . . . . . . . . . . . . . . 5.1 
Taper ratio . . . . . . . . . . . . . . . . . . . . . . . . . 0.22 
Airfoil section, perpendicular to the line of their 

OWN 0.25--a0rd~ (cr/4) . . . . . . . . . . . . . . . . NACA 65i-d&o; 
Sweep of cr/4 Line, deg . . . . . . . . . . . . . . . . . . . . 
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TABLE II.- COORDI!NU!ES OF 'PHE A-IL SEtX!IOlVS USED FOR THE 45' SWEPT WtiG 
[All coordinates are referred to the chord of the NACA 64AOO6 section, and 
are in term of percent of that chord. AEiteriaka indicate ordinates that 
are identical to those of the NACA 64AOO6 section. 
dicular to the 39.45' bweep line (cl/k).] 

Sections are perpen- 

Basic sections Ordtit&s of-modified eectiom 
Station 

6t%6 Upper surface Lower surface 
ordinate 

-1.50 -1.38 -1.38 
-1.25 -0.60 -2.065 
-1.00 -0.34 -2.315 
-0.75 -0.145 -2.49 
-0.25 0.16 -2.75 

0.00 0 0.29 -2.855 
0.25 o-395 -2*955 
0.50 .485 0.49 -3.04 
0.75 
1.25 :g 

P -3.10 
-3.22 

2.5 1.016 -3.405 
5-o 1.399 -3.a5 
7.5 1.684 -3.70 

10 1.919 -3.74 
15 2.283 -3e655 
20 2.557 -3.445 
25 2.757 -3.245 

i”5 2.977 2.896 -3.105 -3.m5 
t”5 2.999 2.945 -3.oao * 
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(a) Aspect-ratio-2 wing. 

FQura I.- Models with triangular wings. All three models are identlcal’except 
for the wing. 



Wlnn airfoil section: NACA 0005-63 (stmmlBe) 
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(b) AapeCt-ratio-3 wing. 

Figure l.- Continued. 
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(c) Aspeot-ratio-4 wing. 

Bigure l.- Concluded. 
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Figure 2.- Swept-wing model. 
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Figure 3, - Cross-sectional area dlstrlbutIons for the triangular-wfng models. 
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(a) Aspect-ratio-2 wing. 

Figure 4.- Variation of Z nAn2 with N for the t;rIangular-wing models for 
n=1 cutting angle6. 
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(b) Aspect-ratio-3 wing. 

Figure 4.- Continued. 
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(c) Aspect-ratio-4 wing. 

Figure 4.- Concluded. 
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Figure 5.- Check of the effectiveness of 
the Fourier sine serfes (24 terms) to 
curves of S'(x) used in the wave-drag 
the aspect-ratio-3 triangular wing. 
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(b) Cutting planes for $=11.&O and 17.8’. 

Figure 5.- Continued. 
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Figure 5.- Concluded. 
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Figure 6.- Theoretical results for the triangular wings by the method of 
reference 1. 
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Figure 7.- Comparison of experimental zero-lift drag coefficients for each tri- 
angula wing with computed wave-drag coefficients added to the subsonic level 
of the experimental data. 
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(b) Aspect-ratio-3 wing. 

Plgure 7.- Continued. 
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(c) Aspect-ratio-4 wing. 

Flgwe 7.- Concluded. 
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Figure 8.- Aspect-ratio-4 triangular-wing model in flight with protruding hanger. 
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Figure IO.- Area distributions for the basic and modified swept-whg, full-scale 
models for a Mach number of 1.5. 
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Plgure lo.- Continued. 
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Figure 11.- Area distributions for the basic and modified swept-wing full-scale 
models for a Mach number of 1.9 (8=O”, Ir(~58.25 ). 
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N Figure 12.- Variation of C nAn2 with N for the swept-wing 
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models for five cutting angles for a Mach number of 1.5. 
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Figure 12.- Concluded. 
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Figure 13.- Check of the effectiveness of the solution of 
the Fourier sine series (24 terms) to represent the 
curves of S'(x) used in the wave-drag calculations for 
the swept-wing models. 
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Figure 13 ..- Concluded. 
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Figure 14.- ISquivalent leading edges effectively added to the airfoil sectIons is 
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Fourier sine series (for Mb&). h 

2 cn 



6K 
NACA FM ~55~06 41 

1600 
l 

1400 

1200 

1000 

600 

400 

200 

0 

rh I I 

I I t I I I 
I 

I 
t 

I I I I I 1 I II 

e-go0 

I 

M Basic win@;, ~=1.28 
- D----O Basic wing, M-1.50 

ModFfied wing, ~-1.28 
Modified wing, ~-1.50 

.4 .8 1.2 1.6 

0, radians 

Figure 15.~ Plot of the wave-drag parameter F nAn2 showing 
the peaks caused by cutting planes which g; parallel to 
the wing leading edge. 
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Figuzre 16.- Comparison of experimental zero-lift drag coefficients for the awept- 
wing tunnel models wlth computed wave-drag coefficients added to the subsonic 
level of the experimental data. 
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of the basic and modified swept-wing models including a 
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