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ADDITTONAT, COMPARTISONS BETWEEN COMPUTED AND MEASURED
TRANSONIC DRAG-RISE COEFFICIENTS AT ZERO LIFT
FOR WING-BODY-TATT, CONFIGURATIONS

By George H. Holdeway
SUMMARY

Additional comparisons between computed weve-drag coefficlents by
the method of NACA RM A53HLT and measured values of drag rise from sub-
sonic to supersonic speeds at zero 1lift are presented., The effect of an
airfoil section modificstlon was investigated for a wing plan form having
450 of sweepback and sn aspect ratio of 3. Comparisons for triangular
wings of aspect ratiocs 2, 3, and 4 indicate that the theory is valid for
trisngular wings with aspect ratios as large as 4 with alrfoil sections
as thick gs 5 percent of the local chords.

INTRODUCTION

The computing method of reference 1 has been effectively used to
estimate the effect of fuselage alterstions on zero-lift drag-rise coef-
ficients at transonic speeds for wing-body-tall combinstions (refs. 2
and 3). This report mskes further comparisons of the theoreticsl comput-
Ing method with available experimental results, showing effects of wing
plan-form changes, and the effect of an airfoil-section change on a wing
of given plsn form.

An indication of the effect of changes in wing plen form on the
accuracy of the camputing method was investigated by comparing measured
drag-rise coefficients with calculated values for three triangnlsar wings
of aspect ratios 2, 3, end 4. The free-fall teste of these wings were
with identical fuselsge-tail combinsiions and covered s Mach nuwber range
of 0.8k to l.12.

The effect of an airfoil-section change was investigsted with a wing
plan form having 450 of sweepback, an aspect ratio of 3, and a taper ratio
of 0.k. The object of this portion of the investigatlon was to determine
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1f the computing method can be used to predict small changes in drag~rise

coefficients due to small changes in the model ares distribution.
wing sirfoil-section change consisted of increasing the leading-edge

radius and adding forward camber to improve the high 1ift characteristics
at low speeds. These wings were tested (ref. 4) in the Ames 6~ by 6~foot
gupersonic wind tunnel at high subsonic (M = 0.6 to 0.9) speeds and super-

sonic (M = 1.2 to 1.9) speeds.

B =2 =

0

SYMBOLS

aspect ratio

coefficlents defining the magnitude of the harmonics of a
Fourier sine series :

zero=11ft drag coeffilclent, drag 8t zero 11f%

aSw
theoretical wave drag at
zero=-11ft wave-drag coefficient, zer:siéft

zero=1lift drag-rise above
gubsonic level

locel chord measured parallel to plane of symmetry

zero=~11ft drag-rise coefflcient,

local chord of the design airfoil sections
mean serodynamic chord of the total wing
fuselage or body length

free~gtream Mach number

number of terms or harmonics used in the Fourler sine series

& harmonic of the Fourier sine series
free~stream dynamic pressure
projection of Sz on a plane perpendicular to x axis

areas formed by cutitling configurations with planes
perpendicular or oblique to the x axis

derivatlve or slope of S curves as a function of x

total wing ares

The
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x distance measured fram the nose of the model along the x axis
X,¥,% Carteslisn coordinates as conventlonal body axes
] angle between the 2z axis and the intersectlon of the cutiing

planes X with the yz plane
(See ref. 1 for descriptive sketches and detailed definltions.)

T maximm wing thickmess to chord ratio
@ transformation of the length x +to radiens, arc cos (l - —%)

& serles of parallel cutting planes bangent to the Mach cone
(At M = 1.0 +these planes are perpendicular to the x axis.)

¥ angle in the Xy plane bebtween the intercept of the cubtting
planes X and the y axis, arc tan (VM= 1 coe 8)

ALATITIT O AT

MODELS AND TESTS

Triangular-Wing Models

The three triangulsr wings of aspect ratios of 2, 3, and L were 811
tested with the same fuselage~tail combinstion. The deballs of the models
are given in figure 1 and itsble I. The equation in figure 1 for the fuse-
lage radii up to station 139.4 is for a fineness-ratio-12 Sears-Haack body
(minimm drag for prescribed volume and length). The radii for the remain-
ing portion of the fuselage are given in taeble I. '

The aspect=ratio=i wing had airfoil sections (NACA 0005 streamwlise)
which were almogt identical with the NACA 0005=63 sectlons used for the
agpect=ratio-2 and «3 wings. Note further if table I that the wing areas
were essentially equal (30 sq Pt) with different mean serodynamic chords
of 5.19, k.31, and 3.66 feet for the wings baving aspect ratios of 2, 3,
and 4, respectively.

The experimentsal Investigatlions were conducted by the free=fall
recoverable-model technique. The tests of these wings have been reported
fully in references 5, 6, and 7. The tests covered the Mach number range
from 0.86 to 1.12 with corresponding Reynolds numbers of sbout 1,500,000
to 3,000,000 peir Foot (8 200,000 to 16,500,000 for the meen a.erodynamic
chord. of the wing with an a.spect ratio of fb)

The estimated accuracy of the measurement of the dreg coefficients
Por the triangular wings was Cp = 0.001 which includes a 2=-percent error
in dynamic pressure, q, d.ue to the possible error in Mach nmumber of
M = 0,01,
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Swept=Wing Models

Two sweptewing models were tested (ref. 4) to determine the effect
of an airfoll section modification. The basic swept-wing model is shown
in figure 2, with a sketch of the leadlng-edge modification which was
tested on the second model. The local chords were incressed approximately
2 percent by the modification. The fuselage, including the cut-off portion
(fig. 2), is for a Sears-Haack type body having a fineness ratio of 12.5.

The basic wing had an aspect ratio of 3, a leading-edge sweep of 45°,
a ‘taper ratioc of 0.4, snd NACA 644006 ailrfoil sections perpendicular to
thelr own quarter-chord line. The wing plan-form ares was 2.43 square
feet and the mean aerodynamlc chord was 0.956 feet.

The modified wing had a leading-edge sweep angle of 45.3° and modified
airfoil sectlons as indlcated by the ordinstes listed in table ITI along
with the corresponding ordinates of the basic wing. The change in wing
profile consisted of an increased lesding~-edge radius with some camber
added to the forward portion of the alrfoll sectiong. The modified
ordinates extended rearward to 40 percent of the local chords, c', of
the basic airfoil sectlions.

The tests and experimentel procedures are reported in detail in
reference 4 for these swepb-wing models. The tests pertinent to this
report were obtalned in the 6~ by 6~foot wind tunnel at a Reynolds mumber
of 2,900,000 based on the mean aerodynamic chord of the baslc wing. The
subsonic tests ranged from M = 0.6 to 0.9; the supersonic tests from
M=1.2 to 1.9.

RESULTS AND DISCUSSION

Triangular-Wing Models

Aveillable experimental data on three wing plan forms having aspect
ratios of 2, 3, and 4 enabled a comparison to be made with theoretical
compubations in order to further assess the range of applicabllity of the
theory. ’ -

Computatlons .~ The computations of wave-drag coefficlents for these
models were performed in the same manner, with the same cubting planes,
as the exsuples glven 1In reference 1. This discussion is concerned
primerily with the effectiveness of the 24 harmonics of & Fouriler sine
series 1n satisfactorily representing the slopes of the area=distributlan
curves. Prior to obtaining the slopes of. the area curves, the wing volumes
for each cutting angle were checked to ensure that the volumes for each
wing were equal to the integrated area of the wing area distributions

shown in figure 3. )
L
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N The degree of convergence of the Fourler coefficlents In the summation

Z nA,® used in the calculation of the theoretical drag coefficients
=3
wes checked as was done in reference 8, and the results are shown in
figure 4 for the three triangular wings. Deta po:Ln'bs are shown :Eor 'the
five cutting angles in the xy plane of ¥ = 0°, 8.1° , 11.4°, 17.8°,
28.7°. As discussed in reference 1, the computation of the dra.g coeffi-
cients at M = 1.00 used only the £inel sumation (W =24) for ¥ =
but the M = 1.14§ computation, for example, used all five final smnma.tlons.
For each wing the ¥ = 0° (M = 1.00) curve shows a lack of convergence,
and perhaps a larger number of terms should be used, although this would
tend to increase the theoretical drag and the disagreement normally
obtained at a Mach mumber of 1.00 between theory and experiment.

A wore direct evelustion of the effectiveness of the 24 terms of
the Pourler series, in representing the originsl machine~computed slopes
of the ares~distribution curves, was obtained by checking the slope curves
by utilizing the equation: oa

St (x) =z‘ An sin ng
n=i
where the values of An are those computed in determining the wave drag.
An example of this procedure is shown in figure 5, where the slope curves
for the aspect-ratio=3 wing were satlisfactorily checked. A4s mighit be
expected from the discusslon on convergence, the sharp peak of +the
¥ = 0° (M = 1.00) curve is not matched by the 2h-term solubion.

The results of the theoretical calculations for the trisngular-wing
models are shown in figure 6, and as would be expected the higher aspect
ratio wings slso have the higher wave drag.

Comparison of theory with experiment.- The results of the experiments
and computations for the three triangular-wing models are compared in
figure T. For the aspect-ratio-2 and =3 wings (figs. 7(a)} and (b)), the
computations predicted the drag-rise coefficients at supersonlc speeds
exceptionally well. For these two wings the differences between the
calculated and experimentsl values are generally less than 5 percent, and
actually are less than the experimental scatber.

The comparison for the aspect-ratio~k wing is made in figure T(c).
The data pointes indicated by circles were obtained during oscillating
flight and were used in the original comparison with theory for this wing
(ref. 1). Subsequent experiments and detailed inspection of photographs
of the model in flight proved that the origlnal data were not for a clean
configuration. The photographs showed that the rear hanger used to support
the model had not retracted (see fig,. 8). The new subsonic drag coef=-
ficlents are now in sgreement wlth values for the aspeéct~ratio=2 and =3
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wings, and the new comparison between experiment and theory is consistent
with the other tests of reference 1 in that the theory is somewhat low at
supersonic speeds. In thils case the maximum deviation of the theory
occurs at M = 1.12 and is sbout 12 percent, which is well wilthin the
20~-percent. value stated in reference 1. It is interesting to note that,
although reference 9 suggests a value of. A(T)Y/3 of unity as the limit
of applicability of the area rule (ref. 10) for rectangular wings, this
triangular wing has a value of A(T)3 2 equal to 1.47 and the theory is
still applicable.

Comparison of experimental results.- Of interest, although of second~
ary importance to this report, 1s a coumparison between the experimental
results for the wings of different aspect ratios (fig. 9). As was men~
tioned previously, all three models have similar drag coefflclents at
subsonic speeds. The apparent progressive lncrease in the drag-divergence
Mach number with increasing aspect ratio would not be generally expected
due to the decrease in leading-edge~sweep angle with Increased aspect
ratio. However, for most swept wings without bodles, the critical pressure
coefficient occurs first on the root alrfoil section (ref. 11). Mounting
swept wings on a body of finite, but not infinite, radius decreases these
distortlon velocities (e.g., ref. 12). In the case of this report, the
wing~body interference might cause the increase in drag-dlvergence Mach
number with incressed aspect ratlo. Further analysis and investigation
are reguired before any definite concluslons are drawn.

Swept~Wing Models

Thie section of the discussion is concerned with the evaluation of
the computing method for estimating drag changes due to relatively minor
profile changes. For both the basic and modified alrfoil sections the
rounded noses (fig. 2) result in area distribution curves which have
infinite slopes when the cutting planes are parallel to the wing leading
edge. Thus for this wing plan form and Mach mmbers equal to N2 or
greater, linear theory, on which the computing method is based, is basi~
cally unsulted for computing the effect of small changes in leading-edge
radius, because a rigorous application of the theory will give absurd
answers (infinite wave drags). However, previous experience with subsonic
leading edges has shown thet computations limited to 24 harmonics smooth
out slight discontinuities in the area~dlstribution curve. Thus, 1t would
be of interest to apply the computing method for the entire range of test
Mach numbers and determine the shape of the sharpened airfoll sectlons
defined by the 2i=term solution at the higher Mach numbers. The computa-
tlons and comparisons above a Mach number of N2 would strictly apply only
for the sharpened (both basic and modified) airfoill sections.

Coumputations.- Detalls of these compubations are somewhat different
than those of reference 1; therefore, some explanation of the procedures
used iz desireble. A Mach number of 1.5 was selected for the example

E:omputation. —




NACA RM A55FO6 S T

The computations were made from the aree distribubtlons determined
for the low-speed model (ref. L) which will be referred to as the "full-
gscale"” model in this report. Presented in figure 10 are the full-scale-
model area distributlons used in the computation of the wave-drag coef-
ficients for a Mach gumber of 1.5. These area distribullons were
determined for cutting planes in only one quadrant of & Dbecause of the
symnetry of the model, and thus only five cuts were made at equal 22.5°
increments of 6. The corresponding intercept angles (¥) in the =y
plane were 0%, 23.2°%, 38.4°, 46.0°, and 48.2°. The ¥ = O° cut was also
used to compute the wave drag at M = 1.0, and the cubtbting angles of
¥ = 0%, 23.2°, and 38.4° were also used to esitimate the wave drag at
M =1.28. To estimate the wave drag at & Mach number of 1.9 an additional
cut was made for ¥ = 58.25° and this area curve (fig. 11) wes used with
the curves cobtained for the M = 1.5 compubation converted to new angles
of 6.

N
The degree of convergence of the sumation Z nAnZ is shown in

n=3
figure 12 for the basic and modifled wings for the five cutting angles
for Mach nmumber 1.5. Reasonsble convergence of the series Ffor the 24
terms is Indicated for the three smeller cubtting angles, and the solutlon
probably is velld (see ref. 8). As was expected, particularly for the
modified wing, the series for the ¥ = 4%6° and ¥ = 48.2° cuts (super-
sonic leading edges) show rather slow convergence (fig. 12(b)) and indicate
that the solution is guestionable.

The validity of the computations was investigeted by making check
solutions of the slope curves of the area distributions. As before, the
.check points were computed from the An values derived in the drag compu-~
tations. The limiting of the solution to 24 terms resulted in little
smoothing of the 8!'(x) curves for the Mach number 1.00 cuts for these
wings (fig. 13(a}). On the other hard, 24 terms did not define the sharp
pesks of the ¥ = 46° cuts for both wings (fig. 13(b)). Thus the 2i=term
solutions for Mach mumbers greater than the N2 are not for rounded airfoil
sectionas, but for wings with sharp leading edges of the type shown in
figure lfk for ¥ = 46°. These nose fairings are required primerily for
cubs near the sweep angle of the wing leading edge, and the effects of
these fairings (slight volume change) are relatively small at other cutting

engles.

24
The values of Z nAn2 were plotted agalnst 6 as shown in filgure

n=1
15 and the areas under the curves were integrated to obtain the wave-drag
coefficients:

Cpp = § %10 f Z nA,“de
© n=1
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for the two wings. This figure illustrates the large peak values of the
summation which occur when the cutting planes are parallel to the wing

. leading edge. Slight rounding of the peaks produces very little change
in the integrated area. In splte of these difficulties In the M = 1.5
computation, at each value of A +the summation for the modified wing
(with a sharp leading edge, fig. 14) is greater than that for the basic
wing end there is no- qpestion as to the lower theoretical drag of the
bagic wing. TFor higher Mach numbers such as the. M = 1.9 computation,
the fairing towerd the peaks covers a smaller range of 4.

Although the sting-mounted models did not have complete Sears~Haack
bodies (fig. 10(a)}), in the computations’ they were initially considered
to have such; then the forebody wave~drag coefficlents were estimated by
subtracting a correction of 0.0004., This correction was determined from
the difference between the computed wave~drag coefficients for the complete
fuselage and the computed forebody coefficlents for the cut-off fuselage.

Cp, 1 (Sears~Haack body) - Cpg ' (cut~off Sears-Haack forebody)
= 0.0036 - 0.0032

The wave~drag coefficlent of the cut-off;Sears-~Haack body was computed

as follows: The area curve of the cut-off body was divided into two parts
by plotting the srea distribution of a von Karman ogive with its infinite
cylinder having a cross-sectional area equal to the base area of the cut=~
off Sears~Haack body. To the wave~drag coefficlent of the wvon Kermeh
ogive was added a computed (method of ref. 1) coefficient for the second
paxrt of the area~distribution curve for the cut-~off Sears~Haack body. It
wasg necessary to elter slightly this second or remaining area distribution
to produce zero slope at the point of cut-off. This approximation was
felt to be justifled since the totel correction was small.

Comparison of theory with experiment.~ Figure 16 presents the experi~
mental zero~lift drag coefficlentes from wind-tunnel data for the swepl-wing
models with the computed wave-drag coefficlents added to the subsonlc level
of the experimental deta. The coefficlents are all forebody values and,
a8 described previously, the theoretical values (based only on area distri-
butions, no evaluation of the slight cember) were computed at Mach numbers
of 1. oo 1.28, 1.50, and 1.90. The computations for M = 1.50 and M = 1.90
are for the sharp-nose sections of figure 14. The difference between
computed and experimentael velues of the drag-rise coeffilclents for the
basic wing were generally less than 20 pércent of the experimentsl wvalues
for the supersonlic Mach numbers of 1.2 t0 1.9. Comparable agreement for
the modified wing occcurred from Mach numbers of 1.2 to 1.5.

The difference in drag-rise coefficlents between the besic and modi=-
fied wings as indicated by theory (sharp-nose sections) and experiment is
influenced by the difference in cember. The effect of the elight camber
was estimated, uslng an equivalent flap and ‘the procedures of reference 13
(applicable to wings with supersonic leading edges). Mach numbers of 1.5
and 1.9 were selected to illustraste the added drag rise of the modified

L )
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wing over the basic wing as shown In figure 17. The agreement hetween
theory and experiment at M = 1.5 is better than might be expected with
the assumptions involved. At a Mach number of 1.9 the theory under-
estimated the increase in drag-rise coefficlent due to the modification,
but the theory did show an increase and the percentage increase is very
similar to the percentage increase In the experimentel values. Thile graph
also illustrates the unresolved problem that the experimental drag coef-
ficlents increased from M = 1.5 to 1.9, whereas all components of the
theoretical values, including the effect of camber, decreased.

CONCLUDING REMARKS

A further evaluation has been made of the theoretical computing method
of reference 1 for predicting zero-1ift wave-drag coefficients. The cases
examined were three trisngulsr-wing models of aspect ratios 2, 3, and 4,
and a basic and a modified airfoill section on a wing plan form having 45°
of sweepback. :

The compubting method is epparently walid for trlangular wings with
aspect ratios as large as L with an airfoil section 5 percent thick. For
the triangular~wing models tested, 2L harmonics of a Fourier sine series
were adequate to represent the slope curves of the model ares distributions
and hence to compute the wave-drag coefficiente. The errors of prediction
in each case were consldersbly lees than the 20~percent wvelue stated in
reference 1. | .

The basic theory is Inapplicable to area distributions which haw
extreme slopes or an extreme discontinuity in slope, both of which occurred
for the swept-wing models at Mach numbers above l.kt. The camputing method
smoothed the area distributions end qualitatively predicted at all Mach
numbers the increase in wave drag for the relatively minor profile change.
For supersonic speeds up to M = 1.5, the quantitatlve predictions of the
drag-rise coefficients for the swept~wing models were agalin within 20 per-
cent of the experimental values. '

Ames Aeronsutical Ieboratory
Nationsal Advisory Committee for Aeronsutics
Moffett Field, Calif., June 6, 1955
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TABLE I.~ DIMENSIONS OF TRIANGULAR WING MODELS
Wings
Aspect x8L10 . . ¢ L i c i h bt e e e e e e e s 2 3 4
Area, sg £t . . e« & = e « s s « ¢« . 30.3 3.4 30.0
Mean aerodynamic chsrd ft e e e e e e e e e 5.19 .31 3.66
Airfoil sectlons, NACA stresmwise . . . . . . 0005«63 0005-63 0005
Fuselsge
Fineness 8510 « « « « ¢ ¢4 o - & - e e v e v e e e e . 12.h
Maximum diameter, im. .« « ¢ « « ¢ o . e e e e e . . 17.0
Nose boom diameter, in. « e e e e s e . . . . 150
Fuselage radii at stations behind the theoretlcal ordinates
Fuselage station Inches
140.0 T.23
150.0 T.10
160.0 6.60
165.0 6.3k
189.6 5.10
195.6 k.50
201.6 3.20
20k.6 2.30
210.5 0
Horizontal~tail surfaces
Area, sq Tt e e v ¢ s s e e s e s s e 6 s 6 o s o e 8 o o s 6.0
AsPect PEELO o4 ¢ « o« o = o o o 2 o o s & 5 s 4 8 & o o & 6 o . 4.5
Taper ratio o ¢ ¢ ¢ ¢ ¢ ¢ ¢« ¢« o e o ¢ o s . c e e o 0.2
Airfoll section, streamwise . . « o+ « « = « o« & « « « . NACA 65-006
Sweep of streamwise O0.25 chord, deg . ... « ¢ ¢ v ¢ ¢ o & o 5.0
Vertical=-taill surfaces :
Area, sg £fF .+ ¢ ¢ ¢ s e e 4 d s 4t s s 4 4 s e s e e e oo 3.1
Agpect ratio o« & ¢ ¢ ¢ ¢ 4 ¢« 4 e e 6 s o @ « o o o s e 8 o 5.1
Taper ratio . « ¢« ¢« ¢« o &« e e o o @ e o o a4 e s & o o & o.22

own 0.25 chords (c'/h) .
Sweep of c'/4 line, deg .

Airfoil section, perpendlcular to the line

NACA 65=~009

45.0




12 . NACA RM AS5FO06

TABLE IT.~ COORDINATES OF THE ATRFOIL SECTIONS USED FOR THE 45° SWEPT WING
[A1l coordinates are referred to the chord of the NACA 64A006 section, and
are In terms of percent of that chord. Asterisks indlcate ordinstes that
are identical to those of the NACA 6LAQO6 section. Sections are perpen-
dicular to the 39.45° sweep line (c'/4).].

Bagic sections | Ordinatés of modified sections
i NACA
Station 6LAC06 Upper surface Lower surface
ordinate
~1.50 -1.38 ~1.38
-1.25 -0.60 -2.065
=1.00 -0.34 =-2.315
~0.75 -0.145 -2.49
~0.25 0.16 -2.75
0.00 0 0.29 ' -2 .855
0.25 0.395 =-2.955
0.50 185 0.49 -3.04
.75 .585 T -3.10
1.25 .T39 -3.22
2.5 1.016 -3.405
5.0 1.399 -3.615
7.5 1.68% ~3.70
10 1.919 -3. 74
15 2.283 =3.655
20 2.557 -3.445
25 2.757 -3.245
30 2.896 -3.105
35 2.977 =3.025
4o 2.999 -3.000
s - 2.945 *
50 2.825
55 2.653
60 2.438
65 2.188
7O 1.907
i) 1.602
80 1.285
85 967
90 649
95 «33L J
100 .013 v y
Modified sectlion:
Leading-edge radius = 1.19
Center of leading-edge circle x = =0,31
y = =~1.33
Bagic sectlon:
Leading-edge radius = 0.2L
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Sta X —
Note: Fuselage statlons given ln 147.5 X N
inches, dimensions in feet ) 450

\

a/4 63.40
: 2
r_ |y F-lO%
g -7\ 102
d3ta End of theoretlcal
0 fuselage ordinates 450
Sta / o!
Sta 150.5 [Ty 7y st
102.0 at a
13934 NACA 210.5
l Y |/ 65-009 ,

\ L1 ha7merg \ ?

(a) Aspect-ratio-2 wing.

Figure 1,- Modelg with trlangular wings. All three models are identlcal ‘except
for the wing.
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Wing airfoll section: NACA 0005-63 (streamwlse)

a vane

Note: Fuselage stations glven in’
inches, dimensions In feet’

8 /4 \
r x-102
‘:‘-;,'[1-( 102 )] 53.1°
Sga L . End of theoretical :
fuselage ordlnates 45°
' Sta / '
Sta 150.5 \/‘% Jte
) - 102.0 10,
S'GaJ+ y NACA >
| | Sek] | 6500 l
MPES_..__,———-%—‘—
[Ty

\a vane L 1.h17m2rg \ Oﬁ-!

(b) Aspect-ratlo-3 wing.
Figure 1.- Contlnued.
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Wing airfoll section: NACA 0005 (streamwise)
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Y
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—8r3.66 —
' .2 8 L ACA
@ vaneai:iﬁﬁj*— 183 /"65-006
'IA __‘.-—/'_:'-—-’ 4 i
\_1 .

a

| 4,39 N sug |

Note: Fumselage statlons given in
inches, dimensions in feet

/4
r .. x-102
To [1 (%502 )T 1\;50
Sga- End of theoretical
fuselage ordinaten St 450
a 1
.. S%a 150.5 %
102.0 St Sta
1 139.4 A/ naca  2l0.5
/4 65-009

Fd

--E.O

J‘l
\\\\\\\\ L‘“l-u17=2ro \\\ihk
8 wvane

(c) Aspect-ratio-4 wing.
Flgure 1.~ Concluded.
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Basic (NACA 64A006)

Modified——\~ 39459 ¢
(See table TI) ' 0-fe' % 4

-_ - o —
e e o  —

Alrfoll pections |

perpendicular to £
=450 / NACA 644006 13
i
_ ] — {?l /30-2-3 1L _ --:::'h-—-——
e
-6.94-| ' g=11.47
|
- : L-——15.1l3 ——]
Equation of fuselage radil _l
; ~— 18,05—=]=—16.20 ﬁ—\aﬁl'?
r x-29.75\2%/*
To ‘[l“(“‘gzg.%sj)] - 46.93 -

All dimensione shown in inches 59.50 -

Figure 2.- Swept-wing model,
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Cross-sectional area, 85, 8qg 1In.
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Flgure 3,- Cross-gectlonal area distributlons for the triangular-wlng models.
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(a) Aspect-ratlo-2 wing.

N -
Figure 4.- Variation of I nAp® with N for the trilangular-wing models for five
= cutting angles.
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(b) Aspect-ratio-3 wing.

Figure 4.~ Continued.
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NACA RM A55F06

(c) Aspect-ratio-U wing.
Figure 4.- Concluded.



Check St'(x) ¥
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- (a2) Cutting planes for ¥=0° and 8.1°.
Figure 5.- Check of the effectlveness of the solution of
the Fourler sine series (24 terms) to represent the

curves of S'(x) used in the wave-drag calculations for
the aspect-ratio-3 triangular wing.
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(b) Cutting planes for ¥=11.4° and 17.8°.

Figure 5.- Continued.



Slope of area distribution, 8'(x), in.
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(¢) Cutting planes for ¥=28,7°.
Figure 5.- Concluded.



Calculated zero-lift wave-drag
coefficlent, Cp,'

loll'
Aspect Area
_ ratio 8sq ft
.03 —_— 2 30.3
_—— 3 31.%4
N T 30.0
A
.02 N
\\ B —
~d__ ______—___---"_"—-—-)'I'
1" "T1--43
2
.01
0
.84 .88 .92 .96 1.00 1.04 1.08 1.12 1.16

Mach number, M

Figure 6.- Theoretical results for the trlangular wings by the method of

reference 1.
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Zero-1ift drag coefficient, Cpo
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Mach number, M

(a) Aspect-ratio-2 wing.

Flgure 7.~ Comparison of experimental zero-lift drag coefflclents for each tri-
angular wing with computed wave-drag coefflclents added to the subsonic level
of the experimental data.
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Zero-11ft drag coefflclent, Cp,
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(b) Aspect-ratio-3 wing.

Flgure 7.- Continued.
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Zero-1ift drag coefficlent, Cpg
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Mach number, M
(¢) Aspect-ratio-4 wing.

Flgure T7.- Concluded,
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Protruding hange

A-17133,1

PFigure 8.- Aspect-ratlo-4} triangular-wing model in flight with protruding hanger.
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Zerc-11ft drag coeffieclent, Cp,
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ratlo sq ft T —_— )
.03 2 30.3 vy p—
—-—== 3 31.4 ol [~ ==~ ===t --al 3
—_—— 30.0 ‘/ /|- 5
/'4/5/
7/
/
02 o /
. ’I, 7
2 ,/
- ....._.-4-.’—‘--":___.-"
01
0
Bl .88 .82 .96 1.00 1.04 1.08 1.12 1.16

Mgch number, M

Flgure 9.- Comparlson of the experimental zero-lift drag coefficlents for the

triangular wings.
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Figure 10.- Area dlstributions for the basic and modified swept-wing, full-scale
models for a Mach number of 1,5.
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Projected area, 3, sq in.
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Flgure 10.- Contilnued.

Modifled wing - % "\
Basic wing -_\]/
N
// ] ‘"‘\\ \,
A AN
// 4 - \\\\
N
/ / N
N\
B0 160 240 320 biTey] 80 560 640 T20

QOAGEY YW YOVN




ProJected area, 8, Bg in.
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(c) 8=450, ¥=38.140,
Flgure 10.- Contlnued.
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(d) e=22.5°, V=46,0°,
Figure 10,- Continued.
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(e) ©=0°, ¥=48,20,
Figure 10.- Concluded.
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Projected area, 8, Bg in.
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2400 /,”'/'" [ o= "‘“‘i\
. Baslo w:l‘n?;—\\’// ~ \\
r//r‘/J’///’ \\\\J\\\\& — Seara-Hasck fuselage
1600 7 S\
Iy / \
7
i/ / \ .
/ / \\
800 \ '
|/ kﬁ
ﬁ"'ﬁ“k
0 80 160 240 320 koo 480 560 640 720
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Figure 11.- Area dlsgtributions for the baslec and medifled Bwegg—wing full-scale

models for a Mach number of 1.9 (8=0°, ¥=58.25
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Figure 12.- Variation of I nAn® with
n=1
models for five cuttlng angles for a Mach number of 1.5.
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(b) Modified wing.

Figure 12.- Concluded.
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Flgure 13.- Check of the effectiveness of the soclution of
the Fourier sine seriles (24 terms) to represent the
curves of S'(x) used in the wave-drag calculations for

the swept-wing models.
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Flgure 13.- Concluded.



Equivalent leading edges,
N=24, w¥=}360°

- m— — - /——Basic—wing gection jr

T
N
e e —
— ———

Modified-wing section—~///

(a) Wing-tip sections.

ot

Modified-wing section

(b) Wing-root sections (spanwise station 26).

Figure 14,- Equivalent leading edges effectlvely added to the airfoll sectlons
of the swept-wing models by wave-drag computations limited to 24 terms of a
Fourier sine seriles (for M>J2).
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" Flgure 15.- Plot of the wave-drag parameter g%:nAna showing

the peaks caused by cutting planes which are parallel to
the wing leading edge.



8 .Oh
(&)
iy
=
()
ol
e .03
&
“
3]
o]
o
)
&
5 g2
g
2
1
©
5
h -Ol
P
(-
-
W
g
[ 0
]

Bagle Modifiled
o) a) Test, ref. 4
. — —~———  Theory, ref. 1
P | [.
L ___ 1 _-[']__‘."”-E-‘--““h-:[‘
J’) (.) i [——
.6 .8 1.0 1,2 1.4 1.6 1.8 2.0

Mach number, M

Figure 16.- Comparison of experimental zero-lift drag coefficients for the awept-
wing tunnel models wlth computed wave-drag coefficients added to the subsonie
level of the experlmental data,
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Plgure 17.- Comparison at two Mach numbers of the experl-

. mental and theoretical zero-lift drag-rise coefflicients
of the basic and modlifled swept-wing models lncluding a
theoretical estimate of the effect of the added camber.
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