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TRANSONIC-WING INVESTIGATION IN THE LANGLEY 8-FOOT
HIGH-SPEED TUNNEL AT HIGH SUBSONIC MACH

NUMBERS AND AT A MACH NUMBER OF 1.2

ANALYSTS OF PRESSURE DISTRIBUTION OF WING-FUSELAGE
CONFIGURATION HAVING A WING OF 45° SWEEPBACK,
ASPECT RATIO L4, TAPER RATIO 0.6, AND
NACA 65A006 AIRFOIT. SECTION

By Donald L. Loving and Bruce B, Estabrooks
SUMMARY

A pressure~distribution investigation has been made in the Langley
8-foot high-speed tusinel of a wing-fuselage configuraetion as part of an
NACA research program to determine effects ¢f wing geometry on aerody-
namic characteristics and to explore the nature of the flow over the
configuration and the problem of interference between a wing and fuselage.
Measurements were made on a fugelage and a wing-fuselage combination
employing a wing with 45° sweepback of the 0.25-chord line, aspect
ratio 4, taper ratio 0.6, and NACA 65A006 airfoil sections at Mach
numbers from 0.60 to 0.96 and at a Mech number of 1.2.

The results show that pressure distributiona indicative of leading-
edge separation-vortex flow noted at low speeds were also observed at
high Mach numbers; however, thls does not mean that the vortex flow was
present at these higher speeds. At normal-force coefficients of the
order of O.M, the spanwlse loading on the wing shifted slightly outboard
at the high Msch numbers. The loading on the fuselage in the presence
of the wing shifted rearward with increase in Mach number. An examins-
tlon of the wing-fuselsge interference revealed that the load on the
fuselage of the wing-fuselege combination was approximately 10 times
greater than the load on the lsolated fuselage at the same angle of
attack and Mach number and the fuselage carried a large proportion of
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NACA RM L51F07

the load on the wing-fuselege combination at traneonic speeds. The force
coefficiente and serodynamic characteristics obtained from the pressure
data were in agreement with the results determined from force tests of an
identical model. o

INTRODUCTION

As part of a sgystematic transonic flight investigation, several

wings have been tested on a fuselage in the Langley 8-foot high-speed
tunnel at subsonic Mach numbers from 0.60 to 0.96 and at a Mach number

of 1.2. Force-test. investigatlons were conducted to establish the effects
of varying the angle of sweepback of the 0.25-chord line of four wings,
all having an aspect ratio of U, a taper ratio of 0.6, and NACA 65A006
airfoll sections parallel to the air stream. The fuselage had a fineness
ratio of 10. These results have been presented in references 1, 2, 3,

and I for configurations having sngles of sweepback of 0°, 35°, h5 ,
and 60°, respectively.

The pressure~distribution investigation reported herein was con-
ducted on the 45° sweptback configuration, which was congidered the most
representative of thie series of swept winge. Data are shown for the
same angles of attack and Mach numbers covered in reference 3. Pressure
measurements were obtained on the wing-fuselage combination at angles
of attack from -2° to 14° at the subsonic Mach numbers and at angles of
attack from -2° to 6° at a Mach number of 1.2. Fuselage pregsure measure-
ments were obtained at angles of attack from 0° to 149 for all Mach
numbers investigated. Complete pressure results for the fuselage and
wing-~fuselage combinstion are presented and discussed to explain some of
the flow phenomena occurring at these angles of attack and Mach numbers.
Comparisons are made with previous results from force tests on an lden-
tical model and from free-fall tests on a similar fuselage. These com-
parisons indicated that all the force coefficients obtained from integra-
tions of the pressure data were 1n excellent agreement with the force-test
results except for the pitching-moment coefficients at high angles of
attack.

The Reynolds number for this investigation varied from 1.73 X 106
to 2.02 X lO6 when baged on the wing mean aerodynamic chord or from
9.4 x 106 to 11.0 x 10° |

when based on the fuselage 1ength.

Ch b
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SYMBOLS

aspect ratio (be/ S)

13.89-percent station of wing semispan, located at fuselage
maximum dismeter

wing span
airfoil section chord, parallel to plane of symmetry

average wing chord (8/b)

> ®/
mean aerodynamic chord 5 cedy
0

fuselage section diemeter
fuselage meximum diameter
basic fuselage length

Mach number

free-gtream static pressure

local static pressure

P - Po
presgsure coefficient T

free-stream dynamic pressure <-]2: pV2)

Reynolds number (.E’El)
13

fuselage section radius
total wing area
wing thickness

velocity In undisturbed stream

ey a aal

T
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A
x distance measured streemwise from leading edge of section o
z distance perpendicular to plane of chord of wing ’
a angle of attack of fuselage center line
o} mass denslty in undisturbed stream —_
H coefficlent of viscosity in undiéturbed streanm -
A angle of gweepback of 0.25~chord.line of wing
Subscripts: S : - T =
ah surface ahead of maximum thickness of alrfolil section
bh surface behind maximum thickness of airfoil section B _
cr critical -
f fuselage cross section N E
F fuselage - ) -
L lower surface of alrfoil section :
T wing-fuselage configuration
U upper surface of airfoil section -

W wing

The coefficlents are defined as follows:

C
Cph wing section normal-force coefficient %(jr (PL - PU)dx
0
cnf fuselage cross-section normal-force coefficilent
1
2 f (Pr. - Po)ay
-r
Cx normal-force coefficient based on total wing area
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Cm wing section pitching-moment coefficient about 25-percent-
chord station fﬁ E (PU - PL) (x - -E)dx
Cn pitching-moment coefficient about the 25-percent position of
the mean serodynamlc chord
ch wing section chordwise-force coefficient
1 P - dz
= ah = Pbh
¢ Jo
Cq, wing-section pressure-drag coefficlent (ch cos & + Cp 8in a)
CDF pressure-drag coefficient of Pfuselage based on total wing area
CDT pressure-drag coefficient of the wing-fuselage combination

based on total wing area

APPARATUS AND METHODS

Tunnel

The investigation was conducted in the Langley 8-foot high-speed
tunnel. A plaster liner installed in the tunnel formed the subsonic
test section at the geometric minimm and extended downstream to form
the supersonic test sectlon. The Mach number was uniform in the sub-
sonlc test section and varied by a maximum of 0.02 from the design Mach
number of 1.2 in the supersonic test section (reference 5).

Model

The model was a midwing configuration with dimensions identical to
the force-test model of reference 3. The wing had 45° sweepback of the
0.25-chord line, an aspect ratio of 4, & taper ratio of 0.6, and
NACA 65A006 airfoil sections parallel to the plane of symmetry. Dimen-
slonal details are shown in figure 1. The fuselage was designed with
the lines of the general transonic fuselage which was the same fuselage
used for the other wings in this wing program. The fuselage had circular

GI'!!!!H===E-"'-’
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cross sections and a basic fineness ratio of 12, although an actual fine-
ness ratio of 10 wag obtained after cutting off the rear one-sixth of
the fuselage to attach the sting. The fuselage detalls and ordinates
are presented in figure 2. The ratio of the fuselage frontal area to
the wing plan-form ares, considering the wing extended through the fuse-
lage, was 0.0606. A photograph of the model is presented as figure 3.

The wing was constructed of a mlld steel core with a bismuth-~tin
covering. One hundred and fifteen static-pressure orifices were located
in the wings, distributed among five spanwlise stations parallel to the
free stream, as ghown in figure 4. On the actual test model, the 20-,
60-, and 95-percent-semispan stations were located on the left wing and
the 40- and 80-percent-sémispan stations were located on the right wing.
One hundred static-pressure orifices were distributed among six lohgi-
tudinal rows in the side of the fuselage, as shown in figure 5.

Measgurements of the Iincidence of each half of the wing relative to
the fuselage axls showed that the right wing had an incidence of 0.05°
and the left wing, -0.1°. These construction inaccuracies were small
and no attenpt was made to correct the deta for them. A close check of
the actual machined ordinates of the present wing and the wing previously
uged in the force tests revealed differences in the airfoil thickness of
the order of 0.1 percent. Furthermore, calculations of the deflections
of the two wings under load also indicated no appreciable difference.
Accordingly, the two wings may be considered essentially equal.

Model Support System

The model was supported by a tapered sting attached to the rear of
the fuselage. The tapered sting was mounted on an extensible support
tube which vas fixed axially in the center of the tunnel by two sets of
supports projecting from the tunnel walls. Location of the model in
either the subsonic or supersonic test section was accomplished by sliding
the support tube forward or rearward on the support bearings. The forward,
tapered portion of the support tube was hinged to the rear portion in
such a manner that angle-of-attack changes could be accomplished by means
of an electric motor driving an actuating screw located within the *tube.
This mechanism was controlled from outside the test section snd therefore
permitted angle changes while the tunnel was operating. Details of the '
model support system and the model locations in the subsonic and super-
sonic test sections are shown in figures 6 and T.

Measurements

The attitude of the model was measured by a calibrated optical
system consisting of a small mirror mounted oh the upper surface of the
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Puselage and a point source of light mounted outside the tunnel. To
determine the angle, the optical device contalning the point source of
light was adjusted until the reflected ray from the mirror coincided with
the incident ray. The angle of the instrument with respect to the ver-
tical was then measured with a vernier inclinometer. The use of this
device in conjunction with the remotely controlled angle-of-attack
changing mechanism enabled desired model angles of attack to be set
within 0.1° with the tunnel operating at any Mach number.

TESTS

The tests were conducted through a Mach number range from 0.60 to
approximetely 0.96 with the model in the subsonic test section and at a
Mach number of 1.2 with the model in the supersonic test section. The
fuselage was tested at angles of attack from 0° to 1L° at all Mach
numbers. The wing-fuselage combination was tested from -2° to 14° at
gubsonic Mach numbers and from -2° to 6° at a Mach number of 1.2.

Configurations included the wing-fuselage combinatlon with natural
transition and with transition fixed at 10 percent of the chord on the
upper and lower surfaces of the wing and at 12 percent of the fuselage
length. The transition strip consisted_of No. 60 carborundum perticles
covering spproximately 50 percent of a % -inch-wide layer of an adhesive

agent. The fuselage alone was investigated with natural transition only.
Unless otherwise noted, the data presented herein are for natural transi-
tion only. The model was meintained aerodynamically smooth throughout
the investigation.

The varlation with Mach number of the approximate test Reynolds
number based on & wing mean aercdynamic chord of 6.125 inches is pre-
gented in figure 8.

The tunnel choked at the model in the subsonic test section at an
uncorrected Mach number of approximastely 0.975. Static-pressure measure-
ments made on the tunnel wall gave an indication of any perceptible _
tendency toward choking at the plane of the model. Data were not obtalned
for angles of atbtack and Mach numbers at which such occurrence was noted.
At the supersonic Mech number of 1.2, the test angles of attack were
limited by the location of the tunnel normal shock at the tail of the
model. Visual observations were made of the shock by noting the shadow
cast by the shock on the tunnel wall when a parallel light beam was
directed across the rear of the model. Previous tests have indicated a
detrimental effect on pitching moments especially when the shock is too
close to the rear of the model (reference 6). Data are not presented
which might be affected by the presence of this shock. Observation of

o
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the tunnel-wall static pressure at a Mach number of 1.2 algo indicated S _
that at all angles of attack tested the shock disturbance from the nose L.
of the model was transmitted to the wall sufficiently far downstream from o
the nose to insure that its reflection did not affect the model.

RESULTS

Accuracy.- The same Mach number corrections determined for the dats,
presented in reference 3 have been applied to the data presented herein,
since the dimensions of the models tested were identical. The magnitude
of the correction to the Mach number reached 1.5 percent at & Mach number =~ -
of 0.96. 1In one instance all known corrections for tunnel Mach number
gradient, blockage, and boundary-induced upwash were applied to the
pressure date for the upper surface of the fugelage alone at an angle of
attack of 0° and Mach numbers of 0.90 and 0.96. At Mach numbers of 0.90 _
end 0.96 the corrections changed the pressure coefficients 0.0L and 0.015,
respectively, in a positive direction. The corrections have not been } _

applied to the remainder of the data. _ : e

Figures.~- Aa index of the figures presenting the results is as "
follows: : o - -
Legend: ' Figure ’
The chordwise pressure distributions at five 9(a) to 9(4a)
spanwise stations for several angles of . - . -
attack. M = 0.60,
The chordwise pressure distributions at five 10(a) and 10(b)
spanwise gtations for several Mach numbers. o e
a = ooo ’
The chordwise pressure distributions at five ~ 11(a) to 1i(c)
spanwise gtatlions for several Mach numbers.
& = 20n T -
The chordwise pressure distributions at five 12(a) to 12(c)
spanwise stations for geveral Mach numbers.
a = 40,
The chordwise pressure distributions at five 13(a) to 13(c) _
spanwise stations for several Mach numbers. - -
a = 69, -2 - T - aC
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The chordwise pressure distributions at five
spanwige stations for several Mach numbers.

- 89,

The chordwise pressure dlstributions at five
spanwise stations for several Mach numbers.
a = 10°.

The chordwise pressure dlstributions at five
spanwisé stations for seversl Mach numbers.
= 12°.

The chordwlse pressure distributlions at five
spanwlse stations for several Mach numbers.
a = 14°.

The longitudinal pressure distributions at six
radial locations for the fuselage and wing-
fuselage configuration at several angles of
attack, M = 0.60

The longitudinal pressure distributions at six
radiagl locations for the wling-fuselage con-
figuration at several angles of attack.

M = 0.70.

The longltudinal pressure distributions at six
radial locations for the fuselage and wing-
fuselage configuration at several angles of
attack. M = 0.80.

The longitudinsl pressure distributions at six
radial locations for the wing-fuselage con-
figuration at several angles of attack.

= 0.85.

The longitudinal pressure distributions at six
redial locations for the wing-fuselage con-
figuration at several angles of attack.

= 0.875.

The longitudinal pressure dlstributlons at six
radlal locations for the fuselage and wing-
fuselage configuration at several angles of
attack. M = 0.90. '

14(a) to

15(a) to

16(a) and

17(a) and

18(a) to

19(a) to

20(a) to

21(a) and

22(a) and

23(a) to

14(c)
15(4)
16(b)
17(%v)

18(c)

19(c)

20(c)

21(b)

22(b)

23(c)
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The longitudinal pressure distributions at six 2h(a) to 2k(c)
radiel locations for the fuselage and wing- -
fuselage configuration at several angles of
attack.,. M = 0.93.

The longitudinsl pressure distributions at six 25(a) and 25(b)
radial locations for the fuselage and wing-
fuselage configuration at several angles of
attack. M = 0.96.

The longitudinel pressure distributions at six 26(a) and 26(b)
radial locations for the fuselage and wing-
fuselage configurstion at several angles of =
attack. M = 1.2.

Contours of constant pressure coefficient. o 27(a) to 27(1) _
a =09 2% k°, M= 0.60, 0.96, 1.2. —

Comparison of the pressure distributions at 28 —
zero lift over the upper surface of the fuse- .
lage and & similar free-fall model for : - - —
geveral Mach numbers.

Pregsure distributions along six longitudinal, N 2 _
fuselage stations in the presence of the o :
wing at several Mach numbers. o = 4°.

Pregsure digtributions along six longitudinal. . 30
Tuselage statlons at several Mach numbers )
for the fuselage. a = 4°. : . -

The spanwilise digtributions of section normal-. 31
force coefficlent at several angles of attack. . -
M = 0.60. . ”
The spanwise distributions of section normael-. - 32(a) to 32(h)
force coefficient at several Mach numbers.
a = 0° to 149,

Analysis of wing-fuselage interference on span- 33 o
wige variation of normal-force parameter. _ . S
o = }_‘_O' M = o-80. :

Longitudinal loading over fuselage with and _ = = | . 3k
withogt wing at several Mach _numbers. . -t o I
a = 47, ’ o
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Chordwise normel loading over EO-percent semispan

station. a = 4°.

The spanwise distributions of normal-loading
coefficient at several angles of attack.
= 0.60.

The spanwise distributions of normsl-loading
coefficient at several Mach numbers.
= 20 to 14O,

Varistion with Mach number of normel-force
coefficient for wing-fuselage configuration
with transition natural and fixed.

Variatlion with Mach number of normal-force
coefficient for fuselsage.

Veriation with normal-force coefficient of the
aerodynemic characteristics of the wing-
fuselage configuration.

Veriation with Mach number of normal-force-curve
slope for the wing-fuselage configuration.
CN=O'

Load carried by the fuselage with wing present
relative to total load on wing-fuselage com-
bination.

The spanwise dlstributions of section pitching-
moment coefficient at several angles of
attack. M = 0.60.

The spanwise distributions of section pitching-
moment coefficient at several Mach numbers.
= 0° to 14°.

Variation with Mach number of pitching-moment

coefficient for the wing-fuselage configuration

with transition natural and fixed.

Variation with Mach number of pitching-moment
coefficlient for fuselage.

Variation of pilitching-moment coefficlent with
normel-force coefficient for wing-fuselage

configuration with transition natural and fixed.

-

37(e)

kh(a)

35

36

38

39

k

ko

43

k5

L6

k7

11

37(g)

hh(n)
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Variation with Mach number of the lateral and - L8
chordwise position of the center of pressure
for the wing with wing-fuselage interference.

Longitudinal position of the fuselage:centei'T : 49
of pressure relative to the fuselage nose.:

Varistion with Mach number of aserodynasmic-center 50
location for the wing-fuselage configuration L S e o
relative to the 25-percent position.of the’ . ’ -
mean aerodynamic chord.

Incremental pitching-moment coefficlent due fo - : 51
addition of .wing to fuselage. .

The spanwise distributions of section pressure- - 52
drag coefficlent at several Mach numbers. . : o
o = 1O, LI

Variation with Mach number of pressure-drag . . 53 L
coefficient for the fuselage. : ' : N

Variation with Mach number of pressure-drag : : 54
coefficlent for the wing-fuselage configura-
tion with transition natural and fixed. o S

(omparison of the variation with Mach number. of _ 55
the drag coefficient at zero 1lift for the _;
fuselage and a free-fall body.

Comperison of the skin-friction drag ceefficient 56
determined from data of figure 55, with free—

fall date and theory.

The pressure dliagrams for an angle’ of attack of -2 were the same
ng for an angle of attack of 2° and therefore have not been presented.

Fuselage pressure data for fixed transition have not been presented.

A dashed line has been drawn through the locl of maximum negative
pregsure coefficient in the pressure contours shown in figure 27. For
an angle of attack of 4° the contours of equal pressure coefficients
are shown for the fuselage. i

The pressure orifices located along the gix meridians on the fuse-
lage were so arranged that they also formed rings around the fuselage.
The pressure coefficients for each of these rings were plotted against
percent radius. Interpolated values of pressure coefficlent were obtained
from these plots to prepsre the data shown in figures 29 and 30 for six
fuselage sections parallel to the fuselage vertical plane of symmetry.

The fuselage longitudinal section coeffigients, which are based on
chord lengths of the wing projected through the fuselage, were obtained
Ly integration of figures 29 and 30.

P LI
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The pitching-moment coefficients for the fuselage longitudinal
sections are based on the 0.25-chord line of the wing extended through
the fuselage.

DISCUSSION

In general, the pressure distributione followed trends noted in
references 7 to 13. These trends and additional effects may be studied
in figures 9 to 17 for the wing, and in figures 18 to 26 for the fuse-
lage. All data presented here for the wing were affected by the presence
of the fuselage.

Pressure Distributlions on Wing

0.60 Mach number.- The effect on the wing pressures of varying the
angle of attack from 0° to 14° at the low-speed Mach number of 0.6 may be
seen in figure 9. Here it is ghown that when the angle of attack was
increased up to 4° a sharp negative pressure-coefficient peak formed on
the leading edge of the wing as might be expected. When the angle of
attack was increased to 6°, the forms of the pressure diagrams over the
wing became similar to those reported in reference 7 in which a separa-
tion vortex was shown to exist on the upper surface. The chordwlse pres-
sure distributions of the wing indicated high peak negative pressure coef-
ficients at the leading edge for the most inboard station, and these pesaks
became progressively lower and broader toward the wing tip. The separa-
tion vortex was formed as a result of flow separation over the relatively
sharp leading edge of the wing. With increasing angle of attack, the
extent of the separation vortex increased over the outboard stations
until, at an angle of attack between 6° and 8°, the core turned back
along the chord and a trailing vortex was shed off the wing between the
80- and 95-percent-semispan stations. The wing stalled on the outboard
section, and this stalled region moved inboard with increase in angle of
attack. The presence of separation was indicated by the reduction of the
peak negative pressure coefficient near the leading edge of the upper
surface and the relatively high negative pressure coefficlents near the
trailing edge.

0° angle of attack.- The effects of changing Mach number for the
wing at zero angle of attack, as shown in figure 10, are similar to those
reported in reference 8. It may be seen that the inboard and outboard
wing sections differed considerably in pressure distribution throughout
the Mach number range investigated. Contours of equal pressure coef-
ficient, as shown in figure 27, indicated that at a Mach number of 0.6
the line of maximum negative pressure coefficient occurred across the
span from 50-percent chord at 20-percent-semispan station to hO-percent
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chord at 8C-percent-semispan station, then shifted forward to approxi-
mately ll-rercent chord at 95-percent-semispan station. As the Mach
number wes increased to 0.96 the peaks moved rearward. At a Mach number
of 1.2, the values of negative pressure coefficient were reduced all

along the span and the peak moved considerably rearward to 80 percent of
the chord at the tip station. It is also shown that as the peak negative
pregsure coefficient moved rearward the pressure coefficlents became more
positive at the leading edge of the inboard stations.

20 angle of attack.- The trends for the wing at various angles of
attack are shown in figures 11 to 17. Pressure distributions over the
wing at an angle of attack of 2° for Mach numbers from 0.60 to 0.96, as
shown in figures 11(a) to 11i(c), are similar to two-dimensional data
obtained on thin wings st low angles of attack. When the pregsure distri-
butions over the midsemispan stations were compared with two-dimenglonal
data reported in reference 9, it was indicated that for comparable Mach
numbers and angles of attack (that is, comparing the data herein at an
angle of attack of 2° and s Mach number of 0.96 with the two-dimensional
data for the NACA 66-006 sirfoil at an angle of attack of about 3° and a
Mach number of 0.75), changes in pressure distribution occurred at a much
lower Mach number than predicted; however, the trends for increase in angle
of attack and Mach number were much the same. A peak negstive pressure
coefficient occurred at the leading edge of the upper surface of the wing
indicating the same type of flow in this areg. When the Mach number was
increased from 0.85 to 0.96 for the wing reported herein (figs. 11(b)
and 11(c)), the pressure coefficlents decreaged over the forward portion
of the 20-percent-semispan station and a second minimm-pressure peak
developed to the rear of the midchord. The same thing has been predicted
in reference 10 for subsonic as well as supersonic wings. As shown in
the pressure contours (fig. 27(e)) one pesk was located along the wing
leading edge and the other lay diagonally across the sﬁan from 80 percent
of the chord on the 20-percent-semispan station to 25 percent of the chord
at the 95-percent-semispan station. However, the second peask negative
pressure coefficient was considerably more rearward on the sweptback wing
than might be expected from the two-dimensional data. Similar variations
have been reported in reference 11. At a Mach number of 0.90 (fig. 11(b)),
a pressure gradlent became evident following the second minimum-pressure
peak indicaeting the presence of a weak normel shock extending from sbout
80 percent of the chord at the 20-percent-semispan station and diminishing
in strength out to the 60-percent-semispan station. At the same Mach
number and angle of attack an abrupt change in pressure coefficient was
noted over the forward portion of the 95-percent-semispan station. This
discontinuity wae associated with g disturbance originating at the wing
tip. At a Mach number of 0.96 this disturbance merged with the normal
shock as 1t extended across the wing tip (fig. 11(c)).

At a Mach number of 1.2, the minimum-pressure-coefficient peaks at
the leading edge were comsiderably reduced all along the span. The '



NACA RM L51F0T7 e N 15

pressure contours (figs. 27(g), 27(h), and 27(1)) were similar to those
obtained for a Mach number of 0.96 except that the minimum-pressure peak
near the trasiling edge shifted rearwerd toward the tip and located itself
along the TO-percent-chord limne.

4O angle of sttack.- At an angle of attack of 4O the same type of
pressure distribution and flow phenomena are shown as for an angie of
attack of 2° up to a Mach number of 0.85, as shown in figures 12(a)
and 12(b). Thereafter, when the Mach number was increased to 0.875 the
first indication of the appearance of the separation-vortex phenomenon
ig shown in figure 12(b) by the broadening of the negative-pressure-
coefficient peaks over the leading edge of the 80- and 95-percent-semispan
station. Since the local pressure coefficients for these peaks indicated
local Mach numbers greater than unity and the component of local Mach
number perpendicular to the contour lines was greater than 1.00, it is
believed that an oblique shock appeared at the trailing boundary of the
vortex. The severe adverse gradient behind the minimum-pressure peak
appeared to be associated with the redirection of the flow as 1t
reattached itself to the airfoil behind the leading-edge separation-vortex
bubble. Because of the strong separation-vortex flow on the ocuter wing
stations the pressure distributions for a Mach number of 0.93, as shown
in figure 12(c), did not indicate any discontinuity due to a disturbance
originating at the wing tip.

The pressure gradlent following the second minimum-pressure peak
became more severe with increase in angle of attack to 4° and was noted
at stations farther outboard (fig. 12(b)). This indicated that increasing
the angle of attack increased the strength of the normal shock, extended
it farther outboard on the wing, and at the same time increased the chord-
wise extent of the relatively high negative pressure coefficients. How-
ever, as shown by the chordwlise location of the second minimum-pressure
peak, the chordwise position of the normal shock was only slightly
affected by change in angle of attack and was influenced mostly by
Increase in Mach number. It may also be seen that as the angle of attack
was increased the peak of the separation-vortex core moved inboard and
the broadened peak pressures spread over more of the outboard stations.
The flow may have been approaching that described for supersonic alrfoils
at high subsonic speeds in reference 9. The wings actually had similar
pressure distributions, but the precise nature of the transition from
vortex flow to that indicated in reference 9 cannot be definitely stated
at the present time. At a2 Mach number of 1.2 the upper-surface pressure
coefficlents became more negative and had the same forms usually present
when either separated flow existed or the shock moved to the wing trailing
edge (fig. 12(c)). The discontinuity in the negative-pressure-coefficient
distributions extending obliquely across the semispan on the upper surface
at a Mach number of 1.2, which apparently originated at the leading edge
of the wing-fuselage Juncture (fig. 12(c)), was similar to the discontin-
uity predicted by supersonic theory for the case when the Mach line is

.
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gwept behind the leading edge. It is not known at the present time
whether the discontinuity shown herein was due to a discontinuity in
nonviscous linear supersonic flow or to the separation vortex present

at subsonic Mach numbers. Additional information must await the results
of proposed tuft surveys and wake measurements for this wing.

6° angle of attack.- At an angle of attack of 6° the broadening
pressure pecks at the leading edge of the inboard stations of the wing
indicated that the separation-vortex flow began very near the fuselage
at a Mach number of 0.60 (fig. 13(a)) and spread outboard along the
gsemispan. At all Mach numbers up to 0.96 the failure of the upper-
surface pressures to return to free-stream conditions at the trailing
edge of the outer statlions indicated separated flow over the wing tip.
The trailing boundary of the vortex was shed off the wing trailing edge
between the 80- and 95-percent-semispan stations. As in the case of
angles of attack of 2° and L4°, it is noted that when the angle of attack
was increased the separation vortex became more pronounced and its effects
moved inboard. The normal shock becsme stronger and may have extended
out to the wing tip but was masked in the reglon of the vortex flow and
was not evident due to the softening effect of the separation over the
outer sections of the wing (fig. 13(b)). At a Mach number of 1.2 the
trends shown for 2° and 4° angles of attack were evident. Increasing
the angle of attack increased the angle of the oblique discontinuity in
negative-pressure-coefficient distribution originating at the wing-
fuselage Juncture. Moreover, the strength of the wing-tip disturbance .
was increased to such an extent that s discontinuity in the level of the
pressure distribution became evident over the 95-percent-semispan station.

8% to 14° angle of attack.- The significant factors shown by the }

pressure distributions in figures 14(a) to 17(b) for angles of attack

from 8° to 14O are that, as the angle of attack was increased, the vortex-
flow region on the wing expanded inboard and separation on the outboard
sections increased in intensity and extent. As the Mach number was
increased, however, the spread of the separation was delayed. At the highest
angle of attack tested (14°), the pressure distributions indicated that the
vortex flow had spread over almost the entire wing with the trailing
boundary being shed off somewhere between the 20- and 40-percent-semispan
stations (figs. 17(a) and 17(b)). Because of this separation, the pres-
sure distribution on the upper surface of the'wing outer sections became
nearly flat.

An examination of the pressure distribubions for the wing with
naturel transition, presented in figure 13(a), indicated a small region
of high negative pressure coefficient at the leading edge of the 80-percent-
semispan station. This peak pressure may have been caused by a local
irregularity in the leading-edge surface of the right wing. It should be
remembered that the 40- and 80-percent-semispan stations were on the right
wing and the remalning stations on the left wing. Therefore, it appears
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that the leadling-edge surface irregularity disrupted the outward spread
of the vortex flow on the right wing until a Mach number between 0.85

and 0.875 was reached at an angle of attack of 6° as shown in figure 13(b) .
By the time the transition strip was fixed on the wing, the surface lirreg-
ulerity seemed to have been eliminated and the flow phenomenon was the
same on both wings, except at an angle of attack of 8° and & Mach number
of 0.6, as shown in figure 14(a). Here it may be seen that fixing the
point of translition delayed the angle of attack at which the trailing
boundary of the vortex flow was shed off the wing trailing edge.

Pregsure Distributions on Fuselage

The pressure distributions for the fuselage (figs. 18 to 26) did
not reveal any large changes in the flow due to changes in angle of
attack or Mach number with the exception of the development of a minimum-
pressure-coefficient peak on the rear part of the fuselage upper surface
at a Mach number of 1.2. Increases in Mach number increased the level
of negative pressure coefficient. Increases in angle of attack changed
the pressure coefficients in a negative direction on the upper surface at
the nose and on the lower surface at the rear of the fuselage.

Pressure Distributions on Fuselage with Wing

When the wing was added to the fuselage, a considerable interference
effect appears, as shown by the pressure diagrams in figures 18 to 26,
29, and 30. The negative pressure coefficients on the fuselage plane of
symmetry at the midchord of the wing-fuselage Juncture were increased
approximately 200 percent by the presence of the wing at a Mach number
of 0.60 and an angle of attack of only 4° (fig. 18(a)). The maximum
negative pressure coefficient at the plane of symmetry of the fuselage
with wing was approximately 55 percent of the negative pressure coefficient
at the 20-percent-semispen station on the wing, excluding the negative-
pressure-coefficlent peak at the leading edge (fig. 29).

The negative pressure coefficients on the fuselage with wing exhibited
a greater influence from the pressures on the rear portion of the wing
chords nearest the fuselage than from the leading-edge pressures. The
longitudinal pressures along the fuselage reflected the sharp rise in
negative pressure coefficilent toward the trailing edge of the wing. TFor
exsmple, at an angle of attack of 4° and a Mach number of 0.96, two
negative-pressure-coefficlent peaks were apparent on the inboard station
of the wing (figs. 12(c) and 29). One was located at the leading edge
and the other was found near the trailing edge. The pressures on the
fuselage near the wing-fuselage Jjuncture at the 11.6-percent station
indicated almosgt the same minimum pressures as the wing near the rear

e sl



18 S e . NACA RM L51FO7

of the chord (fig. 29). However, the minimum pressures on the fuselage
in the region of the wing leading edge indicsted only & fraction of the
pressure pezk shown for the wing. The fuselage pressures along the
streamwise atations closer to the plane of symmetry displayed even less
influence from the leading-edge peak.

A definite rearward shift in the location of maximum negetive pres-
sure coefficient on the fuselage with wing was noted as Mach number was
increased. Beginning at a Mach number of approximately 0.93 it is noted
that the rearward shift along the upper meridien was farther resrward . —
than at the side of the fuselage. At a Mach number of 1.2 and an angle
of attack of 4° the peak negative pressure coefficient was located at
about 61 percent fuselage length near the wing-fuselage juncture and at
about Tl percent fuselage length on the fuselage upper meridian. The L
contours of equal pressure in figures 27(f) and 27(1) also illustrate . -
this phenomenon for an angle of attack of 4° at Mach numbers of 0.96 '
and 1.2, respectively.

In figure 28 an indication of the change in pressure coefficient
over the fuselage at zero lift is shown when all available corrections
to the data had been applied at Mach numbers of 0.90 and 0.96. At a
Mach number of 0.90 the corrections changed all the pressure coefficients
by about 0.0l in a positive direction. At a Mach number of 0.96 the
change was spproximately 0.015 in a positive direction. Also shown 1s . .
the comparison between theoretical (reference 12) and measured pressure
coefficients for data obtained in the Langley 8-foot high-~speed tunnel
and by the free-fall technique (reference 13). The corrected wind-tunnel
data are seen to be 1in excellent agreement with theory for Mach numbers
of 0.90, 0.96, and 1.2. However, the data from the free-fall investiga-
tion, in general appear to be slightly more positive than those pre-
dicted by treory. _ ) o T

The divergence of the wind-tunnel data and free-fall data near the
tail of the model was the result of differences in sting interference.
The sting for the tunnel model was considerably larger in cross section.
The slight increase in pressure over the nose of the tunnel model at &
Mech number of 1.2 (fig. 28(c)) is believed to be the result of a slight
axial Maech number gradient in the region of the nose of the model in the
supersonic test section. It should be noted, however, that a velocity
gradient did not exist in the region of the wing at a Mach number of 1.2.

Section Loading Characteristics

The span load distributions, in general ‘were elliptical in shape .
at angles of attack up to 8°. At angles of attack from 0° to 6° and at’
Mach numbers from 0.60 to O. 93, the section normal-force coefficients L )
(fig. 32) exhibited the type of trend shown in reference 1k. The section -
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normal-force coefficient near the root of the wing was less than that
farther outboard. It is also shown that in the angle-of-attack range
from 0° to 8° the loading of all the sections incressed by the same
relative amount with incressing Mach number up to 0.90 (figs. 32(a)

to 32(e)) without any apprecisble shift in lateral center of pressure
(fig. 48). At higher Mach numbers the trend of reference 14 was not
followed. Turther increase in Mach number to 0.96 resulted in decreased
section normal-force coefficients over the inner portion of the wing end
an increase in loading over the outer portion. This led to an outboard
shift in the center of pressure (fig. 48) and gave rise to greater
bending moments at the root. The spanwise distribution of normal-force
coefficient at a Mach number of 1.2 indicated the same trend noted at a
Mach number of 0.96. With reference to figures 9 to 17, it is noted
that at a Mach number of 0.60 stall developed on the outer portion of
the wing at angles of attack between 6° and 8° and progressed toward

the root with increase 1n angle of attack.

At the higher angles of attack from 8° to lho, the spanwise varia-
tion of normal-force coefficient exhibited the general trend experienced
by sweptback wings with stall conditions at the outer sections. The peak
load coefficient Increased and moved inboard due to the inboard spread
of separated flow. '

In figure 31, 1t 1is noted that at a Mach number of 0.60 and an angle
of attack of 6°, the section normal-force coefficient at the 80-percent-
semispan station obtained with natural transition was somewhat less than
that obtained with transition fixed. The difference in the section load
can be attributed to the leading-edge surface irregularity as explained
in the discussion of pressure distributions. The difference in section
normel-force coefficient for the outboard stations at 8° angle of attack
is due to the fact that the influence of the transition strip delayed
the separation of the flow over the wing. This also has been mentioned
in the pressure distribution discussion.

Reference 15 pointed out that adding a fuselage to a sweptback wing
to make a midwing configuration incressed the 1ift near the wing root due
to the local upwash around the fuselage. Figure 33 shows that the same
effect may be indicated by the data presented herein. Results for the
igolated wing were not obtained, but if the trend for the loading over
the inboard wing sections of reference 15 is followed, as shown in
figure 33, with corsideration given to the theoretical distribution
suggested in reference 16, an indication of the fuselage-interference
effect on the wing is apparent. On this basis it may be seen that the
loading on the wing-fuselage combination was greater than for the wing
alone, assuming the wing extended through the fuselage. It was also
greater than the individual loedings of the fuselage and wing added
together.

it
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Comparing the contribution of the load on the fuselage alone with
the total load on the fuselage In the presence of the wing, at an angle
of attack of 4°, revealed the fact that the load on the fuselage of the
wing-fuselage combination was epproximately 10 times greater than the
load on the isolated fuselage at the same angle of attack and Mach
number. The fuselage loading in the presence of the wing varied with
Maech number much the same as the wing loading. In figure 32(c) for an
angle of attack of 4° a dip, or loes, 1n fuselage spanwise normal-force
coefficient occurred on the fuselage and appeared to shift toward the
wing-fuselage Juncture with increase in Mach number. The shape of the
spanwise-loading curve was due primarily to the shape of the spanwise
loading on the fuselage slone (fig. 33). .

The fuselage loading in the presence of the wing indicated that
the load on the fuselage was affected both in front of and behind the
wving-fuselage Juncture by the pressures of the wing at subsonic Mach
numbers (fig. 34). When the Mach number was incressed to 1.2, the wing
had little effect on the fuselage ahead of the wing-fuselage juncture.
The center of pressure of the incremental loading on the fuselage due to
thgowing apreared to move rearward with increase in Mach pumber from
0. to 1.2. : -

The loading on the 20-percent-semispan station revealed that the
center of pressure on the inboard sections of the wing moved rearward
when' the Mach number was increased from 0.60 to 0.96 (fig. 35). When
the Mach number was increased to 1.2, a furthér center-of-pressure shift
on the inboard wing sections was not noted. The longitudinal center-of-
pressure dlsplacement indicated by the fuselage loading at a Mach number
of 1.2 may be attributed to a rearward displacement of the effect of the
wing on the pressures along the mean spanwise station of the fuselage
at a Mach number of 1.2.

The spanwise distributions of normal-loading coefficient cnc/CNE

have been compared with theoretical distributions for the incompressible
case (M = 0) and for a Mach number of 0.85, from charts in reference 16
(figs. 36 and 37). The theory used in reference 16 takes account only
of the additional loading due to angle of attack. Close agreement would
be expected between the experiment and theory, since the wing investigated
was wlthout camber or twist. Because of the unusual flow over the wing
as a result of the shocks or the action of the separation vortex near the
leading edge, it can be seen that the measured span-lcad distribution was
only in falr agreement with the loading predicted by the theoretical
method based on potential flow. Poor agreement was noted at the high
angles of attack near that at which stall occurred at the tip.
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Normal-Force Characterigtics

The varistion of normel-force coefficient with Mach number and angle
of attack proved to be almost identical to the force-test results of
reference 3 (fig. 38). The normal-force coefficients for the isolated
fuselage (fig. 39) were also in agreement with reference 3. The reason
for the change in the normal-force-curve slope between normal-Fforce
coefficients of 0.2 and 0.4 (fig. 40) has been pointed out in the discus-
sion of the pressure distributions. The increase in chordwise extent of
relatively high negative pregsure coefficients near the leading edge of
the wing upper surfaece resulted in the increase in normsl-force-curve
slope. This increase may be assumed to be caused by the fact that the
stream must flow about an effectively thick, highly cambered airfoil.
This increase was noted up to an angle of attack of 10°. Thereafter,
the normal-force-curve slope decreased due to the loss in normal force
assoclated with more severe separation near the tip.

It should be noted that the data presented herein are for relatively
low Reynolds numbers, and the same phenomens may not exist at the higher
Reynolds numbers encountered in actual flight.

It 1s evident from the normal-force data in figure 40 that the flow
over the wing at low values of normal force was not appreciably influenced
by the transition strip. There was some indication of a change at the
high normel-force coefficlents. However, the shape of the normsal-force
curves, obtained with fixed transition, egreed closely with that obtained
for the smooth wing of the force test at the same Mach number.

The normal-force-curve slopes from pressure data and force tests were
in agreement with theory up to a Mach number of 0.80 as shown in figure k1.
The deviation of the experimental data from theory at the higher Mach
numberg has been noted in other investigations for wings (reference 14) but
the deviation usually was not so rapid as shown in figure 41. There is a
possibility that the fuselage may have contributed to the rapid rise.

With reference to figure h2, it is noted that at normal-force coef-
ficients up to 0.7 and Mach numbers up to 0.90, approximately 16.5 per-
cent of the total load on the wing-fuselage combination was carried by
the fuselage. Approximately 16.5 percent of the total wing area was
blanketed by the fuselage. At normel-force coefficlents up to O.h, the
fuselage carried 14.5 precent of the total losd at a Mach number of 1.2.

Pitching-Moment Characteristics

The region of maximum negative section pitching-moment coefficient
moved inboard from the tip with increase in angle of attack (fig. 43).

e W
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This resulted from an increase in the chordwise extent of relatively

high negative pressure coefficients over the forward portion of the wing
upper surface as shown in figures 9 to 17. The negatlve section pitching-
moment coefficients increased in magnitude until the flow over the
sectlions separated. Thereafter, change in angle of attack had little

effect on change 1in pitching-moment coefficient of the stslled sections
(fig. L4h).

The variation with Mach number of pitching-moment coefficient for
the wing-fuselage combination and the lisolated fuselage at all angles
of attack and Mach numbers tested (figs. 45 and 46) indicated that Mach
number effects on the fuselage were negligible., At the high Mach numbers
and angles of attack, the transitlion date indicated a less negative
pltching-moment coefficient. The variatlion of pltching-moment coefficient
with normal-force coefficient exhibited the same effect (fig. 47). Data
from the force test (reference 3) were compared with the pressure data
in figure 47 and excellent agreement was noted except at the high 1ift
coefficients. The discrepancy may be pertially due to differences in
surface roughness of the models. Simlilar deviations have been reported
in reference 1kL.

Assocliated with the pitchling-moment characteristics, the center of
pressure on the wing, with wing-fuselage interference present, moved
rearward 3 to 4 percent of the mean aerodynamic chord with an increase
in normal-force coefficient from 0.2 to 0.4, as shown in figure 48. When
the normal-force coefflclent was increased to 0.7, the center of pressure
moved forward 1 to 2 percent of the mean aserodynamic chord. For & normal-
force coefficient of 0.4 at a Mach number of 1.2, the increase in spread
of the high-negative-pressure-coefficlient region over the chord resulted
in the center of preesure belng located at 53 percent of the mean aero-
dynamic chord.

The fuselage longitudinal center of pressure was located in front
of the fuselage at low angles of attack and shifted rearward with increase
in angle of attack (fig. 49). As the Mach number was increased, the
center of pressure moved forward. A large variation in the longitudinal
posltion of the center of pressure was noted gt a Mach number of 1.2.
For this Mach number and an angle of attack of 4°, the center of pres-
sure was located 61.5 percent fuselage length in front of the fuselage;
however, when the angle of attack was increased to 14°, the center of
pressure was located 1k4.5 percent fuselage length to the rear of the
fuselage nose. With reference to figure 50, at a normal-force coefficient
of O, the serodynamic center of the wing-fuselage combination sghifted
from 20 percent mean aerodynamic chord at a Mach number of 0.60 to
32.5 percent mean aerodynamic chord at a Mach number of 0.96, and to
36 percent mean aerodynemic chord at M = 1.2. At a normal-force coef-
ficient of 0.4, the serodynamic center shifted from 27 percent mean

vy
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aerodynamic chord at & Mach number of 0.60 to 45.5 percent mean asero-
dynemic chord at a Mach number of 0.96 and to 46 percent mean aero-
dynamic chord at M = 1.2. This rearward movement was probably due to
the increase in chordwlse extent of the minimum pressures over the for-
ward portion of the wing upper surface as mentioned in the discussion
of the pressure distributions. At normal-force coefficients in excess
of 0.6, the flow over the wing tip separated completely, and the center
of pressure moved forward and inboard (fig. u48).

In general, increases in Mach number tended to decrease the magni-
tude of the wing interference on the fuselage pitching-moment coefficients
(fig. 51). At a Mach number of 0.8, the wing interference accounted for
about 47 percent of the positive pitching-moment coefficient of the fuse-
lage in the presence of the wing. At a Mach number of 0.93 only 24 per-
cent can be attributed to the presence of the wing. With reference to fig-
ure 34, the center of pressure of the incremental loading on the fuselage
due to the wing moved rearward toward the pitching-moment axis (the
0.25-chord position of the mean aerodynamic chord) with increase in Mach
number and tended to decrease the fuselage positive pltching-moment
coefficients.

Pressure-Drag Characteristics

The pressure-drag coefficient on the outboard section of the wing
at an angle of attack of 4° was much less than the coefficient for the
inboard section at subsonic Mach numbers (fig. 52). The variation at a
Mach number of 0.60 was in agreement with the prediction from nonviscous
flow theory (reference 10). As pointed out in reference 11, these pres-
sure forces were associated with potential flow and were not a manifesta-
tion of losses. They were compensated in potential flow by thrust on
the outboard sections. At a Mach number of 1.2, the section pressure-
drag coefficient was nearly uniform for the entire semispan. The theory
predicted that the pressure drag for the inboard sections at supersonic
speeds should be considerably greater than for the outboard sectlons.

The difference was due to the fact that the separation for the outboard
sections was more severe than inboard (see Pfigs. 9 to 17 and reference 11).

The pressure-drag coefficient for the lsolated fuselage exhiblted
very little change with increase in Mach number up to 0.96 throughout
the angle-of-attack range lnvestigated. The pressure-drag-coefficient
rise appeared to take place between Mach numbers of 0.96 and 1.2
(fig. 53). The pressure-drag coefficlents of the wing-fuselage combina-
tion indlicated the same effects of Mach number as in reference 3. For
example, the force break at an angle of attack of 4° occurred approxi-
mately at a Mach number of 0.90 as shown in figure 5k.
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The fuselage pressure-drag coefficient at zero 1lift was compared
with the drag determined from free-fall date (reference 13) and wind-
tunnel force tests (reference 3) in figure 55. A fugelage base-pressure
correction was subtracted from the tunnel force-test data so those data
would be directly comparable with that obtained by integrating the
externsl pressures of the present investigation. Although the body in
the free-fall tests had a shorter portion cut off at the rear, the data .
were in agreement. The data also have been compared with theoretical pres-
sure drag computed from reference 17. Although this theoretical value is
independent of Mach number at supersonic Mach numbers, it wes considered
to be in satisfactory agreement with the experimental data from a Mach
number of 1.05 up to the highest velocities tested.

Fugelage Skin-Friction Drag

The variation with Mach number of skin-friction drag for the fuse-
lage was determined as the difference between the Langley 8-foot high-
gspeed-tunnel force-test drag-coefficient and the Langley 8-foot high-
speed-tunnel pressure-drag-coefficient curves of figure 55 and is
presented in figure 56. The skin-friction drag coefficient did not vary
appreclably with Mach number. The experimental values of skin-friction
drag coefficient are compared with theoretical values calculated by the
method of reference 17, for the case of transitlon at the nose. Also
included are the skin-friction-drag-coefficlent velues obtained from
free-fall tests. Agreement was obtalned between the theoretical result
for transition at the nose and the experimental dsta up to the highest
Mach number tested. ZFurther comparison was 1mpossible because the point
of transition was not known.

The free-fall data were obtalned st Reynolds numbers between 1 X 106
and 6 X 106 The pregsure dats for the tunnel model were obtained at a
Reynolds number of about 2 X 106 .

CONCLUSIONS

The pressure-distribution investigation of a fuselage and a wing-
fuselage combination employing a wing with 45° sweepback of the 0.25-chord
line, aspect ratic 4, taper ratio 0.6, and NACA 65A006 airfoil sections at
high subsonic Mach numbers and at a Mach number of 1.2 indicated thet:

1. Pressure distributions indicative of leading-edge separation-
vortex flow noted at low speeds were alsc obgerved at the high subsonic
Mach numbers. Seperatlon over the outboard sections of the wlng spread
inboard with increase in angle of attack. Increasing the Mach number
delayed the spread of this meparation.
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2. The spanwise loading shifted slightly outboard at angles of
attack below 8° when the Mach number was increased from 0.90 to 1.2.
At higher angles of attack, the peak load coefficient increased and
shifted inboard due to inboard spread of the separation region at the
wing tip.

3. The pressures on the rear portion of the chord of the wing sta-
tions nearest the fuselage exerted the most influence on the fuselage
pressure distributions. The minimum-pressure peaks on the wing leading
edge near the wing-fuselage Juncture appeared to be localized on the wing.

4, The load on the fuselage was affected by the wing in front of
and behind the wing-fuselage Juncture at subsonic speeds with the majority
of the load in the region directly above the juncture. The center of the
load increment on the fuselage produced by the wing moved rearward with
increase in Mach number.

5. The load on the fuselage in the wing-fuselage combination was
approximately 10 times greater than the load on the isoleted fuselage at
the same angle of attack and Mach number. At normal-force coefficients
up to 0.7 and Mach numbers up to 0.90, approximately 16.5 percent of the
total load on the wing-fuselage ‘combination was carried by the fuselage.
At normal-force coefficients up to 0.4, the fuselsge carried sbout
1%.5 percent of the total load at a Mach number of 1.2.

Langley Aeronsutical Laborastory
National Advisory Committee for Aeronautics
Langley Field, Va.
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of attack.
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