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LATERAL, DIRECTIONAL, AND LONGITUDINAL 

STABILITY CHARACTERISTICS OF TIB 

MARTIN B - 6 U  MISSILE (MATADOR) 

By Arvo A. Luoma 

SUMMARY 

The s ta t ic   l a te ra l ,   d i rec t iona l ,  and longitudinal  stabil i ty  char- 
ac t e r i s t i c s  of a 0.06-scale model of the  Martin B-61A missile (Matador) 
were invest igated  in   the Langley 8-foot  transonic  tunnel  at Mach numbers 
from 0.80 t o  1.12. Six-component force and moment data  were obtained 
from strain-gage measurements. The character is t ics  of  a spoiler and  of 
wing-tip end plates  were also  investigated.  The Reynolds number of the 
t e s t s  based on the mean aerodynamic chord of the wing  was approximately 
1.6 X 10 . 6 

The longitudinal and d i rec t iona l   s tab i l i ty  appeared satisfactory,  
except f o r  a l o s s  in  directional  stabil i ty  near  sonic  velocity  at   small  
angles of yaw. Spoiler power appeared  adequate. End plates  were inef - 
f ec t ive   i n  reducing  the  dihedral  effect  at Mach numbers near 0.96 but 
were effect ive  a t   the   other  Mach numbers. A t  such Mach numbers, the 
effectiveness was approximately  proportional to   the   a rea  of the  plates.  
Langley and Wright Air Development Center  results on this model showed 
good agreement fo r   t he  most par t .  

INTRODUCTION 

B 

A wind-tunnel  investigation of a 0.06-scale model of the  opera- 
tional  production  configuration of the  Martin B-61A missile (Matador) 
was  made a t   t he  Wright Air Development Center,  Wright-Patterson Air 
Force Base, Ohio,  and i s  reported  in  reference 1. The t e s t s ,  however, 



did  not  include  the  part of the Mach number range  from 0.97 t o  1.08 i n  
which the  missile w i l l  f l y .  A t  the  time of the  investigation of refer-  
ence 1, f l i g h t  tests had  been made  of the developmental  configurations 
but none had  been made  of the  operational  production  configuration. 

A t  the  request of the U. S. Air Force, an investigation was there- 
fore  made i n   t h e  Langley 8-foot  transonic  tunnel  to  provide  additional 
information at transonic  speeds on the   s t a t i c   l a t e ra l ,   d i r ec t iona l ,  and 
longi tudina l   s tab i l i ty   charac te r i s t ics  of the  0.06-scale model of the 
operational  production  configuration of the  Martin B - 6 1 ~  missile 
(Matador). The la te ra l   cont ro l   charac te r i s t ics  of a spoiler,   the  effect  
of wing-tip end p la tes  on the  effective  dihedral  of the complete model, 
and the  variation w i t h  Mach number of the  s ta t ic   pressure at several 
o r i f ices  on the  fuselage and on a static  tube  located ahead of the 
fuselage nose were also  investigated.  

SYMBOLS 

The aerodynamic force and moment data a re   r e f e r r ed   t o   t he   s t ab i l i t y  
axes, which are shown in   f i gu re  1. The origin of t he   s t ab i l i t y  axes f o r  
the  present  tests was the  center-of-gravity  location shown in   f igure  2. 
The symbols used i n   t h i s  paper are defined as follows: 

CL 

Aerodynamic 

1 span of wing W 

drag  coefficient, D/qS 

minimum drag  coefficient 

r i s e   i n  drag  coefficient above minimum value, 
CD - Cl&in 

l i f t  coeffickent  corresponding t o  minimum drag 
coefficient 

change i n   l i f t   c o e f f i c i e n t  from value  correspon&ing 
t o  minimum drag  coefficient, 

drag-rise f acrtor 
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( A c L ) s ~  (AcD) s, 

(Acm)s, (AC n ) s ]  incremental  coefficients due t o  spoi ler   def lect ion 

( ACl) S J  (ACY ) s  

C derivative of lift coefficient  with  respect t o  angle 
of attack, - dCL 

da 

CX 

CY 

ylJ 
C 

C 

c, 

C 

longitudinal-f  orce  coefficient, X/qS 

la teral-force  coeff ic ient ,  Y/qS 

derivative of la teral-force  coeff ic ient   with  respect  

t o  angle of yaw, - dCY 
d$ 

roI"ing-moment coefficient,  L ' / ~ S I I  

derivative of rolling-moment coefficient  with 

respect  to  angle of yaw, - dC 1 
d$ 

pitching-moment coefficient,  M' / q S F  

derivative of pitching-moment coefficient  with 

r e spec t   t o   l i f t   coe f f i c i en t ,  - dCm 
dCL 

yawing-moment coeff ic ient ,  N '  /qSb 

derivative of yawing-moment coefficient  with 

respect  to  angle of  yaw, - dCn 
dlJ 

l oca l  chord of w i n g ,  measured pa ra l l e l   t o   p l ane  of 
symmetry of model 

m e a n  aerodynamic chord of wing W" 

mean aerodynamic  chord of wing W1* 

t i p  chord of wing 



4 

D 

h 

it 

L 

L '  

M 

M '  

N' 

P 

P 

P l  

9 

R 

S 

'e 

X 

Y 

Z 

drag, D = -X when $ = Oo (CD data  presented 
herein only f o r  * = 0') 

height of end plates  for wing t i p s ,  measured  from 
chord l i n e  of t i p   s ec t ion   ( s ee   f i g .  3 )  

incidence of horizontal ta i l ,  measured by angle 
between root chord of h o r i z o n t a l   t a i l  and center 
l i n e  of body 

l i f t ,  L = -Z 

ro l l ing  moment about X - a x i s  

maximum value of l i f   t -d rag   r a t io  

Mach number i n  undisturbed  stream 

pitching moment about  Y-axis 

yawing moment about  Z-axis 

P2 - P 
pressure  coefficient, 

9 

static  pressure  in  undisturbed  stream 

local  value of s ta t ic   pressure on surface of  model 

dynamic pressure  in  undisturbed  stream 

Reynolds number based on 75 

projected  area of  wing W1 (including  portion  within 
fuselage) on plane  passing  through  root chord of 
wing  and perpendicular t o  plane of  symmetry  of 
model 

l a t e ra l   a r ea  of  two end p l a t e s   f o r  wing t ips,   2cth 

longitudinal  force  along X-axis, D = -X when 
$ = Qo 

l a t e ra l   fo rce  along Y-axis 

force  along  Z-axis, L = -Z 
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a 

N 1  

N 3  

B l  

B2 

B 3  

Wl* 

E2 

- 5 

angle of a t tack of model, based on center   l ine of 
body 

angle of yaw 

Configuration  Notation 

ogival  nose 

ogival  nose and s ta t ic   tube  (N1 p lus   s ta t ic   tube)  

center body and t a i l  cone 

center body, t a i l  cone, and radar housing (B1 plus 
radar  housing) 

center body, t a i l  cone, radar  housing, and control- 
cable  housing (B2 plus  control-cable  housing) 

wing w i t h  - 5 O  of dihedral  and rounded t i p s   ( t i p s  
formed by ro ta t ing   a i r fo i l   sec t ion  a t  t i p  about 
t i p  chord) 

w i n g  with - 5 O  of dihedral  and with rounded t ip s   cu t  
off 

v e r t i c a l  t a i l  

horizontal  t a i l  with 1.5' of dihedral  and it = 0' 

production  spoiler 

small end p l a t e s   f o r  wing t i p s  

large end p l a t e s   fo r  wing t i p s  

combination  designated i n   t h i s  paper as the 
"complete model" 

lU"E'ARA!I'US AND METHODS 

Tunnel 

The tests were made i n   t h e  Langley  8-foot  transonic  tunnel.  This 
tunnel  operates at a stagnation  pressure  approximately  equal t o  atmos- 
pheric  pressure. The tunnel throa t  i s  of dodecagonal cross   sect ion w i t h  
ax ia l   s lo t s   loca ted  a t  the   ver t ices  of the  twelve w a l l  panels. The 



slotted  design  permits model t e s t i n g   a t  speeds  through  sonic  velocity. 
Information on the  design of this s lot ted  tunnel  i s  given in  reference 2 
and on the  cal ibrat ion of the  flow  in  reference 3 .  

Model, Sting, and Balance 

Model. - The 0.06-scale model of the  Martin B-61~ missile (Matador) 
invest igated  in   the Langley 8-foot  transonic  tunnel was the same model 
used i n   t h e  WADC 10-foot  wind-tunnel t e s t s  of reference 1. The Matador 
i s  a turbojet-powered  missile  with a submerged-type a i r   i n l e t  on the 
bottom of the  fuselage. No provision was  made on the model fo r   i n t e rna l  
flow, and the  fuselage  cross  sections on the  missile  in  the  region of 
the   a i r   i r i l e t  were replaced on the model  by plain  circular  cross  sections.  
The complete configuration  tested  in  the Langley tunnel i s  shown i n  
figure 2 and included a wing with  cut-off t i p s  (W1*), a radar  housing, 
and a control-cable  housing. Most  of the WADC t e s t s  were made with  the 
original  version of the wing, which had rounded t i p s  (W1), and without 
the  radar  housing and the  control-cable  housing on the model. 

The geometric character is t ics  of the model, inchding   the  wing with 
rounded t i p s  (W') and the wing with  the rounded tips  cut  off  (WIA), are  
given in   t ab l e  I. The model was constructed of s teel   except   for   the 
fuselage nose piece, which was  of  aluminum alloy. 

The dimensions and location of  two s i z e s  of wing-tip end plates  are 
shown in   f igure  3 .  The r a t io s  of end-plate  area  to w i n g  area Se/S were 
0.053 and 0.106. The de ta i l s  of construction and the  location of a simu- 
lated  production  spoiler  are shown in   f igure  4. The spoiler  height was 
0.077F and the  spoiler span  extended f Tom 0.2@ t o  0.67b. Figure 5 
shows the dimensions of a s ta t ic   tube,  which was attached t o  the  fuse- 
lage nose, and the  locations on the  static  tube and  on the  fuselage of 
s ta t ic -pressure   o r i f ices   a t  which data were obtained in   the  present  
t e s t s .  

2 2 

Sting.- The section of the model s t ing  rearward of the  fuselage was 
of constant  diameter,  with a r a t i o  of sting  diameter  to  fuselage-base 
diameter of 0.82 ( f ig .  2) ;  this sting  dime-ter was the  same as tha t  used 
i n   t h e   t e s t s  of reference 1. The extent of the  constant-diameter  sec- 
t i o n  behind the  fuselage was 6.7 fuselage-base  diameters in   the  present  
t e s t s  and 2.0 fuselage-base  diameters i n   t h e   t e s t s  of reference 1. A t  
the end of the constant-diameter  section,  the  stings were enlarged i n  a 
conical  taper,  with semiangle values of 5 . 5 O  in   the   p resent   t es t s  and 
3.0' i n  those of reference 1. 

Balance.- A six-component strain-gage  balance  available  at  the 
Langley Laboratory was adapted t o  the  Martin model. The balance was 
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positioned  in  the  fuselage so  that the moment center of the  balance was 
on the  center  l ine of the  fuselage and 5.36 inches  rearward of the 
center-of-gravity  location  designated  in  figure 2. A closer  location 
of the moment center of t h i s  balance t o  the  center-of  -gravity  location 
was not  possible  without  considerable and undesirable  modification of 
the  fuselage. 

Test Procedure 

The model was t e s t ed   i n   p i t ch  and  yaw. In the  present  investiga- 
tion,  only a horizontal-tail  incidence it of Oo was tested;  pitch  data 
at   other  horizontal-tail   incidences may be found in  reference 1. 

Model se tup   in   tunnel   for   p i tch  and yaw tes t s . -  The p i t c h   t e s t s  were 
made with  the model horizontal   in   the  tunnel   ( f ig .  6( a)  ), and the  angle 
of attack of the model was varied by pivoting the s t i n g   i n  a ve r t i ca l  
plane. The pivot axis of the  s t ing was  located  approximately 79 inches 
downstream of the  quarter-chord  point of the mean aerodynamic chord of 
the wing. The  yaw t e s t s  were made with  the model ve r t i ca l  (model 
rotated 90° about fuselage  center  l ine from horizontal   posit ion  in 
p i t ch   t e s t s )   i n   t he   t unne l   ( f i g .  6 (b ) ) ,  and the  angle of  yaw  was varied 
by pivoting  the  st ing  in  the same ver t i ca l  plane  as i n   t h e   p i t c h   t e s t s .  

In   the   p i tch   t es t s  and i n  all the yaw t e s t s  except  those of the 
complete model, the  center   l ine of the model at   angles of a t tack and yaw 
of 0' was displaced  approximately 4 inches below the  center  l ine of the 
tunnel.   In  the yaw t e s t s  of the complete model, the  center   l ine of the 
model at   angles of  yaw and at tack of 0' coincided  with that of the 
tunnel. 

Determination of angles of attack and  yaw.- The no-load  angle of 
a t tack   in   the   p i tch   t es t s  (or the no-load  angle of  yaw i n  the yaw tests)  
was obtained  with a pendulum-type accelerometer, which was calibrated 
against   incl inat ion  ( in  a ver t ical   p lane) .  The accelerometer was housed 
in   the  extension of the model s t ing and was located  approximately 
60 inches downstream of the  quarter-chord  point of the mean aerodynamic 
chord of the wing. Flex ib i l i t y  of the  balance, model st ing,  and s t ing  
extension between the model and the  accelerometer  location  required a 
correction  to  the  accelerometer  reading  to  obtain  the model angle of 
a t t a c k   i n   t h e   p i t c h   t e s t s  (or the model angle of  yaw i n   t h e  yaw t e s t s ) .  
The angle of yaw i n  the p i t ch   t e s t s  was 0'. Angles of a t tack  of Oo and 
2' (no-load  values) were included in   t he  yaw tests and these  values 
were obtained by the use of couplings of 0' and 2''a-t the rearward end 
of the model sting.  Deflection of the  balance and sting  support system 
under  aerodynamic load  also  necessitated  corrections  to  the  angle of 
a t t ack   i n   t he  yaw tests. 
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Force and moment tes ts . -   Lif t ,   longi tudinal   force,   p i tching moment, 
ro l l ing  moment, yawing moment, and l a t e ra l   fo rce  were determined from 
strain-gage  readings. The  Mach number range was from 0.80 t o  approxi- 
mately 1.12. The average Reynolds number (based on the mean aerodynamic 
chord of wing W ) of the  present  investigation i s  shown plotted  against 
Mach number in   f i gu re  7. A t  a given Mach number, the model was pivoted 
through e i ther   the  angle-of  -attack  range or the angle-of -yaw range. 

1 

The configurations  tested and the  angles of attack,  angles of  yaw, 
and Mach numbers a t  which data were taken  are  given i n   t a b l e  11. The 
configuration  with  the  wing-tip end plates  was tes ted i n  yaw i n  an 
attempt t o  reduce the  effective  dihedral  of the complete model. The 
spoi ler  was tes ted  on the upper surface of t h e   l e f t  semispan of the wing. 
All t h e   t e s t s  except one  were made with  the model i n   t h e  smooth condition. 
Surface-roughness t e s t s  were made, in   addi t ion   to   the  model-smooth tests, 
on the complete configuration  through  the angle-of-yaw  range at an angle 
of attack of -0.1'. For the roughness t e s t s ,  1/8-inch-wide s t r i p s  of 
No. 60 carbomdum  grains were shellacked on the upper and lower  surfaces 
of the wing and t h e   h o r i z o n t a l   t a i l   a t  10 percent  chord and  on the  fuse- 
lage at 10 percent  length. 

The s ta t ic   pressure on the upper and lower  surfaces of the  s t ing 
a t   t h e  base of the  fuselage was measured f o r  all test   conditions.  

Static-pressure measurements and schlieren  studies.-   Static-pressure 
measurements were made a t  various  orifices on the   s ta t ic   tube  and  on the 
fuselage of the  wing-fuselage-static-tube  configuration N3BQl-A. In 
the  pressure  tests, ,   the  center  l ine of the model a t  an angle of attack 
of Oo coincided  with that of the  tunnel. The pressure  data were obtained 
a t  angles of attack of -lo, Oo, and 1' and at Mach numbers f rom 0.90 t o  
1.12. No force and moment data were taken  during  these  pressure  tests. 
Additional  static-pressure  data at other  orifice  locations on the  fuse- 
lage can be found in  reference l. 

Schlieren  photographs of the  f low  f ie ld   in   the  region of the nose 
and base of the model were taken when shock phenomena were evident. 

ACCURACY 

Base-Pressure  Correction 

The axial force of the model was adjusted  for  the  difference 
between the  actual  static  pressure at the  base of the  fuselage and tha t  
in  the  undisturbed  stream, so that  the  data  presented  herein  correspond 
t o  a s ta t ic   pressure  a t   the  base of the  fuselage  equal  to that of the 
undisturbed  stream. 
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Tunnel-Boundary Interference 

9 

Subsonic Mach numbers.- A t  subsonic Mach numbers, the  interference 
e f fec ts  of a tunnel boundary on the  flow over a model in   the   t es t   reg ion  
near  the  center  line of the  tunnel have been made negligible by  means of 
a s lo t ted   t es t   sec t ion   ( re f .  3 ) .  

Supersonic Mach numbers.- A t  supersonic Mach numbers, ref lect ions 
from the  tunnel boundary of compression and expansion  disturbances 
originating  at   the model impinge on the model  and produce  an in te r fe r -  
ence of the  flow  over  the model. With increases  in Mach number, the 
reflected  disturbances  generally  increase  in  intensity and are swept 
downstream,  and at   suff ic ient ly   high Mach numbers the  disturbances  clear 
the model. When the  disturbances have cleared  the model, the  flow  over 
the model i s  then  f ree  of tunnel-boundary  interference. The e f fec t  of 
the  boundary-reflected  disturbances on the  overall   forces and  moments 
of a fuselage-alone  configuration and of a wing-fuselage  configuration 
was generally of s m a l l  practical   significance  (ref e .  3 and 4) ,  even 
though the  effect  of the boundary interference was conspicuous on  model 
pressure  distributions  (ref.  3).  The model of the  present  investigation 
may have been more susceptible t o  the  effects  of reflected  disturbances 
than  those of references 3 and 4 because of a blunter  fuselage-nose 
angle and the  inclusion of t a i l  surfaces. 

In  the  present  tests,   the  schlieren photographs  indicated  that  the 
flow  over  the model was f r e e  of boundary interference  a t  a Mach  number 
of 1.12 f o r  all t e s t  angles of attack and yaw, and a t  a Mach number of 
1.10 probably for  angles of attack and yaw near 0'. A t  higher  angles 
of attack and yaw a t  a Mach  number of 1.10, however, the  flow  over  the 
t a i l   p o r t i o n  of the model appeared t o  have been affected by the  reflected 
shock from the  fuselage nose,  although  the  force and moment data   for  
these  conditions showed  no i r r egu la r i t i e s  and  were generally  consistent 
with  the WADC resu l t s  of reference 1. All the  data of the  present 
invest igat ion  a t  a Mach  number  of 1.10 are  included  herein. A l s o  pre- 
sented  herein  are  test   data  at  Mach numbers  of 1.02, 1.03, and 1.04, 
which were in   t he  range of  Mach numbers  where the model was subject   to  
tunnel-boundary  interference. The intensi ty  of the  boundary-reflected 
disturbances at Mach numbers less than  approximately 1.03 has  been  found 
t o  be weak, so  that   the   effect  of boundary interference on the  data of 
the   p resent   t es t s   a t  a Mach  number  of 1.02 was  probably m a l l .  The 
influence of boundary interference on the  data shown here in   a t  Mach  num- 
bers of 1.03 and 1.04 has  not  been  established,  but it i s  believed  that ,  
even  though the magnitudes and slopes may have been  modified by boundary 
interference,  the  general  trends shown by t he   da t a   i n   t h i s  Mach number 
region  are  correct. No data  are  presented  herein between Mach numbers 
of 1.04 and 1.10, where the  effects  of boundary interference may be 
large. 

" . " 
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Corrections  for  tunnel-boundary  interferences.- No corrections have 
been made t o   t h e  data presented  herein  for the ef fec t s  of tunnel-boundary 
interference. 

Sting-Interference  Corrections 

No sting-interference  corrections have  been determined fo r   t he  con- 
figurations of the  present   tes ts ,  and the  results  are  therefore  presented 
uncorrected. In the  investigation of reference 1, t e s t s  were made with 
two s t ings of smaller  diameter;  the  ratios of these  diameters t o   t h e  
fuselage-base diameter were 0.72 and 0.61. The e f f ec t  of the  reduction 
i n  st ing  diameter  in  the  tests of reference 1 was found t o  have been 
generally  negligible on l i f t ,  drag, and pitching moment. Recently 
published summary information on sting  interference (ref. 5 ) ,  however, 
indicates  that   the minimum diameter of the stings used i n   t h e   t e s t s  of 
reference 1 may have been too  large and that   the   length of the  constant- 
diameter  portion of the  s t ing may have been too  short   to  conclude tha t  
s t ing  interference  in   the  present   tes ts  w a s  negligible.  

Precision of Data 

The accuracy of the  angle of a t t ack   i n   t he   p i t ch   t e s t s  and the  angle 
of yaw in   t he  yaw tests was approximately k0.1'. Because of looseness 
i n  a horizontal  plane of the  pivot of the  s t ing arm, however, the accu- 
racy of the  angle of  yaw i n   t h e   p i t c h   t e s t s  and the  angle of a t t ack   i n  
the yaw t e s t s  was  poorer and was approximately 50.2'. 

An indication of the accuracy of the aerodynamic coefficients may 
be obtained from the  repeatabi l i ty  and sca t t e r  of the  tes t   points .  

The average  stream Mach number i n   t h e  model tes t   region was accurate 
within kO.005. Local  deviations from the average  stream Mach  number i n  
the model tes t   region  ( tunnel  empty) generally  increased  with Mach number 
and  were as  large as 0.01 at supersonic  speeds  (ref. 3 ) .  The accuracy 
of the model pressure  coefficients was approximately +O.OO5 a t  subsonic 
speeds and decreased a t  supersonic  speeds t o  approximately +O.Ol5 a t   t he  

.highest  supersonic  speeds. 

RESULTS AND DISCUSSION 

Computation of Coefficients 

The present   t es t s  were made by using  the wing with  the rounded t i p s  
cut  off (wing W'); whereas most of the WADC t e s t s  of reference 1 were 
made by using  the wing with rounded t i p s  (wing Wl). A few t e s t s   i n   t h e  



WADC investigation were made with wing W l A ,  and it was found tha t   the  
change i n   t i p  shape had negligible  effect  on l i f t ,  drag, and pitching- 
moment coeff ic ients .  To conform to   t he   r e su l t s  of reference 1, the 
aerodynamic coefficients  presented  herein were based on the plan-form 
dimensions of  wing +, and the aerodynamic moment coefficients were 
re fer red   to   the  25-percent  point of the mean aerodynamic chord of this 
wing. The center-of-gravity  location  coicident  with  the  25-percent 
point of the mean aerodynamic  chord of wing W1 i s  shown i n   f i g u r e  2; 
this  center-of-gravity  location corresponded to   t he  25.6-percent  point 
of the mean aerodynamic chord of wing W l A .  

The  yaw data  presented  herein  are  given  in  terms of the  angle of 
yaw $ t o  conform to  the  presentat ion of reference 1, even  though the 
angle of s ides l ip  p i s  currently  the  preferred  angle  designation  for 
yaw t e s t s  at the Langley Laboratory. 

Basic and Summary Force and Moment Data 

Presentation of data.  - The basic  force and moment data  for  the  var- 
ious  configurations  are  presented  in  figures 8 t o  17, inclusive. ~n 
index of these  f igures i s  presented  in  table 11. Summary plots  derived 
from the  basic  force and moment data  are shown in   f i gu res  18 t o  30, 
inclusive.  In  addition, comparisons are made i n  maay of the summary 
plots  between the   resu l t s  of the  present   tes ts  and the WADC r e su l t s  
given i n  reference 1. The Reynolds number  of the WADC data shown herein 
was 1.66 x 10 . 6 

WADC and Langley configurations.- The WADC and Langley configura- 
t ions   for  which comparisons are made were not  identical,  but  the  differ- 
ences were essent ia l ly  minor. In   addi t ion  to   the  difference  in  wing t i p  
(discussed i n  "Computation of Coefficients"),  the complete configuration 
of the  present  tests  also  included  radar and control-cable  housings  (see 
f i g .  2 )  which were not  included on the WADC configuration  used  for com- 
parison. A t  a model angle of attack of approximately Oo, the radar 
housing was shown in  reference 1 t o  have had negligible  effect  on pitching 
moment and increased  the  drag  coefficient by less   than 0.001. The s t ing  
supports  used i n  the two investigations were also somewhat different  (see 
"Apparatus and Methods" section),  so  that  the  support  interference may 
have been different .  

L i f t  Characteristics 

Figure 18 presents  lift-curve-slope  data  for  the  various  configura- 
t ions.  Where the  curves of l i f t  against  angle of a t tack were nonlinear, 
the  slopes shown are  the  average  values  for  angles of a t tack from -1' 
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t o  lo. The lif t-curve  slopes  obtained  in  the WADC investigation were 
generaUy 4 t o  8 percent  greater  for  the  various  configurations investi- 
gated  than  those  obtained i n  the Langley investigation. The reason  for 
the  differences i s  not  evident. As mentioned previously  in "Computation 
of Coefficients,"  the  effect  of the  wing-tip  modification on l i f t  was 
negligible. The radar and control-cable  housings had negligible  effect  
on lift coefficient a t  an  angle of a t tack of Oo ( f ig s .  12 and 14 ) .  The 
Reynolds numbers i n   t h e  two investigations were essentially  the same. 

The maximum value of lift-curve  slope  occurred a t  a Mach  number 
somewhat greater than 0.90 for  the  various  configurations  (fig. 18). The 
spoiler had generally small e f fec t  on the magnitude and variation  with 
Mach number  of the  l if t-curve  slope of the complete model at an angle of 
attack of approximately Oo ( f ig .  18). With increase  in  angle of attack, 
the  l if t-curve  slope of the complete model generally  decreased 
( f ig .  l l ( a )  ), whereas tha t  of the spoiler  configuration  generally 
increased  (fig . l7 (  a)  ) . 

Pitching-Moment Characterist ics 

The var ia t ion with Mach number  of the   s ta t ic   longi tudina l -s tab i l i ty  
derivative  for  the  various  configurations i s  presented  in   f ig-  

ure 19; the  slopes shown are  the average  values f o r   l i f t   c o e f f i c i e n t s  
from -0.1 t o  0.1. The derivative as  obtained from the Langley 

and WADC t e s t s  showed  good agreement f o r  all the  configurations  investi- 
gated. The usual  rearward movement of the aerodynamic center  with 
increase  in  Mach number at subsonic  speeds was  shown by the  data. The 
complete model l e s s  t a i l  became longi tudinal ly   s table   a t  Mach numbers 
greater  than 0.89 ( f ig .  19 ) .  The r e su l t s  of reference 1 showed tha t   the  
spoiler had small e f fec t  on the  longitudinal-stabil i ty  derivative of the 
complete model less ta i l .  The main e f fec t  of the  spoi ler  on the 
longitudinal-stabil i ty  derivative of the complete model occurred at high 
subsonic Mach numbers, where the  spoiler somewhat reduced the rearward 
movement  of the aerodynamic center of the complete model ( f ig .  19); t h i s  
e f fec t  was probably  associated  with a modification of the downwash  by 
the  spoi ler .  

%CL 

S L  

No pi tch-up  diff icul t ies  were evident in   the   var ia t ion  of pitching- 
moment coefficient with l i f t   c o e f f i c i e n t   f o r   l i f t   c o e f f i c i e n t s  up to   t he  
maximum test  value of approximately 0.6 fo r   t he  complete model ( f ig .  1 1 )  
and for  the  conplete model plus  spoiler  (f ig.  17). 

The pitching-moment coefficient was essent ia l ly   insens i t ive   to  change 
i n  angle of  yaw f o r  a l l  configurations  tested  in yaw ( f igs .  8(b), 9(b),  
10(b),  12(b), 13(b),  14(b)y and l?(b))* 
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Drag Characteristics 

The zero-lif t   drag of the  various  configurations  obtained from the 
Langley and WADC t e s t s  agreed  well  for  the most par t   ( f ig .   20) .  The 
drag  force-break Mach number  was approximately 0.90 f o r  each of the 
configurations. The transonic  drag-rise  incremental  coefficient was 
large and was approximately 0.05 fo r   t he  complete model  and approxi- 
mately  0.045 fo r   t he  complete model l e s s   t a i l  and fo r   t he  complete model 
plus  spoiler. The incremental  drag  coeffj-cient of the t a i l  was approxi- 
mately 0.004 at subcr i t ica l  speeds and 0.01 a t   t he  maximum supersonic 
speeds, and tha t  of the  spoiler was 0.02 a t   subc r i t i ca l  speeds and 0.015 
at  the  highest  supersonic  speeds  (fig.  20). 

The addition of a t r ans i t i on   s t r ip   t o   t he  complete model increased 
the  drag  coefficient  considerably more than might be expected from pre- 
vious t e s t s   ( f i g .  21). The increase  in  drag  coefficient was approxi- 
mately 0.007 throughout  the Mach  number range of the   t es t s .  

The addition of the small end p la tes   to   the  complete model increased 
the  drag  coefficient by 0.002 a t  an  angle of attack of 0' a t  a Mach  num- 
ber of 0.90 and  by 0.005 at  the  highest  supersonic Mach numbers ( f ig .   22) .  
The larger  end plates  further  increased  the  drag  coefficient by about 
0.002 throughout the Mach  number range. 

The radar and control-cable  housings  increased  the  drag  coefficient 
by approximately 0.002 a t  an angle of at tack of 0' a t  high  subsonic Mach 
numbers ( f igs .  12 and 14) .  

Drag-Rise Factor 

The drag-rise  factor AC,/(ACL)~ shown i n  figure 23 i s  an  average 
value  applicable up t o  a l i f t   c o e f f i c i e n t  of approximately  0.3. Also 
shown in   f i gu re  23 i s  the  theoretical   variation  with Mach  number  of the 
drag-rise  factor  for  zero  leading-edge  suction 1/37. 3%, where C& 
was the  experimental  value of lift-curve  slope  obtained  in  the Langley 
8-foot  transonic  tunnel tests ( f ig .  18). 

The drag-rise  factor AC!D/(ACL)~ for  the  various  configurations 
varied from 0.1 a t  the  lower  subsonic  speeds t o  0.2 a t  the  highest  super- 
sonic  speeds ( f ig .  23) .  Changes in.configuration had small ef fec t  on 
the  value of the  factor .  The greater   scat ter  shown by the Langley data 
was probably a r e su l t  of larger  angle-of-attack  increments at which the 
drag  data were taken i n  the Langley tests. At the  higher  transonic 
speeds, the  drag-rise  factor  nearly  equaled  the  value  for  zero  leading- 
edge suction. 
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T a l l  

Maximum Lif t -Drag  Ratio 
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The maximum l i f t - d r a g   r a t i o  of the complete model reached  a maximum 
ue  of approximately  12.5 at a Mach number  of approximately 0.85, as 

shown by the WADC results i n   f i g u r e  24. The value  for   the complete model 
at supersonic  speeds was 4.4. The addition of a spo i l e r   t o   t he  complete 
model decreased  the maximum lif t-drag  ratio  considerably at subsonic 
speeds; the  decrease a t  the  highest  supersonic  speeds was 14  percent. 

The l i f t   c o e f f i c i e n t  corresponding t o   t h e  maximum l i f t -d rag   r a t io  
fo r   t he  complete model was approximately 0.35 at  the lower  subsonic t e s t  
Mach numbers,  and the  value  increased by approximately  0.2 at transonic 
speeds (f ig .   25) .  

Directional  Stabil i ty 

The directional-  and la teral-s tabi l i ty   der ivat ives   presented  in  
figures 26 t o  29, inclusive,  are  average  values  for  angles of  yaw from 
-10 t o  10. 

The direct ional-s tabi l i ty   der ivat ive of the complete model as c9J  
obtained from the Langley and WADC tests  generally  agreed  well  at an 
angle of a t tack of 0' ( f i g  . 26(a) ), but  the Langley data  showed a greater 
s t a b i l i t y   a t  subsonic Mach numbers a t  an angle of a t tack of approxi- 
mately 2.5' ( f ig .   26(b)  ) . A decrease in   d i r ec t iona l   s t ab i l i t y  occurred 
at Mach numbers near 1 ( f ig .  26), but  this  decrease was limited only t o  
small  angles of  yaw (see  f igs .  8 and IO). 

The addition of a t ransi t ion  s t r ip   increased  the  direct ional   s tabi l -  
i t y  of the complete model at an angle of a t tack of 0' a t  Mach numbers 
less   than 0.95 and  showed small   effect   a t   the   higher   tes t  Mach numbers 
( f ig .   26(a) ) .  The decrease i n   d i r e c t i o n a l   s t a b i l i t y   a t  small angles of 
yaw near Mach numbers of 1 observed fo r   t he  smooth configuration  also 
occurred for the model wi th   the   t rans i t ion   s t r ip .  

The complete model l e s s   t a i l  was directionally  unstable throughout 
the Mach number range w i t h  an  approximately  constant  value of the  deriv- 
a t ive %,,, of 0.002 (f ig .   27) .  Good agreement was  shown between the 
resu l t s  from the two t e s t   f a c i l i t i e s .  

The addition of the  small and large end p l a t e s   t o   t h e  wing increased 
the  direct ional   s tabi l i ty  of the complete model throughout  the Mach  num- 
ber  range,  although  the  effect of the end plates  was very small a t  Mach 
numbers near 0.97, and prevented  the  large lo s s  i n   d i r ec t iona l   s t ab i l i t y  
which occurred a t  small  angles of  yaw a t  Mach numbers near 1 for   the  



complete model ( f ig s .  28 and 29).  The small end plates  were relat ively 
more effective  than  the  large end plates   in   increasing  the  direct ional  
s t a b i l i t y  except a t   the   highest  Mach numbers. 

The radar and control-cable  housings had no ef fec t  on the  direc- 
t i o n a l   s t a b i l i t y   i n   t h e   t e s t  Mach  number range  covered ( f ig .  28). 

Lateral   Stabi l i ty  

The effective-dihedral  derivative C for   the  complete model a t  

an  angle of a t tack of 0' gradually  increased  with Mach  number at sub- 
sonic  speeds and at ta ined a maximum subsonic  value of 0.0023 a t  a Mach 
number of approximately  0.98 ( f ig .   26 (a ) ) .  The supersonic  value was 
general ly   s l ight ly   less   than  the maximum subsonic  value. A t  an angle 
of a t tack of approximately 2.5', the  effective-dihedral  derivative 
attained a maximum value of 0 .OO3O a t  a Mach  number  of 0.90 ( f i g  . 26(b) ) . 
The dihedral-effect  data from the two t e s t   f a c i l i t i e s  showed  good agree- 
ment except a t  supersonic  speeds a t  an  angle of a t tack of approximately 
2.5' ( f ig .   26) .  

The t r a n s i t i o n   s t r i p  had a variable  effect  on the  dihedral   effect  
of the complete model a t  an  angle of at tack of 0' a t  subsonic  speeds. 
The t ransi t ion  s t r ip   increased  the maximum value of t o  0.0027 a t  

a Mach number of approximately 0.96 ( f ig .  26(a)) .  

The dihedral   effect   for   the complete model l e s s   t a i l   a t  an  angle of 
attack of 0' was small throughout  the Mach  number range,  with a maximum 
value of 0.0006 a t  a Mach number of 0.96 ( f i g  . 27). 

The wing-tip end plates  were tested  in  an  attempt t o  reduce  the 
dihedral   effect  of the complete model ( r e f .  6 )  a t   t ransonic  speeds,  but 
the end plates   actual ly   increased  the  dihedral   effect   in  a smal l  range 
of Mach numbers centered  about a Mach number of approximately 0.96 
( f igs .  28 and 29). Outside this small range of  Mach numbers, however, 
the end p la tes  proved t o  be effect ive and the  increment of reduction i n  
dihedral   effect  was approximately  proportional to   the   a rea  of the  plates .  

The radar and control-cable  housings had no ef fec t  on the effective- 
dihedral   derivative  (fig.  28). zlk 

Lateral-Force  Characteristics 

The agreement in  the  lateral-force  derivative determined  from 

the Langley and WADC t e s t s  was sat isfactory  for   the complete model 
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(fig.  26) and was  excel lent   for   the complete model l e s s  t a i l  (fig.   27).  
The derivative was on ly  s l igh t ly   sens i t ive   to  change i n  Mach n u -  

ber. The incremental  lateral-force  derivative of t h e   t a i l  was approxi- 
mately 0.01 throughout  the Mach  number range (f igs .   26(a)  and 27). 

The t rans i t ion   s t r ip   genera l ly  had negligible  effect  on the   l a te ra l -  
force  der ivat ive  ( f ig  . 26 ( a )  ). 

The end plates  had small  effect on the  derivative C a t  Mach 
ylf 

numbers near 0.96, but a t  other Mach numbers the end plates  noticeably 
increased  the  derivative  (figs.  28 and 29). This  increase was approxi- 
mately  proportional t o   t he   a r ea  of the end plates .  

The radar and control-cable  housings had small ef fec t  on the   l a te ra l -  
force  derivative  (fig.   28).  

Incremental  Spoiler  Characteristics 

The incremental  force and moment coefficients due t o  spoiler  deflec- 
t ion   a re  shown in   f i gu re  30 for  several   values of angle of attack. The 
agreement i n  incremental  spoiler  characteristics between the Langley and 
WADC t e s t s  was  generally  satisfactory.  The spoiler rolling-moment effec- 
tiveness  increased  with  increase  in Mach  number up t o  a Mach  number  of 
0.92 and then  generally  decreased  with  increase i n  Mach  number 
( f ig .  3O(a) ) . Despite this decrease  the  spoiler s t i l l  developed large 
rol l ing moments at the  higher Mach numbers. The angle of a t tack   for  
spoiler m a x i m u m  rolling-moment effectiveness  generally  decreased  with 
increase i n  Mach number ( f i g .   l 7 ( c ) ) .  

The yawing-moment increment  developed by the  spoi ler  was favorable 
throughout the Mach number range a t   a l l  angles of a t tack  ( f ig .  3O(a) ) . 

The pitching-moment increment  developed by the  spoiler was positive 
throughout the Mach number range a t   a l l  angles of a t tack   ( f ig .  3O(b) ) . 
The maximum increment was approximately 0.08, and t h i s  occurred a t  
transonic  speeds. 

Pressure Data and Schlieren Photographs 

Static-pressure  data  for  the  static-tube and fuselage  orifices  are 
shown in   f igure  31 and are  also  tabulated  in  table 111. As a matter of 
general   interest ,  a few of the  schlieren  photographs  taken  during  the 
tests  are  presented  herein. Photographs of the  flow  in  the  regions of 
the  s ta t ic   tube and  model base  are shown in   f igures  32 and 33, 
respectively. 



Static-tube  pressures and shock patterns  in  region of s ta t ic   tube .- 
Small angle-of-attack changes had essent ia l ly  no e f fec t  on the  pressure 
coefficient of the  s ta t ic- tube  or i f ices  throughout the Mach  number range 
( f i g .   3 l ( a ) ) .  The pressure  coefficient of the  s ta t ic- tube  or i f ices  
decreased  abruptly at low supersonic Mach numbers; the  decrease began a t  
a Mach  number  of approximately 1 f o r  or i f   ice  W, a t  approximately 1.01 
for   o r i f   i ce  2P, and a t  approximately  1.03 for   or i f   ice  3P. This decrease 
i n  pressure  coefficient was associated  with  the  rearward movement  of the 
model bow  wave past   the  orifice  with  increase  in Mach number, as shown 
by the  schlieren  photographs of figure 32  where shock ( a )  i s  the model 
bow wave. 

A t  Mach numbers lower than  those  corresponding t o  the  beginning of 
the  abrupt  decrease  in  pressure  coefficient of the  static-tube  orifices,  
the  static-tube  pressures were posit ive due to  the  influence of the  pres- 
sure   f ie ld  of the body. A t  these lower Mach numbers, the  pressure  coef- 
f i c i e n t  of or i f ices  lP and 2P was essentially  invariant  with Mach  number 
and tha t   fo r   o r i f i ce  3P, which was closest   to   the body, increased  with 
Mach number. 

When the model bow  wave has moved to   the   rear  of a  static-tube 
or i f ice ,   the   s ta t ic   p ressure   a t   the   o r i f ice  would  be expected t o  corre- 
spond c lose ly   a t  small values of angle of attack  to  the  free-stream 
stat ic   pressure.  As f igure   3 l (a )  shows, the  pressure  coefficient  devi- 
ated from a  near-zero  value a t  Mach numbers  of 1.01 and 1.02 f o r  o r i -  
f i c e  lP and at  the  highest  supersonic Mach numbers f o r  all static-tube 
or i f ices .   Par t  of this   deviat ion from the  free-stream  value may be 
explained by the  poorer  accuracy i n  determining  pressure  coefficient  at 
supersonic  speeds  as a r e su l t  of the  decrease  in  uniformity of the test-  
section  flow at supersonic  speeds  (see "Accuracy" sect ion) .  

Some of the  other shocks on the  s ta t ic   tube were weak and do not 
show up wel l   in   the photographs. A shock (b)   a t   the  nose of t he   s t a t i c  
tube and a shock ( c )  at the enlargement i n  diameter of the  s ta t ic   tube 
are   fa int ly   seen  in   f igure  32(b) .  The shock (b)  i s  also  discernible   in  
the  negatives of f igure 32 at Mach numbers of 1.01, 1.02, and 1.04 and 
the shock ( c )   a t  a Mach number  of 1.04, but  these shocks are   very  diff i -  
cu l t   to   see   in   the  photographs. 

Fuselage  pressures. - Orifices 1 through 5 ,  and o r i f i ce  6 at Mach 
numbers above 0.96, exhibited  an  approximately  linear  variation of pres- 
sure  coefficient  with  angle of a t tack  ( f igs .  3l(b) to   3 l (d ) ;   s ee   f i g .  3 
for   o r i f ice   loca t ions) .  The pressure  coeff ic ient   for   or i f ices  1 through 
4, and or i f   ices  5 and 6 at Mach numbers  above 0.96, genera- increased 
considerably  with  increase  in Mach number.  The pressure  coefficient of 
o r i f i ce  21, which was located on the  side of the  fuselage nose i n  a 
region of flow  expansion, was insensitive  to  angle-of-attack changes  but 
showed large  variations with change i n  Mach  number ( f i g .   3 l ( e )  ) . 

. 
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Orifice 28 was also  insensit ive  to  angle-of-attack changes,  although 
the  adjacent  orifices 27 and 36 were affected by angle-of-attack changes 
at   t ransonic  speeds ( f ig .  3 l ( f ) ) .  The abrupt  decrease  in  pressure  coef- 
f ic ien t   wi th   increase   in  Mach number f o r   o r i f i c e s  27,  28,  and 36 a t  Mach 
numbers beginning at approximately 0.95 was associated with the rearward 
movement past   the   or i f ices  of the shock ar is ing from the compression of 
the  f low  field of the wing-body configuration and the development of 
supersonic  flow in  the  region of the  or i f ices .  The extent of the  decrease 
in  pressure  coefficient was  somewhat l e s s   f o r   o r i f i c e  36 than   for   o r i -  
f i c e s  27 and 28. 

Shock patterns  in  region of model base.- The shock formations  char- 
ac t e r i s t i c  of the  flow  in  the  region of the  base of a fuselage-alone 
configuration and of a wing-fuselage  configuration a t   t ransonic  speeds 
(see  ref. 3, f o r  example) were modified and complicated in   the  present  
t e s t s  by the  presence of t he   ho r i zon ta l   t a i l ,   t he   ve r t i ca l   t a i l ,  and the 
"bullet" on which the  horizontal t a i l  was supported ( f ig .  33). Shock (a)  
in   f i gu re  33 appears t o  have originated from the  leading edge of the  root 
chord of the  horizontal  t a i l .  Shock (b)  was associated  with  the  decelera- 
t ion   o r  compression of the  flow  over the rear portions of the  horizontal 
and v e r t i c a l   t a i l s  and the  bul le t .  The posit ion of this shock was prob- 
ably  influenced by the  presence of the  rear  portion of the  fuselage and 
the  forward  portion of the  st ing.  Shock (e ) in   f igure   33(b)  was the 
reflection  off   the  tunnel boundary of the bow  wave from the wing. 
Shock (d)   in   f igures   33(b)  and 33(c) ,   a t  Mach nm'bers of 1 and above, 
was a combined shock formed by the merging of the shock  from the  juncture 
of t h e   v e r t i c a l   t a i l  and fuselage and the bow  wave ahead of the  bul le t .  
A t  Mach numbers less   than 1, an  individual bow  wave ahead of the  bul le t  
i s  faintly  evident  in  the  schlieren  photographs. Shock ( e )   i n  f i g -  
ure  33(c) w a s  the  reflection  off   the  tunnel boundary of the  fuselage bow 
wave (shock ( a )   i n   f i g .   3 2 ) .  ThC ref lected shock ( e )  tended t o  become 
a normal  shock as it approached the   f i e ld  of flow downstream of the model 
in   the   v ic in i ty  of the sting, i n  a manner s imi la r   to   tha t  shown  by the 
data of reference 3. Multiple shocks which were essent ia l ly  normal t o  
the  center  l ine of the model and extended  across  the  entire  schlieren 
view are  seen  in  f igure 33 (b )   a t  Mach numbers  of 1.00 and 1.02; these 
shocks are  believed  to be primarily shock manifestations  at   the  tunnel 
windows, and not a t   t h e  model. 

CONCLUSIONS 

An investigation was  made in   t he  Langley 8-foot  transonic  tunnel of 
the   s ta t ic   l a te ra l ,   d i rec t iona l ,  and longi tudinal   s tabi l i ty   character-  
i s t i c s  of a 0.06-scale model of? the  Martin B - 6 1 ~  missile  (Matador). The 
l a te ra l   cont ro l   charac te r i s t ics  of a spoiler and the  effect  of wing-tip 
end plates  on the  effective  dihedral  of the complete model were also 
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investigated. The t e s t s  were made at Mach numbers from 0.80 t o  1 .12.  
The Reynolds number based on the mean aerodynamic chord of the wing was 
approximately 1 .6  x 10 . The following  conclusions  are  indicated: 6 

1. No ser ious   d i f f icu l t ies  were indicated  in   longi tudinal  and 
d i rec t iona l   s tab i l i ty .  A decrease in   d i rec t iona l   s tab i l i ty   occur red  
near  sonic  velocity  but was  l imited t o  small angles of yaw. 

2. Spoiler power appeared t o  be adequate  throughout  the Mach  number 
range. 

3. Langley  and  Wright Air Development Center r e s u l t s  on this  model 
generally showed  good agreement. 

4. End p la tes  on the w i n g  t i p s  proved ineffective  in  reducing  the 
dihedral   effect  at Mach numbers near 0.96 but were e f fec t ive  a t  other 
Mach numbers. The effectiveness at t h e   l a t t e r  Mach numbers was approxi- 
mately  proportional t o  the area of the  plates .  

Langley Aeronautical  Laboratory, 
National Advisory Committee f o r  Aeronautics, 

Langley Field, Va.,  March 24, 1954. 

Arvo A. Luoma 
Aeronautical  Research  Scientist 

Approved: 

Chief of Fd-1-Scale  Research  Division 

MML 
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TABLE I 

GEOMETRIC CHARACTERISTICS OF 0.06-SCAI1;E MODEL OF 

MARTIN B - 6 1 ~  MISSILE (PJLATADOR) 

Body : 
Length. f t  . . . . . . . . . . . . . . . . . . . . . . . . . .  2.250 
Maximum diameter. f t  . . . . . . . . . . . . . . . . . . . . . .  0.270 
Frontal  area. sq f t  . . . . . . . . . . . . . . . . . . . . .  0.057 

Frontal  area/Wing area . . . . . . . . . . . . . . . . . . . .  0.088 
Base area. sq f t  . . . . . . . . . . . . . . . . . . . . . . .  0.018 

Fineness r a t i o  (Length/$Frontal  area) . . . . . . . . . . . .  9.403 

wing (~7-> : 
Airfoil   section  ( in  plane  perpendicular to chord  plane and 

p a r a l l e l   t o  r o o t  chord) . . . . . . . . . . . . . . . .  NACA 6 3 ~ 0 0 8  
Root chord. f t  . . . . . . . . . . . . . . . . . . . . . . . .  0.4'75 

Span (projected).  f t  . . . . . . . . . . . . . . . . . . . . .  1.713 
Area (projected).  sq f t  . . . . . . . . . . . . . . . . . . .  0.648 
Aspect r a t i o  ((Projected  span)2/(Pro  jected  area)) . . . . . .  4.53 
Taper r a t i o  . . . . . . . . . . . . . . . . . . . . . . . . .  0.60 
Mean aerodynamic  chord. f t  . . . . . . . . . . . . . . . . . .  0.387 

Tipchord. f t  . . . . . . . . . . . . . . . . . . . . . . . .  0.285 

Spanwise loca t ion  of mean aerodynamic  chord. f t  . . . . . . .  0.392 
Distance  (paral le l   to   root   chord)  from leading edge of root 

chord to   l ead ing  edge of mean aerodynamic  chord. f t  . . . .  0.298 
Sweepback ( in  chord  plane ) 

Leading  edge.  deg . . . . . . . . . . . . . . . . . . . . .  37.1 
25-percent-chord  line. deg . . . . . . . . . . . . . . . . .  35.0 

Dihedral.  deg . . . . . . . . . . . . . . . . . . . . . . . .  -5.0 
Incidence of root  chord w i t h  r e spec t   t o  body center   l ine.  deg 0 
Location of root  chord above  body center  l ine.  f t  . . . . . .  0.102 
Location of leading  edge of root  chord from nose of body. f t  . 0.620 
Twist. deg . . . . . . . . . . . . . . . . . . . . . . . . . .  0 

14ix-g (w'*> : 
A i r f o i l  sect ion ( in  plane  perpendicular t o  chord  plane 

Rootchord. f t  . . . . . . . . . . . . . . . . . . . .  
Tipchord. f t  . . . . . . . . . . . . . . . . . . . .  

para l l e l   t o   roo t   cho rd )  . . . . . . . . . . . . . .  

Span (projected). f t  . . . . . . . . . . . . . . . . .  
Area (projected).  sq f t  . . . . . . . . . . . . . . .  
Taper r a t i o  . . . . . . . . . . . . . . . . . . . . .  Aspect ra t io   ( (Projected  span)2/(Projected  area)  ) . . 

and . NACA 6 3 ~ 0 0 8  . . . .  0.475 . . . .  0.283 . . . .  1.694 . . . .  0.644 . . . .  4.46 . . . .  0.60 
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TABLE I.- Continued 

NACA RM SL54DO7 

GEOMETRIC  CHARACTERISTICS OF 0 . 0 6 - s c m  MODEL OF 

MARTIN B - 6 1 ~  MISSILE (MATADOR) 

Mean aerodynamic  chord. f t  . . . . . . . . . . . . . . . . .  
Spanwise loca t ion  of m e a n  aerodynamic  chord. f t  . . . . . .  
Distance  (paral le l   to   root   chord)  f r o m  leading edge of root 

chord to   l ead ing  edge of m e a n  aerodynamic  chord. f t  . . .  
Sweepback ( i n  chord  plane) : 

Leading edge. deg . . . . . . . . . . . . . . . . . . . .  
25-percent-chord line. deg . . . . . . . . . . . . . . . .  

Dihedral.  deg . . . . . . . . . . . . . . . . . . . . . . .  
Incidence of root  chord  with  respect t o  body center  line. 

deg . . . . . . . . . . . . . . . . . . . . . . . . . . .  
Location of root  chord above  body center line. f t  . . . . .  
Location of leading edge of root  chord  from  nose of body. f t  
Twist. deg . . . . . . . . . . . . . . . . . . . . . . . . .  

0.388 
0.388 

0 . 295 

37-1 
35.0 
-5.0 

0 
0. 102 
0.620 

0 

Horizontal t a i l  (H') : 
Airfoi l   sect ion ( in  plane  perpendicular t o  chord  plane and 

para l le l   to   roo t   chord)  . . . . . . . . . . . . . . .  NACA 63~006  
Root chord. f t  . . . . . . . . . . . . . . . . . . . . . . . .  0.205 

Span (projected).  f t  . . . . . . . . . . . . . . . . . . . . .  0.565 
Area (projected).  sq f t  . . . . . . . . . . . . . . . . . .  0.087 

Taper r a t i o  . . . . . . . . . . . . . . . . . . . . . . . . .  0.50 
Mean aerodynamic  chord. f t  . . . . . . . . . . . . . . . . . .  0.160 

Tipchord. f t  . . . . . . . . . . . . . . . . . . . . . . . .  0.103 

Aspect ratio  ((Projected  span)  /(Projected area)) 3.67 '2 . . . . . .  

Spanwise loca t ion  of mean aerodynamic  chord. f t  . . . . . . .  0.125 
Distance  (paral le l   to   root   chord)  from leading edge of root  

chord t o  leading  edge of mean aerodynamic  chord. f t  . . . .  0.102 
Sweepback ( i n  chord  plane ) : 

Leading  edge.  deg . . . . . . . . . . . . . . . . . . . . .  38.2 
25-percent-chord l ine.  deg . . . . . . . . . . . . . . . . .  35.0 

Dihedral.  deg . . . . . . . . . . . . . . . . . . . . . . . .  15.00 

center line. f t  . . . . . . . . . . . . . . . . . . . . . .  0.370 

from nose of body. f t  . . . . . . . . . . . . . . . . . . .  2.045 

Location of root  chord (at 0' incidence ) above  body 

Location of leading edge of root  chord (at  0' incidence) 

Twist. deg . . . . . . . . . . . . . . . . . . . . . . . . . .  0 
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TAEXZ I.- Concluded 

GEOMETRIC CHARACmISTICS OF 0 .06 - scm MODEL OF 

MARTIN B - 6 U  MISS1I;E (MATADOR) 

Vert ical  t a i l  (v) :  
Airfoi l   sect ion ( in  plane  perpendicular t o  chord  plane and 

Area, exposed  (from juncture of  body and ve r t i ca l  t a i l  t o  

Span, effective  (distance from effective  root chord t o  t i p  

Root chord, e f f ec t ive   (pa ra l l e l   t o  body center   l ine and 

Location of effect ive  root  chord  from body center   l ine,  f t  . . 0.105 
Location of leading edge of effect ive  root  chord 

Tip  chord  (intersection of leading and t r a i l i n g  edges  with 
root-chord  line of horizontal  t a i l  at Oo incidence), f t  . . 0.205 

Aspect r a t i o  ((Effective span)*/(Exposed a rea ) )  . . . . . . .  0.78 

p a r a l l e l  t o  body center l i ne )  . . . . . . . . . .  NACA 66-007 Mod. 

root-chord  line of horizontal  t a i l  at 0' incidence), sq f t  . 0.090 

chord), f t  . . . . . . . . . . . . . . . . . . . . . . . . .  0.265 

based on exposed area) ,  f t  . . . . . . . . . . . . . . . . .  0.478 

from  nose of body, f t  . . . . . . . . . . . . . . . . . . .  1.772 

Taper r a t i o  . . . . . . . . . . . . . . . . . . . . . . . . .  0.43 
Mean aerodynamic chord, f t  . . . . . . . . . . . . . . . . . .  0.359 

root  chord, f t  . . . . . . . . . . . . . . . . . . . . . . .  0 . l l 4  

aerodynamic chord, f t  . . . . . . . . . . . . . . . . . . .  0.118 

Leading  edge,  deg . . . . . . . . . . . . . . . . . . . . .  45.9 
25-percent-chord l ine,  deg . . . . . . . . . . . . . . . . .  37.8 

Location of mean aerodynamic chord  from effect ive 

Distance  (paral le l   to  body center   l ine)  from ieading 
edge of effective  root chord to   l ead ing  edge of mean 

Sweep angle : 
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TABT;F, I1 

CONFICT'URATIONS AND TEST CONDITIONS  FOR  FORCE TESTS AND INDEX OF BASIC FIGURES 

I 
I Configuration 

I 

(complete  model p lus  s m u  end 
p l a t e s )  

N1B3W1AE2H01V 
(Complete  model p lus   l a rge  end 

p l a t e s  ) 

(Complete  model l e s s   r a d a r  and 
control-cable  housings and 
plus small end p l a t e s )  

~1~2w7-A 
(Complete  model l e s s  t a i l  l e s s  

control-cable  housing) 

N1B3W1%IO1VS1 
(Complete  model p lus   spo i l e r )  

I 

Model 
Zondition 
~~ 

Smooth 

Cransitiol 
s t r i p  

Smooth 

Smooth 

Smooth 

Smooth 

Smooth 

Smooth 

Smooth 

Smooth 

Yaw - .1 

Yaw 2.7 

P i t ch  -5 t o  7.5 
(approx. 

Yaw - .2 

M 

1.80 t o  
1.12 

.80 t o  
1.02 

.80 t o  
1.00 

L.01 t o  
1.11 

.80 t o  
1.12 

.90 t o  
1.13 

.90 t o  
1.12 

.92 t o  - 98 

.90 t o  
1.10 

.90 t o  
1.02 

1.10 

.80 t o  
1.10 

'igure 

8 

9 

10 

ll 

12 

1.3 

14 

1.5 

16 

17 
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TABLE I11 

STATIC-PRFSSLRE-COEFTICIEWI' VALUES FOR 

C O N F I ~ I O N  N b 2 W U  

M a, deg 

Pressure  coefficient, P, f o r  following 
static-pressure  orifices  (see  fig. 5 

f o r  location of ,orifices) 

P1 36 27 21 6 5 4 3 2 1 P3 P2 

-1 0.008 

- .005 .OU - .146 - . m  - .173 - . u a  - .027 .210 .410 .04o .015 .007 1 
- -002 .013 - .142 - .13a - .159 - . lo1 - .ooa .235 -434 .ob5 .019 .012 o 0.90 

-0.002 0.012 -0.148 -0.136 -0.149 -0.oaa 0.009 0.258 0.451 0.042 0.016 

.95 o .om . o a  .04a 
.OU .02a -.la - .287 - .190 - .SL~ - m a  .239 .442 .OW .ma .009 1 
.016 .031 -.170 -.291 -.la2 -.098 .007 .262 .465 

-1 -009 .017 .046 .ha6 .2a9 .030 

.ooa .015 -.337 -.319 -.193 - . u 2  -.005 .244 .44a .04a .o1a .ooa 1 

. O ~ O  .014 .33a - .313 - .la1 - .098 .OW .266 .471 .047 .ma .ooa o .96 

. ou . ov - .317 - .303 - .1n - .0a2 

-1 .oo9 .019 -050 .493 .297 .036 -.077 -.166 -.302 

- .024 - .02a -.374 - .314 - .la8 -.lo5 .004 .253 .459 .050 .o1a .ooa 1 
- .024 - .034 - .375 - . x 0  - .la0 - .093 .ma .274 -479 .049 .o1a .ooa o .97 
-.020 -.036 -.375 

.9a o . o n  .021 .055 .4aa .2a3 .027 - .oak - .170 - .300 - .366 - .061 
-.069 -.053 -.364 -.307 -.17a -.096 . o u  .262 .46a .055 .oa . o n  1 
- .069 

-1 .014 .026 - .166 -. 290 - .176 - .086 ,024 .283 .479 .046 .017 .009 

-1 -.O72 -.O71 -.368 -.293 -.161 -.069 .Oh5 .305 .YO2 .054 .021 .010 

-1 
-.062 -.057 "359 -.292 -.162 -.074 .037 .293 .499 .056 .021 .009 0 .99 
-.064  -.066 -.360 -.2@ -.I51 -.059 .055 .315 .513 .055 .022 .010 

1 -.061 -.047 -.357 -.300 -.170 -.087 .020 .270 .479 .056 .022 .009 

-1 .OIL 

- .043 - .029 - .345 - .2a8 - .162 - .075 .031 .280 .4a6 .061 .022 .014 1 
- .045 - .037 - .347 - .2a2 - .153 - .063 ,045 .301 .50a .061 .022 .014 o 1.00 
- .04a - .04g - .349 - -275 - .142 - .ob9 .065 -323 .520 .060 . o z  

-1 - . o a  .016 .069 .533 "052 -.075 -.333 -.25g -.127 -.032 .078 .336 
L.01 -.046 -.063 -.330 - .265 - .I39 -.047 .061 .295 .519 .O7O .022 - .O19 0 

1 - .042 -.055 - .331 - .275 - .150 - .061 .OU .291 .497 .070 .022 -.o1a 
-1 - .013 

- . O m  -.062 "316 -.258 -.135 -.OU .057 .go6  .510 .0a2 - . o o ~  -.013 1 
-.ob9 -.073 -.320 -.256 -.129 -.036 .070 .324 .528 .oa1 -.007 - . a 4  o ~ 0 2  
- .050 - .077 - .320 - .246 - . u 3  - .020 .091 .350 .543 .oa1 - .003 

-1 .005 - .003 - .o04 .566 

-.002 -.037 -.la3 -.060 .ob2 .130 .390 .601 -.o04 -.026 -.038 -1 

- .042 - .073 - .276 - .214 - .oaa - . O O ~  .lo4 3 5 2  .550 - .005 - .004 .003 o L .04 
- .04a - .0a2 -.270 - .205 - .075 .016 .x22 .374 

1 - .037 -.065 - .276 - .220 - .Ogg - ,010 .OgO -331 .530 - .OOg - -006 .002 
~~ ~ ~ ~~~ 

!.lo 

.003 -.038 -.235 -.17a -.OY .036 .UO .371 .606 -.023 -.024 -.032 o L.V 

.004 -.035 "243 -.I88 -SO71 -031 .LL3 -369 .596 o -.033 -.036 0 
1 .010 - .O27 - .244 - .I90 - .O78 .022 .I04 .351 .57l - .O& - .034 - .033 

- 

2a 
- 
a. 02c 
- .OlS 
- .021 

- .002 
- .om 

- 

- .003 - 
0 
- .001 
- .003 

- .019 
- 

- .024 
- .025 

- .102 
- .lo1 

- 

- .loa 
- 
- .107 - .lo9 
- .lll 
- 
-.om 
- . oag - .092 

- . oa8 - .087 
- .090 

- -082 - .085 - . oa1 
- .on  
- .070 - .074 

- .015 

- .015 
- .007 

- 

- 

- 

- 

- .014 
- 
- 



I 
~ 

NACA RM SL54D07 

c. g. location 

L P r o j e c t i o n  of relative  wind on 
plane of symmetry of airplane 

Z 

View A - A  

Figure 1.- Stabili ty  axes.   Posit ive  directions of forces, moments, and 
angles shown. 



1 5 "  p 7 * 0  -. 
0plY;li nose IN11 Ordlnales 

station. x Radius, y 
0 0 
.I5 ,107 
.33 
.W 

,188 
,356 

1.20 .W8 
1.80 ,810 
2.40 
3.06 1.140 

.881 

3.M 1.252 
4 . m  
4.80 

1.358 

5.40 
1.447 
1.518 

6.00 
6.M 

1.573 
1.608 

7.102 1.620 
7.31 1.820 

[Control-cable  housing 

I 
c.g. location  at 0.256 F 

LRadar housing 

Figure 2.- General  arrangement of 0.06-scale model of Martin B-61A missile 
(Matador);  complete model (N1B3WuHo'V). All dimensions i n  inches  except 
as  noted. 



r C h o r d  plane of wlng 

Small 

Chord plone of wlng 
I I I 

i 

T W l n g  root sectlon 

1- 1 c. g. locatlon -*- 
I I 

--4.727-1 

" 7 . 7 1 2  Ct =3.420 

wing-tip end plates 

- m -4 
1 %  

Center  lme of fuselage 

L C ,  =3.420"-1 

Large wing-tlp end plates 

Figure 3 . -  Dimensions  and  locations of wing-tip  end  plates. All dimensions 
in  inches  except  as  noted. 



Section A - A  

l”4.95- 
Spoiler dimensions 

Figure 4.- Dimensions of spoiler and location on upper surface of l e f t  
semispan of wing. A l l  dimensions i n  inches  except as noted. 



Orifice locations ahstatic tube r O r l f l c e  locotions on fuselage 

Orifice statlon locatlons on fuselage 
Orifice no. 

I 
Statlon,x 
0.68 

2 I .35 
3 2.70 
4 4.05 
5 
6 6.75 

5.40 

27 
21 

16.80 
7. IO  

36 
28 

17.70 
18.30 Section A-A (enlarged) 

Figure 5.- Static-pressure  orifice  locations on static  tube  and  fuselage. 
A l l  dimensions in inches  except  as  noted. 
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L-77355 
(a) Pitch  tests  (model  horizontal) . 

L-77359 
(b) Yaw  tests  (model  vertical). 

Figure 6.- Installation of 0.06-scale  model of Martin B-6M missile 
(Matador) for pitch and yaw  tests  in  Langley  8-foot  transonic 
tunnel. 

-L 



W 
v) 

.6 .7 . 8  .9  1.0 
Mach number, M 

1 .  I I. 2 

Figure 7.- Variation of average  Reynolds  number  with  Mach  number  in  tests 
of  0.06-scale  model of Martin B-61A missile  (Matador)  in  Langley  8-foot 
transonic  tunnel. ‘d = 4.646 inches. 



-. 02 

-.03- 
-6 - 4  -2 0 2 4 6 

Angle of yaw ,+,decj 

-.2 

-. 3 
-6 -4  -2 0 2 4 6 

Angle of yaw,$,deg 

(a)  Yawing-moment,  rolling-moment,  and  lateral-force  coefficients. 

Figure 8.- Variation of aerodynamic  characteristics  with  angle  of  yaw. 
Complete  model (N1B3WuHo1v); a = -0 .lo. 



-6 -4 -2 0 2 4 6 
Angle of yaw,$,deg Angle of yaw,Jl,deg Angle of yaw,$,deg 

(b) Lift,  pitching-moment,  and  longitudinal-force  coefficients. 

Figure 8 .- Concluded. 



-6 -4 -2  0 2 4 6 
Angle of yaw,$,deg Angle of yaw,$,deg Angle of yaw,$,deg 

(a)  Yawing-moment,  rolling-moment,  and  lateral-force  coefficients. 

Figure 9.- Variation  of  aerodynamic  characteristics  with  angle  of  yaw. 
Complete  model (N 13 W Ho v); a = -0.1'. Transition  fixed. 1 3 l A  1 



-6 -4 - 2  0 2 4 6 
Angle of yaw,$,deg Angle of yaw,Jl,deg Angle of yaw,Jl,deg 

(b) Lift,  pitching-moment, and longitudinal-force  coefficients. 

Figure 9.- Concluded. 



Angle of yaw,Jl,deg Angle of yaw,Jl,deg 

(a)  Yawing-moment,  rolling-moment,  and  lateral-force  coefficients. 

Figure 10.- Variation of aerodynamic  characteristics  with  angle Of yaw. 
Complete  model (N1B7WuHo1V) ; a = 2.7 0 . 



.4 

. 2  

0 

0 

0 

0 

60 + 
C a .- 

$ 0  LC 

Q) 
0 
0 

'c 
_I 

- 0  

0 

0 

0 

0 

0 

-. 2 
-6 -4 -2  0 2 4 6 

Angle of yaw,$,deg 

-, I -L+ I ~ - ~ ~ .  "P" ' I ~" ii 

-6 -4 -2 0 2 4 6 
Angle of yaw ,+,deg 

(b) Lift,  pitching-moment,  and  longitudinal-force  coefficients. 

h 

E 
P 

u 
0 
4 

Angle of yaw ,Jl,deg 

Figure 10 .- Cmcluded. 
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F i  

(a) Angle of  attack’ and pi 

. w e  11.- Variation of  aerodynamic 
(or angle  of  attack) . Complet 

Lift coefflcient,CL 

“tching-moment coeff ic ient .  

character is t ics   with l i f t  coefficient 
;e model (N 1 3 l A  B W Ho 1 V); 9 = 0’. 



-.6 -.4 -.2 O O 0 0 0 0 0 0 0 0 0 0 .2 .4 .6 .8 
L i f t  coefficient,CL 

(b) Drag coefficient. 

Figure 11.- Continued. 



- , 0 2 / 1 1 I I I I I / I I / / / I I  
- 6 - 4 - 2  0 2 4 6 8 

Angle of attack,a,deg 
-6 -4  -2 0 2 4 6' 8 

Angle of attack,a,deg Angle of attack,a,deg 

(c )  Yawing-moment, rolling-moment, and lateral-force  coefficients. 

Figure 11.- Concluded. 



Angle of yaw,+,deg 

(a)  Yawing-moment,  rolling-moment,  and  lateral-force  coefficients. 

Figure 12.- Variation  0f.aerodynami.c  characteristics  with  angle  of  yaw. 

Complete  model  plus small end  plates  on  wing  tips (N1B3W%?i1H0%); 
a = - 0 . 2 O .  
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(b) Lift, pitching-moment,  and  longitudinal-force  coefficients. 

Figure 12.- Concluded. 
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(a)  Yawing-moment,  rolling-moment, and lateral-force  coefficients. 

Figure 13.- Variation of aerodynamic  characteristics  with  angle  of  yaw. 
Complete  model plus large  end  plates  on  wing  tips (N 1 3 l A 2  B W E Ho 1 V); 
a = - 0 . 2 O .  
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(b) Lift,  pitching-moment;  and  longitudinal-force  coefficients. 

Figure 1.3.- Concluded. 
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(a) Yawing-moment,  rolling-moment,  and  lateral-force  coefficients. 

Figwe 14.- Variation  of  aerodynamic  characteristics  with  angle of yaw. 
Complete  model  less  radar  and  control-cable  housings  and  plus small 

end  plates  on  wing  tips (N B w E H, V) ; = -0.2 . 1 1 1 A l 1  0 
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Angle of yaw ,+,deg 

(b) Lift,  pitching-moment,  and  longitudinal-force  coefficients. 

Figure 14.- Concluded. 
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(a)  Yawing-moment,  rolling-moment,  and  lateral-force  coefficients. 

Figure 15.- Variation of aerodynamic  characteristics  with  angle of yaw. 

Complete  model  less  tail  and  less  control-cable  housing (N 1 2 l A .  B W ), 
a = -0.1O. 
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(b) Lift,  pitching-moment,  and  longitudinal-force  coefficients. 

Figure 15.- Concluded. 



L i f t  coefficient, C, L i f t  coefficient, C, 

(a) Angle  of  attack  and  pitching-moment  coefficient. 

Figure 16.- Variation of aerodynamic  characteristics  with  lift  coefficient 
(or angle  of  attack).  Complete  model  less  tail  and  less  control-cable 
housing (N 1 2 u  B W ); I) = 0'. 
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(b) Drag coefficient. 

Figure 16. - Continued. 
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(c) Yawing-moment,  rolling-moment,  and  lateral-force  coefficients. 

Figure 16 .- Concluded. 
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Lif t  coefflcient,CL 

(a)  Angle of attack  and  pitching-moment  coefficient. 

Figure 17.- Variation of aerodynamic  characteristics  with  lift  coefficient 
(or angle  of  attack) . Complete  model  plus  spoiler (N B W Ho VS ), 

= 0'. Spoiler  mounted  on  upper  surface of left  semispan of wing. 

l 3 l A  1 1 ,  

I 
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(b) Drag coefficient. 

Figure 1.7.- Continued. 
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(c) Yawing-moment,  rolling-moment, and lateral-force  coefficients. 

Figure 17.- Concluded. 
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Mach  number, M 

Figure 18.- Variation  of  lift-curve  slope  with  Mach  number.  Complete 
model;  complete  model  less  tail and less  control-cable  housing; and 
complete model plus spoiler. lf = 0'; a Oo. 



.2 

0 N' B2 WtA  (8-foot transonic  tunnel ) 

N' B '  W '  (ref. I ) 

.2 
o N' B3 W'*Ho'  VS'(8-foot  transonic  tunnel ) 

o N' B' W'   Ho 'VS' ( re f .  I ) 
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Figure 19.- Variation of static  longitudinal-stability  derivative w i t h  
Mach  number.  Complete  model;  complete  model  less  tail  and  less 
control-cable  housing;  and  complete  model  plus  spoiler. $ = 0 , 0 .  

CL = o .  
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Variation of zero- l i f t  drag coefficient with Mach  nuITibe 
model; complete model l e s s  t a i l  and less  control-cable 
and complete model plus spoi ler .  $ = 0'. - r. 
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Figure 21.- Effect  of  transitipn  strip  on drag coefficient. Coqlete 
model (N~B~W%,~V) . a, = -0 .lo; = o 0 . 
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Figure 22.- Effect of end  plates  located  on  wing  tips  on  drag  coefficient. 
Complete  model. a X 0'; $ = o 0 . 
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Figure 23.- Variation of drag-rise  factor  with  Mach  number.  Complete 
model;  complete  model  less  tail  and  less  control-cable  housing;  and 
complete  model  plus  spoiler. + = 0 . 0 
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Figure 24.- Variation of maximum l i f t - d r a g   r a t i o  w i t h  Mach number. Complete 
model; complete model l e s s  t a i l  and less control-cable housing; and 
complete model plus spoi ler .  $ = 0'. 
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Figure 23.- Variation  with  Mach  number  of  lift  coefficient  corresponding 
to  maximum  lift-drag  ratio.  Complete  model;  complete  model  less  tail 
less  control-cable  housing;  and  complete  model  plus  spoiler. 4f = 0 

0 
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Figure 26.- Variation of lateral-stability  derivatives  with  Mach  number. 
Complete  model; = 0 . 0 
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(b) a = 2.7O f o r  8-foot transonic  tunnel  tests; 
a X 2.2' for reference 1 tests. 

Figure 26.- Concluded. 
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Figure 27.- Variation of static  lateral-stability  derivatives  with Mach 
number.  Complete  model  less  tail  and less control-cable  housing. 
q = 00; a, = oo. 



NACA RM SL54D07 

Mach number, M 

,004 

.002 

czll, 
0 

- .002 
6 .7 . a  .9  I .o 1 . 1  I .2 1.3 

Mach  number,  M 

.03 

.02 

.o I 

0 
.6 .7 .a .9 I .o I .  I 1.2 I .3 

Mach number, M 

Figure 28.- Effect of small end plates  located on wing t i p s  on l a t e ra l -  
s tab i l i ty   der iva t ives .  Complete  model and conTplete  model less   radar  
and control-cable  housings. I) x 0’; a = -0.2’. 
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Fibwe 29.- Effect of la rge  end plates  located on wing t i p s  on lateral- 
s tab i l i ty   der iva t ives .  Complete model. * = 0'; a = -0.2'. 
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(a) Incremental yawing-moment, rolling-moment, and 
lateral-force  coefficients. 

Figure 30.- Variation  with Mach  number of incremental  force and moment 
coefficients due to  spoiler  deflection.  Spoiler mounted  on upper 
surface of l e f t  semispan of wing. Complete  model; $ = 0'. 

I 



(b) Incremental  lift, drag, and pitching-moment  coefficients. 

Figure 30.- Concluded. 
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(a) Orifices lP ,  2P, and 3P. 

F i w e  31.- Variation  of  pressure  coefficient  with  Mach  number  for  various 
pressuse  orifices on static  tube  and  fuselage  (see  fig. 3 for  location 
of  orifices).  Complete  model  less  tail, less control-cable housing, 
and  plus  static  tube (N3B2WLA). = 0 . 0 
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Mach number, M 

(b) Orifices 1 and 2. 

Figure 31.- Continued. 
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(c) Orifices 3 and 4. 

Figure 31.- Continued. 
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(d) Orifices 5 and 6. 

Figure 31.- Continued. 
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Figure 31.- Continued. 
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(f) Orifices 27, 28, and 36. 

Figure 31.- Concluded. 



M = 1.00 M = I . O l  M = I .02 

L-83623 
(a) M = 1.00, 1.01, and 1.02. 

Figure 32.- Shock formations a t  transonic speeds in  region of s ta t ic   tube.  
Complete  model' l e s s  t a i l ,  less  control-cable housing, and p lus   s ta t ic  

tube (N3B2Wu); I# = 0'; a = 0'. Arrow heads on photographs indicate 
longitudinal  location of s t a t i c   o r i f i c e s  on s ta t ic   tube.  
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(b) M = 1.04, 1.10, and 1.12. 

Figure 32.- Concluded. 
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Figure 33.- Shock formations  at  transonic  speeds  in  region  of  model  tail. 
Complete  model (N 1 3 u  B w H, 1 v> . + = 00; a, = 00 except as noted. 
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(b) M = 1.00, 1.02, and 1.04. 

Fibwe 33.- Continued. 
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(c) M = 1.09, 1.10, and 1.12. 

Figure 33.- Concluded. 
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