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NATTONAL ADVISORY COMMITTEE FOR AERONAUTICS
RESEARCH MEMORANDUM

A TRANSONIC-WING INVESTIGATION IN THE LANGLEY 8-FOOT
HIGH-SPEED TUNNEL AT HIGH SUBSONIC MACH NUMBERS

AND AT A MACH NUMBER OF 1.2

WING-FUSELAGE CONFIGURATION WITH A WING OF 45° SWEEPBACK,
ASPECT RATIO L4, TAPER RATIO 0.6, AND
NACA 65A006 AIRFOIL SECTION

By Robert S. Osborne
SUMMARY

As part of an NACA research program, an investigation of a series
of wing-fuselage configurations 1s being conducted in the Langley 8-foot
high-speed tunnel to determine effects of wing geometry on aserodynamic
characteristics. 1In the first part of this investigation, force, moment,
weke, and downwash measurements were made on a fuselage and a wing-
fuselage combination employing a wing with 45° sweepback of the 0.25-chord
line, aspect ratio L4, taper ratio 0.6, and NACA 65A006 airfoil section
parellel to the plane of symmetry at. Mach numbers from 0.60 to 0.96 and
gt & Mach nmumber of 1.2. The results are presented in this paper.

At low 1ift coefficients a decrease in lift-curve slope and a drag
rise occurred for the wing-fuselage conflguretion at a Mach number of
approximately 0.92, a rapid rearward movement of the merodynamic center
begen at a Mach number of approximately 0.85, and s decrease in the rate
of change of downwash angle with sngle of attack begaen at a Mach number
of gpproximetely 0.90. With increases in 1ift coefficient above zero,
the lift-curve slope increased and the aerodynsmlc center moved rearward
at relatively low positive angles of attack. With further increases in
angle of attack the lift-curve slope decreased and the aerodynamic center
moved forward. In the region of the model base, flow disturbances due
to the wake did not .extend more than 0.25 semispan above the wing-chord
plene for the conditions tested.
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INTRODUCTION

. As part of an NACA research program, a series of wing-fuselage con-
figurations is belng investigated in the Langley 8-foot high-speed tunnel
to study the effects of wing geometry on the aerodynsmic characteristics
of wings at transonic speeds. In the first phase of the Investigetion,
the effects of varylng the sweepback of the 0.25-chord line of the wing
are being determined. .

The initial tests consisted of force, moment, wake, and downwash
measurements on a fuselsge and a wing-fuselage comblnation employing =2
wing with 45° sweepback of the 0.25-chord line, an sspect ratio of L, &
taper ratio of 0.6, and an NACA 65A006 alrfoil section parallel to the .
plane of symmetry at Mach numbers from 0.60 to 0.96 and at a Mach number
of 1.2. The results are presented in thils paper. _

The configurations used in these tests have been investigated in the
Langley T~ by 10-foot tunnel utilizing the transonic-bump test technique,
and a comparison of the results with those presented in this paper is
presented in reference 1.

SYMBOLS
Cp dreg coefficient (D/qS) ) )
CrL 1ift coefficient (L/qS) '
Cm pltching-moment coefficient (Ma/u/qSE)
c wing measn serodynamic chQrd, inches
D drag, pounds
AH loss of total pressure in wake, pounds per square foot
L 1ift, pounds
M Mach number
Ma/h piltching moment about. 0.25¢, inch-pounds
Py base pressure céefficient (29—3-29) ‘
Po free-stream static pressure, pounds per square foot .
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Pp static pressure at model base, pounds per square foot

a free~-stream dynamic pressure, pounds per square foot (%?NE)
R Reynolds number based on ¢&

S wing area, square feet

\ free-stream velocity, feet per second

a _ angle of attack of fuselage center line, degrees

€ downwash angle, degrees

p free-stresnm density, slugs per cublec foot

APPARATUS AND METEODS

Tunnel

The tests were conducted in the Langley 8-foot high-speed tunnel,
which is of the closed-throat, single-return type. A plaster liner in
the tunnel formed the subsonic test section at the geometric minimum
and extended downstream to form the supersonic test section. The Mach
number weas uniform in the subsonic test section and varied by & meximum
of 0.02 from the design Mach number of 1.2 in the supersonic test section
(reference 2).

Modél

The model was a midwing configurastion. The wing was counstructed of
14ST aluminum alloy and had L5° sweepback of the 0.25-chord line, en
aspect ratio of 4, a taper ratio of 0.6, and an NACA 65A006 airfoil sec-
tion parallel to- the model plane of symmetry. The steel fuselage was
hollow and was designed by cutting off the rearward part of a body of
revolution with a fineness ratio of 12 to form a body with a fineness
ratio of 10. A photograph of the model is shown as figure 1. Dimensional
details are given in figures 2 and 3.

Measurements of the incidence of each half of the wing with the fuse-
lage angle of attack of 0° revealed small inaccuracies of comstruction.
The rlght wing had an incidence of 0.15° and the left wing an incidence
of 0.05°. These inaccuracies are small and no attempt has been made to
correct the data for them.
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Model-Support System

The model was attached to an enclosed .strain-gage balance at its
forward end only, there being no other points of contact. At its down-
stream end, the balance was attached to a support tube through a straight
coupling. The support tube was fixed axially in the center of the tupnel
by two sets of support struts projecting from the tunnel wslls. Logation
of the model in either the subsonic Oy supérsonic test sections was =
accomplished by sliding the support tube forward or rearward on the
support strut beerings. Details of the model-support system and the
model iocations in the subsonic and supersonic test sections are shown
in flgures &4 and 5. -

The forward, tapered portlon of the support tube was hinged to the
rear portion in such & manner that angle-of-attack changes could be
accomplished by means of an electric motor driving an sctuating screw
located within the tube. This mechanism was controlled from ocutside the
test section and therefore permitted angle chenges with the tunnel
Operating. . p— — ...._. - - .- . e —— _———— e e - . -

Measurements

Lift, drag, and pitching moment were determined by mesns of a
strain-gage balance located inside the fuselage. Considerstion of the
accuracy of the strain-gage measurements and the megnitude of the scatter
of a number of check points indicated the accuracy of the 1lift, drag,
and pitching-moment coefficlents to be approximately within $0.01, 10.001,
and 10.005, respectively, through the Mach number range.

The weke characteristlics were measured at seven equally spaced
locations from 0.125 to 0.375 semispans gbove the wing-chord plane. The
"point" downwash angles were measured at locations 0.125, 0.250, and
0.375 semispans above the wing-chord plane. Both wake and downwash meas-
urements were obtained at spanwise positions 0.083 and 0.292 semispans
from the model plane of symetry by means of two calibrated combination
yaw-head and total-pressure rakes located 1.225 semispans behind the. )
25-percent mean-aserodynamic-chord positlion. These rakes were mounted on
supports attached to the conicel part of the support tube so that their
positions with respect to the base of the model remained fixed with
changes in model angle of attack. The measured downwash angles wexre
estimated to be accurste to within #0.2°. Details of rake dimensions
and locations are shown in figure 6. The static pressure at the base of
the model was determined from a static orlfice located in the side of
the sting support at the plane of the model base.

The angles of the model end the rakes relative to the air stream were
measured by a calibreted optical system consisting of mirrors mounted on



_ NACA RM L50HOS . . mnibunaase 5

the upper surfaces of the fuselage and.the rske supports and a point
source of light mounted outside the tumnel. To determine the angle, the
optical device containing the point source was adjusted until the
reflected ray from the mirror coinclded wilth the incident ray. The angle
of the instrument with respect to the vertical was then measured with a
vernier inclinometer. The use of this device in conjunction wilth the
remotely controlled angle-of-sttack changing mechanism allowed desired
model angles to be set within #0.1° with the tunnel opersting at any
Mach number.

Test Conditions

The tests were conducted through s Mach number range from 0.60 to
approximately 0.96 with the model in the subsonic test section and at a
Mach number of 1.2 in the supersonic test sectlon. The fuselage configu-
ration was tested st angles of attack from -4° to 14° at 811 Mach numbers,
and the wing-fuselesge configurstion was tested from -2° to 14° at sub-
sonic Mach numbers and from -20 to 10° at a Mach number of 1.2. The
variation with Mach number of aspproximste test Reynolds number based on
the wing mesn serodynamic chord is presented in figure T.

Configurations included the wing-fuselage combination with natural
transition and with transition fixed at 10 percent of the chord on the
upper and lower surfaces of the wing and at 12 percent of the fuselsage
length, and the fuselage alone with natural transition only. Transition

was fixed by a %-—inch—wide strip composed of No. 60 carborundum grains

imbedded in clear shellac. Unless otherwise noted, the data presented
herein are for nsbtural transition only.

During subsonic testing, ststic pressures along the tunnel wall at
the model locdtion were observed to insure that no data were obtained with
the tunnel choked. For the tests at a Mach number of 1.2, the position of. .
the normal shock relative to the model was indicated by shadow images of
‘the shock formed on the tunnel wall by a parallel-beam light source. It was
observed that the shock moved forwesrd to the vicinity of the base of the
model at high angles of attack. Since the results of tests reported in
reference 3 indicated that this phenamenon seriously altered the pitching
moment and drag of the model, and since the wake and downwash measure-
ments would also be affected, such dats have not been presented herein.
Observation of tunnel-wgll static pressures at a Mach number of 1.2
indicated that, at all test angles of sattack, the shock disturbance from
the nose of the model was tramsmitted to the wall sufficiently far down-
stream of the nose to insure that its reflection did not affect the model
or the wske rakes.

p



6 L 4 NACA RM L50HQ8

CORRECTICNS

Blacksage and Boundary-Induced Upwash

Expressions for correcting Mach number and dynamic pressure for
effects of model and wake blockage and the drag coefficient for the
effect of the pressure gradient caused by the wake were obtained from
reference 4. Becsuse the blockage Tactors presently availsble are
epplicable only to unswept wings, the value for a swept wing had to be
approximated. Since the ratio of wing span to tunnel gdiameter was small
and the wing was highly swept, it was asgumed that the blockage factor
for the wing would be the same as that for a body of revolution of
volume equal to the exposed volume of the wing and length equel to the
exposed length of the wing measured parallel to the air stream. The
corrections thus obtained were approximately 7 percent less than would
have been ocbtained with the assumption that the wing was unswept. The
effects of boundary-induced upwash on the angles of attack and downwash
were calculated from expressions presented in references 5 and 6.° The
effects of compresslbility were considered in all cases.

The magnitude of the correction to Mach number was apprecieble at
subsonic Mach numbers of 0.85 and sbove, reaching 1.5 percent at a Mach
number of 0.96. The corrections to the angles of downwash were slgnifi-
cant at a1l subsonic Mach numbers tested for 1ift coefficients of '
approximetely 0.3 and dbove, the maximum being an increment of 0.2°.
These corrections have been applied to all data presented herein. The
other errors caused by blockage and boundary-induced upwash were negli-
gible and no corrections have been applied.

Tares

Becsuse the balance system was an internel one, no forces on the
sting support were measured, and the only tare was the interference
effect of the sting support. on the model. No specific tests were made
to evaluate the tares for the. configuretions presented herein; however,
the results of ilnvestigations of similsr models and sting supports at
low angles of attack which were presented in references 7 and 8 indi-
cate that, since the present conflguration did not include a horizontal
tail, the pitching moment and 1lift tares were probably negligible. The
effects of the sting on the dreg coefficient presented in reference 7,
when interpolated for the present configuration which had a ratio of
sting area at the model base to area of model base of 0.677, indicated
that the interference reduced the drag coefficient spproximately 0.003
at subsonic speeds and 0.002 at a Mach number of 1.2. These values
apply to both the fuselage-alone and wing-fuselage configurations.
Because of the uncertainty of these corrections, especlslly at high



NACA RM I.50HO8 U 7

angles of attack, they have not been applied to the data presented herein
- except for comparison of drag deta at zero 1ift and in calculsation of
meximum lift-drag ratios.

The interference of the sting support also affected the base pres-
sures and the downwash angles. Interpolation of deta obtained in comnec-
tion with the tests reported in reference 7 indicated that at low angles
of attack, the presence of the sting increased the base-pressure coeffi-
cients of the present fuselage-alone and wing-fuselage configurations
gpproximately 0.1 at all Mach numbers tested. Also, the downwash angles
mey have been decreased by increments up to approximastely 1° at subsonic
Mach numbers and 0.1° at a Mach number of 1.2. Due to differences in
angle of attack, afterbody shepe, and location of the measuring devices
in the flow fleld, the corrections are probably unreliable gquantitatively
and therefore have not been applied.

Wing Elasticity

The bending of a swept wing introduces effective twist which changes
the loading characteristics. In order to determine the bending effects
for the wing used in this investligation, theoretical methods were employed
which required knowledge of the stiffness properties of the alrfoil sec-
tions perpendicular to the hO-percent-chord line and the location of the
effective root in bending. These values were obtained from static
bending tests which consisted of applying concentrated loads on the
Lko-percent-chord line of the wing at 92 percent of the semispan from
the plane of symmetry. Bending was found to occur aboubt axes perpen-
diculer to the LO-percent-chord line beginning at 23.5 percent of the
geometric semispan measured from the plane of symmetry slong the
Lo-percent-chord line. The moment of inertia of the airfoil section
perpendicular to the 40-percent-chord line eabout the chord of that air-
foil section was found to be the product of the chord and the cube of
the maximum thickness divided by 26.5, with a modulus of elasticity of
10,300,000 pounds per square inch.

The foregoing assumptions were used in conjunction with spsnwise
1ift distributions from references G and 10 to calculate the effects of
bending on the 1ift and pitching-moment coefficients of the wing st =
Mach number of 0.80, where it was indicated that essentiaslly subcritical
conditions existed. The results are presented in figure 8 and indicate
that the slope of the 1ift curve was decreased approximetely 7 percent
and the aerodynemic center was moved forward approximately 2 percent of
the mean serodynamic chiord. These corrections have not been applied
since the spanwise 1ift distributions at Mach numbers above the criticsasl -
were unknown and the bending could not be calculated.
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The wvalues of totael pressure as measured by the weke rakes at a
Mach number of 1.2 have been corrected for the loss due to the presence

of the bow wave.

RESULTS AND DISCUSSION

An index of the figures presenting the results 1s as follows:

Force and moment cheracteristics:
Cys Cp, and Cyp plotted ageinst M for
Wing-fuselasge . ¢« ¢ ¢ ¢ ¢ o & o o &«

Fuselage e e s s a4 s 8 e e e o o =

Py plotted against M for - .
Wing-fuselage . « ¢ « ¢« ¢ ¢ & « o @
Fuselage e e s e s & e & o o & &

a, Cp, and Cp plotted against CL for
Wing-fuselage . o« « ¢ ¢ ¢ o ¢« ¢ o &
Wing with wing-fuselage interference

SUMATY « « o ¢ « s o s o « s« s o o« =

Wake and downwash characteristics:

Weke data for -- .
Wing-fuselage . ¢« ¢ ¢« ¢ o ¢ o o o
Fuselage . . .« « = « e e e o o o s

€ plotted against a for -
Wing-fuselage . ¢« ¢ o o « ¢ s o o o

Wing with wing-fuselage Iinterference . ._ o .« ...

Fuselage « « ¢ ¢ ¢ ¢ ¢ ¢ ¢ ¢ ¢ « & &
g: plotted against M for -
Wing-fuselage . . . . « . . . .

Wing with wing-fuselage interference

Effect of fixing transition on € for -

Wing-fuselage . « + ¢« v o « =« o« o« &

Figure

c e e e 9

« . . .10
. . . 11(a)
e . 11(b)

e e o . 13
. « 1k to 17

« . .. .18
B

« e .o e . 20

. ;__ e s . ’ . 2Q_......

=4 }

e e e o . 22

s e e e . B2

e e e . . . 23

Unless otherwise noted the data presented in the figures have not
been corrected for sting tares and were obtained for the model with
natural transition. In orde:r to facllitate presentation of the data,
staggered scales have been used in many of the figures and care should be

taken in selecting the zero _axis for each curve.
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Force and Moment Characteristics

The effects of compressibility on the force and moment characteris-
tics of the wing-fuselage conflguration are shown in figure 9. At low
1ift coefficlents the changes in 1ift coefficient with increase in Mach
number were smell. The 1ift obtained gt an angle of attack of 0° may
have been czused by a combination of inadvertent wing incidence, favor-
able interference due to the incidence, and angularity of flow in the
tunnel. The drag rise occurred at a Mach number of approximately 0.92.
Increases in Mach number above 0.85 at positive 1lift coefficients
generally resulted 1n rapid decreases in pitching-moment ccefficient.

The results of fixing transition at 10 percent of the chord on the
upper gnd lower surfaces of the wing and at 12 percent of the fuselage
length are slsa shown in figure 9. The effect on 1ift was negligible.
At angles of attack from -2° to 6° the drag coefficients appeared to be
increased by increments of 0.0Ql to 0.003 due to an increase in skin
friction. At higher angles of attack nc significant effect was noted.
The effect on the pltching-moment coefficient was negligible except at
a Mach number of 1.2 where at positive angles of attack the center of
pressure appeared to be moved forward slightly.

The effects of compressibility on the 1ift and pitching-moment
coefficients of the fuselage configuration (fig. 10) were negligible.
A drag rise was indicated to occur in the untested Mach number range
between 0.96 and 1.2.

The base pressure coefficients for the configurations tested are
presented in figure 11. 1In general, fixing transition decreased the base
pressures, and addition of the wing to the fuselage increased the wvalues
at high angles of attack.

The force and moment dsta for the wing-fuselage configuration are
presented as a function of 1ift coefficlent in figure 12. Similar dsta
for the wing with wing-fuselage interference, obtalned by a subtraction
of fuselage values from wing-fuselage values, are presented in figure 13.
The summary of these data is presented in figures 14 to 17. .

At zero lift the lift-curve slope of the wing-fuselage configuration
(fig. 14) increased from 0.057 at a Mach number of 0.60 to 0.076 at a
Mach number of spproximately 0.92. At a Mach number of 1.2 the value had
decreased approximately to those observed st the lower subsonic speeds.
At e 1ift coefficient of 0.4 the variation of lift-curve slope with Mach
number was similar to that at zero 1lift, with the values being from 8
to 18 percent greater. This increase may have been due to an effectively
increased camber of the airfoil ceused by the sepesration bubble which is
believed to form at reletively low angles of attack along the leading edges
of the upper surfaces of sweptback wings having small leading-edge radii.

S~ ey
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Low-~-speed tests of a similar wing conducted at various’Reynolds numbers
(reference 11) indicate that this phenomenosn is influenced to a large
extent by Reynolds_ number end is eliminated as the Reynolds number
approaches a value of aspproximately 10 X 106. At higher angles of
attack complete separation tekes place over the wing tips and the 1lift-
curve slopes decresse. As shown in figure 12(a), this separation is
evident for the present wing at an angle of attack of approximately 10°.

The values of drag coefficient at zero 1ift for the wing-fuselage
conflguration were corrected for the tare due to sting interference as
described previously snd are compared with data from a rocket model of
a similar configurstion (reference 12) in figure 15. Agreement between
the respective drag-rise Mach numbers and the values of drag coefficlent
was good. ' . '

The values of maximum lift-drag ratio presented in figure 16
decreased rapidly as the drag-rise Mach number of approximately 0.92 was
reached. The values for the wing-fuselage configuration were calculated
from drag coefficients which had been corrected for the tare due to sting
interference. The uncertainty in the wvalues of 1lift-drag ratic as a
result of the insaccuracies.in the 1ift and drag measurements for the
wing-fuselage configuration was estimated to range from i8 percent at e
Mach number of 0.6 to ih percent at a Mach number of 1.2, and for the
wing with wing-fuselage interference to vary from *21 percent at a Mach
number of 0.6 to 7 percent at a Mach number of 1.2.

At zero 1lift the aerodynamic center of the wing-fuselage configu-
ration (fig. 17) was at approximately 17 percent of the mean aerodynsmic
chord at a Mach number of 0.6. .After a gradual resrward movement the
serodynemic center moved rapldly rearward with increases in Mach numher
sbove 0.85 to reach 33 percent of the mean aerodynamic chord at a Mach
numbexr of 0.96, and 38 percent at 1.2. At a 1ift goefficlent of 0.4 the
aerodynamic-center variation with Mach number was similar to that for
the zero-lift case, with the aerodynamic center having moved approxi-
mately T percent farther rearward. This result may have been caused by
a small rearward movement of the center of pressure resulting from the
leading-edge separation previously mentioned. This separation decreases
the masgnitude of the leading-edge pressure pesak and Increases the chord-
wise extent of decreased pressure. At 1lift coefficients above 0.6
(fig. 12(c)), a2 forward destabllizing movement of the aerodynemic center
occurred. This movement can be attributed to an inboard, forward shifi
in the center of pressure resulting from complete separation of the flow
over the wing tips. As shown in figure 17, subtraction of the fuselage
data from the wing-fuselage data moved the aerodynamic center resrward
approximately T percent of the mean aerodynamic chord, the varilation with
Mach number remaining similar tec that for the wing-fuselsge configuration.
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Wake and Downwash Charscteristics

A representative selection of wake dats for the wing-fuselage
configuration presented in figure 18 for two spenwise positiors indi-
cated that, at a location 1.225 semispans behind the 25-percent polint of
the mean aerodynamic chord, the wake did not extend beyond a height
approximately 0.25 semispan ghove the wing-chord plane for the angle and
Mach number ranges of these tests. The increased intensity of the wake
at the inboard locstion (fig. 18(b))} wes probably due to the presence of
the fuselage. This effect was shown by the wake dste at the inboard
location for the fuselage configuration. (See fig. 19.)

Downwash angles for the wing-fuselage configuration and the wing with
wing-fuselage interference for two spanwise locations at three distances
gbove the wing-chord plane are presented in figure 20. The data for the
latter conditlon were obtained by subtraction of fuselage values from wing-
fuselage values. It was indicated that the flow at the inboard locsation
nearest the wing-chord plane was affected by the presence of the fuselage.
This effect was further shown by the downwash angles for the same location
for the fuselage configuration which are presented in figure 21. An
examination of wake date at the inboard (0.083 semispan) location for the
fuselage configuration indicated thet the disturbance may have been caused .
by the wake of the fuselage.

In the evaluation of the downwash angles it was assumed that the
local static pressure wes equsl to free-stream stastic pressure. Since
this assumption msy not be valid in the wake, the values of downwash
angle presented for locations which lie in the wake may be in error by
as much as spproximately +0.3°. This error is in addition to the pre-
viously discussed messurement error of #0.20. Some of the irregulari-
ties at a Mach number of 1.2 may have bheen due to the effect on the wake
rake of shock waves from the base of the model.

The rates of change of downwssh angle with angle of attack were
averaged for the two spanwlise locations at a height 0.25 semispan sbove
the wing-chord plane and are presented in figure 22. ' The variations with
Mach number for the two configurations at both 1ift coefficients were
generally erratic, the only definite tendency being a rapld decrease
in ¢ from approximately 0.6 to 0.2 in the Mach number range from 0.90

o
to 1.2.

The effect of fixing transition on the wake and downwash character-
istics of the wing-fuselage configuration was negligible except at a
Mach number of 1.2 wheré the downwash sngles were lncreased as shown in
figure 23. This result was probably due either to a change in the flow-
separatlon characteristics of the wing or a change in the shock pattern
in the region of the base of the model.
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It was evident from the wake-width and downwash date that e hori-
zontal teil located at the base of {he model should not be located
between 0.125 and 0.25 semispan sbove the wing-chord plane. Also, 1t
appeared that predictions of tail characterlstics 1nvolwing theoretical
- downwash or measured downwash behind a wing alone must include the
effects of fuselage interference in order to be accurate.

CORCLUSIONS

The following may be concluded from tests of a fuselage and a wing-
fuselage combination employing a wing with 45° sweepback of the 0.25-chord
line, aspect ratio 4, teper ratio 0.6, and NACA 65A006 sirfoll section
parallel to the plane of symmetry at high subsonic Mach numbers and at
a Mach number of 1.2.

1. The effects of compressibility on the w wing-fuselage configuration
at low 1ift coefficients included a decrease in 1lift-curve slope and an
increase in drag coefficient beginning at a Mach number of approximately
0.92, a rapid rearward movément of the serodynamic center beginning st a
Mach number of approximstely 0.85, and a decrease in the rate of change
of downwash angle with angle of attack beginning st a Mach number of
approximetely 0.90.

2. With increases in 1ift cocefficlent gbove zero the lift-curve
slope increased and the aerodynsmic center moved rearward at relatively
low poeitiye angles of attack because of the possible formation of a
separation bubble on the leading edge of the wing. At an angle of attack
of spproximately lO° 1t was indicated that complete separation over the
wing tips resulted in gbrupt decreases in lift-curve slope and a forward,
unstable movement of the aerodynamic center.

3. The wake characterlistics Indicated that & horizontal tail located
at the base of the model should not he located between 0.125 and 0.25
semispan sbove the wing-chord plene.  Also, the necessity of including the
effects of fuselage interference in theoretical dcwnwash calculations was
indicated. T

Langley Aeronautical Laboratory
National Advisory Committee for Aeronautics
Langley Air Force Base, Va.
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Flgure 3.- Fuselage details. All dimensions 1n inches.
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Flgure 1k.- Variation of lift-curve elope with Mach number for the wing-
fuselage configuration and the wing with wing-fueelage interference.
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Figure 15.- Variation of drag coefficient at zero 1ift with Mach number
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interference., Tare corrections applled. Dats from similar rocket
model also shown.
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