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RESEARCH MEMORANDUM -

A TRANSONIC WIND-TUNNEL INVESTIGATION OF THE
AFRODYNAMIC CHARACTERISTICS OF THREE L4-PERCENT-THICK WINGS
OF SWEEPBACK ANGLES 10.8°, 35°, AND 47°, ASPECT RATIO 3.5,

AND TAPER RATIO 0.2 IN COMBINATION WITH A BODY

By Ralph P. Bielat
SUMMARY

An investigation was made in the Langley 8-foot transonic tunnel

of the effect of sweepback angle on wing-body characteristics at Mach
numbers varying from 0.50 to 1.12. Sweepback angles of 10. 8° s 35 3

- and 470 based on the 0.25-chord line were investigated. Lift, drag,
and pitching-moment coefficients were determined from strain-gage meas-—
urements. The Reynolds number of the tests based on the mesn serody-

- nemic chord varied from 2.0 X 106 at a Mach number of 0.50 to 2.5 x 10
at a Mach number of 1.12. |

An increase in sweepback angle from 10.8° to 47° had a small effect

in increasing the lift-curve breek Mach number. The drag-rise Mach

- number was delayed to higher values, the rate of drag increase after the
drag-rise Mach number was reduced, and the Mach number where large losses
in the values of maximum lift-drag ratio occurred was delayed as the
angle of sweepback was increased. For the wings of the present investi-
gation, the effect of sweep on the maxlmum pressure-drag coefficient
could be calculated fairly accurately. An increase IiIn sweepback angle
reduced the rearward movement of the aerodynamic-center location as the
Mach number increased from 0.50 to 1.10.

INTRODUCTION

The NACA has been conducting an investigatlon to determine the
aerodynamic characteristics at supersonic speeds (references 1 to 3) and
at transonic speeds of wings varying in thickness ratio and in sweep
for use on & high-speed bomber. The effects of thickness ratio and of
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thickened root sections on the aerodynamic characteristics at transonic
speeds of wings with Iy sweepback, aspect ratio 3.5, and taper ratio 0.2
are reported in reference 4. The present paper presents the results of -
the aserodynamic characteristics of three L-percent-~thick wings of sweep-
back angles 10.8%, 35°, and 47° based on the 0.25-chord line, aspect
ratio 3.5, and taper ratio 0.2 in combination with a body.

The results reported herein comsisted of 1ift, drag, asnd pltching-

moment measurements for a Mach number range of 0.50 to approximately 1.12.
The tests were conducted in the Langley 8-foot transonic tunnel.

SYMBOLS

The aerodynemic coefficients and other symbols used in this paper
are defined as follows:

A aspect ratio of wing (be/S)
a speed of sound in undisturbed stream, feet per second
b span of wing, feet - o - -
Cp drag coefficient .. (D/qS) )
dCp
—_— drag-due-to-lift parsweter N
dCL2 Z
CD drag coefficient at zero 1lift

o
Cp' sonic pressure drag ([Cp - Cp )

°(M=1.0) °(4=0.6)
Cn! meximum pressure drag (C - C
D D D

max < O(max) °(M=O.GD
Cy, 1ift coefficient (L/qS)
Cr, 1ift coefficient for meximum lift-drag ratio

(L/D) pax
CL@ lift-curve slope per degree (dCL/da)

. M=/
Cy pltching-moment coefficient .
qSc
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aCpy
acr,

ol

(/D) poy

M/u

The tests

Sl 3

static-longitudinal-stability parameter

wing mean aserodynamic chord, inches

drag, pounds

1ift, pounds

maximum 1ift-drag ratio

Mach number (V/a)

pitching moment of azerodynamic forces about lateral axis
which passes through 25-percent point of mesn aserody-
nemic chord of wing, Inch-pounds

free-stream dynamic pressure, pounds per square foot
&)

Reynolds number based on ¢

wing area, square feet

wing thickness ratio in percent of chord

free-stream velocity, feet per second

angle of attack of model, based on body reference axis,
degrees

angle of sweep of wing, based on 25-percent-chord line,
degrees

free-stream density, slugs per cubic foot

APPARATUS AND METHODS

Tunnel

were conducted in the ILangley 8-foot transonic tunnel

which is a dodecagonal, slotted-throat, single-return type of wind
tunnel. The use of longitudinal slots along the test section permitted
the testing of the models through the speed of sound without the usual
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choking effects found in the conventional closed-throat type of wind

tunnel. Typlcal Mach number distributions slong the center of the

slotted test sectlon 1n the region occupied by the model are shown In -
figure 1. Iocal deviations from the average free-stream Mach number

were no larger than 0.003 at subsonic speeds. With increases in Mach

number above 1.00, the deviations increased but did not exceed 0.010 at

e Mach number of 1.13. A complete description of the Langley 8-foot

transonic tunnel can be found in reference 5.

Model

The models employed for the tests were supplied by & U. S. Alr Force
contractor. The models represented mldwing configurations and were con-
structed of steel. All the wing models were 4 percent thick in a stream-
wise direction, with aspect ratlc of 3.5, taper ratic of 0.2, zero twist
and dihedral, and the following airfoil section parallel to the model
plane of symmetry:

Thickness distribution . +« ¢« « « ¢ ¢ ¢ ¢« » ¢« ¢ « « + » NACA 65A series
Mean line ordinates . . . . . . 1/3 of FNACA 230 series + NACA 6-series
uniform-load mean line (& = 1.0) for .
Cli = 0.1
Sweep angle was the only gedmetric perameter which was varled on -

the models. Sweepback angles of 10.80, 350, and hTo baeed on the 0.25-
chord line were investigated. The hollow steel bodles were built inte-
grally with each of the wings and represented cylindrical bodies having
ogive nose sections with a ratio of body diameter to wing span about
0.094. Photographs of the wing models are shown as figure 2, and dimen-
sional detalls of the models are shown in figure 3. Airfoil coordinates
are given in table I. '

Model Support System

The models were attached to the sting support through a six-component,
internal, electrical strain-gage balance which was provided by & U. S. Alr
Force contractor. Angle-of-sttack changes of the models were accomplished
by pivoting the sting about a point which was located approximately
66 inches downstream of the 0.25 mean aerodynamic chord.” A 15° coupling
located ahead of the pivot point was used in the sting In order to keep
the model position reasonably clcocse to & tunnel axis when the model
angle of attack was varied from &° to 12 . The angle mechanism was con-
trolled from outside the test section and therefore permitted angle )
changes with the tunnel operating. A detalled_description of the support .
system can be found in reference 6.
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Measurements

Lift, drag, and pltching moment were determined by means of an elec-
trical straln-gage balance located inside the body. In general, it Was
desired to meke measurements for angles of attack from -2° to 12° at
Mach numbers varying from 0.50 to approximstely 1.12. Testing at high
angles of attack at high subsonic and low supersonic Mach numbers, how-
ever, was limited by the pltching-moment design load of the balance.

The accuracy of the data, based on the static calibratlon of the balance
and the reproducibility of the date, is as follows:

O, + o * o o o o s o o + o s o s s o s s s e o o v a o .. . Fo.01
CD = = o » o o o o o o s s e e e e et e e e e e ... E0001
Cm - - - . . . « . . . L] . . L] L . . - . - . . . . - - . » - - L] ".'.0 . Ooll'

A pendulum type of accelerometer calibrated against angle of attack
located within the sting downstream of the models was used to 1ndicate
the angles of the models relative to the air stream under static condi-
tlons. For actual testing conditions, however, it was necessary to
apply a correction to the angle of attack of the model because of the
elasticity of the sting-support system.

The use of the callbrated accelerometer in conjunction with the
remotely controlled angle-of-attack changing mechanism allowed the model
engle to be set within $0.1° for all test Mach numbers.

Reynolds Number

The variation of test Reynolds number, based on the mesn aerody-
namic chord of the wing, with Mach number averaged for several rumns is
presented in figure 4. The Reynolds number varied from 2.0 x lO6 at a
Mach number of 0.50 to 2.5 x 106 at a Mach number of 1.12.

CORRECTIONS

The usual corrections to the Mach number and dynamic pressure for
the effects of model and wake blockage and to the drag coefficient for
the effect of the pressure gradient caused by the wake are noc longer
necessary with the use of longitudinal slots in the test section
(reference 7). The data presented herein have been corrected for a
slight misalinement of the air stream in the tunnel.

The drag data have been corrected for base pressure such that the

drag corresponds to conditions where the body bhase pressure is equal to
the free-stream static pressure.
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The hending of swept wings Introduces a twist along the span which
effectively changes the loading characteristics. The effects on the
aerodynamlc characteristics caused by bending of the swept wings were
determined using the theoretical span loadings of reference 8 and the
stiffness properties of the wings which were determined from static
loads. The calculations were made for a Mach number of 0.7C and indl-
cated that bending of the 35° and hTo sweptback wings did not materially
change the aerodynemic characteristics of the data presented herein.

There exists a range of Mach numbers above Mach number 1.0 where
the date are affected by reflected shock waves, On the basis of the
results of reference 9, 1t was estimated that the reflected nose shock
wave should clear the rear of the model at Mach numbers above 1.08.
Schlieren pictures made during the present tesis have substantiated
these calculations. The results of reference 9 also indicate that
although a detached bow wave exists on the model at low supersonic Mach
numbers the reflected wave up to & Mach number of approximately 1.0k is
of such weak Intensity that the data are not appreciably affected.
Accordingly, no data were teken in the range of Mach numbers from 1.0k
to 1.08; and in the final crossplots of the results the curves are shown
as dashed lines in this range of Mach numbers.

RESULTS AND DISCUSSION

An index of the figures presenting the results is as follows:

Flgure
Force and moment characteristics:
o, Cp, and Cp plotted against Cj for:the 10.8° swept-
back WING o o o o o o o o o o« o o o o ¢ o o o s o o 0 0o s 0 0 D
@, Cp, and Cp plotted against Cy for the 35° swept-
DACK WADE « « « o « o o o o« o o o o o o o e ¢ o e s s o« o 0. b
a, Cp, snd Cp plotted against Cp for the 470 swept-
back Wing . L L L ] . a L] -« - L] - -« * a L] . . a L L] . . . L L] L 7
Summary plots: : .
CLg, ' plotted against . -
QDO plotted against M . ¢ ¢ ¢ ¢ ¢ ¢ o 2 c o 0 o 6 & & o 4 e g9
Cp' plotted against (t/c¢)3/3 « v v v v i it i e e e e ... 10
cD'max plotted agalnet A . . & ¢ ¢ ¢ f 4 s e e & o e e o« 11
dCp/dCr2 plotted against A . . . . . . 4« . 4 . . . T . . . 12
(L/D)pax Dlotted against M . . . v ¢ v « e v o o 0 o s . . . 13
CL(L/D) plotted against M . . . . . . . . o000 ... 1k
dcm/dCL ‘plotted against M . . . . ¢ ¢+ e ¢t e s e e e 4 . . 15
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The reference axes of the date presented in the figures have been
changed from body axes to wind axes. In order to facilitate presenta-
tion of the data, staggered scales have been used 1n many of the figures
and care should be teken In identifying the zero axis for each curve.
References to wings In this discussion refer to data presented for wing-
body configurations unless otherwise noted. Data for the body-alcone
configuration can be found in reference k.

Lift Characteristics

An increase in the angle of sweep from 10.8° to hTO hed only a
negligible effect on the lift-curve break Mach number at a 1ift coeffi-
cient of zero (fig. 8). The results indicated that the meximum increases
in the lift-curve-slope values at zero 1lift coefficient for the wings
of 10.8°, 35° , and 4T° sweepback increased 69 percent, 53 percent, and
69 percent, respectively, above the values at a Mach number of 0.50.

The large increase in the lifi-curve slope for the wing of y7° sweep-
back was probably assoclated with the nonlinearities in the 1ift char-
acteristics near zeroc 1ift at Mach numbers in the range from 0.94 to 1.00
(fig. 7(a)}. It should be noted, however, that these nonlinearities
depend upon the fairing as determined from the measured 1ift at a single
engle of attack of -2° (see fig. T(a)) and as a result the slope is sub-
Ject to the well-known accuracy difficulties in the determination of
lift-curve slopes. In any case, little significance i1s considered to

be associsted with these differences. The decrease in the wvalues of the
lift-curve slope above the lift-curve break Mach number was much less
for the 10.8° sweptback wing than for the 35° and L47° sweptback wings.

Theoretical lift-curve slopes at zeroc 1ift are also Inciuded in
figure 8. For the subsonic Mach number range, the lift-curve slopes at
a Mach number of 0.50 were modified for the first-order effects of com-
pressibility by an adaptation of the Prandtl-Glauert relation as given
in reference 10. The theoretical lift-curve slopes at supersonic Mach
numbers were calculated using the methods given in references 11 and 12.
The agreement between the experimental resulis and theoretlcal results
at subsonic Mach numbers for the 10.8° sweptback wing is good; however,
the theoretical curves are seen to underestimste the compressibility
effects at high subsonic speeds for the 35° and 47° sweptback wings
which indicates the apparent inadequacies of the theory. The statement
should be made, however, that the agreement between the experimental and
theoretical lift-curve slopes for the 10.8° sweptback wing may be for-
tuitous inasmuch as the 1lifting-line theory of reference 10 was used.

If the more rigorous methods were used to predict the effects of com-
pressibility on the lift-curve slopes, such as the Weissinger modified
1lifting line (reference 8) or the Falkmer lifting-surface methods, lower
rates of increase iIn lifi-curve slope with Mach number would be indicated
and, therefore, would be in poor sgreement with the experimental results.
In the supersonic speed range the theoretical lift-curve slopes are
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considerably higher than the experimental slopes. This difference 1s
probebly the result of wing thickness since the wings of the present
investigation were of finite thickness; whereas the theory is for wings
of zeroc thickness. .

At & 1ift coefficient of 0.3, the lift-curve slopes for the three
wings exhibited similar trends as at a 1lift coefficient of zero.except
that the maximum Iincreases in CL@ at high subsonlic Mach numbers were

generally less and decreased with increase in sweepback angle as would
be predicted by theory.

Drag Characteristics

The effects of sweep angle and Mach number on the drag at zero

lift are shown in figure 9. At Mach numbers below 0.90, the drag coeffi-
cient at zero 1ift caoefficient was affected only to a small extent by an
increase 1n sweepback angle and was reduced by an increase in sweepback
angle up to 47° at Mach numbers above 0.90. The drag-rise Mach number
defined as the vslue where %%Q = 0.1) was delayed to higher wvalues
and the rate of drag increase with Mach number was reduced by an increase
in sweepback angle due to the effectiveness of sweep in reducing the
pressure drag. Increasing the sweepback angle from 10.8° to 470 resulted
in an increase in the drag-rise Mach number from 0.92 to 0.97. At a
Mach number of 1.10 the zerco lift-drag coefficient was reduced approxi-
mately 26 percent by a change in sweep angle from 10.8° to L47°.

Although there appear to be no theories available which predict the
effect of sweep on the drag at zero 1lift, it has been found that the
meximum pressure-drag coefficient, which usually occurs in the transonic
range, decreases by the fourth power of the cosine of the sweep angle
when the thickness ratic remains constant in planes normal to the sweep
line. Uslng the methods described in referéince 13 calculations have
been made to determine the effect of sweep on the maximum pressure drag
at transonic speeds. The expression for the meximum pressure drag es
glven in reference 13 is

o/ 5/3
Cn' =K cos#A
D max

cOos

where
ofpt

K = ————-——:7—
3(6/e)”’3
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For these calculations the body-slone data of reference b bave been sub-
tracted from the experimental results at zero 1ift such that the data
of the present wings presented in figures 10 and 11 represent wing-plus-
wing-body-interference data. An experimentdl value of 2,39 for K
obtained from figure 10 has been used in the preceding equation. Unfor-
tunately, only one experimental point for the wing of 10.8° sweep was
used to determine The value of K for the present investigetion. It
was shown in reference 13 that the variation of the pressure drag at a

Mach number of 1.00 is fairly linear with ('b/c)5/3 end can be used to
estimate the maximum pressure-drag coefficient of sweptback wings. Fig-
ure 11 shows a comparison of the results using the preceding equation
with the experimental results obtained from figure 9. It will be noted
that the agreement between the calculations and the experimental results
is good for the wings of the present investigation.

Figure 12 shows the effect of wing sweep on the drag-due-to-11ft
parameter at a 1ift coefficient of 0.3 for Mach numbers of 0.50, 0.90,

1.00, and 1.10. Alsc shown is the drag-due-to-1ift parameter for no

leading-edge suction 57—%7§E—. Full leading-edge suction L for the
. o

nA

present wings would be represented by a theoretical value of drag due to
1ift of 0.09l. The results indicated that as the Mach number increased
from 0.50 to 1.10 the drag due to 1lift Increased and had a tendency to
approach the value of drag due to lift for no leading-edge suction. The
results also indicated that the drag due to lift was not greatly affected
by sweep angle for the various Mach numbers shown. The fact that the
10.8° sweptback wing retained some leading-edge suction at a Mach number
of 1.10, even though the linearized supersonic theories predict no leading-
edge suction for wings having their leading edges located ghead of the
Mach line, 1s probably due to the fact that, as indiecated by schlieren
photographs, a detached bow wave existed shead of the wing and, therefore,
a part of the wing was operating at subsonic velocities.

The effect of sweep angle on the varlation of maximum lift-drag
ratio with Mach number presented in figure 13 indicated that, at Mach
numbers below 0.80, the meximum lift-drag ratio was approximately the
same for the configurations with sweep angles of 10.8° and 350, and
was approximastely 10 to 1l percent higher for the wing of 47° sweep-
back. This was probably due to the fact that the drag st zero 1lift
for the wing of U7° sweepback was less than for either the 10.8° or
35° sweptback wings. At the higher subsonic Mach numbers large losses
in the values of (L/D)max occurred, and these losses were delayed

to higher Mach numbers as the sweep angle was increased. The Mach
number where large losses in (L/D)max occurred was delayed from 0.80

to 0.92 as the angle of sweepback was Increased from 10.8° to 47°. At
a Mech number of 1.10, the meximum lift-drag ratio was Iincreased by a
factor of 1.3 with an increase in sweepback angle from 10.8° to 47°.
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The effect of compressibility on the 1ift coefficient corresponding
to the meximum lift-drag ratio is shown in figure 1%. Increasing the
sweepback angle not only decreased the value of 1lift coefficient corre-
sponding tc the maximum lift-drag ratio but also reduced the positive
shift in 1ift coefficient for (L/D)max ‘a5 the Mach number increased

from 0.50 to 1.10. The shift in the 1ift coefficilent for (L/D)max for

the conflguration with 10.8o sweepback was approximately 59 percent as
compared with 40 percent for the configuration with k70 sweepback.

Pitching-Moment Characteristics

The variations of piltching-moment coefficient with 1i1ft coefficlent
(figs. 5(c), 6{c), and T(c)) were generally nonlinear up to a Mach num-
ber of 0.975 for all the sweep configurations. It is interesting to
note that for sweepback angles of 10.8° and_hTQ_ggd at the low Mach nﬁm—
bers, the pronounced breaks in the pitching-moment curves chnanged from
stable breaks to unstable bresks whereas no pronounced bresks were indi-
cated for the 35° sweptback wing. As the Mach number increased beyond
0.975 the pitching-moment curves showed linear varietions up to the
highest 1ift coefflcient investigated for the three sweep configurations.

The effects of Mach number on the static-longitudinel-stability
parameter de/dCL for the three wings are shown for two 1lift coeffi-

cients in figure 15. The data indicate & general rearward movement of
the aerodynamic center with increasing Mach number for the three sweep
configurations. As the Mach number was increased from 0.50 to 1.10 for
zero 1ift, the aerodynamic center for the 10.8° sweptback wing moved
rearward 18 percent as compared with a 15-percent resarward movement of
the aerodynamic center for the 35° and 47° sweptback wings. The rear-
ward movement of the aerodynamic center for the 10.8° sweptback wing
was probably associated with a rearward movement of strong shocks on

the upper surface of the wing as the Mach number increased. On the
other hand, the smaller movement of the aerodynamic center noted for
the 35° and 47° sweptback wings, even though there were shock formations
on these wings, was probably associlated with an outboard movement of

the flow in the boundary layer (reference 14) which resulted in a sepa-
ration of the flow at the tips. This flow separation for the configura-
tions with 35° and hTo of sweepback would prevent the aerodynamic center
from moving as far rearward as the aerodynamic center for the wing with
a sweepback angle of 10.8°.
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CONCLUSIONS

An investigation was made In the Langley 8-foot transonic tunnel
of the effects of wing sweepback angle on the aerodynamic characteris-
tics of a wing-body configuration. All the wing models had 4-percent-
thick sections parallel to the model plane of symmetry, an aspect ratio
of 3.5, and & taper ratio of 0.2. Sweepback angles of 10.80, 350, and
hTo based on the 0.25-chord line were investlgated. The following con-
clusions are indicated:

1. For the wings of the present investigation an increase in sweep-
back angle from 10.8° to 47° had only a negligible effect on the lift-
curve break Mach number at a 1ift coefficient of zero.

2. The drag-rise Mach number was delayed to higher values and the
rate of drag increase after the drag-rise Mach number was reduced by
an Increase in sweepback angle due to the effectiveness of sweep in
reducing the pressure drag. For the wings of the present investigation,
the effect of sweep on the maximum pressure-~drag coefficient was esti-
mated feirly accurately using an empirical relationship.

3. The Mach number where large losses In the velues of maximum
lift-drag ratio occurred was delaged from 0.80 to 0.92 as the angle of
sweepback was increased from 10.8° to 47°. At a Mach number of 1.10,
the maximum lift-drag ratioc was increased by a factor of 1.3 for a simi-
lar increase in sweep.

4, An increese In sweepback angle reduced the rearward movement of
the aerodynamic-center location as the Mach number increased from 0.50
to 1.10.

Iangley Aeronautical ILaboratory
National Advisory Committee for Aeronautics
Langley Field, Va.
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TABLE I.- AIRFOIL COORDINATES

NACA RM L52B08

X
— —
- c
y/e ¥/e
x/ c upper lover
{percent} surface surface
{percent) { percent)
0 0 o]
.5 A1 245
.75 199 271
1.25 .665 .289
2.5 .962 .324
5.0 1.4%35 .367
T.5 1.776 429
10.0 2.039 A72
15 2.423 STT
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Mach number at center

o Diffuser-enirance-nose arrangament for subsonic cperation
n Diffuser-enfrance-nose arrangemant for supersonic operailon
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Figure 1,- Mach mumber distributlions along the center of the test section.
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Figure 2.- Photographs of models as tested in the Langley 8-foot
transonic tunnel.
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Figure 3.- Details of model configurations tested. All dimensions zre
In inches except as noted.
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Figure 4.~ Variation with Mach number of test Reynolds number based on a
mean aerodynamic chord of 7.874 inches.
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(a) Angle of attack.

Figure 5.- Varlation with lift coefflclent of the aerodynemic character-
istics for the 10.8° sweptback wing.
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Figure 5.- Contilnued.
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Filgure 6,- Variation with 1ift coefficient of the aerodynamic character-
istics for the 35° swepthack wing.
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Figure 6.~ Continued.
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Drag coefficient,Cp
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Figure 7.~ Continued,
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Figure 8.- Effect of sweep angle on the variation of lift-curve slope with
Mach number for the wing-body configuration.
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Figure 9.~ Effect of sweep angle on the variation of drag coefficlent at
zero I1ft with Mach number for the wing-body configuration.
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Figure 10.- Effect of thickness ratlo on the sonic pressure drag for the
wing with wing-body interference.
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Figure 1l1.- Effect of sweep angle on the maximum pressure drag at zero

1lift for the wing with wing-body interference.
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Figure 13.- Effect of sweep angle on the varistion of maximum lift-drag -

ratio with Mach number for the wing-body configuration.
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Figure 14.- Effect of sweep angle on the variation of 1ift coefficient
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configuration.
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body configuration.
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