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By Henry O. Slone and James E. Hubbartt

SUMMARY

The estimated minimum cooling requirements and related perfarmance
of turbojet engines equipped with high-performance single-stege turbines
with sir-cooled corrugated-insert blades were obtained for wide ranges of
turbine-iniet temperature, tip epeed, and hub-tip redlius ratio for a
flight Mach number of 2 at 50,000 feet. The turbine was the only compo-
nent considered for cooling. The effects of stress-ratio factor, flight
Mach mumber, altitude, turbine rotor impeller efficiency, and cutside
heat-transfer coefficient on cooling requirements were also studied.

For operation at Mach 2 at 50,000 feet, turbine-inlet temperature
could poseibly be increased to sbout 3000° and 3500° R for turbine tip
speeds of 1700 and 1100 feet per second, respectively. For nonafterburn-
ing and afterburning engines with & turbine hub-tip ratio of 0.75, in-
creasing turbine-inlet temperatures and tip speeds still seems beneficial
in spite of the cooling requirements. The cooling problem In general be-
comes more severe as either flight Mach number or altitude increases,
particularly for the higher turbine-~inlet temperstures and tip speeds.
These resulte suggest that the limits of application of the corrugated-
insert blade will decrease with increasing flight Mach number and alti-
tude. However, for the immediste future, the corrugated-insert blade is
promising for flight speeds and altitudes higher than 2 and 50,000 feet,
respectively. The turbine rotor stress-rstio factor, turbine rotor
cooling-air-impeller efficlency, cooling-air-supply ducting losses, and
variations in turbine rotor and stator outside heat-transfer coefficients
may have qulte serious effects on the cooling requirements. These ef-
Tects are iumportant considerations in design and research.

-
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INTROICTION

Turbojet-engine performance may be improved by using engine designs
that require turbine cooling. In order to evaluate the effects of cooling
on engine performance, the cooling requirements, ag well as the effects
of varilous factors on these requireménts, must be determined. Such re-
sults are needed to establish emphasls In resesrch and as a guide for
design. Therefore, snalyses were made gt the NACA Lewis laboratory (l)
to obtain the estimated minimum cooling requirements for high-performsnce
air-csoled turbojet engines eguipped with corrugated-insert turbine
blades, (2) to refléct these cooling requirements in the performance of
the air-cooled turbojet engine, and (3) to illustrate the factors affect-
ing cooling requirements. These last factors were estimated, since ac-
curate deslign values are presently unknown This investigation wes
conducted for deslgn-point operation bf turbojet engines equipped with
single-stage turbines.

Evalustions of both the unéooledéturbojet-engine performance and the
general effects of cooling on performence are published in the literature.
The changes in engine performance resulting from turbine cooling with
compressor alr bleed are analyzed in reflerence 1, and the perfarmance
potentials of single-stage turbojet engines utilizing turbine cooling are
. presented in reference 2. Wide ranges in engine deslgn specifications
are considered 1n both references for flight at a Mach pumber of 2.0 1n
the stratosphere. However, rather than considering the cooling require-
ments for a particular type of air-cooled turbine blade, a range of cool-

ent flows was lnvestigated.

As a result of recent development$ (refs. 3 and 4), the air-cooled
corrugated-insert blade is amenable to'analytical treatment for deter-
mining cooling requirements. In addition, considerable research has been
devoted toward developing febrication ftechniques for this blade and test-
ing experimental blades. An experimental corrugated-insert blade that
has been operated in a standard turbojet engine is shown in figure 1{e).
Experimental investigations conducted in modified turbojet engines to
determine the coollng effectiveness of air-cooled corrugated-insert blades
are reported in references 5 and 6. The corrugated~ingert blade 1s a
promising design because (l) the corrugated surfaces have high hesat-
transfer effectiveness, (2) there is freedom in selecting a corrugation

eometry, (3) corrugated surfaces can serve as structural elements, and
4) an island insert permite corrugations of uniform height and thus a
more uniform periphersl distribution of the cooling air. To some extent,
the application of the corrugated-insert blade i1s compared with other
types of alr-cooled bledes 1n reference!7. The cooling requlrements of
the corrugated-insert blade and the effects of varlous factors on cooling
sre computed herein £o¥ the engine deslgns presented in reference 2. The
analytical procedures used to evaluate the cooling requirements of alr-
cooled turbines with corrugated-insert blades are presented in detail in

references 3 and 4.
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The purpose of this report, which concludes & series, is to present
the estimated minimum cooling requirements and the resulting changes in
performence of engines with single-stage turbines with ailr-cooled
corrugated-insert blades. The possible limitations of this blade are also
presented. A range of turbine-inlet temperatures from 2000° to 3500° R,
turbine blade tip speeds of 1100 and 1700 feet per second (actual tip
speeds as used throughout), and turbine hub-tip radius ratios of 0.60 and
0.75 were considered for s flight Mach number of 2.0 at a 50,000-foot
altitude. In addition, typlcal variatlons in the corrugation geometry
and cooclant flows with flight Mach number, altitude, stress-ratio factor,
pressure losses in cooling-air ducting and turbine rotor disk, and outside
hegt-transfer coefficlents are presented.

ANALYTICAY, PROCEDURES
Genersl Conslderations

The analytical procedures used to evaluate the cooling requirements
of gir-cooled turbines with corrugated-insert bledes are presented in
detall in references 3 and 4. Figures 1{b) and (c) show a cross-sectional
view of & corrugated-insert blade and & typical corrugated section. The
principal dimensions of the corrugation that may be varied in the selec-
tion of corrugatlon geometry are indicated in figure 1(c). These dimen-
sions are the corrugetion amplitude Y, the corrugation spacing m, and
the corrugation thickness T. References 2 and 8 present a general dis-
cusslon of the procedures for computing the performance of turbojet en-
glines equipped with slngle-stage sir-cooled turbines and the turbine
operating conditions required in evaluating the cooling requirements.
Detailed procedures are glven in reference 9. In addition, references 2
and. 8 tabulate the engine performance and many of the operating conditions
for the complete range of turblne design specificstions considered in
this analysis.

Schematic drawings of the turbojet engine and the turbine rotor
cooling-air impeller are shown on figure 2. In some cases, three compres-
sor bleed points were considered for the rotor blade cooling-air supply
and two compressor bleed polnts for the stator blades. The relative po-
sitions of these bleed points are shown on figure 2(a). The exact loca-
tions actually vary for each englne design specification. Only one com-
pressor bleed point was considered in the analysis for the engine
performence resulte of reference 2. However, as shown in reference 1,
the effect of coolting-air bleed polnt on engine performance is small.
For this reason, the engine performance results of reference 2 were used
herein, even though the compressor bleed polnt did differ somewhsat for
many of the cases studiled.
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The assumptions and constants used in the present analysis are pre-
sented in gsppendix A. Reference 2 gives the assumptlions employed in the
engine performance analysis. The present study and that of reference 2
are directed toward exploring the outer limits for single-stage turbines
using turblne blade cooling. For thils reason, the engine performance
results are based on turbines with high turbine aserodynamic limits and
high turbine-exit whirl in the interest of obtaining the highest turbine
specific work and welght flow commensurate with the efficlencies assigned.
Also, the present study was aimed toward determining the spproximste mini-
mm cooling requirements anticipated for the corrugated-insert blade
without cooling the cooling air. In most cases, these calculated cooling
requirements are lower than will be possible until improved design tech-
niques are evolved. OF principal Ilmportance in thils connection are the
deslgn stresgs-ratio factor, the cooling-air-supply ducting losses, the
rotor cooling-air-impeller efficiency, and the blade metal taper from
root to tip. Each of these varlables' is chosen so as to minimize the
cooling requirements for the corrugated-insert blade. Their effects on
coolling requirements are finally illustrated and diecussed in subsequent
sections, except for the blade metal teper ratio. The effect of the blade
metal taper ratio from blade root to tip ie small. A value of 0.50 was
used for this ratlo, since 1t represents the approximate lower limit for
corrugated-linsert blades that have been fabricated.

The stress-ratio factor, which 1s the ratio of the average allowable
blade stress-rupture strength to the blade average centrifugal stress
(ref. 10}, was a@ssumed to be 1.5. The magnitude of the stress-ratio fac-
tor is mesnt to include the effects of other stresses, such as bending,
vibration, and thermal stresses, as well as to provide some margin of
safety for the effects that construction may have on the blade materilal
strength.  Experimental data (ref. 10) show that a stress-ratio factor of
about 2.3 1s required for a particular blade constructed of carbon steel.
However, limited unpublished data with higher temperature alloys indicate
that smaller values of stress-ratio factor are possible through proper
choice of materials and fabrication techniques.

The cooling-air-supply ducting losses were neglected 1n the present
analysis. In additlon, the turbine rotor cocling-air-impeller efficlency
(defined as the ratio of the actuasl relative enthslpy difference to the
ideal relative enthalpy difference between the rotor Impeller inlef and
the rotor blade inlet) was assumed to be the same as that for the main
compressor, 0.83. Certainly, before these assumptions can be practically
realized, good design techniques must be evolved through development work.
The greater the cooling requirements, the more difficult the problem of
reducing pressure losses. The efficlencies for a single coollng-sir-
impeller design operating over a range of conditions have been determined
from test results but not reported. These unpublished data show Impeller
efficiencies as high as 0.50 for this early deslgn.

3644
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Evaluation of Princlpal Heat-Transfer Parameters

Before the procedures of references 3 and 4 can be used, certain in-
dependent variables must be known or calculated. The majority of these
variables are determined from the operating conditions and the design
specifications of the turbojet engines being considered. The effective
gas tempersture Té e can be evaluated from reference 11. The average

2
Nusselt number from which the average outside heat-transfer coefficient
Ho,av 1s obtained is determined by use of the following correlation

equation (ref. 12):

Nuav

;;173 =F (Reav)z (1)

where perimeter Zo/i 1s the reference length in Nu,, end Re,,, and

F and =z are functions of the transition ratio and Euler mumber of the
blade. (Symbols are defined in appendix B.) When an actual blade profile
1s evailable, the values of transition ratio and Euler number may be de-
termined from the velocity distribution around the blade profile (ref. 12).
In the present study, however, the actual blade profiles are unknown for
the various engine designs reported in references 2 and 8, but velues of
turbine-Iiniet and -exit pressures and veloclties are known.

For channel flow at high subsonlic Mech numbers, the product of the
static pressure and relative velocity is spproximately constent. There-~
fore, since the tuwrbine deslgns of references 2 and 8 have high subsonic
Mach numbers corresponding to high blade loading, the product of the
integrated average stetic pressure and relative velocity can be closely
approximated by the product of the averages of the inlet and exit static
pressures and velocities. Thus, the Reynolds number becomes

lo
Pav¥av 7

Rear = T,

where @Dy, and Wy, &are the averages of the inlet and exit pressures
and velocities.

The values of ¥ and z {eq. (1)) were obtained from reference 13,
vherein ten blade profiles, including both impulse and reaction blades,

were analyzed and average values of F and 2z were evaluated. These
values are F = 0.082 and z = 0.70, and equation (1} becomes

0.70 p.1/3
Nug, = 0.092 (Re_.) pri/ (2)
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Equation (2) was used to calculate the value of Ho,ay for both
turbine rotor and stator blades. The values of Hb ay computed from

equation (2) may be somewhat high for the reaction blading of the turbine
stators, since the favorable prespure’ gradlent may permit laminar flow
over a large portlion of the blade surface This results in a lower value
of z and a higher value of F.

The gas properties in equation (2) were evaluated on the basis of
the allowable blsdée temperature at the midspan of the rotor blades and of
an aversage blade temperature for the stator blades. The maximum allowable
blade temperature distributions for the rotor blades were evaluated from
the 100-hour stress-rupture properties of a promising alloy A-286. Ref-
erence 3 discusses the procedures used for determining the maximm allowa-
ble blade temperature. The limiting allowable blade temperature of the
stator blades was taken as 2000° R at the stator blade tip. This value
is chosen as a conservative value for .present uncooled stator blades.

Selection of Corrugetion Geometry

In references 3 and 4, analytical procedures and charte ere presented
that permit the selection of a corrugation geometry which gives, for a
specific application, the lowest possible c¢oolant flow wlthin limitatiops
of the pressure levels through the engine and the blade pressure drop.
The selection of a suiteble corrugation geometry, however, also depends
on the blade profile and the ease of fabrilcating the corrugation configu-
ration. In general, small velues of corrugation height or amplitude ¥
are required for ailr-cooled blades 1n order to provide tralling-edge
cooling with minimum tralling-edge thickness. In addition, changes in Y
have a larger effect on coolant-flow and pressure requirements than changes
in m and T. As a result, Y 1s the most important of the corrugation-
geometry parsmeters, and the values of corrugatlion thickness T and
corrugation spacing m &are secondary in the final selection of a corruga-
tion geometry for an alr-cooled blade. Comsequently, followlng the sug-
gestion of referente 3, pressure drope were calculated for various values
of Y with assigned values of m and <. In this way, the value of ¥
corresponding to the condition of calculated pressure drop equal to avalla-
ble pressure drop could be obtained for each cambination of m and -~.
Also, it was assumed that the required static pressure of the coolant at
the rotor blade outlet was equal to the aversgge gas statlc pressure across
the rotor tip. The required coolant static pressure at the stator blade
outlet was assumed equal to the gas static pressure downstream of the
turbine rotor tip (see fig. 2(a)).

Rather than obtain coolant-flow requirements and the corresponding
corrugation geometries for each of the single-stage turbojet-engine de-
signs presented in reference 2, only the extreme design conditions were

3644
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considered - that is, turbine-inlet temperatures of 2500°, 3000°, and
3500° R; actual turbine blade tip speeds of 1100 ard 1700 feet per second;
and turbine hub-tip radius ratios of 0.60 and 0.75. The coolant require-
ments are elther zero or negligible at 2000° R.

RESULTS AND DISCUSSION

For each value of m and ¥, the calculated pressure drop equals the
available pressure drop for only one value of Y. This corditlon results
in eilther the minimum or spproximately the minimum cooclant flow for this
combination of m and <. However, changes in m and <, In general,
result in different solutions for Y and, therefore, different coclant-
filow requirements. For this reason, the effects of m and T must be
considered for some designs, particulsrly for design conditions where it
is desirable to reduce the coolant flow or the required value of Y.
Therefore, for the present anslysis, a number of combinations of m and
T sare consldered.

In order to aid in understanding the roles of m, T, and ¥, this
section first illusitrates their effects on the selection of a corrugation-
geometry design. Then, the computed minimum coolant flows and the cor-
responding geometries for the corrugated-insert blade are summerized for
the engine designs considered. From this summarization, the rotor and
stator blade coolant flows and their geometry configurations are selected
for each engine design and incorporated in the performence results. In
this way, the possible limitations of the corrugated-linsert blade used in
single-stage alr-cooled turbines operating at a flight Mach number of 2.0
at 50,000 feet are illustrated. Finelly, the changes in cocling require-
ments for changes in stress-ratio factor, flight Mach number, altitude,
impeller efficiency, and ouktaide heat-transfer coefficient are shown for
typical cases to illustrate their effects and importance in design and
future research.

Influence of Corrugation Geometry on Coolant-Flow Requirements

Effect of corrugation amplitude. - Varlations of the coolant flow
and the blade-outlet coolant Msch number and statlc pressure with corru-
gation amplitude Y are shown in figure 3 for a representative turbine
rotor blade with fixed values of corrugetion thickness and spacing. The
values of turbine-inlet temperature, tip speed, hub-tip radius ratio, and
blade-1nlet coolant pressure and temperature are also fixed.

As shown by figure 3, a decrease In Y results in e slight decrease
in the coolant flow regquired to maintain maximm allowable blade metal
temperatures. Variations in the requilred coolant flow masy be comsidersbliy
different from that shown on figure 3, depending upon the type of coolant
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flow {(leminar, turbulent, or transition) and the amount of cooling re-
quired. The changes in the coolsnt flow and Y are reflected in the
blade-outlet Mach number and coolant static pressure in the lower sections
of figure 3. A decrease in Y results in a direct decrease in the
coolant-flow ares, which, in turn, results in an increase in the coolant
Mach numbers. The higher Mach numbers and the higher pressure drops ac-
companying them comblne to reduce the blede-cutlet static pressure. Al-
though the trends shown 1n figure 3. are representative of those for all
conditions studied, the rate of change in the exit Mach number and static
pressure may be somewhgt different far other conditions because of a dif-
ferent varistion in the required coolant flow. The minimum Y obtainable
corresponds to the conditlon of the calculated coolant statlc pressure at
the coolant passage outlet equal to the average ges stallc pressure across
the rotor tip, as indicated by the intersection of the two curves in the
bottom section of figure 3. .

The trends shown by the curves in figure 3 are typical for both tur-
bine rotor aend stator blades, regardless of the engine design specifica-
tlons considered. Because of the choking condition illustrated by the
middlie curve, extreme careé must be used in some cases when selecting a
corrugation geometry in order to provide a factor of safety.

For turbulent flow, the coclant-flow ratio will always decrease with
decreasing Y. For laminar flow, however, the coolant-flow ratio in gen-
eral increases with decreasing Y. Therefore, a reversal occurs for flow
in the transition region. In general, then, the minimum value of ¥ will
not correspond to the minimum value of the coolant-flow ratio for laminar
flow. This condition mey also exlst for flow in the transition region.
Consequently, these trends must be considered in the final selection of a
corrugation geometry for a particulsr application. However, for the re-
sults presented hereln, the value of minimm Y corresponding to the
intersection point in figure 3 was determined. In all cases studied, the
resulting values of the coolant-flow ratio were elther the minimum or near
the minimum values.

Effect of corrugetion spacing and thickness. - Figure 4 shows for a
representative turbine rotor design the effects of corrugation spacing m
and thickness <1 on the minimum allowable corrugation amplitude Y and
the required rotor coolant flow Cg. These values of ¥ and Cg Wwere

obtained In s manner identical to that for the bottom part of figure 3.
As shown 1n figure 4, an increase in m results in a decrease in Y and
a rise In Cg. These trends are s result of the change in the coolant

heat-tranefer coefficient necessary to offset the change in the mmber of
equivalent fins (or surface area). In addition, figure 4 showe that an
incresse in T results in an increase iIn Y and a decrease in Cgr. The

principal effect of increasing ~ 18 to increase the corrugation cross-
sectional area normal to the heat flow. This, Iin turn, results in

3644
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decreased tempergture gradlents and thus improved effectiveness of the
corrugsgted surfaces. When the value of T 1is changed from 0.005 to
0.010 inch for constant m, ¥ is increased approximstely 20 percent and

is decressed about 10 percent. In changing m from 0.05 to 0.02 for
a constant T, Y is Iincreased gbout 25 percent and Cg 1s decreased

elmost 25 percent.

Although figure 4 is typical of the cases analyzed, the percentage
veriations in ¥ and C for values of m and T may differ somewhst.
In general, 1f the design conditions are such that Y tends to become
excessively large, a small value of T and a large value of m should
be chosen. Such a choice also tends to decrease the blade weight and,
therefore, blade stresses. Conversely, if coolant flow becomes the
criterion, a large value of T and a small value of m should be chosen.

Coolant-Flow Requlrements and Performance Results

Tables I(a) and (b) summarize all the computed solutions of required
corrugation geometrles and their corresponding coolant flows for the tur-
bine rotor and stator blades, respectively. Each corrugation-geometry
combination presented in table I is within limitations of the pressure
levels through the engine and the blade pressure drop and was selected by
ugsing & curve similar to the bottom curve of figure 3 for solving for the
minimum value of Y. All results shown in table I are for single-stsge
turbines of turbojet englnes operating at a flight Mach number of 2.0 at
50,000 feet. Because a large number of calculations are involved in ob-
talning each corrugation geometry and the corresponding coolant £low,
every effort was made to minimize the number of engine and corrugation
designs considered. For thls reason, only extreme turbine blade tip
speeds and hub-tip radius ratios were considered for each turbine-iniet
temperature. Also, only enough values of m end T and of compressor
bleed points were considered to establlish trends. The cases for which it
was Impossible to obtain adequate cooling designs are indicated in table I
by "No solution."” For a turbine-inlet temperature of 2000° R the cooling-
air flows were elther zero or negligible.,

Once agalin, it ghould be emphaslized that the coclant flows shown in
table I are the approximate minimum coolant flows for the corrugated-
insert blade used in single-stage turbines. Also, a comparison of the
results presented in the tables and in figures 3 and 4 shows similer
trends regardiess of engine design specificetions.

Effect of compressor bleed point on rotor blade coolant flow. - The
performance results of reference 2 are based on the assumption that the
rotor cooling air is bled at an Intermediate stage of the compressor, so
that the total work done on the cooling air is equivalent to the work
required to compress it to the compressor-outlet condlitions. The
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corresponding bleed point for table I is Indicated as compressor bleed
point 1, and its relative location is shown in figure 2(a).

For =211 the englne designs considered, the rotor cooling air was
initlally supplied from compressor bleed point 1. In some cases, no so-
lution was obtained with polint 1, because there was not sufficient cool-
ant pressure avallable al the blade inlet. When this happened, the com-
pressor bleed point was changed to elther a polnt midway between bleed
point 1 and the compressor discharge’ (point 2) or to the compressor dis-
charge (point 3). Although moving the compressor bleed point toward the
compressor discharge increases the available blade-inlet coolant pressure,
the blade-inlet coolant temperature also rises. Thus, for some engine
designs, sclutions cannot be obtalned with compressor bleed point 3, be-
cguse the blade-inlet coolant temperature 1s too high for adequate
cooling.

In order to show better the effects of compressor bleed point, a var-
iation of blade-outlet cooclant statlc pressure Ps 0 and rotor cooclant-
>

flow ratio cR

for a particular engine design. With bleed point 1, no solution was ob-

tainable even with ¥ = 0,20 inch for m = 0.020 and < = 0.005 inch.

Changing the bleed point from 1 to 2, however, permitted & solution with

Y = 0.077 inch. The blade~-inlet total coolant pressure p; in and tem-
Ld

with corrugation amplitude Y 1s presented in flgure 5

1
perature Ta,in

point 1, and 4710 pounds per square foot and 1050° R for bleed point 2.
When an attempt was made to change the bleed point to compressor-discharge
conditions (compressor bleed polnt 3), no solutlon was cbtained because of

the high blade-inlet coolant temperasture., Even though Pa in increased

to 11,6800 pounds per sguare foot, which would be beneficial, T; in in-

creased to 1524° R. Because Ty i .is only 62° R below the allowable

blade temperature at the blade root for this design, cooling was
impossible.

were 2700 pounds per square foot and 844° R for bleed

Along wlth the change in bleed polnt, however, a change in rotor
coolant flow takes place. Figure 5 ghows that, for the change in compres-
sor bleed point from 1 to 2, the rotor coolant-flow ratio almost doubles
for the engine conditions considered.in this plot. The Increase 1n rotor
coolant flow is required to offset the increase in coolant temperature.
The trends shown by the curves in figure 5 are duplicated by the results
in table I. ©Possibly other compressor bleed points intermediate between
the ones already consldered would be more beneficlal in the final selec-~
tion of a corrugation geometry. The maein point suggested by the results
of thils anaelysis is that, when selecting the most sulteble air-cooled
corrugated-insert blade for a specific engine design, the choice of the
best compressor bleed point i1s extremely important.

:3q44
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Effect of compressor bleed point on stator blade coolant flow. - The
performance results of reference 2 are based on the assumptlion that the
stator cooling air is bled at the compressor discharge. Therefore, the
turbine stator cooling requirements for this analysis were evaluated with
compressor-discharge bleed for each engine design studied. These results,
tabulated in table I(b), are indicated by compressor bleed point 3. The
possibilities of using either ram air or air bled from an intermediate
compressor stage were also considered. In general, these considerations
revealed little or no advantage of bleeding ahead of compressor discharge
for the engine designs studied.

The resulting cooling requirements for ram-air bleed are not listed
in table I(b). In a1l cases, however, the minimm required corrugation
amplitude was about 0.150 inch or greater; In general, the higher the
turbine-inlet temperature, the higher the corrugation amplitude. The
values of corrugation amplitude obtalned with ram air are considered to
be excessive for the traillng edge of alr-cocled turbine blade designs
and are, therefore, Impractical. In most cases, even the possible re-
ductions in cooling-air requlrements by the use of ram gir rather then
compressor-discherge gir are small, although the cooling-air temperature
is lower for ram air.

The cooling requirements for bleed from an intermediate compressor
stage, which are listed in table I(b) for three engine designs, are in-
dicated by compressor bleed point 2. The posltion of thils bleed point
was selected arbitrarily sbout two-thirds of the way through the com-~
pressor. Since the purpose of considering this bleed point is to estab-
lish the tremds, the specific bleed point is unimportant. In the interest
of minimizing the calculations, only the higher turbine-inlet temperatures
and turbine hub-tip radius ratios were considered. Comparison of the re-
sults for bleed points 2 and 3 shows that, as the bleed pressure is
reduced, the reguired corrugation amplitude increases significantly. The
maximum value is obtained for ram air as previously discussed. For the
cases in which the two bleed points are shown in table I(b), for a turbine
blade tip speed of 1100 feet per second the increase in Y 1is accompenied
by a relatively small change in cooclant flow. For these cases, the ad-
vantage of the early bleed seems to be offset by the change in amplitude
required. This is particularly true for the design with a turbine-inlet
temperature of 35000 R, since & value of 0.150 inch for Y seems exces-
give. For the single case with a turbine tip speed of 1700 feet per sec-
ond, changing the bleed polnt resulted in an increase in both Y and the
cooling-air requirements, both of which are undesirable. Ihtermediate
bleed was not considered for a turbine-inlet temperature of 2500° R, since
the possible changes in cooling-air requirements were smell. It is only
for these cases that relatlvely large changes in Y might be tolerated.
Benefits of bleeding shead of the compressor discharge were not realized
for turbine stator cooling as for turbine rotor cooling, possibly for two
reasons: (1) The stator effective gas temperature is higher than that
for the rotor, and (2) the impeller does additional work on the rotor
coolant after compressor bleed.



12 L NACA RM E55C09

For either compressor bleed point 2 or 3, the cooling ailr can be
discharged into the tail pipe. However, for ram-air bleed, the cooling
air must be discharged to a region of lower pressure than available in
the tall pipe. This adds undésirable complications to the engine design.

Coolant-flow range. - The most desirable corrugation design for each
of the engine designs may now be selected from table I. In many cases,
this selection may be quite arbitrary, since the required coolant flows
and corrugation amplitude are either small or essentially unaffected by
the corrugation spacing and thickness. In general, however, the selection
should be based on minimum coolent flows with acceptable values of corru-

gation amplitudes. The coolant-flow requirements selected for this report

are as follows:

Turbine| Turbine Turbine-inlet temperature, Tj, °R
tip hub-tip
speed, |radius 2500 . 3000 3500
Uy, |ratio, |Rotor Stator |Rotor Stator |Rotor Stator
ft/sec rh/rt coolant- | coolent- | coolant- [coolant-| coolant- |{coolant-
flow flow flow flow flow flow
ratio, ratio, ratio, ratlo, ratio, ratio,
Cr Cg . Cr Cg Cr Cg
1100 0.60 0.014 0.025 0.036 0.0486 0.078 0.077
.75 012 . 029 - .027 . 064 .074 .103
1700 0.60 | 0.032 0.036 0.100 | 0.080 | =meem | cmee-
.75 .021 .049 .048 LA04 | o mmeem ] oo

In meking these selections, emphasis was placed on choosing small values
of corrugation amplitude, except where coclant-flow changes are large.
For the rotor blades, the required corrugation amplitude never exceeded
0.090 inch. PFor the stator blades, the required corrugation amplitude
exceeded 0.10 inch for only one case,'Ti = 3500° R, Ut = 1100 feet per
second, and rh/ft = 0,60, A plot showling the band of total cooling-air
requirements, which includes all values given in the preceding table, 1s
shown on figure 6. For each given turbine blade tlp speed, the total
cooling-gir requirements are only slightly affected by the turbine hub-
tip radius ratlc. The lower limiting line represents the minimum cooling-
alr requirements obtained for 1100-fobt-per-second turbine blade tip
speed. The upper limiting line represents the maximm cooling-air re-
quirements obtained for Uy of 1700 feet per second.

A real 1imit in the appllcation of the corrugated-insert blade 1s
established by the trelling-edge thickness, if the corrugation l1ls to
extend into the tralling-edge region. For present designs, the
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trailing-edge thickness for uncooled turbine blades is considersbly below
0.10 inch. The extent that this dimension can be relaxed %o accommodsate
alr-cooling designs 1s as yet unknown. The extent the trailing edge may
transfer its load to the central portion of the blade hss not been estab-
lished, nor, therefore, the extent it must be cooled. For the present
case, in which only aversge requirements are belng considered rather than
local requirements around the perlphery of the blade, this 1imit is arbi-
trarily set at a value of corrugation amplitude of gbout 0.10 inch. The
wavy line representing the limit on figure 6 approximates this condition.
Table I can be used for estimating limltations for the corrugated-insert
blade for other values of the maximm allowable corrugetion amplitude.

It should be realized that the cooling requirements for the corrugated-
insert blade may be reduced if either the blsde metal strength is in-
creased or the cooling-alr tempersture 1s reduced wilithout expanding to a
lower pressure. Both of these factors are presently belng investigated.

Effect of coolant-flow ratlo on engine performance. - The variation
of the performance of both nonafterburrning and afterburning (afterburning
to 35000 R) single-stage-turbine engines operating at a flight Mach number
of 2.0 at 50,000 feet is shown in figures 7(a) and (b) for hub-tip radius
ratios of 0.75 and 0.60, respectively. In all cases the compressor pres-
sure ratic and engine mess flow are the maximum values obtalnable for
single-stage turbines with the aerodynsmic limlits imposed (see ref. 2).
These figures, which cover a complete range of turbine-inlet temperatures
and tip speeds, are presented for zero coolant-flow ratic and the esti-
mated minimum coolant-flow ratios required with corrugated-insert alr-
cooled blades in the turbine rotor and stator. The cooling requirements
were taken from the table of the preceding section. Because the com-
pressor preesure ratios and the englne weight flows sre maximum values for
the conditions imposed, whiie the coolant flows are the estimaied minimum
values, these performance resulis represent the upper limit expected for
engines equipped with single-stage turbines. With each value of coolant-
flow ratio, the engine performance was evaluated in terms of thrust and
thrust specific fuel consumption from the results presented in teble I
of reference 2. As previously discussed, effects of compressor bleed
point on engine performance were neglected, since reference 1 shows these
effects to be small. =~ '

The engine performance results are presented in figure 7 Iin terms of
the total thrust per unit of turbine frontal area (as based on turbine
welght-flow capacity) and the thrust specific fuel comsumption. In gen-
eral, the effects of bleeding cooling air from the compressor are g de-
crease in thrust and an Increase in thrust specific fuel consumption for
both the nonafterburning and afterburning engines. However, the effect
of coollng on the thrust specific fuel consumption 1s considerably less
for the nonafterburning than for the afterburning engine, because the
coolant reduces the exhsust-ges temperature. In fact, at high turbine-
inlet temperatures, cooling has 1ittle or no effect on the thrust specific
fuel consumption of the nonafterburning engilne.
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As shown by figure 7, little Improvement in engine performance is
posgible by increasing the turbine tip speed (or COmpressor pressure
ratio) for a turbine-inlet temperature of 2000° R. Large gains in thrust
per unit of turbine frontal areas can be obtained, however, by a similta-
neous increase In the turbine-Inlet temperature and the turbine bhlade tip
speed for elther the nonafterburning or the afterburning engine. The
changes in thrust specific fuel consumption, however, are different for
the two types of engine, decreasing significantly for the afterburning
engine as elther the turbine-inlet temperature or the turbine blade tip
speed Increases. For Increasing blade tip speed, this effect is due to
the increesing compressor pressure ratic caused by the increased turbine
work capacity. However, for the nonafterburning engine, as the turbilne-
inlet temperature rises at constant turbine blade tip speed, the thrust
specific fuel consumption increases. In order to maintaln constant thrust
speciflc fuel consumption as the turbine—inlet temperature 1s elevated,
the turbine blade tip speed must also be increased to increase the com-~
Pressor pressure rabtlo.

In genersl, as was shown 1n flgure 6, an increase in the turbine-
inlet temperature or the turbine blade tip speed resultes in larger cooling
requirersnts for the corrugeted-insert blade. As illustrated by figure 7,
the effect of cooling air is to shift the performance toward lower thrust
and higher thrust specific fuel conﬂumption. Bowever, it is important to
notice that the effects of the actual.cooling requirements on the thrust
specific fuel consumption of the nonafterburning engine diminish as the
turbine-inlet temperature rises. For the turbine hub-tip radius ratio of
0.60 (fig. 7(b)) at a turbine-inlet temperature of 3000° R and et tip
speeds of 1100 and 1700 feet per second, the increase in thrust specific
fuel consumption due to cooling for the nonafterburning engine is only ap-
proximately 1 and 3 percent, while the corresponding reduction in thrust
per unit of turbine frontal ares is between approximstely 8 and 25 per-
cent. However, for the afterburning engine with a turbine-inlet tempera-
ture of 3000° R and an afterburner-outlet temperature of 3500° R, the
thrust specific fuel consumption increases by approximately S and 8 per-
cent as the coolant-flow ratio changes from zero to the required amount,
while the thrust per unit of turbine frontal area is reduced by sbout 3
and 15 percent for twrbine blade tip speeds of 1100 and 1700 feet per
second, respectively.

Figure 7 illustrates the large net performance gains based on the
aerodynamically limited turbine possible by Increasing the turbine-inlet
temperature and tip speed of a single-stage turbine with corrugated-
insert air-cooled blades. Even for the nonafterburning engine, it should
be possible to maintain the thrust specific fuel consumption at present
design value while obtaining significant increases in thrust by cooling
the turbine. This requires turbine-inlet temperatures somewhat higher
than 2000° R and an increase in the turbine blade tip speed. For the
afterburning engine with a turbine hub-tip radius ratio of 0.60, only

W
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merginal Improvements in the performance are shown for turbine-inlet tem-
peratures above 2500° R. For a turbine hub-tip radius ratio of 0.75, the
gains for turbine-inlet temperatures above 2500° R are increased.

An estimation of the 1limiting operating line for the air-cooled
corrugated-insert blade limited to an amplitude of approximately 0.10
inch as previously discussed is indicated 1n figure 7 by the wavy lines.
These l1imits are only appllicable for direct compressor bleed. The 1limits
may be extended by reducing the coolant tempersture or increasing the
blade metal strength. For the nonafterburning engines operating at a
turbine tip speed of 1700 feet per second, this limit is estimated to
occur at or near & turbine-inlet temperature of 3000° R. As the turbine
tip speed 1s decreased, the allowable turbine-inlet temperature can be
increaesed. At a turbine tip speed of 1100 feet per second, the limiting
tempereture is increased to about 3500° R.

It is well to reslize that the values of engine thrust presented in
figure 7 depend on the mass-flow capaclty of the turbine. Should other
components limit the engine mass-flow capaclty, the effect would be a
lower thrust per unit of engine frontal area. This effect is discussed
end illustrated In references 2 and 8.

Effects of Stress-Ratioc Factor, Flight Mach Number, Altitude, Impeller
Efficiency, and Outside Heat-Transfer Coefficient

The cooling requlirements presented in teble I and the performance
results presented in figure 7 are in most cases based on optimistic as-
sumptions. Consequently, the results present the outer 1limits thet can
be expected with single-stage alr-cooled turbines using corrugsted-insert
blades. In this way, the results present the goals that may be sought
by research with single-stage turbines using turbine blade cooling. Thése
goals can be reached only by Improving the design of the cooling system.
It i1s therefore important to eastablish the effects of the factors influ-
encing the cooling requirements to illustrate what iImprovements are more
desirable and where research can best be emphasized. For this reason,
some of the primary factors affecting cooling have been investigated for
illustrative cases and the results are presented in the following para-
graphs. In all cases the corrugated designs are within the limitgtions
of the pressure levels through the engine and the blade pressure drop.

In addition, it is realized that f£light Mach numbers and altitudes other

then 2 and 50,000 feet, respectively, are of interest. For this reason,

calculatlons were also made to illustrate the effects of flight Mach num-
ber and altitude on the cooling requirements.

Stress-ratio factor. - The effects of stress-ratio factor on corru-
gatlion amplitude and coolent flow are shown in figure 8 for three engine
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designs for s f£flight Mach number of 2.0 at 50,000 feet. The cooling re-
guirements presented in table I{a) and those incorporated in the perform-
ance results are based on a stress-ratlo factor of 1.5 for the rotor
bledes. However, as previously pointed out, experimental tests have shown
that stress-ratio factors as high as 2.3 are required for a particular
blade. Therefore, a range of stress-ratio factor from 1.5 to 2. 3 is
considered in figure 8. For a turbine-inlet temperature of 3000° R end

& turbirne blade tip speed of 1700 feet per second, corrugated-insert blade
designs could not be cbtained for the higher stress ratio factors.

For a turbine-inlet temperature of 2500° R and a tilp speed of 1700
feet per second, an increase in stress-ratlo factor from the assumed val-
ue of 1.5 to 2.3 results in an increase in corrugstion amplitude from 0.032
to 0.059 inch, or about 85 percent, with a corresponding increase in
coolant-flow ratioc from 0.024 to 0.048, or ebout 100 percent. The ampli-
tude 1s necessary in order to pass the required coolant flow within the
prescribed pressure limitations without choking. An increase in T& to

3000° R with a reduction in Uy to 1100 feet per second resulis in very

little change in Y and no change in coolant flow for a change in stress-
ratio factor. The required cooclant flow does not increase in this case
because the coolant is either 1n the laminsr or transition region where
the minimum coolant flow does not exactly correspond to minimum Y, as
wag dlscussed thoroughly in connection with figure 3. However, for T&

of 3000° R and Uy of 1700 feet per gecond, the change in Y and cooclant

flow is agaln significant for the corresponding increase in stress-ratio
factor from 1.5 to 2.0. For this case, the corrugation amplitude in-
creases from 0.076 to 0.138 inch, while the coolant-flow ratio increases
from 0.040 to 0.070.

The difference between the cooling-air temperature at the blade rooct
and the sllowable blade temperature essentially accounts for the different
effects of stress-ratio factor at the two tip speeds. As the tip speed
is raised, the compressor pressure ratioc increases directly with the in-
crease in turbine work capacity. This is reflected in a higher cooling-
air temperature at the bleed condition. In additlion, the lncrease in the
tip speed causes higher blade stresses and therefore lower allowasble blade
temperatures. Both these effects combine to reduce the difference between
the allowable blade temperature and the cooling-air temperature and thus
cause & more critical design comdition. Thus, a change in allowable blade
temperature has a large percentage effect on C and Y at the high tip
speeds.

It 1s expected that the results on figure 8 are typlcal of those for
other conditions. From these few cases, it may be concluded that the ef-
fect of changing stress-ratio factor from 1.5 to 2.3 is quite gignificant
on the corrugated-insert blade for engines with high tip speeds. It
should also be realized that the more severe stresses for lower turbine
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hub-tip radius ratios may further increase this effect. Until experimen-
tal verification of stress-ratio factors is avallable for the corrugated-
insert blade operating under various conditions, however, the blade de-
signer should be conservative in choosing a stress-ratio factor.

Flight Mach number. - The foregolng results have gl1 been presented
for a flight Mach number M of 2,0 at & 50,000-foot altitude. The ef-
fect of a change in M on rotor blade corrugation amplitude and coolant-
flow ratio for two engine designs operating with a turbine-inlet tempera-
ture of 3000° R and a turbine hub-tip radius ratio of 0.75 at 50,000 feet
is shown in figure 9.

In order to hold a constant turblne-inlet temperature and tip speed
over the range of flight Mach number considered, the compressor pressure
ratio decreases (for aerodynamically limited turbines) and the outside
hegt-transfer coefficlent increases at constant altlitude as M changes
from 1.65 to 2.80. The conditions chosen to 1llustrate the effects of
Mach number change are considered typical of those expected for future
air-cooled engine designs. The design conditions used for computing the
results shown in figure 9 were obtained by generalilzing the engine results
presented in references 2 and 8. Thus, the M range shown was determined
by limits of the generalized engine results. Furthermore, it was assumed
that the values of F and 2z of the outside heat-transfer equation
(eq. (1)) are independent of Reynolds number. The validity of this as-
sumption for turbine blades is indicated by the linear heat-transfer
correlation presented in reference 14.

For the engine with Uiy of 1100 feet per second, en increase in M

from 1.65 to 2.80 results in a decrease in Y from 0.0855 to 0.0485 inch,
accompanied by a slight change in the required coolant-flow ratio. For
Ug of 1700 feet per second, however, ¥ first decreases and then in-

creases as M rises, while the coolsnt-flow ratio Increases steadily.

The difference in the behavior of the cooling requirements is due both

to differences in the coolant-flow reglon and the coolant temperature
rise. In both cases, ds the Mach number rises, the coolant flow becomes
more turbulent. For Ug of 1100 feet per second, this effect essentially

compensates for the rise in coolant-air temperature. At Uy of 1700 feet
per second, however, the coolant-air temperature has a larger effect and
the cooclant-flow rgtlo increases. It should be polinted out that the engilne
mess flow increases with M because of the higher rem pressures. Conse-
quently, the actual coolant mass flow increases much more than the
coolant-flow ratio shown in filgure 9.

The effect of compressor bleed point was investlgated for only one
of the engine design conditions considered in figure S. However, for this
example, the importance of bleed point with changing flight Mach number
is illustrated. The curves presented in the figure were constructed with
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the use of compressor bleed point 1 for all values of M. The cooling
conditions become less critical as the £light Mach number is reduced
because of the lower ram temperstures. However, for this fixed coumpres-
sor bleed point, as M 1s reduced between 2.0 and 1.685, the required
value of Y inecreasses rapldly. Therefore, at M of 1.65, the rotor
bleed point was changed from 1 to 2 for Ug of 1100 feet per second,
These results are shown by the circled points. Although the coolant-
flow ratio was not affected much, ¥ was reduced approximately 50 per-
cent. This is evidence of the tendency for the best rotor bleed point
to move toward the compressor discharge as the flight Mach number is re-
duced. For englne operation over a range of flight Mach numbers, a com-
promlse may be required in the design of the englne coclant system if a
single bleed point is used. Although flgure 9 1s only meant to illus-
trate the effects of flight Mach number on corrugstion geometry and cocl-
ent flow, 1t points out the necessity of investigating thege effects in
the design of an sir-cooled engine.

Altitude. - The effect of a varigtion In altitude on corrugation
emplitude and coolant-flow ratio for both the turbine rotor and stator
bledes 1s shown in flgure 10. The engine design conditlons chosen for
this 1llustration are the same as used Iin figure 9; thet is, a turbine-
inlet temperature of 3000° R, hub-tip radius ratio of 0.75, and turbine
tip speeds of 1100 and 1700 feet per second. In addition, the results
are for operation at a flight Mach number of 2.0. The englnes of fig-
ure 10 have the same pressure and temperature ratlos. A change in alti-
tude changes only the amblent pressure, which 1s reflected throughout
the engine, and thus the outside heat-transfer coefficlents. As before,
it was assumed that the values of F and 2z of the outside heat-
transfer equation (eq. (1)) are independent of Reynolds number and thus
altitude.

The ¢oolant supply for the rotor blades was taken from compressor
bleed point 1, and that for the stator blades from the compressor dis-
charge. As the altitude changes from 35,000 to 70,000 feet, the blade-
Inlet coolant pressure is reduced conklderably for both rotor and stator
blades. For example, an altitude change from 35,000 to 50,000 feet re-
sults in & reduction in rotor blede-inlet coolant pressure of approximaste-
ly 100 percent, whereas a reduction of about 160 percent occurs for a
change from 50,000 to 70,000 feet. The blade coolant inlet temperature,
however, remains constant for a change in altitude from 35,000 to 70,000
feet, because the embient temperature: is constant in the stratosphere.
Therefore, the Increase in corrugstion smplitude Y as the gltitude is
raised 1z due to the consldersble reduction in blade-inlet coolant pres-
sure. This change in pressure 1s reflected in the Reynolds numbers angd,
therefore, in the heat-transfer coefficienta. The fact that curves differ
for the rotor and ststor blades can ohly be explained by the differences
in the cooclant-flow regions in each case. As discussed previously, the
value of Y obtalned for the rotor blades may be reduced by chsanging the
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rotor bleed point from 1 toward the compressor discharge {(higher blade-
inlet coolant pressures). However, the best bleed polnt is not expected
to vary appreciebly with altltude as it does with flight Mach mumber.
For thls reason, the effect of bleed was not studled here. As the altl-
tude increases from 35,000 to 70,000 feet, the coolant-flow ratioc in-
creases about 30 to 40 percent for the rotor blades, and as much as 75
percent for the stator blades.

The results shown in figure 10 indicate that changes in the altitude
may cause slgnificant changes In the required corrugation smplitudes and
coolant-flow ratios. These changes certainly affect the limits for sppli-
cation of the corrugated-insert blade. In addition, they illustrate the
need for considering the cooling design at several gltitudes if the en-
glne design is to operate over a range of eltitudes. Although the cooling
requirements shown in figure 10 incresse with eltitude, the trends may be
reversed, depending on the coolant- and ges-flow regions.

Impeller efficilency and ducting losses. - A turbime rotor cooling-
air-impeller efficilency of 0.83 was used In 811 of the preceding results.
In eddition, all cooling-gir ducting losses from the compressor bleed
point to the inlet of the impelier were neglected. New design techniques
are certainly required before elther of these conditions can be satisfiled.
For this reason, an analysis was made to illustrate the importance of
turbine rotor impeller efficiency and pressure losses in the cooling
ducting system.

The effects of impeller efficiency on corrugation amplitude and
coolant-flow ratic are shown in figure 11 for turbine-inlet temperatures
of 2500° and 3000° R and for turbine tip speeds of 1100 and 1700 feet per
second. Once again, a flight Mach number of 2.0 at 50,000 feet was used,
with a turbine hub-tip radius ratio of 0.75. For both turbine tip speeds
at 25000 R and for the 1100-foot-per-second tip speed at 30000 R, the
corrugation amplitude increases graduslly as the efficiency 1s decreased.
For the complete efficiency range covered (0.05 to 0.83), this change in
amplitude varies from about 70 to 120 percent.

At the more severe condition of 1700-feet-per-second tip speed and
3000° R turbine-inlet temperature, the effect of lmpeller efficlency is
even greater. TIn this case, a change In impeller efficiency of 40 per-
cent results in gbout a 100-percent change in corrugetion amplitude. In
addition, this change results in excessive amplitudes for air-coocled blade
designs. Thus, it 1s apparent that the impeller efficlency has a large
effect on the corrugation geometry.

The effect on the cooling-air requirement is less critical. TIn fact,
for these examples, the coolant-flow ratio, in general, decreases as the
impeller efflciency decreases. This behavior of the coolant-flow ratio
wlth changes in impeller efficiency is a result of the nature of the

e
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coolant flow. In these cases, the flow varies from that in the transition
region to flow in the laminar region., For other conditions, the illus—
trated trends might be somewhat different.

The effects of cooling-air ducting pressure losses on the corruga-
tion amplitude sre shown on figure 12 for the same conditions as in fig-
ure 11. The total-pressure losses plotted as the abscissa Include all
frictional losses in the cooling-air supply system from the compressor

bleed points to the blade inlet. The ideal pressure rises due to compres-

sion in the turbine rotor impeller are accounted for. Therefore, the
point of zero frictional pressure loss corresponds to the conditions of

no ducting losses prior to compre551dn in the impeller and 100-percent
impeller efficiency. If all of the losses are sustained in the impeiler,
the impeller efficilencies for the complete range of losses 1n figure 12
cover the range of Impeller efficiencies for the respective curves in fig-
ure 11l. Therefore, the abscissa of figure 12 was obtained by transforming

the impeller efficiencies of figure 11 to the pressure losses of figure 12.

In this way, the pressure lopses can be considered to be distributed over
the entire coolling-air ducting Bystem. Tt is apparent from figure 12 that
large losses in the cooling-air ducting system are undesirable. In addi-
tlon, these losses appear to have as large an effect (or larger) at the
lower tip speeds as at the higher tip speeds, even though the engine de-
gign is less critical. 1In all cases, the ideal compression in the turbine
rotor impeller is relatively high. That is, the actual cooling-air pres-
sure rises for the conditlions shown in figure 12 in spite of the fric-
tlonal pressure losses in the ducting system.

Qutsilde heat-transfer coefficilent. - Equation (2) was used to compute
the ocutside hest-transfer coefficients for this anglysis. A comparison
of equation (2) with the extreme values obtained experimentally from stat-
ic tests with cascades of turbine blades (ref. 14) is presented in fig-
ure 13. The outside heat-transfer cqefficient is directly proportional to
the ordinate. Each of the curves obtained from reference 14 is extrapo-
lated to the Reynolds number range cqvered in this analysis. Curves A
and C result in the maximum and minimum heat- transfer coefficients ob-
tained experimentally with cascades of impulse and reaction turbine
blades. TFigure 13 also includes the curve (D) for laminar flow over e
flat plate; this curve represents the theoretical minimim obtainable out-
side heat-transfer coefficlent.

Although the heat-transfer relation used in this report was fixed by
necessity, it is realized that each design considered would possess a
different relation. In addition, the accuracy of computed heat-transfer
coefficients for a specific turbine qesign 1s presently limited. The
estimated meximum changes in outside iheat-transfer coefficilent which might
occur are illustrated by the changes to either the impulse or reaction
blading results shown in figure 13. For the designs considered, the av-
erage Reynolds number varied from epproximately 200,000 to 1,500,000 for
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both stator and rotor blades. The higher Reynclds numbers correspond to
the higher turbine-inlet temperatures and tip speeds. Thus, high Reynolds
numbers are in the direction of increasing cooling requirements. For this
range of Reynolds number, the increases in outside heat-transfer coeffi-
cients from curve B to curve A range from gbout 20 to 30 percent. In
addition, a change to reaction blading (curve B to curve C) results in
decreases from gpproximately 15 to 40 percent.

Celculations were made to 11lustrate the minimm changes in coolant-
flow requirements for a particular corrugation geometry due to changes in
the outside heat-transfer coefficient (fig. 14). The maximum range for
the static cascade test results of figure 13 is also shown. Because the
minimum percentage change in coolant flow depends somewhat on specific
engine design conditions, the results of figure 14 were obtalned by using
meen conditions for the complete range of engine designs considered in
this anslysis, resulting in an approximation of less than 5 vpercent for
the results shown. Although the actual changes in coolant flows required
are larger then those shown in figure 14, thls difference is not expected
t0 be large.

Fron figure 14 it is sgpparent that the outside heat-transfer coeffi-
clent has a significant effect on the coolant-flow requirements. If the
coolent flow is turbulent, the change in the minimum coolent flow is about
the same as the change in the outside hest-transfer coefficient. However,
for laminaxr flow, the change 1in the minimum coolant flow may be as mmich
a8 twlce the change In the outside heat-transfer coefficient. For the
cases studied in this analysls, the coolant flow was more commonly in or
near the laminar region. If the design assumptions were more conservative,
however, the coolant flow would gspproach the turbulent condition. Regard-
less of coolant-flow region, however, the results of figure 14 were com-
puted with the assumption of no change in corrugation geometry and, there-
fore, without considering the pressure requirements. Thus, an Increase
in coolant flow due to an lncresse in outside heat-transfer coefficlent
means a necessary Iincrease in corrugetion amplitude in order to pass the
coolant flow. Also, the change in corrugation amplitude may, depending
upon the coolant-flow region, cause an addlitional coolant-flow increase.

CONCIUDING REMARKS

This study has been directed toward exploring the outer limits for
single-stage air-cocled turblnes using corrugeted-imnsert blades and toward
illustrating the importance of variasbles affecting turbine cooling. The
results, therefore, are intended to be useful in estgblishing possible
goals for research as well as in 1llustrating the Iimportance of varlables
that must be considered to assure a good and dependable corrugated-insert
blade. The engine performance results and the cooling requirements of
the corrugated-insert blade are 1n general better then can be expected
without improved design techniques. In addition, the turbine is the only

component considered for cooling.
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The engine performesnce results and the corresponding cooling require-
ments show that the performance cen be improved considerably above that
of present designs by increasing the turbine-inlet temperature and the
turbine blade tlp speeds through the use of turbine cooling with
corrugated-insert blades. The beneficial effect of increasing the turbine
blade tip speed is derived from the increased turbine work capacity, which
increases both the compressor pressure ratio and the turblne weight flow.
For engine operation at a flight Mach number of 2.0 at a 50,000-foot al-
titude, the turbine-inlet temperature could poseibly be increased to
about 3000° and 3500° R with the corrugated-insert blade for turblne blade
tip speeds of 1700 and 1100 feet per second, respectively. For the non-
afterburning engines and the afterburning engines with a turbine hub- tip
radius ratio of 0.75, such Increases still seem beneficlal in spite of the
cooling requirements. Thils, however, can only be speculative until such
results are applied to an actual alrcraft. For the afterburning engine
with a turbine hub-tip radius ratilo of O. 60, the performance improves only
slightly 1f the tempersture is increased above 2500° R because of cooling
losses. .

The effect of flight Mach number: and altltude on the performance re-
sults was not 1ljustrated. However, the changes in cooling requirements
with flight Mach pumber and sititude were studied. For the designs con-
sidered, the cooling problem In genersel becomes more severe as elther
flight Mach number or altitude increases. This 1ls particularly true for
the higher turbine-inlet temperstures and tip speeds. These resulte sug-
gest that the limits of application of the corrugated-insert blade will
decrease with increasing flight Mach pumber and altitude. The principal
problem seems always to lnvolve the need for reducing the corrugation
amplitude. However, for the cases of interest for the immediaste future,
the corrugated-lnsert blade stlll holds promise for flight speeds and
altitudes higher than 2.0 and 50,000 feet, respectively.

The effects of the turblne rotor stress-ratlo factor, turbine roftor
cooling-air-impeller efficlency, and cooling—air—supply ducting losses,
and variations in the turbine rotor and stator outside heat-transfer co-
efficients may be quite significant. Only the indlvidual effects of these
variables are 1llustrated, but from these individual effects it becomes
apparent that the comblned effects may be gulte serious with regaxrd to
the cooling problem and, therefore, represent an important problem in
research. At a turbine—inlet temperature of 2500° R, the cooling require-
ments would. probably be acceptable with the use of deslgn varisbles that
are presently more realistic than thoee used in this analysis. An in-
crease in turbine-inlet temperature to 3000° R, however, will permit de-
slgn variables only slightly more conservative than thoee used herein.

!
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In a1l casés, it is desirable to predict accurately and to reduce the
turbine rotor stress-ratio factor, coollng-air ducting losses, and out-
side hest-transfer coefficients.

Lewls Flight Propulsion Laboratory
Naetional Advisory Committee for Aeronsutics
Cleveland, Ohio, March 17, 1935
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APPENDIX A

ASSUMPTIONS AND CONSTANTS
The followlng assumptions were made in this analysis:

(1) The outside hest-transfer coefficlent and effective gas temper-
ature are constant chordwise and spanwise on the blade and are equel to
the midspan values.

(2) The mean coefficlent F and.exponent z in equation (1) remain
constant as the Reynolds number varies. :

(3) An average of the inlet and exit gas static pressure and rela-
tive velocity product is used in the Reynolds number of equation (1).

(4) The same values of F and z are used in calculating the out-
slde heat-transfer coefficients for the turbline rotor and stator blades.

(5) The corrugation gecmetry 1s constant chordwise and spanwise.

(6) The ratio of turbine rotor blade metal area at the tip to that
at the root is equal to 0.50." = =77 T s e s e

(7) A stress-ratio factor of 1. 5 is used for the turbine rotor
coxrrugated-insert blade.

(8) The limiting allowsble blade temperature of the stator blades
is taken as 2000° R at the stator blade tip.

(9) The required coolant static pressure at the rotor blade ocutlet
is equal to the average gas statlic pressure across the rotor tip.

(10) The required coolant static pressure at the stator blade outlet
is equal to the gas static pressure downstream of the turbine rotor tip.

The following values of constants were employed herein:

Campressor adiabatic efflciency o v« v v o« o« ¢ o o o ¢« o o o o « » « 0.83
Combustion efficiency o« o ¢ « o ¢ ¢ v o ¢ s o s o o = s « o« s « &« a 0,95
Turbine adisbatic efficiency . « ¢« o« ¢« o ¢ ¢ ¢« o « o s a « o ¢« s« « 0.83
Impeller efficleniCy o o« o o o ¢ o o s 2 o o s s o o a o o« o ¢ o o o Q.83
Afterburner cambustion efficiency . e s s« e s s s e s s s o « & 0.88
Afterburner-exit stagnation temperature, R 4 v e e o o v o o s o « 3500
T&il-Pipe nOZZle efficj.ency ) . - ] [ . [ 2 - . . [ . [ 2 - [ ) - - . [ 0095
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APPENDIX B

SYMBOLS

The following symbols are used in this report:

Amp turbine frontal ares, sq £t

c coolant-flow ratioc (ratio of turbine cooling air to compressor
weight flow)

cp specific heat at constant pressure, Btu/(1b){°F)

F thrust, 1b

F meen coefficient in eq. (1)

g standerd acceleration due to gravity, 32.174 ft/sec2

Ho outside heat-transfer coefficient, Btu/(sec)(sq £t){°F)

k thermal conductivity, Btu/(sec)(ft)(C°F)

lo outside perimeter, ft

M flight Mach number

My outlet cooling-air Mach number relative to blade

m corrugetion spacing, in.

Nugy average Nusselt number of gas, %o a;;o/k

Pr Prandtlrnumber of gas, cp,b“bg/kh

D static pressure, lb/sq Pt =abs

p" totael pressure with respect to rotating passage, Ib/éq £t abs

R gas constant, £t-1b/(1b)(°F)

Re&,_v average Reynolds number of gas, EEXEé!ZQ{f

by, gRTy,

r radius, £t

nEEE—
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T temperature, °R

T total temperature, °R

T total temperature with respect to rotating passage, °R
U actual blade speed, ft/éec

W velocity relative to blade, ft/sec

Y corrugation amplitude, in.

z exponent of Reynolds muber, e€g. (1)

Ny impellier efficiency

B viscosity of gas, slugs/{sec)(ft)

T corrugation thickness, in.

1 compressor bleed point, interstage bleed

2 compressor bleed point, between point 1 and compressor discharge
3 compressor bleed polint, at compressor dlischarge
Subscripte:

a air

av average

b blade

e effective

g combustion gas

h hub

in inlet

o} outside or ocutlet (of blade, when used with p)

R turbine rotor

8 turbine stator
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t

tip

tot total, vhen used with C refers to Cr + Cg

4

turbine stator inlet
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TABIE I. - COOLING REQUIREMENTS FOR CORRUGATED- INSERT BLADE USED
IN SINGLE-STAGE TURBOJET ENGINES
[ Flight Mach number, 2.0; altitude, 50,000 £t.]
(8) Turbine rotor blade
Turbine| Corru- Turbine tip speed, Uy, ft/sec
hub-tip| gation 1100 1700
radius |thick-
ratio, |ness, Corru~-| Cam~ |Corru-|Coolant-|Corru-|Cam- |Corru-;Coolant-
rh/f y T getion| pres-|gation|flow gatlon|pres-| gatlon|flow
: t iﬁ. spac~ |sor empli-|ratio, spac- |sor ampli-|ratio,
ing, |bleeditude, Cr ing, [|bleed|tude, Cr
m, point| Y, m, point; X,
in. in. in. in.
Turbine-inlet temperature, T], 2500° R
0.60 |0.005 [0.020 1 |0.098 | 0.014 [0.020 1 (=) (a)
.035 1 .054 .014 .020 2 |0.077 | 0.033
.050 1 .048 .014 .035 2 .050 .032
.020 3 .032 .016 .050 2 061 .039
.020 3 (=) (a)
0.010 |0.035 1 |0.088 | 0.014 |0.020 2 |0.086 | 0.029
0.75 |[0.005 |0.020 1 |0.032 | 0.011 [0.020 1 [(0.034 | 0.024
.050 1 .026 .012 .035 1 .032 .024
.050 1 .030 .021
.020 3 (a) (a)
0.010 0.020 1 ]0.045 | 0.023
Turbine-inlet temperature, T/, 3000° R
0.60 |0.005 |0.020 1 {0.160 | 0.026 [0.020 1 (=) (a)
.050 1 .106 .045 .020 2 [0.130 | 0.083
.020 3 (a) (a)
0.75 |0.005 |0.020 1 |[0.054 | 0.027 |0.020 1 |0.076 | 0.041
.050 1 .086 .048
Turbine-inlet temperature, T), 3500° R
0.60 |0.005 |0.020 1 }(0.251 | 0.04L
.050 1 .188 .085
.020 3 .092 .0860
.050 3 075 .078 (a)
0.010 |0.020 3 Jo.112 { 0.055
.050 3 .090 089
0.75 |0.005 |0.020 1 |0.108 | 0.049
.050 1 .090 074

%o solution.
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TABLE I.

- Concluded.
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COOLING REQUIREMENTS FOR CORRUGATED-

INSERT BLADE USED IN SINGLE-STAGE TURBOJET ENGINES

[Flight Mach number, 2.0; altitude, 50,000 ft.]

(b) Turbine stator blade.

Corrugation thickness, 0.005 inch

Turbine | Corru-|{ Com- Turbine tip speed, U, ft/sec
hub-tlp | gation| pressor
radius spac~ |bleed .1100 1700
ratio, ing, point
o /Ty m, Corru- | Coolant- | Corru~ [Coolant-
in, gation | flow gation |flow
ampli- | ratio, ampli- ratio,
tude, Cs tude, Cg
Y, Y,
in. in,
Turbine-inlet temperature, Tj, 2500° R
0.60 0.020 3 0.060 0.023 0.047 0.036
.035 3 <041 .025 «042 .036
.050 3 .042 .028 JO4L .036
0.75 0.020 3 0.032 0.028 ©.039 0.048
Turbine-inlet temperature, T;, 3000° R
0.60 0.020 3 0.098 0.048 0.083 0.060
0.75 0.020 3 0.060. 0,064 0.071 0.104
.050 3 055 .088 .069 154
.020 2 075 .056 130 133
Turbine-inlet temperature, Ti, 3500° R
0.60 |0.020 3 0,140 0.077
«050 3 .140 .110
. (a)
0.75 0.020 3 0.085 0.103
020 2 «150 .089

8No solution.
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Insert shell .

Blade shell

m+ T

CD-3825
(c) Typical corrugated section.

Figure 1. - Alr-cooled corrugated-insert blade.
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Relative location, C
compresscr bleed point 2 Compressor discharge,

bleed point 3
Relative location,

compressor bleed point 1 Turbine inlet, polnt 4
\ r Stator cooling-alr discharge

Rotor cooling-alr discharge

i

1.

”,/"

Afterburner

AANAA

Turbine rotor impeller
Compressor Combustor

L‘I‘urbine CD-4230
(a) Air-ccoled turboJet engine.

Alr-cocled corrugated-insert blede

lzi::j Cooling air

CD-3063

(b) Turbine rotor impeller and air-cooled blade.

Figure 2. - Schematic dlagram of single-stage turbojet engine and air-coocled turbine.
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Flgure 3. - Variation of required rotor coolant-flow ratlo,
blede-cutlet coolant Mach number, and blade-outlet cool-
ent static pressure with corrugation smplitude.
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ha thickness, 7T,
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Figure 4. - Veriation of corrugation

amplitude and required rotor
coolant-flow ratio with corruga-~
tion spacing for two values of
corrugation thickness.
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o» 1b/eq £t

Coolant static pressure at blade
outlet, Pg,
7

Required rotor coolant-
flow ratio, Cp

8000 T T T T

Compressgor bleed point
_~ 2
5000 /////',/////

///7 Average gas statlc

pressure across rotor
t
'Ps Pgavy

4000 = == . "'T==J==ﬂ
/,' 1
//
e
2000
.04
/” \2
.02
1
o
.06 <10 <14 .18 «22

Corrugation amplitude, Y, in.

Filgure 5. - Variation of coolant statlc pressure at
blade outlet and required rotor coolant-flow
ratio with corrugation amplitude for two compres-
sor bleed points. Corrugstion thickness, 0.005
inch; corrugstion spacing, 0.020 inch.
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Required coolent-flow ratio, Ctot

NACA RM ES5C09
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S
N
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Turbine-inlet temperature, T

)
4,

3600

Flgure 6. ~ Approximate minimum coolant-flow range
for corrugeted-insert blade used for stator and
rotor blades of single-stage alr-cooled turbine.
Flight Mach number, 2.0j altitude, 50,000 feet.
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Figure 7. - Afterburning- and nonafterburning-engine performance for range of turbine

@esign variables, Afterburning outlet temperature, 3500° Ry flight Mech mumber,
2.0; altitude, 50,000 feet.
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Thrust per unit turbine frontal ares, F/Ap, 1b/sq ft
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(b) Turbine hub-tip radius ratio, 0.60.
Filgure 7. - Concluded. Afterburning- and nonafterburning-engine performance for

range of turbine design varlisblee.’' Afterburning outlet temperature, 3500° R;
fl4ght Mach number, 2.0; altitude, 50,000 feet.
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Corrugation amplitude, ¥, in.

Required rotor coolant-flow ratio, Cp

SN
Turbine-inlet Turbine tlp
| temperature, T§, speed, U,
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Figure 8. - Varlation of corrugatlion amplitude
and coolant-flow ratio wlith stress-ratio

factor. Hub-tlp redius ratio, 0.75.

Corru-

gation thickness, 0.005 inch; corrugation
spacing, 0.020 inchj compressor bleed point,
1; flight Mach number, 2.0; altitude, 50,000

feet.
L ]
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Corrugation amplitude, Y, in.

Required rotor coolant-flow ratlo, CR
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0
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Flight Mach number, M

Flgure 8. - Effect of flight Mach number on corruge-

tion amplitude and coolant-flow ratio. Turbine-
inlet temperature, 3000° R; hub-tip radius ratio,
0.75; corrugatlion thickness, 0.005 inch; corruga-
tion spacing, 0.020 inch; compressor bleed point,
1; altitude, 50,000 feet.
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Figure 10. - Effect of altltude on corrugation amplitude and
coolent-flow ratio. Flight Mach number, 2.0; turbine-inlet
temperature, 3000° R; turbine hub-tip radius ratio, 0.75;
corrugetion thickness, 0.005 inch; corrugation spacing,

0.020 inch.
.
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Corrugation amplitude, Y, in.

Required rotor coolant-flow ratio, CR

16

.12

.08

.04

2

R

o)
o

o

S NACA RM ES5C09

\\\\\ Turbine-inlet
temperature, -
\\
- i
— Ty !
A ~ 3000
\ = T~
g —
\\'\ ~~\\ ™ 3000
— - _\-\
— === 2500
' Turbine blade
tip speed, U,
- £t/sec
— 1700
L b —— 4 —y— 3000
—_—— T 2500
’/
—1
—_— et e deee e e e e e o5 |
20 40 60 80 100

Cooling-air-impeller efficlency, ny, percent

Figure 11. - Effect of impeller efficlency on corrugation
amplitude and coolant-flow ratioc. Hub-tip radius ratio,
0.75;3 corrugation thickness, 0.005 Inch; corrugation
spacing, 0.020 inch; flight Mach number, 2.0; altitude,
50,000 feet.
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Figure 12. - Effect of cooling-alr ducting losses on corrugstion amplitude.
Hub-tip radius ratio, 0.75; corrugetion thickness, 0.005 inch; corrugs-
tion specing, 0.020 inch; flight Mach number, 2.0; sltitude, 50,000 feet.
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Average Nusselt number/(Prandtl uumber)l/ 5, Nuav/Prl/ 5
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Figure 13. - Comparison of heat-transfer relation
used hereln wilith extreme experimental relatiouns.
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Figure 14. - Effect of changes in outslde heat-transfer
coefficlient on cooleant flow.
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