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RESEARCH MEMORANDUM

TRANSONIC DRAG CHARACTERISTICS AND PRESSURE DISTRIBUTION
ON THE BODY OF A WING-BODY COMBINATION CONSISTING
OF A BODY OF REVOLUTION OF FINENESS RATIO 12
AND A WING HAVING SWEEPBACK OF 45°, ASPECT
RATIO 4, TAPER RATIO 0.6, AND NACA
654006 AIRFOIL SECTIONS

By Max C. Kurbjun and Jim Rogers Thompson
SUMMARY

In order to evaluate recently developed testlng techniques for
neer sonic speeds, the National Advisory Committee for Aeronsutics is
conducting a series of dilrectly comparsble tests by different test
methods. As part of this program, the drag d@nd pressure distribution
have been measured near zero lift for a wing-body comblnation con-
sisting of a body of fineness ratic 12 and a wing of 45° sweepback
having an aspect ratio of 4, & taper ratio of 0.6, and NACA 65A006 air-
foll sections 1In the direction of flight. The measurements were made
by the free-fall method and extend from a Mach number of 0.75 to a
Mach number of 1.16.

The results obtained revesled that the principal effect of the
presence of the wing was the superposition on the body pressure distri-
bution of an additionsl pressure distribution having the same shape s&s
that expected at the root of a swept wing. For the investigated con-
flguration, this superposition reduced the critical Mach number of the
body. The body drag rise and the flow changes assoclated with tran-
gition through the speed of sound occurred in the same menner as on a
similar body without wings (NACA RM L9J2T7) except at a slightly lower
Mach number because of the lower critical Mach number of the wing-body
combination. The presence of the wing resulted in an unfavorable inter-
ference effect on the body drag which was & maximum during the abrupt
drag rise.
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The free-fell results were in generally satisfactory agreement with
resulte obtained for similer conflgurations from tests of a rocket-
powered model and from tests in the 8-foot high-speed wind tunnel.

INTRODUCTION

Recent developments in testing techniques for near sonic speeds
have increased the need for directly comparable test results obtained
by different methods which can be used to evaluate new testing facil-
ities. With this obJjective, similar wing-body combinations ere being
tested by several facilities of the Langley Laboratory. The wing-body
combinstion selected consisted of a body of revolution of flneness
ratio 12 which has been used in previous free-fall tests (for example,
references 1 and 2) and a wing having sweepback of 45°, an aspect ratio,
of 4, a taper ratioc of 0.6, and NACA 65A006 airfoil sections in the
direction of flight. This configuration is consldered representative
of the current trend in the transonic alrplane design.

Results of drag measurements made by the rocket-powered-model tech-
nique for the subject configuration at Mach numbers between 0.9 and 1.5
are reported in reference 3. Results of force and pressure-distribution
measurements of the configurstion in the Langley 8-foot hlgh-speed tunnel
at Mach numbers between 0.6 and 0.96 and at 1.2 are reported in
references 4 and 5, respectively. The subject paper presents results of
free-fall tests of the conflgurstion at Mach numbers between 0.75 and
1.16. The corresponding range of Reynolds number (based on the wing

mean serodynamlc chord) wes 3 x-lO6 to 12 X 106. The messurements were
made at spproximately zero 1ift and included total and component drags
and limited body pressure-distribution dsta.

The free-fall results presented herein are compared with the results
obtained in other facilities (references 3 to 5) and results of previous
free-fall tests.

METHOD

The test was performed by utilizing the free-fall method (described
in references 1 and 2) in which the flight path of the freely falling
body is obtalned by radar and phototheodolite equipment and other required
quantities are measured at the body by means of the NACA radio-telemeter
system.
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Model.- The model consisted of a body-tail combination identical
with those used in previous free-fall tests and sweptback wing locsted
so that the 25-percent-chord point of the mean serodynamic chord was
located at the body maximum diameter. The wing had a sweepback of 45©
(measured at the 25-percent chord line), an aspect ratio of U4, a taper
ratio of 0.6, and NACA 65A006 airfoil sections in plsnes psrallel to
the direction of flight. Detalls and dimensions of the model are given
in figure 1 and the coordinstes of the body surface and orifice locations
are given 1n tebles I and IT, respectively. A photograph of the model
is presented as figure 2.

Measurements.- In addition to the measurement of the f£flight path
of the test body, which was obtained from the radar esnd phototheodolite
equipment, the followlng quantitles were telemetered from the body:
longitudinal acceleration, wing drag, tall drag, total and static pres-
sure at airspeed head, and pressure at 18 flush orifices located on the
body surface. Except for the measurement of the body pressure distri-
bution, the instruments used were similar with those described in
references 1 and 2. The body pressures were measured through a mechan-
ical switching device which slternsately connected each of nine orifice
tubes to a single pressure cell. Two separate switch-cell units were
provided so that a total of 18 pressures were measured at e rate of
gbout two complete cycles per second. This system has the advantage
that only two dlifferential cells are connected to the airspeed boom
static orifices and thus the lag is minimized. In addition, once each
cycle the two sides of each cell were vented together in order to pro-
vide & positive check for drift In the telemeter system.

Precigion of measurements.- Vglues of the estimsted maximum uncer-
tainty of the drag parameters obtained from the baslic telemetered -
measurements are presented in the following table for several Msch num-

bers. The uncertainties given refer to coefficients based on the total -
wing plan area. - :
Mach number
Drag parameter
0.75 0.95 1.05 1.15

CDiotar ¥ +0.0009 | £0.0007 | #0.0006 | +0.0006 -~

CDying £.0013 +.0007 +.0005 % .0003

CDia11 +.0006 +.0003 +.0002 *,0002 .

Dpody +.0022 [ +.0010 +.,0008 £.0007 -

The estimsted meximm uncertalnty in the wvalues of Mach number is less
than +0.01 and thet of the body pressure coefficients decreases from
gbout 10.013 at a Mach number of 0.95 to #0.005 st 1.15.



L Y NACA RM L52Bl2

The accuracy of the total drag obtalned from the reterdstion
measurements 1s confirmed by the excellent agreement of the variation
with time of the velocity and altitude obtained by integration of the
vector sums of the measured and gravitational accelerations with the
corresponding veriations cobtained from the radar and phototheodolite equip-
ment. The varistion of Mach number with time used hereln was computed
from the wveloclty data Jjust described by use of atmospheric wind and tem-
perature data. The sccuracy of this Mach number is confirmed as in
reference 1 by the passage over the statlic orifices loceted on the nose
boom of the body bow wave at a Mach number of about 1.005.

RESULTS

The basic measurements mede during the free-fall test of the model
are presented 1n figures 3 to 5. They have been reduced to coefficient
form through the use of the variation of stmospheric pressure and tem-
perature with altitude obtained during the descent of the ailrplane from
altitude immedietely following the test.

Drag measurements.- The variatlion with Mach number of the total
drag of the confilguration as measured by the longitudinel accelerometer
is presented on figure 3. The total drag coefficient was constant at
a value of about 0.010 from a Mach number of 0.75 until a Mach number
of 0.91 was reached. As the Mach number increased above 0.91, the total
drag coefficient increased at an increasing rate snd attained a value
of 0.028 at a Mach number of unity. Above unity, the total drag coef-
ficient increased gradually to 0.030 at a Mach number of*1.15. The
measured division of the total drag among the component parts of the
configuration is alsc shown on figure 3. At supersonic speeds the wing
contributes sbout 40 percent, the body 45 percent, and the tail surfaces
15 percent of the total drag.

The varistion with Mach number of the measured wing drag is shown
separately in coefficient form on figure 4. The wing drag coefficient
is approximately constant at 0.004 until a Mach number of gbout 0.95 is
attelned. As the Mach number Iincreased from 0.95 to 1.00, the wing drag
coefficient increased smoothly from 0.004 to 0.0105. At supersonic
speeds the wlng drag increased slowly and reached a value of 0.0135 et
a Mach number of 1.15.

The cause of the 1irregularities evident 1n the supersonic part of
the wing drag curve has not been determined; however, it should be noted
that the irregulasrities are of the order of the estimated maximum uncer-
tainty of the messurement.
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Pressure measurements.- The variation with Mach number of the pres-
sure measured st each orifice is presented in figure 5. The pressure
coefficients plotted ere, of course, the difference between the pressure
at a body orifice and the pressure at the nose-boom static orifice
expressed as a fraction of dynamic pressure. As in reference 1, the
nose-~boom statlic pressure lis assumed correct. The validity of this
assumption is discussed 1n reference 1.

As noted in the section entitled "Precision of Measurements," the
meximum uncertainty of the pressure measurements decreases as the Mach
number is increased. Data, therefore, are not presented for Mach num-
bers below 0.7 when the uncertainties are large compared to the measured
quantity. The osclllations evident near the beglinnings of moat of the
curves of figure 5 are of the same order or less than the quoted maxi-
mun uncertalnty and are therefore not significant.

Lines showing the pressure coefflcient corresponding to the local
speed of sound are &lso shown on flgure 5. Comparison of these lines
with the experimental dsta 1ndicates that the critical Mach number of
the body in the presence of the wing 1s sbout 0.91 (fig. 5(e),

% = 0.5125, 255°).

DISCUSSION

Pressure Data

In order to 1llustrate the over-a2ll characteristics of the flow
ebout the body of the wing-body combinstion, the basic data presented
on figure 5 are cross-plotted in figure & as the variation of local
Mach number along the body surface for values of free-stream Mach number
between 0.84 snd 1.16 in increments of 0.02. At stations where orifices
were located at two or three radial positions around the body, the
average pressure coefficient was used to determine the local Mach number.
Because of the relatively wlde spacing of these oriflices and the arbi-
trary saverasging procedure, the smooth fairings fitted to the data of
figure 6 may not show the exact location and slope of rapid changes along
the body. The fairings show, however, the salient features of the flow.

The shapes of the curves of figure 6 are similar to those presented
in reference 1 for the body without wlngs except near the wing root
where the curves are modified 1n the msnner which would be expected by
superposition of an addltionsl pressure distribution having the same
shape as that normsally measured at the root of & swept wing. The slope
of the varlation of local Mach number across the region of the wing root
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increases rapidly as the Mach number approaches unity. Below a Mach
number of 0.96 the local Mach number decreases rspidly near the wing
tralling edge; however, between Mach numbers of 0.96 and 1.00, the prin-
cipal psrt of this rapld decrease in local Mach number moves rearward

a distance of more than 1 root chord length. The transition from a sub-
sonlic to a supersonic type of pressure distribution, which was shown for
a body without wings (reference 1) to be characterized by theé occurrence
and rapid rearward motion of a shock wave at the rear of the supersonic
reglon and to be concomitant with the drag rise, occurs in the same
manner for the wing-body combination. Reference 1 showed that for the
body alone the transition phencmens occurred between Mach numbers of
0.98 and 1.00.

For detailed study of the flow over the body the basic data of
figure 5 are cross-plotted on flgure T in the form of pressure coef-
ficient P agalnst orifice location x/l for several Mach numbers.

A fairing is fitted to the data for orifices located in the plane 90°
from the plane of the wing. Data from orifices located in other planes
are included as test points to show the radial varilation of pressure
around the body. The pressure-~distribution data are compared with
results for the body tested without wings (reference 1) and with theo-
retical results (references 1 and 6). The distributions for each speed
range sre discussed separately.

Subcritical speeds.- Pressure distributions for the body of the
wing-body combination at Mach numbers of 0.75 and 0.90 are presented as
parts (a) and (b) of figure 7. The critical Mach number of the body
(see section entitled "Results") is sbout 0.91. Examination of these
figures revesls that, except in the Immediate vicinity of the wing root
and at the extreme rear, the pressure distributions of the body of the
wing-body combination are in good agreement with the pressure distri-
butlons for the body without wings. In the region of the wing root, the
result is similar to that which would be obtained by superposition of
an additionsl pressure distribution having the same shape as that nor-
mally obtained (for example, see reference 7) at the root of a swept
wing on that of the body. The effect on the body pressure distribution
due to the presence of the wing decreases raplidly both forward and
rearward of the wing-fuselage Juncture. As the pressures behind and in
the ssame plane as the wing do not differ appreclably from those at the
same body stetion but located in other planes, 1t 1s apparent that there
is no separated wake on the beody from the wing root. The pressure
recovery at the extreme resr of the body is relatively large and indicates
that no sppreciable smount of flow sgeparetlion occurred on the body. The
pressure recovery was not, however, as large as that measured for the
body alone. As the sublJect messurements agree closely with the theo-
retical results, and as other unpublished free-fall resultis and recent
transonic wind-tunnel resulis (reference 8) also agree more closely with
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the theoretical results, i1t appears thet the magnitude of the pressure
recovery shown in reference 1 for this region is subject to question.

Trangonic speeds.- After the critlical Mach number of 0.91 is
exceeded there is no significant change in the flow pattern untlil a
Mach number of about 0.96 is exceeded. This result is evident from
figures 5 and 6 end by comparison of figures T{c) and T(d) with T(a)
and 7(b). Between 0,96 and 0.975 (figs. T7(d) and T(e)) however, the
local region of supersonic flow over the body near the rear part of the
wing hes expanded and the gradients steepened to such an extent that a
shock wave forms near the wing trailing edge. As may be seen from
figure 5 (parts (£) to (h)} this shock wave moves rearward along the
body as the Mach number is increased and, at a Mach number of sbout 0.99,
reaches the region of the body where a relstively rapid pressure recovery
exists at gubcritical speeds. After the shock reaches this region

x
3 = 0.75 to 0.80 )it eppears to move away from the body as no further

evidence of shock sppears on the body. (See fig. 5.) Confirming evi-
dence that the shock stands awey from the body 1n this reglon of flow
has been obtained from schlieren photographs of similar models taken
in transonlic wind tunnels.

Comparison of the pressure distributions for the body of the wing-
body combination with those for the body without wings (figs. T(c) to T(g),
Msch numbers of 0.925, 0.96, 0.975, 0.99, and 1.00) shows thet the mech-
anism of the flow change is similar In the two cases and differed only
in that for the wing-body combination the transition from the sub-
critical flow pattern to the supersonlic type begins at s lower Mach num-
ber and requires a larger change in Mach number to complete the pattern
than in the case of the body without wings. This difference, of course,
directly results from the lower critical Mach number of the wing-body
combination (compared to that of the body alone) because of the high
velocity region over the resr part of the wing.

During the reerward movement of the shock (and the rearward exten-
sion of the supersonic region) the pressure distribution over the for-
ward part of the body does not change significantly. Immediately
behind the wing there 1s some lncrease 1n the radial variation of pres-
sure compared to that at subcritical speeds and 1s probably due to the
sweeping back of the wing pressure fleld in the local supersonlc region.
Farther back, however, there is still no evidence of a separated wing
weke.

As the Mach number is increased gbove unity there is little change
in the character of the flow on the rear part of the body and the changes
on the front of the body are confined to & small and gradual shift in
the positive direction.

SRR,
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Supersonic speeds.- After the shock has resched its rearward posi-
tion (near M = 1.01) the character of the flow remains unchanged up
to the maximum Mach number reached of 1.16. At Mach numbers above 1.05
(parts (1), (J), and (k) of fig. 7) the pressure distributions agree
closely with those presented in reference 1 for the body without wings
except, of course, in the immediste vicinity of the wing root. The
distributions are similar in shape to the theoretical distributions
(references 1 and 6) except that they are shifted slightly in the pos-
itive direction. In the data of reference 1 a similar shift was obeserved
but the existence of the shift could not be proved because of the possi-
billity of an error in the reference level. The pressure system of the
subject model differed from that of reference 1 in a manner whickh should
reduce the possibility of a level error although of necesslty the same
reference pressure was used (see section entitled "Measurements"). The
presence of the wing on the subject model, however, precludes strict
conflrmation of the level of elther the measurements of reference 1 or
the theoretical level. It should alsc he noted that recent wind-tunnel
measurements for similar bodies at low supersonlc and transonic speeds
(references 5 and 8) have agreed more closely with the theoretical
level than with the experimental level indicated by reference 1.
Unfortunately, the apparent confirmation of the theoretical level by
the wind-tunnel measurements ls somewhat uncertain st low supereonic
speeds because of the possible presence of wind-tunnel-interference
effects.

The general features of the flow and the apparent mechanism of the
transition from subcritical to supersonlc speeds as measured both in
free-fall and in wind tunnels are In good qualitative agreement with
that presented in reference 1 and are consistent with theory for +the
eppropriate aspeed range.

Drag Data

The measurements presented herein are sufficient to show the vari-
ation with Mach number of the drasg of each component of the investi-
gated configurstion in the presence of the other componepts. Comparison
of these component drags with results for similer components obtalned
in other free-fall tests and from tests in other facilities are discussed
in the followlng paragraphs.

Body.- The varlation with Mach number of the drag coefficlent of
the body-tail combination of the subject model (computed by subtracting
the measured wing drag from the measured total drag) is presented in
figure 8(a). The contribution of the stabillizing tail surfaces to the
drag of the body-tail combination 1s shown on the lower pasrt of the
figure. Also presented in figure 8(a) are similar curves taken from
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reference 1 for an externally identical body-tail combination tested
without wings. Comparison of the two sets of results shows that,
although the tail drag 1s unaffected by the presence of the wing, the
body drag 18 conslderably lncreased st transonic speeds by the presence
of the wing. These data, reduced to the variation with Mach number of
the drag coefficlent of the body by subtracting ocut the contribution of
the tall surfaces, are presented in figure 8(b). The drag of the body
of the subject model first begins to differ appreclgsbly from that of

the body without wings at a Mach number of sbout 0.96. Reference to
figure 4 shows that this Mach number is also the Mach number at which
the wing drag rise begen and, as discussed under section entitled "pres-
sure data,” the Mach number at which a shock first appeared at the rear
of the supersonic region near the wing traillng edge. It sppears, there-
fore, that the occurrence of an spprecisbly supersonic region on the
wing, which presumebly terminates in a shock and results 1n the drag
rise of the wing, induces through carry-over a similar flow pattern on
the body and results in the body drag rise.

The drag rise of the body of the subJect model, which first became
epprecigble at & Mach number of about 0.96, is essentially completed
gt the speed of sound. The drag rise of the body without wings, however,
has Just begun at the speed of sound and ls not completed until a Mach
number of over 1.0l 1is reasched. Although the Mach number dlfference
between the two curves, (which varies from 0.0L4 to 0.03 during the
transition region) 1s only slightly greater than the sum of the quoted
uncertainties of the measurements, the passage of the body bow wave
over the static orifices on the boom {previously discussed) indicates
that the uncertainties in Mach number in this region are considerably
smaller than the quoted values.

Because of 1ts earlier drag rise, the drag of the body of the sub-
Ject model momentarily reaches a value of twice that of the body with-
out wings. After the abrupt drag rilse 1s completed the drag of the
body of the subject model is nearly constant and tends to decrease
slightly with lncrease in Mach number as the maximum Mach number attained
is approached. The drag of the body without wings continues to increase
at & decreasing rate as the Mach number 1s increased beyond that at
which the abrupt drag rise 1s completed. The presence of the wing,
therefore, results in an unfavorsble Ilnterference drag on the body of
the subject model which increases from zero at subcritical speeds to a
large value during the sbrupt drag rise and then decreases repldly wilth
increase in Mach number to 28 percent at 1.05 and 14 percent of the drag
of the body without wings at a Mach number of 1.15. As the dreg of the
body without wings continues to increase slowly ebove 1.15, it appeers
likely that this interference drag will continue to decresse with increase
in Mach number beyond that obtained in the test of the subject model.
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Wing.- No other measurements of the drag of & wing similsasr to that
of the subJject model are available elther In the presence of the body
or under interference-free conditions. Ih the tests of references 3
and h, however, as both the drag of the complete configurations and of
the complete configuration less wing were measured, the wing-plus-
interference drag (including both the effect of the body on the wing
and the wing on the body) can be obtalned as the difference between the
two messurements. The variations with Mach number of the wing-plus-
interference drag obtained from references 3 and 4 for the subject con-
figuratlon are presented in figure 9 where they are compared with the
variation obtained from the free-fall data (subject model and reference 1).
The variation with Mach number of wing drag measured in the subject test
(wing-plus-body-on-wing-interference drag) is also presented. This latter
variation, of course, includes the interference effect on the wing due
to the presence of the body but does not (as do the other curves) also
include the interference effect on the body due to the presence of the

wing.

Examination of figure 9 reveals that the varistion with Mach num-
ber of the wing-plus-interference drag (including both the effect of
the body on the wing and the wing on the body) measured in the
Langley 8-foot hHigh-speed tunnel is in general agreement with that
obteined from the subject tests and that the agreement for the rocket-
powered model 1s somewhat less satisfectory. Just below the drag rise,
the free-fall data are slightly lower than that of the other two methods.
The discrepancy in this range is wilthin the estimated uncertainty of
the measurements. The Mach number at which the drag rise hegins 1s
about the same for all three sets of data; however, the drag rise meas-
ured for the rocket-powered model is somewhat more ebrupt than the
others, The wing-plus-interference drag for the rocket-powered model
pesked at a Mach number of 0.98 whereas that for the free-fall model
peaked at 1.0. The discrepancies during the abrupt drag rise are of
the same order as the sum of the quoted Mach number uncertainties
(+0.01 for each test) although additionsl evidence (see section entitled
"Results") is available which indlcates that the uncertainty in the
free-fgll measurements near Mach number 1 1s apprecliably less than #0.0l.

At supersonlc speeds, the total wing-plus-interference drag obtalned
from the free-fall measurements first decreases and then increases
slightly and a short extrapolation of the data would pass very close to
the point obtained in the Langley 8-foot high-speed tunnel at a Mach
number of 1.2. Data for the rocket-powered model, however, decrease
gbove 0.98 and at a Mach number of 1.2 sre 26 percent lower than those
obtalned from the free-fall and Langley 8-foot high-speed tunnel tests.
Recent results of tests of rocket-powered models heve indicated that
the results for the body-alone conflguration presented in reference 3
mey have been affected by blistering of the lacquer finlsh due to the heat
generated at the maximum Mach number resched (gbout 1.9). Unpublished
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results for a rocket-powered model of the subject wing-body combination
with an improved finish agreed closely with the free-fall and wind-
tunnel results &t the maximum Mech number attained but gave somewhat
higher drags near the speed of sound.

The wing drag measured on the free-fall model (wing-plus-body-on-
wing-interference drag) presented on figure 9 is always less than the
wing plus total wing-body interference measured in the free-fall tests
or in the Langley 8-foot high-speed tunnel. The interference effect of
the presence of the wiling on the body drag therefore is sglways unfavor-
able and increases from zero at subcritical speeds to & meximum near the
speed of sound but decgreases as the Mach mumber is increased sbove 1.0.

Wing-body configuration.- The variations with Mach number of the
drag of the subject confliguration as measured by the three different
test facilities are compared 1in figure 10. The test configurstions
differed at the rearward end of the body because of the requirements of
the test techniques. The data have been corrected for these dissim-
ilarities in the following menner:

Free-fall model (subject model) - Measured total drag less measured
tail drag.

Rocket-powered model (reference 3) - Measured total. drag less esti-
meted fin drag (reference 3)
less measured base drag plus
thrust on cut-off part of
fuselage (computed from pres-
sure distributions presented
in references 1 and T)

8-foot high-speed tunnel model - Measured total drag less base pres-—
(reference 4) sure drag plus thrust on cut_off
part of fuselage (as above).

Comparison of the' variations with Mach number presented in filgure 10
show the results of the three facilitles to be in generally satisfactory
agreement. The drag rises of the rocket-powered model and the model
used in the Langley 8-foot high-speed tunnel are somewhat more abrupt
and appear to start earlier than that of the free-fall model; however,
the differences could be resolved by a total discrepancy of the order
of 0.0l Mach number which is less than the limits of uncertainty of
these measurements.

At the highest Mach number reached in the wind-tunnel and free-fall
tests the total drag of the rocket-powered model is about 10 percent
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lower than that obtained by the other two facllities. The discrepancy
is somewhat larger than the sum of the quoted maximum unhcertainties of
the measurements.

CONCLUSIONS

Measurements have been made by the free-fall method of the drag
and pressure distribution on a representative wing-body combination as
part of a program to obtain directly comparable results which can be
used to evaluate new transonic testing facilities and techniques.
Results were obtained at approximstely zero lift throughout the Mach
number range of 0.75 to 1.16. Analysis of the results obtained led to
the following conclusions:

1. The principal effect of the presence of the wing 1s the effec-
tive superposition on the hody pressure distribution of an addlitional
pregsure distribution having the same shape as that normelly obtalned
at the root of a swept wing. For the lnvestigated configuration this
superposition reduces the criticsl Mach number of the body, and when
the wing drag rise begins the carry-over on to the body results in the
body drag rise vwhich occurs according to the same mechanism described
for the body alone in NACA RM LSJ27 but at a lower free-stream Mach
number.

2. The presence of the wing results in an unfavorable interference
drag on the body which increeses from zero at subcritical speeds to a
large value during the abrupt drag rise and then decreases rapldly to

28 percent of the drag of the body without wings at a Mach number of 1.05

and reaches a value of 14 percent at a Mach number of 1.16.

3. Comparison of the free-fall results wilith those obtalned in the

Langley 8-foot high-speed tunnel {NACA RM L5QHO8) and for a rocket-powered

free-flight model (NACA RM L9H3C) showed generally satisfactory agree-
ment when the estimated maximum uncertalnties of the various measure-
ments are considered.

Langley Aeronsuticel Laboratory
National Adwvlsory Committee for Aeronsutics
Langley Fleld, Va.
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COORDINATES OF THE FINENESS-RATIO-12 BODY

TABLE I

E\Iose radius, 0.060 in]

X Y X Y
(in.) (in.} (in.) (in.)
0.00 | 0.000 48.00 | 4.876

.60 277 54,00 L,971

.90 .358 60.00 | 5.000
1.50 .51k 66.00 k.955
3.00 .866 ]I T72.00 4.828
6.00 1.446 78.00 L.610
9.00 | 1.936 84.00 h.27h
12.00 2.365 90.00 3.754
18.00 | 3.112° 96.00 | 3,031
2k.00 | 3.708 || 102.00 | 2.222
30.00 | L4.158 || 108.00 | 1.350
36.00 L. 489 11k.00 .526
Y2.00 | 4.719 {| 120.00 | 0.000
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NACA RM L52Bl2



NACA RM L52Bl12

TABIE IT

LOCATION OF ORIFICES ON BODY

_ Distance from | Redisl displacement
Fraction of body (wing located in
length from nose, x/1 ?gi?) 90°-270° plene)
(deg)
0.1625 19.50 0, 180
.3125 37.50 180
.3625 43.50 180, 255
.u625 55.50 180
.5125 61.50 180, 225, 255
.6125 73.50 180, 270
.7125 85.50 180, 225, 270
L7625 91.50 180
.8125 97.50 180, 270
.9021 108.25 180
Orifice dismeter is 3/32 inch.
TS NACA
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! Figure l.- Detalls and dimensions of the completed model. The coordinates
of the body surface and the orifice locatilons are given in tables I
and II, respectively. Dimensions are in inches or as noted.
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Figure 2.- Photograph of the complete free-fall model.
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Figure 3.~ Variation with Mach number of the drag coefficient of the
complete wing-body combination showing the contribution of the
component parts.
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Figure 5.- The variation with Mach number of the pressure coefficlent P
measured at each orifice. The location of each orifice 18 expressed
as a fraction of body length x/l and by its angular position from
the plane of symmetry. . (See fig. 1 and table II.) Lines corresponding
to the local speed of sound are also shown.
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Figure 6.- The variation with position along the body x/1 of the local
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and orifice locations are shown at the lower edge of the figure. The
wing location shown is that of wing-body Juncture.
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of the wing-body combinetion end comparison with results for individual
components.



n
o3}

L "NACA RM IL52B12

.03

T 1 } ] LI

Wing plus total wing-body

— —_ Rocket-Powered Model
interference

— Present Test

I T T T
O— 8t High~3peed Tunnel }

— —Pregent Test Wing plus body on wing interference

02

E—at

_ i B ~—

0/

#
e
e e - - ——

Wing + inferference drag coetficreni Co
(based an folol-wing area)

.7 b .9 L0 L/ LE
Mach number
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