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AERODYNAMIC!CHARACTERISTICS OF FOUR WINGS

OF SWEEPBACK ANGLES 0°, 35°, 45°, AND 60°, NM-X 6%006

AIRFOIL SECTION, ASPECT RATIO 4, AND TAPER RATIO 0.6 ~

COMBINATION WITH A FUSELAGE AT HIGH SUBSONIC MACH

NUMBERSAND

By

. An investigation was made

AT A MACH NUMBER OF 1.2

Arvo A. LUOIML

EUMMARY

in the Iangley 8-foot high-speed tunnel
of the effect o= sweepback angle on wing-%=lage chara&er~stics at
subsonic Mach numbers up to appro~imately 0.95 and at one supersonic

* Mach number of 1.2. Sweepback angles of 0°, 3 so, 47, and 60° based on
the 25-percent-chord line were investigated. Lift, drag, and pitching-
moment coefficients were determined from strain-gage measurements.
Downwash-angle and total-pressure measurements were made in the region
of a pro~able tail location. The Reyuolds number of the tests based on
the mean aerodynamic chord varied with Mach nu@er and at the maximum
subsonic Mach number was 2 X 106.

Adverse compressibility effects on lift, drag, pitching moment,
and maximum lift-drag ratio were reduced by an increase in sweeplmck
angle. The maximum lift-drag ratio at Mach numbers from approximately
0.88 to 0.95 increased with an increase in sweepback angle up to 450
and then decreased between sweep angles of 45° and 60°. At a Mach
number of 1.2, the maximum lift-drag ratio increased with an increase
in sweepback angle up to the maximum sweep angle of 60°. Abrupt,
unstable changes in pitching-moment coefficient, attributed to w5ng-
tip stalling, occurred with an increase in lift coefficient for sweep-
back angles of 35°, 45°, and 60° at subsonic Mach numbers. An increase
in sweepback angle increased the severity of the unstable changes and
reduced the lift coefficient at which these changes began.
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INTRODUCTION
.-

n
———

A phase of the general program on transonic research being con-
ducted by the National Advisory Committee for Aeronautics includes tests
of wing-fuselage configurations with systematic variations of the vari-
ous wing geometric parameters Including sweep angle, aspect ratio, taper
ratio, and thickness ratio. Several of the research facilities at the
Iangley Aeronautical Laboratory have been used for these tests. The low-
speed aerodynamic characteristics of several of the wings through a
range o&Reynolds numbers have been obtained in the hngley two-
dimensional low-turbulence pressure tunnel. Data throughout the trans-
onic speed range have been obtained for most of the configurations
included in the transonic-wing program from tests on the transonic bump
in the Iangley high-speed 7- by 10-foot tunnel. Rocket-powered flight
tests of some of the configurations have been made and such tests pro-
vided zero-lift drags throughout the transonic speed range at high
Reynolds numbers. Further tests of’ several of the configurations have
been made at the Ames Aeronautical Laboratory. ‘

A recent investigation ofithe sweep series In the Langley 8-foot
high-speed tunnel provides information up to high-subsonic Mach numbers
and for one supersonic Mach number of 1.2. These data have been pub-
lished in basic form in references 1 to 4. A coqarison of the charac-
teristics of the sweep series as affected by different testing techniques
is given in reference 5.

—

.

.- —

The purpose of the present paper is to analyze and summarize the
information on the effects of sweep on ~-fuselage characteristics
obtained in the investigation of the sweep series in the Iangley 8-foot
high-speed tunnel. %eepback angl.es of 0°, 350, 47°, and 60° were
included in the tests. Lift, drag, pitching moment, downwash angles
and total-pressure losses in the vicinity of a probable tail location,
and the sktic pressure at the base of the fuselage were measured.

.

SYMBOLS

The aerodynamic coefficients and other symbols used in this paper
are defined as follows:

A aspect ratio of wing ( /)
b2 S

a speed of sound in undisturbed stream

—

b span of wing .
“
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()drag coefficient D
~

lift coefficient
()

&
qs

pitching-moment coefficient about lateral axis which passes
through 25-percent point of mean aerodynamic chord of wfng

(4)%’4
qc s

section chord of wing, measured parallel to plane of symmetry of
model

mean aerodynamic chord of wing
( )
&l+x+xa

3 1+X

nominal tip chord of ~, obtained by etindfng leadfng =d—.
trailing

of model

root chord
edges of

drag

edges of wing to plane parallel to @ane of symmetry
and passfng through wing tip

of wing, obtained by extending leading and trailing
wing to plane of s~etry of model

total pressure of undisturbed stream

total pressure of stream at rake position

loss in total pressure (H - ~)

lift

Mach number
()
v
F

Mc ‘/4 pitching moment of aerodynamic forces about lateral axis which
passes through 25-percent puint of mean aerodynamic chord of
wing

% ()m -P
base-pressure coefficient —

q

P static pressure in undisturbed stream



.-

static pressure on surface of sting at

_ic pressure

Reynolds number

f-

in undisturbed stream

()did
P

k
Cr + Ct

area of wing
2 )

velocity in undisturbed stream

NACA RM L5UU3

base of fuselage (fig. 4)

(5

lV
~P

angle of attack of model, based on fuselage reference axis

“point” downwash angle as determined from yaw-tube measurements

angle of sweep of wing, based on 25-percent-chord llne

()Cttaper ratio of wing ~
r

coefficient of viscosity in undisturbed stream

mass density in undisturbed stream

.n,

— —

Subscripts:

max maximum value

.-.-=

—

—
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APPARATUS

l’unnel and

AND METHODS

Model Support -r

The tests were made in the Langley 8-foot high-~.eed tunnel which,
for these tests, was of the closed-throat type with>.he subsonic -d. _
supersonic test sections of circular ,crosssection. The Mach number
distribution was uniform in the subsonic test section and was within
+0.02 of the design Mach number of 1.2 in the supers@.c test section
(reference 6). The models were supported-m a stirq(fig. 1), which is
capable of being moved longitudinally along ”thetunnel axis for testing
in either the subsonic test section or the supersonic test section
(fig. 2). A more detailed discussion of the sting support apparatus
is given in reference 1.

—

-.

<
.——

. ‘–
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Models and Balance System

Four wings of different sweep angles were tested on a common fuse-
lage without tail surfaces. The wings were mounted on the fuselage in
the midwing position at zero incidence and with the 25-percent point of
the mean aerodynamic chord located at the maximum-diameter station of
the fusekge. All the wings hadNACA 65AO06 airfoil sections parallel
to the model plane of symmetry, an area of 1 square foot, an aspect
ratio of 4, and a taper ratio of 0.6. Sweep angle was the only geomet-
ric parameter which was varied. Sweepback angles of 0°, 35°, 4’50,and
60° based on the 25-percent-chord line were investigated. The ordinates
for the NACA 65AO06 airfoil section, together with the ordinates for the
fuselage, are given in table 1, and the dimensions of the models are
given in figure 3. The wings with sweepback angles of 0°, 45°, and 60°
were made of aluminum alloy. The wing with a sweepback angle of 350
consisted of a steel core covered with a skin of bismuth-tin alloy.

The shape of the fuselage used in the present tests was a body of
revolution of fineness ratio 10, achieved by the cutting-off of the
rear one-sitih of a basic fuselage shape of fineness ratio 12 (table I).
The maximum diameter was located at ~ percent of the basic fuselage
length. The base diameter of the test fuselage was one-half the maxi-

. mum diameter. The test fuselage was made of steel.

A strain-gage bahnce was housed within the fuselage, and attach-
. ment between the balance and the fuselage was made at the forward

portions of the fuselage and balance. The rear portion of the balance
faired into the sting.

Test Procedure

Lift, drag, and pitc~-m~~t coefficients were determined from
strain-gage measurements, and point downwash angles and wake surveys
in the region of a probable tail location were obtained from yaw-tube
and total-pressure measurements. The test data for the fuselage alone
are presented in reference 1 and for the wing-fuselage configurations
in references 1 to 4.

Two combination yaw-tube and total-pressure ~kes were used in
making the downwash and wake surveys (fig. 4). The rakes were located
1.225 wing semispans behind the 25-percent paint of the wing mean aero-
dynamic chord and the planes of the rakes were ~rallel to the model
plane of symnetry and located 0.083 and 0.292 wing semispan from the
model plane of symnetry. The three yaw tubes in each rake were located.
0.125, 0.250, and 0.375 wing semispan above the chord plane of the
wing; the seven total-pressure tubes in each rake were located as shown
in figure 4..

—
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The static pressure on the surface of the sting at the base of the
.Rb-

fuselage was measured for all test conditions. The orifice location iS

indicated in figure 4. ● L

Data were obtained at subsonic Mach numbers from 0.6 to approxi-
mately 0.95 and at-one supersonicMach number of 1.2.

—
An optical method

was used for determining the angle of attack of the model and this
7

method is described in reference 1. The angle-of-attack range extended
from -2° up to the angle of attack which, for most cases, approximately

—

corresponded to the maximum allowable load o~either the strain-gage
balance or the wing. The variation of test Reynolds niEaber(based on a
mean aerodynamic chord of 6.u5 inches which vas the same for all wings)
with test Mach number is given in figure 5.

_T.-

CORREX2TIONSAND PRECISION
.-

Tunnel-wall-interferencecorrections have been applied to the data
(references 1 to 4) by the methods discussed in reference 1. The cor- ~
rections to the Mach number reached a maximum of approximately 1.5 per- -- ‘~
cent at a Mach number of 0.96.

sting interference.-The present tests did not include the deter-
mination of the interference effect of the stimz on the measured aero-
dynamic forces, moments, base pressures, and downwash angles.

.

—
—

.

Sting-interference data at low angles of attack are available from
the tests of reference 7 on a comparable wing-fuselage-configuration
and sting support. On the basis of the tests of reference 7, it is
indicated that, for the fuselage alone and the wing-fuselage configu-
ration of the present tests, the effect of sting interference at low
angles of attack would be negligible on lift coefficient and pitching-
moment coefficient, would require the addition to the measured drag

z

coefficients of’a drag-coefficient increment of approximately 0.003 at
subsonic Mach numbers and approximately 0.002 at a Mach number of 1.2,
and would require the addition to the measured base-pressure coefficients
of a base-pressure-coefficientincrement of approximately -0.1 at all
test Mach numbers. ‘ -—

In the tests of reference 7 point downwash angles “werenot obtained, .-
but an effective downwash angle in the region of the horizontal tail
was determined ‘frommeasurements of the lift”and pitching moment of the”

—

configurations consisting of complete model and complet,emodel less
horizontal tail. The sting-interferencecorrections to the effective
downwash angle in the tests of reference 7 required the..addition.to the - ~
uncorrected values of an effective-downwash-angleincrement of the order

.
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.

of 1° at subsonic Mach numbers and 0.2° at a Mach number of 1.2. On the

. basis of this information the sting-interference corrections to the
measured point downwash angles of the present tests would be expected to
be large at subsonic Mach numbers and probably small at a l%ch number of
1.2. The magnitude of the sting-interference corrections would also be
expected to be different at the two spanvise rake stations and, perhaps,
at the individual yaw tubes at a given rake station.

No sting-interference corrections have been made to the data of the
present tests except in the determination of maximum lift-drag ratios
since the sting-interference data of reference 7 strictly apply only for
the specific config~tions investigated h the tests of reference 7 and
were obtained only at low angles of attack. Additional discussion on
sting interference is given in reference 1.

Aeroelasticity.- The bending of a swept wing under aerodynamic load
results in a change ti the spanwise variation of the local angle of
attack measured parallel to the plane of symmetry of the airplane and,
consequently, in a modification of the span loading. An esthation of
the bending of the sweptback wings of the present tests under aerody-
namic load and the resultant effect on lift and pitching-moment coef-
ficients was made in the analyses of references 1, 2, and 4 for one Mach
number, using theoretical basic and additional span ~a~gs from *f-
erences 8 and 9 and flexural rigidity characteristics determined from

. static bending tests. The calculations indicated that the aeroelastic
bending effects for the sweptback wings were appreciable, resulting in
a decrease in lift-curve slope and a forward movement of the aerodynamic
center. As an example, the calculations for the configumtion with 45°
of sweepback indicated that, at a Mach number of 0.80, wing bending
under aerodynamic load resulted in a reduction in the lift-curve slope
of approximately 7 percent and a forward movement of the aerodynamic
center of approx-tely 2 percent of the mean aerodynamic chord. An
increase in sweepback angle increased the aeroelastic effects on lift-
curve slope and movement of the aerodynamic center.

No corrections have been made to the data presented herein for
aeroelastic wing bending.

Precision.- An estimation of the accuracy of the strain-gage meas-
urements, made in the analysis of reference 1> indicated that the meas-
ured values of lift, drag, and pitching-moment coefficients (including
the effect of sting interference) were within approximately +0.01,
+00001, and +0.005, respectively, throughout the Mach n~her raUeO

u

.

The angle of attack a was estimated to be accurate within +O.lO.
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RESULTS —. —

.

The present paper is mainly concerned with the effects of sweepback
angle on the characteristics of the wing-fuselage configuration. Data
for the various sweptback configurations are given on the same figures, —

and these figures, for the most part, show the variation of the aerody- ‘ ““ ““ —
namic parameters with Mach rnunber. Data for the fuselage alone are also ““
included h-a few of the figures. In several df the figures only repre-
sentative test Mach numbers and angles of attack are included; the com-
plete test data are given in references 1 to h.

.-
——

The variation of lift coefficient with Mach number at constant
values of angle of attack and the variation of lift coefficient with
a@_e of attack for several values of Mach number are shown in ffg-

—.-.. -.

ures 6 and ~, respectively. Figure 8 presents the variation of lift-
curve slope with Mach number at two values of lift coefficient.

The variation of drag coefficient withwch nunber is shown in fig- ,
ure 9 at constant values of angle of attack, and in figure 10 at constant
values of lift coefficient. Figure 11 presents the variation of drag
coefficient with lift coefficient at several Mach numbers.

—

.

The variation of maximum lift-drag ratio with Mach..numberiS sho~
in figure U?, and the lift coefficient for maximum lift-rag ratio
plotted against Mach number is shown in figure 13. A sting-interference ““- - .
correction of 0.003 at subsonic Mach numbers and 0.002 at a Mach number
of 1,2 were added to the measured drag coefficients in the determination
of maximum lift-drag ratio and the lift coefficient for.maximum lift-
drag ratio. These corrections were based on the sting-interference data
of reference 7.

The variation of pitching-moment coefficient with ?@ch number is .
presented in figure 14 at constant values of angle of attack, and in.
figure 15 at constant values of lift coefficient. The variation of
pitching-moment coefficient with ~ft coefficient iS sh~~ in fiw 16.
for several values of Mach number. Figure 17 presents the variation of
the pitching-moment-curwe slope parameter bCm/&L with Mach number at —

two values of lift coefficient.

The variation of point downwash angle with ~gle of attack iS sho~
in figure 18. Both rakes used were located 1.225 wing semispans behind
the 25-percent–point of the wing mean aerodynamic chord: Figure 18(a)
presents dowawash data for the rake located 0.083 wing semispen from the
model plane of symmetry for the three yaw-tube locations and figure 18(b) L.
presents similar data for the rake located 0.292 wing s~mispan from the -G

.
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model plane of symmetry. Total-pressure measurements &E/q are shown
for the two rake positions in figures 19 and 20.

.

Figure 21 presents data on the static-pressure coefficient on the
surface of the sting at the base of the fuselage (fig. 4 indicates the
position of the base-pressure orifice).

DISCUSSION

The specifications for the wing-fuselage configurations tested
called for an uncambered wing mounted on the fuselage in the midwing
position at zero incidence, so that at an angle of attack of zero the
lift and pitching moment should be zero. In the actual tests, however,
the lift and pitching moment were somewhat different from zero at an
angle of attack of zero (figs. 6(a) and lk(a)); this asymmetry may be
explained partly by an unintentional small positive incidence of the
wings on the fuselage and, perhaps, by the probable existence of a
slight initial upflow of the air in the tunnel.

.
Lift Characteristics

Pm increase in sweepback angle moderated the.
on lift-coefficient characteristics, so that at a

compressibility effects
sweepback angle of 60°

the lift coefficient at a given angie of attack was es~ential~ the same
at all test Mach nmbers (fig. 6). At a Mach number of 1.2 the lift
coefficients at a given angle of attack for the configurations with
0~, 37, and 4Y of sweepback were somewhat greater than the correspond-
ing values of aMachnmber of 0.6 (figs. 6(b) and 6(c)).

The variation of lift coefficient with angle of attack was gener-
ally nonlinear for all angles of sweepback, especially at the subsonic
Mach numbers (fig. 7). The lift-curve slope was higher at intermediate
lift coefficients than at lift coefficients in the vicinity of zero lift
for all angles of sweepback at the subsonic test Mach numbers, except
for the unswept configuration at Mach numbers higher than approximately
0.88 where the larger supercritical losses for the unswept configuration
at the intermediate lift coefficients reversed the general trends
(figs. 7and 8).

An increase in lift-curve slope at moderate angles of attack has
been observed in several low-speed investigations of highly sweptback

“ wings having small lead,ing-edgeradii (references 10, 11, and 12).
Pressure-distribution and tuft studies of a 450 sweptback wing with
sharp leading and trailing edges (reference 10) and pressure-distribution
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studies of triangular wings with do”uble-wedgeand”NACA 65-006.5 airfoil
sections’(reference 11) indicated the existence of a separation-vortex-
flow pattern whereby at relatively low angles of attack the flow sepa-
rated from the leading edge and then reattached behind the initial sepa-
ration point, conjointly with the develo~en.t within the bubble of
separated flow of a separation vortex. The chordwise extent of the vor~
tex region increased with increasing spanwise distance::fromthe plane of
symmetry. The separation-vortex-flowpattern results in an effective
increase in camber and leads in many cases to an increase in lift-curve
slope at the moderate angles of attack. .—

The tests of reference 12, which included wings similar to those
investigated in the present tests were made through a range of Reynolds
numbers from 1.5 x 106 to 12 x 10~ and at Mach numbers less than approxi-
mately 0.20. Increases in lift-curve slope”at moderate angles of attack
were observed in those tests for the wings with sweepback angles o&45°
and 60° at the low Reynolds numbers. An increase in Reynolds number
generally decreased the amount of the changes in lift-curve slope occur-
ring at moderate angles of attack or at least delayed the changes in
slope to higher angles of attack. .—

.—

—

---

—

—

Leading-edge roughness had small effect on the.l~t.characteristics __ .
in the tests of reference 12 for all angles of sweepback. In the present
tests a transition strip at 10-percent chordhad little effect on the
lift characteristics of the wings with 450 End 600 of Sweepback (see

-

references 1 and k) but resulted in a reduction in the amount of the
*

increases in lift-curve slope occurring at moderate angles of attack

for the unswept wing. (See reference 3.)

The tests of reference 12 showed no increases in lift-curve slope .—

for the unswept wing h the Reynolds number range from 3 X 106 to
—

12 X 106, but subsequent unpublished data on this ting at higher Mach
numbers showed increases in lift-curve slope similar to those occurring
for the unswept wing of,the present tests. The increases in lift-curve

..

slope for the unswept wings were apparently a consequence of phenomena
—

which were different from those observed for-the highly sweptback wings
and appear to be associated with compressibility effects.

Theoretical lift-curve slopes at zero ltft are included in fig-
ure 8. The incompressible lift-curve slopes were obtained from refer-.. .,___ . i
ence 9 and were modified for.the first-order effects of compressibility
by an adaptation of the Prandtl-Glauert rule as given in reference 13.
Me theoretical curves are seen to
effects at the higher Mach numibers
(fig. 8).

underestimate–
for sweepback

the compressibility
angles up to 450

. .

.
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At a Mach number of 1.2 the lift-curve slopes at a lift coefficient
of 0.4 as compared to those at zero lift were lower for small angles of
sweepback and-generally

The drag-rise Mach

higher for large angles of sweepback (fig. 8).

Drag Characteristics

number was delayed to higher values and the
rate of the drag rise was reduced by an increase-in sweepback angle
(figs. 9 and 10).

The drag coefficient at zero lift, or at an angle of attack of Oo,
was affected only to a small extent by an increase in sweepback angle
at Mach numbers up to 0.875 and was reduced by an increase in sweepback
angle up to 600 at test Mach numbers above 0.875, where the supercrztical
losses increasedas sweep angle was reduced (figs. 9(a) and lO(a)). At
a Mach number of 1.2 the zero-lift drag coefficient was approximately
halvedby a change in sweep angle fromOo to 600 (fig. 10(a)).

At the higher angles of attack, the drag coefficient at a given
angle of attack was reduced by an increase in sweepback angle up to @o

. at all test Mach numbers (figs. 9(b), 9(c), and 9(d)). On the basis of
the same lift coefficient, however, an increase in sweep angle had a
variable effect on the drag coefficient, depending on the Mach number

. and the lift coefficient (figs. 10 and 11).
.

At a lift coefficient of 0.2 at Mach numbers from O.@ to 0.875,
the drag coefficient was essentially unaffected by an increase in sweep-
back angle up to 4Y and was increased by a change in sweep angle from
45° to 60° (fig. 10(b)). At a lift coefficient of 0.4 at Mach numbers
from 0.60 to 0.81 and at a lift coefficient of 0.6 at Mach numbers from
0.73 to 0.84, the drag coefficient increased with an increase in sweep-
back angle up to 60° (figs. 1O(C) and 10(d)). The difference in the
drag coefficients of the configurations with 60° and 0° of sweepback at
these conditions was %ery large. The increase in drag coefficient
resulting from an increase in sweepback angle for constant lift-
coefficient conditions was probably a consequence of a 10ES in leading-
edge suction accompanying leading-edge separation together with the
decrease in lift-curve slope which occurred when the sweep angle was
increased, and was probably aggravated by tip stalling of the more
highly sweptback whgs.

At Mach numbers from 0.875 to 0.95 at a lift coefficient of 0.2
and at test Mach numbers above approximately 0.85 at lift coefficients

. of 0.4 and 0.6, the increase in the supercritical losses for the unswept
configuration modified the previously noted effect of sweep on drag
coefficient to the extent that an increase in sweep angle from Oo first

.
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decreased the drag coefficient and then at higher angles of sweepback
increased the drag coefficient (figs. 10(b)j 1O(C), and 10(d)). At test
Mach numbers above approximately 0.93 at lift coeffic~ents of 0.4 and _
0.6, the drag coefficient was reduced by an increase in Bweepback angle
up to 45° and was then increased by a change in sweep”-anglefrom 45° to
&lo (figs. 1O(C) and 10(d)). At a Mach number of 1.2at a lift coef-
ficient of 0.2, the drag coefficient was reduced by an ficrease in
sweepback angle up to 600 (fig. 10(b)).

..

. .—

-

tiXimUm Lift-Drag RAtio --=

At the lower subsonic Mach numbers thennaxhum lift-drag ratio was
approximately the same for the configurations with swe~p angles of 0°,
350, and 450, and was approximately one-sixth less for--theconfigu-
ration with a sweep angle of 60° (fig. 12). At the higher subsonic Mach
numbers large losses in maximum lift-drag ratio occurred with increase
in Mach number for the configu=tions with sweeP awle~ of O“> 350~ an!%
45°, and these losses were delayed to higher”-Machnumb~rs by the increase
in sweepback angle (fig. 12). The configurationwith 60° of sweepback
did not experience the large changes in maxtium lift-drag ratio which
occurred for the configurations with lower sweep.

At Mach numbers from approximately 0.88 to 0.95, the naximum lift-
drag ratio fncreased with an increase in sweephack angle Up to 45° mod.
then decreased between sweep angles of 45° and 60°. At a Mach number
of 1.2 the maximum lift-drag ratio increased with an increase in sweep-
back angle up to the maximum sweep angle of_600.

. .
.—

.;
=-—

—

G“

The effect of compressibility on the ~ft coefficient correspond@
+

to the maximum lift-drag ratio became less as the swee~ angle was
...-.

increased (fig. 13).
..-=

There was-a decrease in the lift coefficient cor- - .““~.
responding to the maximum lift-drag ratio for the unsw”eptconfiguration
between Mach numbers of 0.80 and 0.875 (fig. 13), and this decrease was -

a result of the incremental drag coefficient due to lift for this con- .-+

figuration.which increased with an increase_in Mach nugber.at test Mach
numbers above 0.80. At test Mach numbers above 0.875,”the zero-lift

—.- .%.-

drag coefficient for the unsvept configumtion increased with an increase
in Mach number (fig. 10(a)), and this behavior resulted in a lift coef-
ficient corresponding to the maximum lift-drag ratio for the “unswept “- ~:_.

.—

configuration which increased with an increase in Mach.number as shown .—

in fig~e 13. h a similar way the lift coefficient Corresponding to ; .
.—

the maximum
an increase
the highest
as a result
increase in

lift-drag ratio for the other configuratiofisI&eases with
in Mach number at high subsonic Mach numbers, and between ~ -.

subsonic test Mach numbers and a Mach numb~r of 1.2 (fig. 13) . -
of the zero-lift drag coefficien-twhich fncreased with an .-

Mach number at these Mach numbers (fig. 10(a)).
.-
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Pitching-Moment Characteristics

The pitching-moment coefficients of the wing-fuselage configura-
tions generally changed in a negative Mrection with an increase of Mach
number at the higher speeds for all angles of sweepback (figs. 14 and 15).”
An increase in sweepback angle g=eral.ly moderated the extent of the
variation of pitching-moment coefficient with Mach number (figs. 14
and 15).

The variation of pitching-moment coefficient with lift coefficient
for the wing-fuselage configurations was nonlinear at subsonic Mach
numbers for all angles of sweepback (fig. 16). At a Mach number of 1.2
the pitching-moment characteristics for the wing-fuselage configurations
were more regular for all angles of sweepback (fig. 16(d)). The low-
speed tests of reference 12 showed somewhat similar irregular pitching-
moment characteristics for the wing alone. In the present tests, the
pitching-moment slope &m/?la for the fuselage alone was 0.006 at low
angles of attack and approximately 10 percent less at the highest angles
of attack, at all test Mach numbers. (See reference 1.) The non-
linearity of the pitching-moment characteristics of the wing-fuselage
configurations may he mainly attributed to the wing characteristics.

..

d

The configuration with @o of sweepback experienced an abrupt
increase in pitching-mwent coefficient with an ticrease in lift coef-

.-

ficient greater than approximately 0.3 at the subsonic Mach numbers.
(fig. 16). This instability is associated with complete separation o? .__._.
the flow over the tip sections of sweptback wings (reference X2). The
configuration with 47 of sweepback showed the same type of instability
at lift coefficients greater than approximately 0.6 at the subsonic l%ch
numbers, but the severity of the unstable chnges was less than that for
the configuration tith 600 of sweepback (fig. 16). The configuration with

.
35° of sweepback also appeared to be characterized by this same type of
instability but to a lesser extent and at higher lift coefficients than
the configuration with 45° of sweeplack. No unstable changes of this
type occurred in pitching-moment coefficient for the unswept configuration. -

The variation with Mach number of the pitching-moment-curve slope
parameter &m/&L iS shown at tWO lift coefficients in figure 17.

—

The nonlinearity of the variation of pitching-moment coefficient with
lift coefficient (fig. 16) curtails the usefulness of data defining the
pitching-moment characteristics in terms of the slope parameter
&~*L. The data of figure-17 illustrate, however, the general com-

—.—

pressibility effects on the slope parameter &@CL for the lift coef-

- ficients shown, and indicate a general rearward movement of the ae~dY-
namic center at high speeds for all angles of s~”eepback. .—

.- ..-=-
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,.
Surveys

Data on point downwash angles are given in figure.18 and on wake -—

shapes in figures 19 and 20. The data on downwash angles presented
herein are uncorrected for sting interference. As pointed out previ- “
ously in the section entitled “CORRECTIONSAND PRECISION,” the effect of
sting interference on downwash angle is indicated to be appreciable at-
subsonic Mach numbers.

—. —

The flow in the region of the lowest yaw tube (0.125 wing semispan
above chord plane of wing) on the inboard rake was affected to a large
extent by the presence of the fuselage alone at angles of attack greater
than 4°, as shown by the downwash data (fig. 18(a)) and the to~l-
pressure data (figs. 19(b) and 19(d)). TQere was a negative downwash,
or upwash, in the region of the lowest yaw tzibeon the inboard rake at
angles of attack in the approximate angle-of-attack range from 4° to U“
for the fuselage-alone configuration. The @nwash ~-s positive in the
region of the middle and uppermost yaw tubes on the inboard rake for
the fuselage-alone configu=tion. The downwash at the.outboard rake was —

only moderately affected by the presence of the fuse~ge alone, and the
slope dG/da was gene=lly negative throughout the angle-of-attack
range (fig.18(b)). The fuselage-alone configuration had essentially no
effect on the total pressure at the outboard rake (fig. 20). *“

For the wing-fuselage configurations, the downwash-angle variations
in the vicinity of the lowest yaw tube on the inboard rake were gener-

.

ally very irregular at the higher angles of.attack at subsonic Mach .—

numbers and throughout the angle-of-attack range at a._tichnumber of lU.2–
(fig. 18(a)) and the total-pressure losses were largeflflg. 19). The
downwash for the wing-fuselage configurations var5.edmore regularly with

—

angle of attack in the region of the middle=and uppezmiostyaw tubes on
the inboard rake and in the region of all yaw tubes on the outboard rake .

than in the region of the lowest yaw tube on the inboati rake
(figs. 18(a) and 18(b)). The downwash and total-pressure data forthe
outboard rake (figs. 18(b) and 20) are more indicative of the tifluenc~

—

of the wing on the flow than the corresponding data for the inboard rake
.—

which were also affected by the modification of the flow by the fuselage.
In general, the mean rate’of change of downtiashangle with angle of
attack for the wing-fuselage configurations._decreasedWith an ~crease_ .,

in sweep angle. Exceptions to this statement occurred”mainlywhere the
—

flow was strongly influenced by the.presence of the fuselage and for a z

sweepback angle of 60° at a Mach number of 1.2. ~
—.—

The extent of the wake above the chord plane of the wing was much
greater for the wing-fuselage configuration,.withunswe~t wing than for
the configurations with sweepback angles of.35°, 450, and @o (figs. 19

~-

and 20). The magnitude of the total-pressm_e losses a8_obtained in .—
.
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.

these tests was also usualJy greatest for the unswept configuration. A
~ew exceptions to this statement were noted. For angles of attack less
than 8° there was small difference in the upper extent of the wake at
both rakes for the configurations ti.thsweepback angles of 35°, 45°, and
600 ● At angles of attack greater than 8° the configuration with a sweep-
back angle of 350 showed a ~eater wake extent at the outboard rake than
the configurations with higher sweepback angle. This was also true in
some but not all instances for the inboard rake. The maximum loss in
total pressure
able variation

was not obtained in many cases, so that there was appreci-
as regards maximum measured loss with change in sweep angle.

Ease-Pressure Coefficient

The base-pressure coefficient generally increased with an increase
in Mach number at subsonic speeds for .s11the wing-fusehge configura-
tions and for the fuselage alone (fig. 21). At an angle of attackof
QO, h~ev~r, the base-pressure coefficient for the unswept configura-
tion decreased with Mach number. At a Mach number of 1.2 the base-
pressure coefficient was generally somewhat less than at the highest

—.

subsonic test Mach numbers.

+
At subsonic speeds sweepback angle had relatively small effect on

the base-pressure coefficient except at the highest angles of attack
where sweepback angles in the victiity of zero sweep caused a decrease.
in the base-pressure coefficient. At a Mach number of 1.2, increasing
the sweepback angle
ficient and then in

resulted first in a decrease
an increase in base-pressure

in base-pressure coef-
coefficient.

CONCIJJSIONS

An investigation was made in the Iamlev 8-foot high-sDeed tunnel

.

of the effects ~f wing sweepback angle (0~, 550, 47, a~d do) on the
characteristics of a wing-fuselage configuration without tail surfaces.
Lift, drag, and pitching-moment coefficients were obtained. DownWash
and total-pressure surveys at two spnwise stations were made in the
region of a probable tail location. All the wings had NACA 65AO06 air-
foil sections parallel to the model plane of symmetry, an area of
1 square foot, an aspect ratio of k, and a taper ratio of 0.6. The
tests were made at subsonic Mach numbers up to approximately 0.95 and
at one supersonic Mach number of 1.2. The Reyuolds number based on the
mean aerodynamic chord was 2 x 106 at the matium subsonic speed. The
following conclusions are indicated:

1. An increase in sweepback angle reduced the adverse compressi-
. bility effects on lift, drag, pitching moment, and maximum lift-drag

ratio.
L

.–.--”
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2. At Mach numbers from approximately 0.88 to 0.”95,the maximum —

lift-drag ratio increased with an incr,easein sweepback angle up to k~
and then decreased between sweep angles of 450 and 60~. At a Mach _. .-~
number of 1.2 the maximum lift-drag ratio increased with an increase @ . ,,.
sweepback angle up to the maximum sweep angle of 60°. ~

3. Abrupt, unstable changes in pitching-moment coefficients, which
are associated with complete separation of the flow over the tip sectio-ns _ -
of sweptback wings, occurred with an increase in lift coefficient at sub-
sonic Mach numbers for sweepback angles of 35°~ 45°, and 60°. An increase _ -
in sweepback angle increased the severity of the unstable changes and –. ~~
reduced the lift coefficient at which these changes began.

4. In general, the”mean rate of change of downw~sh figle with
angle of attack decreased with an increase in sweepbacjrangle. Excep-
tions to this statement occurred mainly where the flcniwas strongly ““
influenced by the presence of the fuselage and for a sweepback angle of
@O at aMach n~ber of 1.20

5. The upper extent of the wake above the chord plane of the wing
and the magnitude of the total-pressure losses were much greater for an
angle of.sweepback of Oo than for angles of-sweepback_of 3P, 45°, and
630. At moderate angles of attack there wag little difference in the
upper extent of the wake for angles of sweepback of 35°, 45°, and 60°.

Langley Aeronautical Laboratory
National Advisory Committee for Aeronautics

Iangley Field, Va.
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Figure 1.- Method of model installation in Lsngley 8-foot high-speed
tunnel for present tests.
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Figure 7.- Variation of lift coefficient with angle of attack at various

angles of sweepback. Wing-fuselage configuration, NACA 6SAO06 airfoil
SeCtiOll, A = 4, L = 0.6.
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