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NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS

RESEARCH ‘MEMORANDUM

AERODYNAMIC CHARACTERISTICS OF FOUR WINGS
OF SWEEPBACK ANGLES 0°, 35°, 45°, AND 60°, NACA 65A006
ATRFOIL SECTION, ASPECT RATIO k4, AND TAPER RATIO 0.6 IN
COMBINATION WITH A FUSELAGE AT HIGH SUBSONIC MACH
NUMBERS AND AT A MACH NUMBER OF 1.2

By Arvo A. Luoma

SUMMARY

An investigation was made in the Langley 8-foot high-speed tunnel
of the effect of sweepback angle on wing-fuselage characteristics at
subsonic Mach numbers up to approximately 0.95 and at one supersonic
Mach number of 1.2. Sweepback angles of 0°, 35°, 45°, and 60° based on
the 25-percent-chord line were investigated. ILift, dreg, and pitching-
moment coefficients were determined from strain-gage measurements.
Downwash-angle aend total-pressure measurements were maede in the region
of a probable tail location. The Reynolds number of the tests based on
the mean aerodynamlc chord varied with Mach number and at the meximum
subsonic Mach number was 2 x 10°.

Adverse compressibillity effects on 1ift, drag, pitching moment,
and maximum lift-drag ratio were reduced by an increasse in sweepback
angle. The maximum 1ift-dreg ratlo at Mach numbers from approximately
0.88 to 0.95 increased with an increase in sweepback angle up to L5°
and then decreased between sweep angles of 45° and 60°. At a Mach
number of 1.2, the maximum lift-drag ratio increased with an increase
in sweepback angle up to the maximum sweep angle of 60°. Abrupt,
unstable changes in pitching-moment coefficient, attributed to wing-
tip stalling, occurred with an increase in 1ift coefflcient for sweep-
back angles of 35°, 459, and 60° at subsonic Mach numbers. An increase
in sweepback angle increased the severity of the unstable changes and .
reduced the 1ift coefficient at which these changes began.
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INTRODUCTIONR

A phase of the general progrem on transonic resgearch being con-
ducted by the National Advisory Committee for Aeronautics includes tests
of wing-fuselage configurations with systematic variations of the vari-
ous wing geometric parameters including sweep angle, aspect ratio, taper
ratlo, and thickness ratio. Several of the research facilities at the
Langley Aeronautical Laboratory have been used for these tests. The low-
speed aerodynamic characteristics of several of the wings through a
range of Reynolds numbers have been obtained in the langley two-
dimensional low-turbulence pressure tunnel, Data throughout the trans-
onic speed range have been obtained for most of the configurations
included in the transonic-wing program from tests on the transonic bump
in the langley high-speed T7- by 10-foot tunnel., Rocket-powered flight
tests of some of the configurations have been mede snd such tests pro-
vided zero-lift drags throughout the transonic speed range at high
Reynolds numbers. Further tests of several of the configurations have
been made at the Ames Aeronsuticel Laboratory.

A recent investigation of-the sweep series in the Langley 8-foot
high-speed tunnel provides information up to high-subasonic Mach numbers
and for one supersonic Mach number of 1.2. These data have been pub-
lished in basic form in references 1 to 4. A comparison of the charac-
teristics of the sweep serles as affected by different testing techniques
is given in reference 5. . ’

The purpose of the present paper 1s to analyze and summarize the
information on the effects of sweep on wing-fuselage characteristics
obtained in the investigation of the sweep series in the langley 8-foot
high-speed tunnel. Sweepback angles of 0°, 35°, 45°, and 60° were
included in the tests. Lift, drag, pitching moment, downwash angles
and total-pressure logses in the vicinity of a probable tail location,
and the static pressure at the base of the fuselage were measured.

SYMBOLS

The aerodynamic coefficients and other symbols used in this paper
are defined as follows:

A agpect ratio of wing (bE/S)
& speed of sound in wmdisturbed stream

b span of wing

il
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dreg coefficient <Jl>
qsS

1ift coefficient (gé)
qaS

pitching-moment coefficient about lateral axls which passes
through 25~-percent point of mean aerodynamic chord of wing

(A

section chord of wing, measured parallel to plane of symmetry of
model

cr1+x+x?

2
mean aerodynamic chord of win
wine <3 T+

nominal tip chord of wing, obtained by extending leading and
trailing edges of wing to plane parallel to plane of symmetry
of model and passing through wing tip

root chord of wing, obtained by extending leading and trailing
edges of wing to plene of symmetry of model

dreg
total pressure of undisturbed stream

total pressure of stream at rske position
loss in total pressure (H - Hy)
1ife

Mach number (g)

pitching moment of eerodynamic forces about latersl axis which
passes through 25-percent point of mean aerodynemic chord of
wing

base-~-pressure coefficient <?9—i—2)

static pressure in undisturbed stream
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Pp static pressure on surface of sting at base of fuselage (fig. 4)
q dynamic pressure in undisturbed stream (% QW%
R Reynolds number (ngj)
i
cy + C

S ares of wing b—£—§——3)
\') velocity in undisturbed stream
[+ angle of attack of model, based on fuselage reference axis
€ "point" downwash angle as determined from yaw-tube measurements
A angle of sweep of wing, based on 25-percent-chord line

c

taper ratio of wing EE)

r
M coefficlient of viscosity in undisturbed stream
P mass density in undisturbed stream _
Subscripts:
max meximum value

APPARATUS AND METHODS

Tunnel and Model Suppert

The tests were made in the ILangley 8-foot high-speed tunnel which,

for these tests, was of the closed-throat type with the subsonic and
supersonic test sections of circular cross section. The Mach number
distribution was uniform in the subsonic test section and was within
10,02 of the design Mach number of 1.2 in the supersonic test section

(reference 6).

in either the subsonic test section or the supersonic test section
(fig. 2). A more detailed discussion of the sting support apparstus
is given in reference 1.

B T

The models were supported on a sting (fig. 1), which is
capable of being moved longitudinally along the tunnel sxis for testing

il
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Models and Balance System

Four wings of different sweep angles were tested on a common fuse-
lage without tail surfaces. The wings were mounted on the fuselage in
the midwing position at zero.incidence and with the 25-percent point of
the mean aerodynamic chord located at the meximum-diameter station of
the fuselage. All the wings had NACA 654006 airfoil sections parallel
to the model plane of symmetry, an area of 1 square foot, an aspect
ratio of 4, and a taper ratio of 0.6. Sweep angle was the only geomet-
ric parameter which was varied. Sweepback angles of 0°, 35°, 45°, and
60° based on the 25-percent-chord line were investigated., The ordinates
for the NACA 654006 sirfoil section, together with the ordinates for the
fuselage, are given in table 1, and the dimensions of the models are
given in figure 3. The wings with sweepback angles of 0°; L5°, and 60°
were made of aluminum alloy. The wing with a sweepback angle of 35°
consisted of a steel core covered with a skin of bismuth-tin alloy.

The shape of the fuselage used in the present tests was a body of
revolution of fineness ratio 10, achleved by the cutting-off of the
rear one-sixth of a basic fuselage shape of fineness ratio 12 (table I).
The maximum diameter was located at 50 percent of the basic fuselage
length. The base diameter of the test fuselage was one-half the maxi-
mum diameter. The test fuselage was made of steel.

A strain-gage balance was housed within the fuselage, and attach-
ment between the balance and the fuselage was made at the forward
portions of the fuselage and balance. The rear portion of the balance
faired into the sting. -

Test Procedure

Lift, drag, and pitching-moment coefficients were determined from
strain-gage measurements, end point downwash angles and wake surveys
in the region of a probable tail location were obtalned from yaw-tube
and total-pressure measurements. The test data for the fuselage alone
are presented 1n reference 1 and for the wlng-fuselage configurations
in references 1 to k4.

Two combination yaw-tube and total-pressure rakes were used in
making the downwash and wake surveys (fig. 4). The rakes were located
1.225 wing semispans behind the 25-percent point of the wing mean aero-
dynamic chord and the planes of the rakes were parallel to the model
plane of symmetry and located 0.083 and 0.292 wing semispan from the
model plane of symmetry. The three yaw tubes in each rake were located
0.125, 0.250, and 0.375 wing semispan above the chord plane of the
wing; the seven total-pressure tubes in each rake were loceted as shown
in figure L.
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The static pressure on the surface of the sting at the base of the
fuselage was measured for all test conditions. The orifice location is
indicated in figure L.

Data were obtained at subsonic Mach numbers from 0.6 +o approxi-
mately 0.95 and at one supersonic Mach number of 1.2. An optical method
was used for determining the angle of attack of the model and this
method is described in reference 1. The angle-of-attack range extended
from -2° up to the angle of attack which, for most cases, approximately
corregponded to the maximum allowable load of- either the strain-gage
balance or the wing. The variation of test Reynolds nitmber (based on a
mean aerodynamic chord of 6.125 inches which was the same for all wings)
with test Mach number is given in figure 5.

CORRECTIONS AND PRECISION

Tunnel-wall-interference corrections have been applied to the data
(references 1 to 4) by the methods discussed in reference 1. The cor-
rections to the Mach number reached a maximum of approximately 1.5 per-
cent at a Mach number of 0.96.

Sting interference.- The present tests dild not include the deter-
mingtion of the interference effect of the sting on the measured aero-
dynamic forces, moments, base pressures, and downwash angles.

Sting-interference data at low angles of sttack are svailable from
the tests of reference 7 on a comparable wing-fuselage-configuration
and sting support. On the basis of the tests of reference T, it is
indicated that, for the fuselage alone and the wing-fuselage configu-
ration of the present tests, the effect of sting interference at low
angles of attack would be negligible on 1lift coefficient and pitching-
moment coefficient, would require the addition to the measured drag
coefficlents of & drag-coefficient increment of approximately 0.003 at
subsonic Mach numbers and approximately 0.002 at e Mach number of 1.2,
and would requlre the addition to the messured base-pressure coefficilents
of a base-pressure-coefflcient increment of approximately -0.1 at all
test Mach numbers.

In the tests of reference T point downwash angles were not obtained,
but an effective downwash angle in the region of the horizontal tail _
was determined from measurements of the 1ift and pitching moment of the
configurations consisting of complete model and complete model less
horizontal tail. The sting-interference corrections to the effective

uncorrected velues of an effective-downwash-sngle increment of the order

."‘I|'ik ‘
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of 1° at subsonic Mach numbers and 0.2° at a Mach number of 1.2. On the
basis of this information the sting-interference corrections to the
measured point downwesh engles of the present tests would be expected to
be large at subsonic Mach numbers and probebly small at a Mach number of
1.2. The megnitude of the sting-interference corrections would also be
expected to be different at the two spanvise rake stations and, perhaps,
at the individual yaw tubes at a given rake station.

No sting-interference corrections have been made to the data of the
present tests except in the determination of maximum lift-drag ratios
since the sting-interference data of reference T strictly epply only for
the specific configurations investigated in the tests of reference T and
were obtained only at low angles of attack, Additional discussion on
sting interference is given in reference 1.

Aeroelasticity.- The bending of a swept wing under serodynamic load
results in a change in the spanwise varistion of the locel angle of
attack messured parallel to the plane of symmetry of the airplane and,
consequently, in a modification of the span loading. An estimation of
the bending of the sweptback wings of the present tests under aerody-
namic load and the resultant effect on 1lift and pitching-moment coef-
ficients was made in the analyses of references 1, 2, and 4 for one Mach
number, using theoretical basic and additional span loadings from ref-
erences 8 and 9 and flexural rigidity characteristics determined from
static bending tests. The calculations indicated that the aeroelastic
bending effects for the sweptback wings were appreciable, resulting in
a decrease in lift-curve slope and a forward movement of the aerodynamic
center. As an example, the calculations for the configuration with 459
of sweepback indicated that, at a Mach number of 0.80, wing bending
under aerodynamic load resulted in a reduction in the lift-curve slope
of approximately 7 percent end a forward movement of the aerodynamic
center of approximately 2 percent of the mean aerodynamic chord. An
increase in sweepback angle increased the aercelastic effects on 1lift-
curve slope and movement of the aerodynamic center.

No corrections have been made to the date presented herein for
aeroelastic wing bending.

Precision.- An estimation of the accuracy of the strain-gage meas-
urements, made in the analysis of reference 1, indicated that the meas-
ured values of 1lift, drag, and pitching-moment coefficlents (including
the effect of sting interference) were within approximately £0.01,
+0.001, and 0,005, respectively, throughout the Mach number range.

The angle of attack a« was estimated to be accurate within *0,1°,
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The present paper is mainly concerned with the effects of sweepback
angle on the characteristics of the wing-fuselage configuration. Data
for the various sweptback configuretions are given on the same Tigures,
and these figures, for the most part, show the variation of the aerody- -
namic parameters with Mach number. Data for the fuselage alone are also
included in. & few of the figures. In several éf the figures only repre-
sentative test Mach numbers and angles of attack are included; the com-
plete test data are given in references 1 to k,

The variation of 1ift coefficlent with Mach number at constant
values of angle of attack and the variation of 1ift coefficient with

angle of attack for several values of Mach number are shown In fig- - T

ures 6 and 7, respectively. Figure 8 presents the variation of 1ift-
curve slope with Mach number at two values of 1lift coefficient.

The variation of drag coefficient with Mach number is shown in fig-
ure 9 at constant values of angle of attack, and in figure 10 at constant
values of 1lift coefficient. Figure 11 presents the variation of drag

coefficlent with lift coefficient at several Mach numbers. L

The variation of maximum lift-drag ratio with Mach number is shown
in figure 12, and the 1lift coefficlent for maximum 1lift=drag ratio o
plotted against Mach number is shown in figure 13, A sting-interference -

correction of 0.003 at subsonic Mach numbers and 0.002 &t a Mach number _ -

of 1.2 were added to the measured drag coefficients in the determination
of maximum lift-drag ratio and the 1lift coefficient for meximum 1lift-
drag ratio. These corrections were based on the sting-interference data
of reference 7.

The variation of pitching-moment coefficient with Mach number is
presented in figure 14 at constant values of angle of attack, and in
figure 15 at constant values of 1ift coefficient. The variation of
pitching-moment coefficient with 1ift coefficient is shown in figure 16
for several values of Mach number. Figure 17 presents the variation of
the piltching-moment-curve slope parameter BCm/BCL with Mach number at

two values of lift coefficient.

The variation of point downwash angle with angle of attack is shown
in figure 18. Both rakes used were located 1.225 wing semispens behind
the 25-percent_point of the wing mean aerodynemic chord. Figure 18(a)
presents downwash data for the rake located 0.083 wing semispan from the
model plene of symmetry for the three yaw-tube locations and figure 18(b)
presents similar data for the rake located 0.292 wing semispan from the

[ oo
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~

model plane of symmetry. Total-pressure measurements AH/q are shown
for the two rake positions in figures 19 and 20.

Figure 21 presents date on the static-pressure coefficient on the
surface of the sting at the base of the fuselage (fig. 4 indicates the R
position of the base-pressure orifice). -

DISCUSSION

The specifications for the wing-fuselage configurations tested N
called for an uncambered wing mounted on the fuselage in the midwing
position at zero incidence, so that at an angle of attack of zero the
1lift and pitching moment should be zero. In the actual tests, however,
the 1ift and pitching moment were somewhat different from zero at an-
angle of attack of zero (figs. 6(a) and 14(a)); this asymmetry may be
explained partly by an unintentiornal small poeitive incidence of the
wings on the fuselage and, perhaps, by the probaeble existence of a
8light initial upflow of the air in the tunnel.

Lift Characteristics

An increase in sweepback angle moderated the compressibility effects
on lift-coefficient characteristics, so that at a sweepback angle of 60°
the 1ift coefficient at a given angle of attack was essentially the same
at all test Mach numbers (fig. 6). At a Mach number of 1.2 the 1ift
coefficients at & glven angle of attack for the configurations with
00, 359, and L5C of sweepback were somewhat greater than the correspond-
ing values of & Mach number of 0.6 (figs. 6(b) and 6(c)).

The variation of 1lift coefficient with angle of attack was gener-
ally nonlinear for all angles of sweepback, especially at the subsonic
Mach numbers (fig. 7). The lift-curve slope was higher at intermediate
1ift coefficients than at 1ift coefficlients in the vicinity of zero 1lift
for all angles of sweepback at the subsonic test Mach numbers, except
for the unswept configuration at Mach numbers higher than approximately
0.88 where the larger supercritical losses for the unswept configuration
at the Intermedlate 1ift coefficilents reversed the general trends
(figs. 7 and 8).

An increase in lift-curve slope at moderate angles of attack has
been observed in several low-speed investigations of highly sweptback
wings having small leading-edge radii (references 10, 11, and 12).
Pressure-distribution and tuft studies of a 450 sweptback wing with
sharp leading and trailing edges (reference 10) and pressure-distribution .
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studies of triangular wings with double-wedge and NACA 65-006.5 airfoil
sections (reference 11) indicated the existence of a separation-vortex-

flow pattern whereby at relatively low angles of attack the flow sepa-

rated from the leading edge and then reattached behind the initial sepa-
raetion point, conjointly with the development within the bubble of o
geparated flow of a separatlon vortex. The chordwise extent of the vor-

tex region increased with increasing spenwlse distance from the plene of
symmetry. The separation-vortex-flow pattern results in an effective
increase in camber and leads in many cases to an increage in lift-curve
slope at the moderate angles of attack. - -

The tests of reference 12, vwhich included wings similar to those
investigated in the present tests, were made through & renge of Reynolds
numbers from 1.5 X 106 to 12 x lOé end at Mach numbers less than approxi-
mately 0.20. Incresses in lift-curve slope at moderste angles of attack
were observed in those tests for the wings with sweepback angles of-45°
and 60° at the low Reynolds numbers. An increase in Reynolds numbér B
generally decreaged the amount of the changes in lift-curve slope occur-
ring at moderate angles of attack or at least delayed the changes 1in
slope to higher angles of atbtack, s

Leading-edge roughness had small effect on the 1ift characteristics
in the tests of reference 12 for all angles of sweepback, In the present
tests a transition strip at 10-percent chord had 1little effect on the
1ift cheracteristics of the wings with 450 gad 600 of sweepback (see
references 1 and 4) but resulted in a reduction in the amount of the
increases in lift-curve slope occurring at moderate angles of attack
for the unewept wing. (See reference 3.)

The tests of reference 12 showed no increases in lift-curve slope
for the unswept wing in the Reynolds number range from 3 X 106 to
12 x 106, but subsequent unpublished data on this wing at higher Mach
numbers showed increases in lift-curve slope similar +to those occurring
for the wnewept wing of.the present tests. The Increases in lift-curve
slope for the unswept wings were apparently a consequence of phenomena
which were different from those observed for the highly sweptback wings
and appear to be assoclated with compressibility effects.

Theoretical lift-curve slopes at zero 1ift are included in fig-
ure 8. The incompressible lift-curve slopes were obtained from refer-
ence 9 and were modified for the first-order effects of compressibility
by an adaptation of the Prandtl-Glauert rule es given In reference 13.
The theoretical curves are seen to underestimate the compressibility
effects)at the higher Mach numbers for sweepback angles up to 450
(fig. 8).

M& ﬁ
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At a Mach number of 1.2 the lift-curve slopes at a 1lift coefficient
of 0.4 as compared to those at zero 1ift were lower for smell angles of
sweepback and generally higher for large angles of sweepback (fig. 8).

Drag Characteristics

The drag-rise Mach number was delayed to higher values and the
rate of the dreg rlse was reduced by an increase 1n sweepback angle
(figs. 9 and 10).

The drag coefficient at zero 1ift, or at an angle of attack of 00,
was affected only to a small extent by an Increase in sweepback angle
at Mach numbers up to 0.875 and was reduced by an increase in sweepback
" angle up to 60° at test Mach numbers above 0.875, where the supercritical
losses increased as sweep angle wes reduced (figs. 9(a) and 10(a)). At
a Mach number of 1.2 the zero-lift drag coefficient was approximstely
halved by a change in sweep angle from 0° to 60° (fig. 10(a)).

At the higher angles of attack, the drag coefficient at a given
angle of ettack was reduced by an increase in sweepback angle up to 600
et all test Mach numbers (figs. 9(b), 9(c), and 9(d)). On the basis of
the same 1ift coefficient, however, an increase in sweep angle had a
variable effect on the drag coefficient, depending on the Mach number
and the lift coefficient (figs. 10 and 11).

At 8 1ift coefficient of 0.2 at Mach numbers from 0.60 to 0.875,
the drag coefficient was essentially unaffected by an increase in sweep-
back angle up to 45° and was increased by a change in sweep angle from
459 to 60° (fig. 10(b)). At a 1ift coefficient of 0.4k &t Mach numbers
from 0.60 to 0,81 and at a 1ift coefficient of 0.6 at Mach numbers from
0.73 to 0.84, the drag coefficient increased with an Increase in sweep-
back angle up to 60° (figs. 10(c) and 10{(d)). The difference in the
drag coefficients of the configurations with 60° and 0° of sweepback at
these conditions wes very large. The increase in drag coefficient
resulting from an increase 1n sweepback engle for constant 1lift-
coefficlent condlitions was probably a consequence of a loss in leading-
edge suctior accompanying leading-edge separation together with the
decreage in lift-curve slope which occurred when the sweep angle was
increased, and was probably aggravated by tip stalling of the more
highly sweptback wings.

At Mach numbers from 0.875 to 0.95 at & 1ift coefficilent of 0.2
and at test Mach numbers above approximately 0.85 at 1ift coefficients
of 0.4 and 0.6, the increase in the supercriticel losses for the unswept
configuration modified the previously noted effect of sweep on drag
coefficient to the extent that an increase 1n sweep angle from 0° first
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decreased the drag coefficlent and then at higher angles of sweepback
increased the drag coefficlent (figs. 10(b), 10(c), and 10(d)). At test
Mach numbers above approximetely 0.93 at 1ift coefficlents of 0.4 and _
0.6, the drag coefficient was reduced by an increase in sweepback angle
up to 45° and wae then increased by a change in sweep angle from 45° to
600 (figs. 10(c) and 10(d)). At a Mach number of 1.2 &t a lift coef-
ficient of 0.2, the drag coefficlient was reduced by an increase in
sweepback angle up to 60° (fig. 10(b)).

Maximum Lift-Drag Ratio

At the lower subsonlc Mach numbers the meaximm lift—drag ratio was
approximately the same for the configurations with sweep angles of 09,
350, and 450, and was approximately one-sixth less for the configu-
ration with & sweep angle of 60° (fig. 12). At the higher subsonic Mach
numbers large losses in maximum lift-dreg ratio occurred with increase-
in Mach number for the configurations with sweep angles of 00, 350, and

450, and these logses were delayed to higher Mach numbers by the increase

in sweepback angle (fig. 12). The configuration with 60° of sweepback
did not experience the large changes in maximum lift-drag ratio which
occurred for the configurations with lower sweep. T

At Mach numbers from approximately 0.88 to 0.95, The maximum 1ift-
drag retio increased with an increasse 1n sweepback angle up to 450 angd - .
then decreased between sweep angles of 45° and 60°. At a Mach number
of 1.2 the maximum lift-drag ratio increased with an increase in sweep-
back angle up to the maximum sweep angle of 60°. . S

The effect of compressibility on the 1lift coefficlent corresponding
to the maximum lift-drag ratio became less &s the sweeD angle was
increased (fig. 13). There was a decrease in the lift coefficient cor-
responding to the maximum lift-drag ratio for the umnswept configuration
between Mach numbers of 0.80 and 0.875 (fig. 13), and .this decrease wes
& result of the incremental drag coefficient due to lift for this con-
figuration which increased with an increase in Mach number at test Mach
numbers above 0.80. At test Mach numbers above 0.875, the zero-lift
drag coefficient for the unswept configuration increased with an increase
in Mach number (fig. 10(a)), and this behavior resulted in a 1ift coef-
ficlent corresponding to the maximum lift-drag ratio for the unswept
configuration which increased with an Incresse in Mach number as shown
in figure 13. In a similar way the 1lift coefficient corresponding to
the maximum lift-drag ratlo for the other configurations increased with
an increase in Mach number at high subsonic Mach numbe¥s, and between .
the highest subsonic test Mach numbers snd a Mach numbér of 1.2 (fig. 13)
as a result of the zero-lift drag coefficient which increased with an .
increase in Mach number at these Mach numbers (fig. 10(a)).

O N R NT L

i |

L

ik

M

.

Ik

i



NACA RM L51D13 ETTIIENT L

13

Pitching-Moment Characteristics

The pitching-moment coefficients of the wing-fuselage configura-
tions generally changed in a negative direction with an increase of Mach
number at the higher speeds for all engles of sweepback (figs. 1k and 15).
An Increase in sweepback angle generelly moderated the extent of the
variat?on of pitching-moment coefficient with Mach number (figs. 1k
and 13).

The variation of pitching-moment coefficient with 1lift coefficient
for the wing-fuselage configurations was nonlinear at subsonic Mach .
numbers for all angles of sweepback (fig. 16). At a Mach number of 1.2
the pitching-moment characteristics for the wing-fuselage configurations
were more regular for all angles of sweepback (fig. 16(d)). The low-
speed tests of reference 12 showed somewhat similar irregular pitching-
moment characteristics for the wing alone. In the present tests, the
pitching-moment slope OCm/da for the fuselage alone was 0.006 at low
angles of attack and approximately 10 percent less at the highest angles
of attack, at all test Mach numbers. (See reference 1.) The non-
linearity of the pitching-moment characteristics of the wing-fuselage
configurations may be mainly attributed to the wing characteristics.

The configuration with 60° of sweepback experienced an abrupt
increase in pitchlng-moment coefficient with an increase in 1ift coef-
ficient greater than approximately 0.3 at the subsonic Mach numbers
(fig. 16). This instability 1s assoclated with complete separation of
the flow over the tip sections of sweptback wings (reference 12). The
configuration with 450 of sweepback showed the same type of instebility
at lift coefficients greater than epproximately 0.6 at the subsonic Mach
numbers, but the severity of the unstable changes was less than that for
the configuration with 60° of sweepback (fig. 16). The configuration with
35° of sweepback also appeared to be charscterized by this same type of
ingtability but to a lesser extent and at higher 1ift coefficients than
the configuration with 45° of sweepback. No unstable changes of this
type occurred in pitching-moment coefficient for the unswept configuration.

The variation with Mach number of the pitching-moment-curve slope
paremeter BCm/BCL is shown et two lift_coefficients in figure 17.

The nonlinearity of the varistion of pitching-moment ceefficient wlth
1ift coefficient (fig. 16) curtails the usefulness of data defining the
pitching-moment characteristics in terms of the slope parameter
Cy/oCr. The data of figure 17 illustrate, however, the general com-

pressibility effects on the slope parameter BCm/BCL for the 1lift coef-

ficients shown, and indicste a general rearward movement of the aerody-
namic center at high speeds for all angles of sveepback.

—
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Downwash and Total-Pressure Surveys

Data on point downwash angles are given in figure 18 and on wake
shapes in figures 19 and 20, The data on downwash angles presented
herein are uncorrected for sting Interference. As pointed out previ-
ously in the section entitled "CORRECTIONS AND PRECISION," the effect of
sting interference on downwash angle is indicated to be appreciable at
subsonic Mach numbers. -

The flow in the region of the lowest yaw tube (0.125 wing semispan
above chord plane of wing) on the inboard rake was affected to a large
extent by the presence of the fuselage alone at angles of sttack greater
then 4°, as shown by the downwash data (fig. 18(a)) and the total-
pressure data (figs. 19(b) and 19(d)). There was a negative downwash,
or upwash, in the region of the lowest yaw tube on the inboard rake at
engles of attack in the approximste angle-of-attack range from 4° to 12°
for the fuselage-alone configuration. The downwash was positive In the
reglon of the middle and uppermost yaw tubes on the inboard rake for
the fuselage-alone configuration. The downwash at the outboard rake was
only moderately affected by the presence of the fuselage alone, and the
slope de/dm was generally negative throughout the angle-of-sttack
range (fig.18(b)). The fuselage-alone configuration had essentially no
effect on the total pressure at the outbosrd rake (fig. 20).

For the wing-fuselage configurations, the downwesh-angle variations
in the vicinity of the lowest yaw tube on the inboard rake were gener-
ally very irregular at the higher angles of.attack at subsonic Mach
numbers and throughout the angle-of-attack range at a Mach number of 1. 2
(fig. 18(a)) and the total-pressure losses were large (fig. 19). The _
downwash for the wing-fuselage configurations varied more regularly wilth
angle of attack in the region of the middle_and uppermost yaw tubes on
the inboard rake and in the region of all yaw tubes on the outboard rake
than in the region of the lowest yaw tube on the inboard rake
(figs. 18(a) and 18(b)). The downwash and total-pressure data for the
outboard reke (figs. 18(b) and 20) are more indicative of the influence
of the wing on the flow than the corresponding dete for the Iinboard rake
which were also affected by the modification of the .flow by the fuselage.
In general, the mean rate' of change of downWash angle with angle of
attack for the wing-fuselage conflgurations decreased wlth an increase
in sweep angle. ZExceptions to this statement occurred mainly where the
flow wes strongly influenced by the. presence of the fuselage and for a
sweepback engle of 60° at a Mach number of 1.2. = -

The extent of the wake above the chord plane of the wing was much
greater for the wing-fuselage configurationmyith unswept wing than for

the conflgurations with sweepback angles of 35°, 45°, and 60° (figs. 19
and 20). The megnitude of the total-pressure losses a8 obtalned in

ey r—
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these tests was also usually greatest for the unswept configuration. A
few exceptlons to this statement were noted. For angles of attack less
than 8° there was smell difference in the upper extent of the wake at

both rakes for the configurations with sweepback angles of 350, 450, and
60°. At sngles of attack greater than 8° the configuration with a sweep-
back angle of 35° showed a greater wake extent at the outboard rake than
the configurations with higher sweepback angle. This was also true in
some but not all instances for the inboard rake. The maximum loss in
total pressure was not obtained in many cases, so that there was appreci-
able variation as regards maximum measured loss with change in sweep angle.

Base-Pressure Coefficient

The base-pressure coefficient generally increased with an increase
in Mach number at subsonic speeds for ell the wing-fuselage configura-
tions and for the fuselsge alone (fig. 21). At an angle of attack of
120, however, the base-pressure coefficient for the unswept configura-
tion decreased with Mach number. At a Mach number of 1.2 the base-
pressure coefficient was generally somewhat less than at the highest
subsonic test Mach numbers.

At subsonic speeds sweepback angle had relatively small effect on
the base-pressure coefficient except at the highest angles of attack
where sweepback angles in the vicinity of zero sweep caused & decrease
in the base-pressure coefficient., At a Mach number of 1.2, increasing
the sweepback angle resulted first in a decrease in base-pressure coef-
ficient and then in an increase in base-pressure coefficient.

CONCIUSIONS

An investigation was made in the langley 8-foot high-speed tunnel
of the effects of wing sweepback angle (0°, 350, 450, and 60°) on the
characteristics of a wing-fuselege configuration without tail surfaces.
Lift, drag, and pitching-moment coefficients were obtained. Downwash
and ‘total-pressure surveys at two spanwise statlons were made in the
region of a probable tall location. All the wings had NACA 65A006 air-
Toll sections parallel to the model plane of symmetry, an area of
1 square foot, an aspect ratio of L4, and a taper ratio of 0.6. The
tests were made at subsonlc Mach numbers up to approximately 0.95 and
at one supersonic Mach number of 1.2. The Reynolds number based on the
mean aerodynamic chord was 2 X 10°© at the maximum subsonic speed. The
following conclusions are indicated:

1. An increase in sweepback angle reduced the adverse compressi-
bility effects on 1lift, drag, pitching moment, and meximum lift-drag
ratio.

e e
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2. At Mach numbers from approximately 0.88 to 0.95, the maximum
lift-drag ratio increased with an increase in sweepback angle up to L45°

and then decreased between sweep angles of 450 and 609, At a Mach - o
number of 1.2 the maximum lift-drag ratlo increased with an increase tg T

sweepback angle up to the maximum sweep angle of 60°. - o

3. Abrupt, unstable changes in pitching-moment coefficients, which
are assoclated with complete sepsration of the flow over the tip sections
of sweptback wings, occurred with an increase in 1ift coefficient at sub-

sonic Mach numbersg for sweepback angles of 35°, 459, and 60°. An increase
in sweepback angle increased the severity of the unstaeble changes and _

reduced the 1i1ft coefficlent at which these changes began.

4., In general, the mean rate of change Jf downwash angle with
angle of attack decreased with an increase in sweepback angle. Excep-
tions to this statement occurred malnly where the flow was strongly h
influenced by the presence of the fuselage and for a sweepback angle of
60° at a Mach number of 1.2.

5. The upper extent of the wake sbove the chord plane of the wing
and the magnitude of the total-pressure losses were much greater for an
engle of sweepback of 0° than for angles of sweepback of 35°, 45°, and
600, At moderate sngles of attack there was little difference in the
upper extent of the wake for angles of sweepback of 35°, 45°, and 60°.

Langley Aeronautical Laboratory
National Advisory Committee for Aeronsutics
langley Field, Va.
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Figure 1l.- Method of model installation in Langley 8-foot high-speed
tunnel for present tests.
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Figure k.- Location of rakes used for downwash and total-pressure surveys.
All dimensions ere in inches.
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Figure 6.- Variation of 1lift coefficient with Mach number at various angles
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Figure 15.- Variation of pitching-moment coefficient with Mach number
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Figure 19.- Wake measurements 1.225 wing semispans behind 25-percent point
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