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RESEARCH MEMORANDUM

FUSELAGE PRESSURES MEASURED ON THE BELL X-1 RESEARCH
ATRPTANE IN TRANSONIC FLIGHT

By Ronald J. ¥Knapp, Gereth H. Jordan,
and Wallace E. Johnson

SUMMARY

Pressure-distribution measurements have been made on the fuselage
of the Bell X-1 research airplane. Data are presented for angles of
attack from 2° to 8° during pull-ups at Mach numbers of about 0.78, 0.85,
0.88, and 1.02.

The results of the investigation indicated that & large portion of
the load carried by the fuselage was in the vieinity of the wing and may
be attributed to wing-to-fuselage carryover. The presence of the wing
from the 41 to 60 percent fuselage stations influenced the fuselsge pres-
sures from about 30 to 65 percent fuselage length at Mach numbers of
approximately 0.78, 0.85, and 0.88, and from about 35 to 80 percent
fuselage length &t & Mach number of epproximately 1.02.

The fuselage contributed ebout 20 percent of the total alrplane
normal-force coefficient. The center of pressure of the fuselage load
throughout the tests was located from 41 to 51 percent fuselage length,
which corresponds to the forward half of the wing root-chord location.

INTRODUCTICN

The NACA High-Speed Flight Research Station at Edwards Air Force
Base, Callf., haes conducted a series of flight tests in the subsonic and
transonic speed range on the Bell X-1 research alrplane for the measure-
ment of wing and fuselage pressure distributions. An enalysls of the
wing-section pressure distributions obtained &t various spanwise stations
on this airplane is given in reference 1. The spanwise wing-load distri-
butions including some wing-to-fuselage carryover data are presented in
reference 2. An analysis of the pressures measured on the base and rear
portion of the fuselage at transonic speeds, including Jet effects of the
rocket engine, is presented in reference 3.
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The purpose of this paper is to present an analysls of the pressure-
distribution data obtalned on the fuselage of thils ailrplane along six
longitudinsel rows. The data were obtained during pull-ups to high 1lift
(power-off condition) at Mach numbers of approximately 0.78, 0.85, 0.88,
and 1,02 at altitudes from about 22,000 feet at the lower Mach numbers
to 48,000 feet at the higher Mach numbers.

SYMBOIS
CmF fuselage pltching-moment coefficient about fuselage zero sta-
tion, =L Xz Cn d(z)
RJg LR L
CNA airplane normal-force coefficlent based on wing ares, nW/ as
CNF fuselage normel-force coefficlent based on maximum fuselsge

1
cross-sectional ares, z f = Cn d(-’-{-)

1
fuselage station normal-force coefficient, 2 f Pr d(%)
0

n
fuselage length, 31 ft

M free-stream Mach number

n normal-~losed factor

P pressure coefficlent, f__'q_l_’_g

Pp resultant preasure coefficient, Pr, - Py

P local static pressure, 1b/sq £t

Po free-stream static pressure, 1b/sq ft
free-stream dynemic pressure, 1b/sq ft

R meximum fuselage radius, 2.20 ft

r locel fuselage radius, £t
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S wing ares, including area projected through fuselsge,
130 sq £t

W airplane weight, 1b

X longitudinal fuselage coordinste, £t

Y laterel fuselage coordinate, r cos 8, ft

@ fuselage angle of attack, deg

e angular fuselage coordinate (fig. 3), deg

Subscripts:

L lower half of fuselage

u upper half of fuselage

er eritical (velue for which the local flow becomes sonic)

max meximm

DESCRIPTION OF AIRPIANE

The Bell X-1 rocket-propelled reseerch alrplane used in these tests
and the general oversll dimensions are shown in the photogrsph and
three~-view drawing presented as figures 1 and 2, respectively.

The airplene fuselage is a sharp-nosed modified bedy of revolution
having a fineness ratio of 6.8, with the maximum diameter located at
about 39 percent of the fuselasge lengbth. A line through the centers of
the various fuselage sections sweeps upweard gradually from the T9-percent
station to the fuselage base, where it is 5.5 inches &bove the center
line of the airplene. The circular cross section of the fuselege is
modified rearweard of the T9-percent station, tapering gradually to a
cloverleaf - ghaped section at the fuselage base tc accommodate the
four-nozzled rocket engine. TIn order to accommodate the control rods,
plumbing, and wiring, dorsal and ventrel fairings were added to the
fuselage as shown in figures 1 to 3. For purpose of integration of pres-
gures over the body, the fuselage 1s treated as a simple body of revolu-
tion, the coordinates of which are given in figure 3.

The airplane had a 1lO-percent-thick wing (modified NACA 65-110 sir-
foil section) with an aspect ratio of 6, taper ratio of 0.5, washout of
1°, and was unswept at the LO-percent-chord line. The wing was mounted

iR
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approximately on the center line of the fuselsge with an Incidence at
the root of 2.5° with respect to the center line. The wing leading end
trailing edges at the wing-panel root were located at about 41 and

60 percent of the fuselage length, respectively.

INSTRUMENTATTON AND DATA REDUCTION

Standerd NACA instrumentation was used to measure all fuselage sur-
face pressures (using two NACA 60-cell recording flight manometers),
normel acceleration, and angles of attack and sideslip. Indicated free-
stream static and dynamiec pressures were measured with an NACA high-speed
pltot-static tube. All records were synchronized by a common timer,
Mach number and free-stream static pressure were obtained from the indi-
cated free-stream static and dynemic pressures by the radar tracking
method of reference 4. The total pressure tube was of the cylindrical-
cavity type described as tube A-6 in reference 5. This tube was used
because of 1ts insensitiveness to angle of atteck. The static vents
were located 0.6 maximum fuselage dismeter ahead of the fuselage nose.
All surface pressures were measured relative to the pressure In the
instrument compartment. The instrument compartment pressure was meas-
ured relative to the indicated free-stream static pressure, which was
corrected to the true free-stream static pressure as described.

Fuselage surface pressures were obtalned over the left side of the
fuselage from 1/8-inch-diasmeter flush-type orifices installed in the
surface. The locations of the orifices are glven In figure 3. The
orifices were connected to the ingtrument compartment by 5/52-inch
inside~diameter aluminum tubing. The length of aluminum tubing varied
from about 2 feet et the center section to sbout 17 feet at the extreme
forward and reerwerd stations. Approximately 3 feet of 3/16-inch inside-
dismeter rubber tubing was used to conneet each aluminum tube to the
manometer cell, The effects of lag in the measurement of surface pres-
sures have been neglected inasmich as these effects have been found to
be insignificant at the rates at which pressures were changing during
these tests.

The fuselage-section pressure-dlstribution plots were mechanically
Integrated around the fuselage to cbtain station normal-force coefficients,
which were used to construct longitudinal load-distribution plots. These
plots were mechanicelly Integrated to obtain fuselage normal-force coef-
ficients CNF "and piltching-moment coefficlents CmF from which center-

of-pressure locatlons were obtalned. The data were worked up for smell
increments of CNA' Interpoletions between these values have been deemed

alloweble and have been used to cbtain the date at angles of attack of 2°,
40, 6°, and 8°,

SR
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TESTS

The date presented were obtalned Guring pull-ups to high 1ift
(power-off condition) at Mech numbers of about 0.78, 0.85, 0.88, and
1.02. Each of the pull-upe was msde at a nearly constant Mach number
except the pull-up at M = 1.02, vhich varied from M = 1.11 =at low
1ift to M= 0.96 at high 1ift. The altitude varied from ebout
22,000 feet at the lower Mach numbers to 48,000 feet at the higher Mach
numbers. Sideslip angles were small (¥1°) for all data presented.

ACCURACY

Estimates based on the accuracy of the recording instruments and
methods of callbration indicate that the measured quantities are accu-
rate to within the following Jimits:

M € 6 e e e & ¥ & & & & & s 4+ - s & ¥ g & w6 s & & & & & & 2 » = iO-Ol
P @ ® e ® & & ® O a4 ® o & ¢ - s @& g &€ g ® 3 S & © o & « o V B s io. 03
(I., d-es e @ ® & ¢ @& @& e &6 a2 & & S 3 © 3 ® & & & ¢ & & s s & 8 s = io.s

Estimates, based on the accuracies of the measured quantities,
integrative methods, and the coverage of the test date indicate that
the integrated quantities are asccurate to within the following limits:

Cp » o o o s s e s s s s s s s s s s s e e w e e e e e e e s £0.05
CNF...............................:!:0.05

Center of pressure, percent . « « « « s o ¢« 2 ¢« o s« = o s s ¢ o o 12

RESULTS AND DISCUSSION

Pressure Distribution

The pressure distributions obtained along the fuselage of the
Bell X-1 research airplsne sre shown in figure 4 for angles of attasck
from 2° to 8°. For sn indication of the approximate airplane normal-
force coefflcient corresponding to the angles of attack, figure 5 i1s
presented,

At an sngle of attack of 2° (fig. k(a)) the pressure distributions
gre simllar in shape and magnitude throughout the Mach number range
tested and similar for all fuselsge rows (upper and lower) except in
the region influenced by the wing pressures. An exception to this
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similarity of the pressure distributions along 211 orifice rows occurred
at the forward end of the dorsal and ventral fairings (about 17.5 per-
cent fuselage length) where the surface discontinuity caused the
increased pressures seen on rows A and F,

The effect of varying the angle of attack from 2° to 8° (fig. 4(a)
to 4(d)) was small forward of the region of wing influence and negligible
rearward of this region. The pressure distributions show that forward of
the reglon of wing influence there was & pressure varilation with radial
poslition, which increased gradually around the fuselage from the top
(row A) to the bottom (row F). This effect increased with an increase
in angle of attack from 2° to 8°.

The presence of the wing from 41 to 60 percent fuselage length
influenced the fuselage pressures from sbout 30 to 65 percent fuselage
length at M =~ 0.78, 0.85, and 0.88, and from about 35 to 80 percent
fuselage length at the low supersonic Mach numbers tested. The pres-
sure distributions along fuselage rows D and C between the leading and
trailing edges of the extended wing, in genersl, show a similarity to
those presented in reference 1 for the wing-root station throughout the
Mach number and angle-of-attack range of these tests. Near the leading
edge, however, the lower-surface stagnation and the upper-surface expan-
sion were somewhat diminished on fuselage rows D and C. The fuselage
rows nearer the airplane center line had pressure distributions with
less similarity than those at rows D and C. A comparison indicating
similer results are shown in reference 2 which used differential-pressure
distributions along the wing-panel root station and those obtained along
the fuselage rows in the aree between the extended leading and tralling
edges of the wing. The differential pressures, in genersl, became smaller
as the center line of the airplane was approached.

For angles of attack from 2° to 8° (fig. %) the pressure recovery
that is epparent forward of the wing leading-edge position on rows D
and C mey be attributed to the positive pressure field assoclated with
the wing leading-edge stagnation point. At all Mach numbers of the
tests, the expansion along these rows, following the positive pressure
reglon near the wing leading edge, may be accounted for by a pressure
carryover from the expanded flow reglions on the upper or lower surfaces
of the wing.

A rapid pressure recovery is seen to occur on row C between 45 and
55 percent fuselage length at Mach mumbers of about 0.78, 0.85, end 0.88
at angles of attack from 2° to 8° (fig. 4). The locations of these
pressure-recovery reglons were found In the comparison of reference 2
to be sbout the same as those on the wing-panel root station (due to
the upper-wing-surface shock); this effect Indicates a carryover of the
wing shock to the fuselage in this region. For the pull-up at M =~ 1,02,
the wing shock is located near the tralling edge throughout the 1ift
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range, which sccounts for the pressure recovery of row C being located
near the wing trailing-edge location (fig. 4). As the center line of
the airplane was spproached, the pressure recovery became less steep and
the shock locatlon consequently less well-defined.

Normel Ioad

The longitudinal losd distributions as obtained from the pressure
distributions are shown in figure 6. It may be seen that, just as in
the case of the pressure distrlbutions, the loading did not vary appreci-
ebly with Mach number except In the reglon of wing influence. Also, only
a small angle-of-attack effect may be seen on the loading in the reglons
not influenced by the wing. In these regions the loading parameter was
small at all conditions of the tests.

Within the region where the fuselage pressure distributions were
influenced by the wing there was a greatly lncreased loading, end there
were significant Mach number and angle-~of-attack effects on this loading.
For a given angle of attack the peak value of loeding parameter was
largest at M =~ 0.78 and became successively smaller with an increase
in Mach number. The peak became broader with an increasse in Mach num-
ber, which partiaslly compensated for this lower pesk loading In contrib-
uting to the total load. TFigure 6 shows an increased loading in this
region of wing influence with an increase in angle of attack from 2° to
8° at all Mach numbers. It masy be seen In these loadings that the influ-
ence of the wing accounts for & large portion of the fuselage load.

Figure 7 shows the approximate contribution of the fuselage load to
the total airplane load (CNA = 0.30 to 0.70), along with the contribution

of the wing panels (from ref. 2), and of the wing-fuselage combination.
The fuselage iz seen to carry close to 20 percent of the total airplane
load throughout the Mach number range of the tests. The small deviation
that occurred at Mach numbers from about 0.78 to 0.96 is believed to be
assoclated with the change in angle of attack necessary to meintain =a
glven CNA throughout the Mach number range. Teil loads were not meas-

ured on this airplane; however, it is expected that they would account
for the deviation of the "wing and fuselage” curve from the 100-percent

The varistion of fuselage normal-force coefficient CNF wilth angle

of attack (fig. 8) shows that for Mach mmbers of 0.78 to 0.88, the 1ift
curves were essentially linear to values of CNF of around 1.0. It is

indicated that at Mach numbers of 0.96 and sbove the 1ift curves are
linear to & higher angle of attack. There was no gpprecisble change in
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lift-curve slope below CNF =~ 1.0 throughout the Mach number range

tested., The high-speed pull-up with M = 1,02, because of a large change
in Mach number, has been shown in this figure as two maneuvers at Mach
numbers of approximately 1.05 and 0.96.

The approximate longlitudinal fuselage center-of-pressure locatlon
is shown in figure 9. At s Mach number of approximately 0.78 a forward
shift from 51 to 42 percent fuselage length occurred with an increase
of CNF from approximately O.4 to 1l.1l. At a Mach number of about 0.85,

& similar center-of-pressure shift occurred; however, the low-1ift center
of pressure may be seen to be slightly rearward of that at M = 0.78.

For M = 0.88, the center of pressure had only a small change throughout
the 1ift range tested, shifting rearward from sbout 41 to 43 percent as
CNF varied from about 0.7 to beyond 1.1. Similerly, there was only =a

small change in center of pressure during the pull-up in which the Mach
number sveraged 1.02 (shown es two parts at M=~ 0.96 and M= 1.05),
vhere e variation from sbout 47 to 43 percent of fuselage length occurred
in the CNF range from sbout 0.5 to 1.9. As may be seen from figure 6,

these trends result from the fact that at the lower Mach numbers the
loading in the region of wing influence and the loading on the forward
part of the fuselage, relative to that over the rear part, each tend to
move the center of pressure forward with inecreasing angle of attack,
whereas at the higher Mach numbers they tend to cancel and, therefore,
reduce the center-of-pressure movement.

CONCLUSIONS

Results of pressure-distribution measurements on the fuselage of
the Bell X-1 research airplane during pull-ups at angles of attack from
2% to 8° end Mech numbers of about 0.78, 0.85, 0.88, and 1.02 indicate
the following conclusions:

1. A large portion of the load carrled by the fuselage was 1in the
vicinity of the wing and may be atiributed to wing-to-fuselsge carryover.

2. The presence of the wing from the 41 to 60 percent fuselage sta-
tions influenced the fuselage pressures from about 30 to 65 percent
fuselage length at Mach mmbers of 0.78, 0.85, and 0.88, and from about
35 to 80 percent fuselage length at a Mach number of 1.02.

3. The fuselage contributed about 20 percent of the total airplane
normal-force coefficient.



2E

NACA RM I53I15 SRS 9

k. At Mach numbers of about 0.78 and 0.85, there was a definite for-

ward center-of-pressure movement with an incresse in fuselage normal-
force coefficient. At the higher Mach mubers of the tests, the center-
of -presgure movement wlth increesing load wes small. Throughout these
tests the center of pressure was located between sbout 41 and 51 percent
fuselage length, which corresponds to the forward half of the wing root-
chord location.

Langley Aeronsutiecal Lsboratory,

Netlonal Advisory Committee for Aeronauties,
langley Field, Va., August 26, 1953.
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Figure 1.~ Overhead side view of Bell X-1 airplane,
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Figure 2.~ Three-view drawing of Bell X-1 ailrplane.
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Row A

r
Section A - A (representative)

A

- — - e

UU. LA«HHHIH HH ’l

o 12
3 5 23 25 27 29
Station number
Station
number x/L /R 9, deg
Row A | Row B | Row C Row D | Row E Row F
% 0.0 g O.Zgg -;6 zg .5 ;i-o - -gg. -gg
3 3% ‘5953 - | 2| A | 2 | -s0.5 | %0
g <179 .807 90 —-— — —-— — —
6 <210 895 - - -— -—— —— -
g «259 960 90 47,8 20.0 | -19.8 | -49.8 =90
0322 . 90 l“?og 20.1 - -l"‘7. 5 -90
9 .287 1.000 90 L7, 20.8 =19.7 :tg.l -90
10 419 99 90 49,2 20. =-19.1 2 =90
11 &35 .99 90 49,0 20.4 | 29,1 | -47.6 ~90
12 -l'f53 . m 07 2001 -1 ¢8 "x."?ol -90
1 ."*71 L 90 k902 20-2 -18 -l.‘708 —90
1 1495 «981 90 49,6 20.% | «13. 46,5 ———
15 <516 <97k 90 49.6 20.3 | -19.0 | -48.7 =90
16 L 526 L 5 ” 51.0 20.3 -19. -l+8.0 -
1 «582 +910 a0 52.2 21. -19, 48,2 «90
1l .61k +873 — — 22.4k | =20, -48.3 ———
19 - 646 <833 — 52,4 23.8 | -19.7 | -48.2 -90
20 709 «735 | --- 55.8 | 25.8 | =-- -48.3 | -90
21 o« 7U2 «70% — -— -— —— — ———
22 . .638 — 60.1 29.2 ——— 49,9 =90
2 . .57 — 57,2 _— —— - —
2 «841 «531 — 59.0 20.0 —-— 47,8 =90
25 871 87 -— 55.6 -— — ——— -—
26 <901 .kag -—- 573 9.0 | === :'{3'5 -90
23 «932 «37 — 1.0 -—— — N —
2 .968 .323 ——— 58.0 —-— -— k4.0 —-——
29 «984 2 —— zg.o — -— -k5,0 -——
30 993 .2 - 7.0 — -— -57.0 —-—

Figure 3.- Fuselsge coordinates and locations of pressure meésuring orifices.
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with Mach nunber for various angles of attack.
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Figure 6.- Mach number effects on the longitudinal fuselsge load
distribution. a = 2° to &°.
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Figure 8.- Variation with angle of attack of fuselage normal-force
coefficient. :
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Flgure 9.- Fuselage center-of-pressure variatlion with fuselage normal-

force coefficilent.
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