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SUMMARY 

A method  has  been  developed  for  modifying a rocket  motor  so  that 
its  exhaust  characteristics  simulate  those  of a turbojet  engine.  The 
analysis  necessary  to  the  design  is  presented  along  with  tests  from 
which  the  designs  are  evaluated.  Simulation  was  found  to  be  best  if 
the  exhaust  characteristics  to  be  duplicated  were  those  of a turbojet 
engine  at  high  altitudes  and  with  the  afterburner  operative. 

INTRODUCTION 

Propulsive  jets  issuing  from  turbojet  engines  that  power o w  
present-day  high-speed  aircraft  can  have  an  appreciable  interference 
effect  on  the  external  aerodynamics  of  aircraft  configurations. Some 
effects of propulsive  jets  on  base  and  boattail  pressure  drags,  on 
wing or tail  surfaces  located  in  the  immediate  vicinity  of  the  jet, 
and  on  configuration  trim  characteristics  have  been  reported  in  previous 
research  work  and  may  be  found  in  references 1 to 3.  

The  Langley  Pilotless  Aircraft  Research  Division  has  been  con- 
ducting  an  investigation  of  propulsive  jet  interference  effects  on 
aerodynamic  research  models  designed  to  simulate  turbojet-powered 
aircraft.  In  order  to  be  able  to  evaluate  jet  interference on 
research  models,  it  was  necessary  to  devise a means  of  simulating 
the  turbojet  exhaust  characteristics. 

Inasmuch  as  it is standard  practice  at  PARD  to  use  solid-propellant 
rocket  motors  to  propel  free.-flight  models,  there  is  considerable 
advantage  to  be  gained  by  adapting  these  motors  to  provide  turbojet 
exhaust  simulation as well  as  propulsion. 
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As rocket  motors  operate  at  much  higher  total  pressures  than 
turbojet  exhaust  total  pressures,'a means of  throttling  the  rocket 
total  pressures  had  to  be  developed.  The  temperature  of  the  rocket 
exhaust  and  temperature  of  turbojet  exhaust  with  afterburner  on  are 
close  enough  to  present no problem  here. 

This  report  advances a technique  for  analyzing,  proportioning, and 
a means of  simulating  the  essential  turbojet  exhaust  characteristics. 
These  essential  characteristics  are  expressed  in  the  parameters  jet 
thrust,  jet  weight  flow,  and  jet  total  pressure  ratios, and are yj/yo, 

PjPO, M j A ,  and 4". 
Five  turbojet  simulators  with  different  requirements  have  been 

designed  and  successfully  tested.  The  results  are  compared  herein  with 
the  initial  design  values.  Static  testing  necessary  to  evaluate  per- 
formance  of  these  five  units m s  conducted  at  the  Langley  rocket  test 
cell. 

SYMBOLS 

A 

C 

CF 

*/a 

F 

Fn 

g 

H 

M 

n 

P 

area,  in. 

propellant  burning  rate  coefficient 

thrust  coefficient, Fj/&,A, 

fuel  air  ratio 

thrust,  lb 

net  thrust, lb 

acceleration  due  to  gravity, 32 .2  ft/sec 

total  pressure, lb/sq in.  abs 

Mach  number 

2 

2 

propellant  burning  rate  exponent 

static  pressure,  lb/sq  in.  abs 

dynamic  pressure, -, rp@ lb,/sq  in.  abs 
2 9 
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Subscripts : 

rocket  propellant  burning  rate,  in./sec 

gas  constant,  ft-lb is% 
rocket  propellant  burning  surface,  in. 2 

static  temperature, OR 

total  temperature, OR 

velocity,  ft/sec 

weight  flow,  lb/sec 

ratio  of  specific  heats,  cp/cv 

density,  lb/in.3 

rocket  combustion  cha.uiber 

jet  exit 

free  stream 

rocket  throat 

ANALYSIS AND DESIGN 

The  primary  parameters  to  be  considered  in  the  design of a turbo- 
jet  simulator  are  the  jet  thrust,  the  jet  weight  flow  relative  to  the 
free-stream  weight flow, and  the  jet  total  pressure  relative  to  the 
free-stream  static  pressure.  Consideration  of  these  parameters  is 
necessarily  based  upon  the  turbojet  operating  and  altitude  character- 
istics  to  be  simulated  and  the  scale  to  be  used.  In  general,  the 
simulator  will  not  be  used  at  the  same  altitude  as  the  full-scale 
turbojet.  Thus,  the  simulator  requirements  are  obtained  by  propor- 
tioning  the  full-scale  engine  characteristics  according  to  the  differ- 
ences  in  altitude  and size. 

Simulation  of  the  jet  thrust  is  obtained  from  the  jet  thrust  coeffi- 
cient,  defined  by - .  

. 
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where 

or 

and 

Substituting  equations  (2a)  and (3) into  equation (1) yields 
, .  

Thus, if  the  scale  model  is  to  be  tested  at  the  same  Mach  number 
as  the  full-scale  configuration,  simulation  of  the  thrust  then  depends 
solely  on  the  duplication  of  propulsive  jet  ratio  of  specific  heats rj, ; ,  
the  jet-  static-pressure  ratio  pj/p0,  and  the  jet hch number  Mj. 

Simulation  of  the  weight  flow  characteristics  is  obtained  from  the 
ratio  of  the  jet  weight  flow  to a representative  free-stream  weight 
flow. In equation f om,  this  ratio is P t  j '  

or 

I 

Simulation  of  the  jet  weight  flow  characteristics  is  then  subject  to  the i 
same parameters  as  the  thrust,  with  the  addition  of  the  free  stream  to 
jet  velocity  ratio.  The  additional  requirement  that  this  condition 
imposes is that (Rt)j  be  proportional  to  the  full-scale  engine; 
that is, i 

I, 

I 
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The c r i t e r i a  of j e t  total-pressure  ratio (Hj/po) ra i ses  no new 
requirements as t h e   j e t  Mach number and r a t i o  of specific  heats,  and 
the j e t  static-pressure  ratio  (pj/po) are already  requirements  for 
simulation. 

Thus, use of a small rocket motor operating t o  simulate a f u l l -  
scale  turbojet  engine depends upon obtaining  exhaust  parameters  7j/70, 

Pj/Po, Mj/"a,  and @- equal  to  those of the  full-scale  turbo- 
j e t  exhaust, i f  the flight Mach  number of the  rocket motor i s  the same 
as tha t  of the  turbo j e t  engine. 

Characterist ically,  a rocket motor operates a t  a h igh   to ta l  
pressure and with a small th roa t   re la t ive   to  a turbojet  engine. The 
exhaust  gas  temperature i s  also  higher  but i s  close enough t o  an after- 
burner  exhaust t o  be l ived  with as the  free-stream temperature a t  i t s  
lower test  a l t i t ude  i s  higher  than  that of the  ful l -scale   turbojet .  
The r a t i o  of specif ic   heats  and the  gas  constant  for  the two exhausts 
w i l l  also  vary some, depending on the  particular  propellant  to  be used. 
The main requirement  then i s  to  dissipate  the  high  pressure of the 
rocket  exhaust and increase i t s  choking area. Both of these aims may 
be  accomplished  by  exhausting  the  rocket  gases  through a double-throat 
nozzle  instead of the  usual  single  throat. . 

As may be gathered from the above discussion,  closest  simulation 
of the  turbojet  exhaust  characteristics  occurs  for a turbojet  operating 
with  afterburner on a t  high  alt i tudes.  

Design of the  rocket motor and simulator i s  then  accomplished by 
the  simultaneous  solution of the rocket   ba l l i s t ic  and one-dimensional 
channel  flow  equations. The weight  flow from the  rocket motor operating 
a t  equilibrium  conditions is given by 

where 

>\\ r = cH, n 

Thus, 

$ = cHC Sp n 

Choice of a rocket motor, e i t he r  as manufactured o r  modified t o  meet 
space  requirements, fixes a l l  the  parameters  except  combustion chamber 
pressure. Thus, the combustion chamber pressure  necessary  to produce 
the  required w e i g h t  flow is ' given by 
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H, (&)l/n 

The throat  area  necessary  to produce the  required combustion chamber 
pressure and s t i l l  yield  the  desired  je t   to ta l   pressure and ex i t   a r ea  
may be obtained from considering  the  conservation of mass between the 
two choking areas. 

(pAv)t = ( ~Av) j 

or 

Inasmuch as  it was assumed that   there  was no hea t   t ransfer   to   the  
simulator  walls and because M. = $ = 1.0, J 

thus,  equation (10) becomes 

P j  
A t = p t A j  

or  

where 

The physical dimensions of the plenum  chamber may be  determined 
from  a one-dimensional  flow  analysis between the choking s ta t ions.  If 
a  normal  shock i s  assumed to   s tand  in   the plenum chamber, the Mach 
number necessary  to  give  the  desired  total-pressure loss and hence the 
area  necessary  to  give  the needed Mach number are  easily  obtained.  In 
practice,  it was found t h a t   t h i s  was the minimum area needed and tha t  
be t t e r   r e su l t s  were obtained  if   the  actual  area was a t   l e a s t  10 percent 
larger  than  that computed. 

A 
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Analysis of the  flow  downstream of the  normal  shock is accomplished 
1 , from  the  continuity  equation  and  the  assumption  of  no  heat loss in  the 

jet. from equation (10) 

where 

v = M \IygRt 

Mt = 1.00 

and x is  any  station  in  the  simulator  downstream of the  normal  shock. 
Theref  ore, 

! 

If no heat loss is assumed, 

I 

so that 

t" 1 

or 
I 

1 

The  static  pressure  at  the  throat  pt  is  computed  from  the  measured 
combustion  chamber  pressure  whereas  px  is  measured  directly. Thus, 
the  Mach  number  and  hence  the  total  pressure  may  be  determined  at  any 
station  downstream  of  the  normal  shock  where a static-pressure  measure- 
ment  is  made.  Flow  parameters  at  the  exit  may be determined  from 
measurements  upstream  of  the  exit  and a one-dimensional  flow  analysis. 

I 

I 
1 
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APPAFXCUS AND TESTS 

A typical  turbojet   simulator of the  type tested i s  shown i n  
figure 1. It cons is t s   essent ia l ly  of a combustion chamber, a flow 
control  nozzle, a plenum chamber, and a convergent ex i t   sec t ion .  The 
basic  simulator  tested  uti l ized a modified  3.23-inch a i rc raf t   rocke t  
combustion chamber containing a special ly  machined cordi te  SU/K pro- 
pellant  grain.  Dimensions of the  grain, as w e l l  as those of duct 
cross-sectional  area a t  the  nozzle  throat and je t  e x i t ,  were a l te red  
somewhat f o r   d i f f e r e n t   t e s t s   t o  meet different  simulation  requirements. 

Another simulator  tested  uti l ized  modified JPN propellant.  

The simulator  tests were conducted a t  the Langley rocke t   t es t   ce l l .  
The tes t   se tup  employed is  i l l u s t r a t e d   i n   f i g u r e  2 which shows a typ ica l  
simulator mounted on a thrust   stand and instrumented fo r   t he  measurement 
of pressures a t  the combustion chamber, plenum chamber, and along the 
convergent exi t   sect ion.  

The thrust   s tand  funct ions  in  such a manner t h a t  the deflection of 
a beam proportional  to  the  thrust   exerted is  measured  by e l e c t r i c a l  
s t r a i n  gages  and recorded on a recording  galvanometer.  Pressures  are 
similarly measured  and recorded by using  e lectr ical   pressure  t ransmit ters .  
A timer  incorporated  in  the  recording System provides a time his tory of 
th rus t  and pressure measurements. 

RESULTS AND DISCUSSION 

The de ta i l s  of design of a typical  turbojet  simulator  are  presented 
in  the appendix. Two important  constants  necessary t o   t h e   b a l l i s t i c  
design of the  rocket motor are  the  burning  rate  coefficient c and the 
burning  rate  exponent  n. A t  the  time of these tests, the  available 
data on these two constants were limited and were not  consistent  to  the 
accuracy  desired  in  the  present  tests. Hence, p a r t  of the development 
tests were undertaken for the purpose of determining  these  constants 
over the  desired  pressure  range and to  the  desired  accuracy. 

The burning  rate  is   given by equation (8) as 

r = cHc n 

o r  

lo& r = loge c + n  log, Hc - 
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which i s  a linear  equation of slope n and with log ,  c as an 
intercept.  The data obtained from the  present development tests are  
presented  in  this form i n  figure 3. The range of these data is small 
as it  only  covers  the  range of combustion chamber pressures desired 
i n  ;the present tests. Because of t h i s  small range,  the data may not 
be applicable if extrapolated. Hence, no attempt was  made to   evaluate  
the  burning rate coefficient  c.  Rather,  the  burning rates necessary 
to  the  design of the turbojet  simulator were obtained  directly from 
the data i n  figure 3. 

Since t h i s  work was done, reference 4 has  been  published  containing 
data similar t o   t h a t  of f igure 3 although much  more extensive  in  nature.  
The burning rate exponent n  of the  present tests (0.56) agrees well 
with  that  of the  reference tests (0.54) , although  the  burning rate 
coefficient i s  considerably  different and resul ts   in   higher   burning 
rates a t  a given combustion chamber pressure. This e f f ec t  may be due 
t o  the   fac t   tha t   in   the   re fe rence   t es t s   the   g ra in  was end burning 
whereas it was radial   burning  in  the  present tests. Thus, the  erosion 
effects  on the  grain and the  heat  transfer would be considerably 
different .  

A s  presented above, the  design i s  a straightforward  proposition 
and close  simulation w i l l  always be attained. However, in   p rac t ice  
th i s  may not always be the  case  as i t  i s  possible   to  have a combination 
of parameters  that  cannot be satisfied by the  particular  rocket  charac- 
ter is t ics   ( for   instance,   the  computed  chamber pressure may be  such tha t  
cnuffing,  that i s ,  sporadic  burning may result) .   In  general  though, i t  
i s  possible  to  redesign  the  rocket motor to  el iminate any  such features 
and s t i l l  simulate  the  desired  turbojet  exhaust  characteristics t o  
within  the limits of th i s   repor t .  

In  the  present  case, a turbojet  engine  operating a t  a free-stream 
Mach number of 1.3 and a t  an  a l t i tude of 35,000 feet  i s  t o  be  simulated 
with a l/lO-scale model operating a t  a free-stream Mach number  of 1.3 
and a t  an   a l t i tude  of 3,000 feet.  Results of t h e   s t a t i c   f i r i n g  of t h i s  
simulator are presented in   f i gu re  4. As may be  seen,  the measured 
values of thrust,  weight  flow, and to ta l   p ressure  are very  close  to 
the  design  values. A comparison of the  design and average tes t  values 
i s  given in  the  following  table: 

Quantity percent Average test Design 
Average deviation, Maximum deviation, 

percent 

;j, lb/EeC 4.5 1.6 4.58 4.64 

Hj, lb/.sq in. abs 6. o 2 .1  72.2 n.8 

F j J  Ib 606 620 2.2 6.5 
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The average test  value  in this case is not  the usual one in  rocket 
t e s t  work, that is, the average  value  over the entire  burning time of 
1.67 seconds.  Rather, it is  defined as the average  value  after  the 
in i t i a l   i gn i t i on   su rge  and before  the  tai l-off a t  burnout. This def i -  
n i t ion  is  used  because it is not  the  overall   rocket performance that i s  
of in te res t   bu t  rather the   ab i l i t y   t o   ob ta in  the desired  average  exhaust 
characterist ics  over a period of time. Hence, i n  this case,  the  average 
quantity  value i s  taken from 0.1 second t o  1.56 seconds. The average 
deviations between the  design and test values were small whereas the 
maximum deviation was of the order of three times as large.  Inasmuch as  
turboje t   charac te r i s t ics   a re  themselves somewhat nebulous  unless  obtained 
from tests,  the  differences  involved  are no cause f o r  concern. 

Presented  in figure 5 are typical   p lots  of the pressure and Mach 
number var ia t ions downstream of the plenum chamber. The s ta t ic   pressures  
were measured a t  the  indicated  or i f ices  whereas the Mach  number and 
total-pressure  variations were determined as described  previously. 
Although no measurements were made a t  the ex i t ,  the to ta l   p ressure  was :" 

computed from equation (11) and the Mach number was determined from tha t  
a t  E by correct ing  for   the  differences  in   area.  It was  then  possible 
t o  compute the   s ta t ic   p ressure  a t  the   ex i t .  The agreement  between the 
total   pressure a t  E and a t  the  exi t ,  and the f a c t  that the  thrust  
computed from the exit  conditions  reproduced  the measured thrust   wel l  
( f ig .  6) lends  credul i ty   to  the assumptions made in  determining  the  exit 
conditions. This r e s u l t  was undoubtedly due t o  the short  burning time ,. 

of '   the  rocket  grain ir. the  present tests. If la rger  units, having 
longer  burning times, were t o  be  used the temperature loss of heat would 
become appreciable and would have t o  be  corrected  for  in  equation (11). 

It i s  evident from the resul tant   total -pressure  var ia t ion that the 
flow in  the  turbojet   simulator is not  as assumed, except  near  the  exit. 
Some distance i s  required  to  straighten  out  the flow after the   th ro t t l ing  
process and this process is undoubtedly  accomplished  over some distance 
rather than a t  one point,   as assumed. Inasmuch as some of the assump- 
t ions made in  the  analysis  are  apparently  invalid  except  near  the  exit ,  
the  exit  conditions,  and hence the  thrust ,  may be computed i n  a flight 
model  by measuring e i ther   the  combustion chamber pressure  or a s t a t i c  
pressure  near  the  exit of the simulator,  preferably  the  latter. 

Other s imuhtors  have  been designed by the procedure  outlined 
previously.  Results from tests of these  installations  are  given i n  
figure 7 and in   t he   t ab l e  on following page. 
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i Model 1; solid  propellant,   cordite SU/K I 

I 

Quantity Design Maximum deviation, Average deviation, Average t e s t  
value percent percent value 

Fj 

5.2  2.5 3.98 3.88 iT 
5.2 1.7 67.1 68.3 
6.5 2.3 534 546 

Hj  

j - A 

Model  2; solid  propellant,   cordite SU/K 

Fj 687 703 2.2 

4.0 2.6 5.20 5.34 c 
3.4 1.9 82.3 
6.4 

H j  83.9 

j 

I Model 3; solid  propellant,   cordite SU/K I 
Fj 

1- 3 3-90 3.93 wj  

!j 

2.3 522 510 6.0 
74.4 4.7 2.1 72.7 

2.6 

Model 4; solid  propellant,  JTN 

Fj 4.4 349 334 11.2 

H j  
G 

10.4 5-5 108.6 113 
j 1.95 2.04 7.8 4.7 

The f i r s t   th ree   s imula tors   l i s ted   in   the   t ab le  were designed  around 
the same rocket motor used i n   t h e   i l l u s t r a t i v e  example discussed 
previously. The differences between the  design and the  average test  
values  are a l l  very similar and sat isfactory.  The fourth model listed, 
however, was designed  around a 3.25-inch a i rc raf t   rocke t  motor.  This 
motor has a JPN propellant  grain molded i n  a cruciform  configuration. 
It i s  not as consis tent   in  performance  or as easy t o  modify as is the 
cordite  grain.  Although the maximum deviat ions  in   the lat ter case  are 
large, the full-scale  turbojet   characterist ics  being  simulated are, i n  
general, computed values  rather  than  test  values; hence, they  are 
probably  not of  any greater accuracy  than  the  worst  simulator results. 

An e f f o r t  was made t o  produce a shorter  simulator and  henct 
decrease  the  weight.  Harever,  apparently  because  the flax never  did 
completely f i l l  the  channel,  the  thrust was very  unsteady in   na ture  and 
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the   ex i t  was  supersonic.  In  order  to remedy th i s   s i t ua t ion ,  a small 
p la te  was welded i n   t h e  plenum chamber normal to   the  center   Une.  The 
flow from the  throat  impinged on th i s   p l a t e  and  produced a strong shock 
which resu l ted   in  a stable flow in  the  convergent  channel  with  sonic 
flow a t  the  exit.  This  shorter  simulator would be bene f i c i a l   i n  a body 
with a highly  convergent  or no afterbody. For most cases, however, the 
models have high-fineness-ratio  afterbodies  and hence the or ig ina l  
design  has  been  used more extensively. 

Although solid-propellant  rocket motors  were  used exclusively  in 
the  present  tests,   this  technique of simulating  turbojet  exhausts can 
be applied  to any in s t a l l a t ion  where the des i r ed   j e t   t o t a l   p re s su re  i s  
appreciably lower  than  the combustion or  reaction chamber pressure. 

The impression may have been  given that  the  design of a turbojet  
simulator from t h e   b a l l i s t i c  data given in   t h i s   r epor t  w i l l  automati- 
cal ly   yield  resul ts   wi thin  the limits stated  previously.  Actually, 
any design  should  be  verified  experimentally as some s l i g h t  changes may 
be advantageous. If the   par t icu lar   ins ta l la t ion  is  s igni f icant ly  
different  physically from that of the  present tests, development t e s t s  
may be  necessary  to  obtain  the same accuracy as was obtained  in  the 
present   tes ts  . 

CONCLUSION 

It has  been  demonstrated.that a rocket motor can be modified t o  
simulate  satisfactorily  the,   exhaust  characterist ics of a turbojet  
engine fo r  use in   f r ee - f l i gh t  aerodynamic research models. Simulation 
was found t o  be bes t  if the  exhaust  characterist ics  to be duplicated were 
those of a turbojet  engine a t  high  alt i tudes and with the afterburner 
operative. 

Langley Aeronautical  Laboratory, 
National Advisory Committee f o r  Aeronautics, 

Langley Field, Va. ,  September 7, 1934. 
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APPENDIX 

ILLUSTRATION OF DESIGN PROCEDURE 

In  order  to  illustrate  the  design  procedure,  suppose it were 
desired  to  simulate a turbojet  engine  operating  at a free-stream Mach 
number of 1.30 and  at  an  altitude of 35,000 feet.  The  operating  char- 
acteristics of such  an  engine  might  be  as  follows: 

Fn = 11,200 lb 7 d-+*??g-dK, 
+a = 130 lb/sec 3 - /  

,& 

" Hj/po = 5.60 

J f/a = 0.065 
b A j  = 785 in. 2 

F 7j = q 
/ 

" . T. = 32000 R 
* J /< 

g- 5- 

The  jet  thrust  coefficient is given  by (,-\ 
/ q J x  

and  is a representative  area. In this  case  the  simulator  is  to 
be a l/lO-scale.model  operating  at a free-stream Elach number of 1.3 
and  at an altitude of 3,000 feet.  Equating  the  thrust  coefficient of 
the  model  and  full-gcale  configuration  yields 

or 



where TJ refers t o  the  full-scale  turbojet  engine and R refers to 
the  rocket  model.  Inasmuch as (b) TJ = (b) R~ 4 J = lmL) and  the 

altitude  pressure ratio is 

Equating  the weight flow ratios yields 

or 

where 

(i..) = Fa) (1 + f/a) = 138.6 lb/sec 
J TJ 

Theref  ore 



and 

A .  = 7.83 in. 2 
J 

These  then  are  the  rocket  requirements  if  it  is  to  simulate  the  given 
turbojet  exhaust  characteristics. 

The  rocket  propellant  used  in  most  of  this  work  was  British  cordite 
SU/K propellant.  It was chosen  principally  because of the  ease  with 
which  it may be  modified. In this  particular  case,  the  propellant was 
modified  to  meet  space  requirements  by  reducing  the  outer  diameter  from 
4.30 to 2.50 inches  and  the  length  from 32.25 to 29.7 inches. The 
resultant  grairn  burning  surface was then 308 inchese. 

The  combustion  chamber  pressure  necessary  to  produce  the  desired 
weight f low is  obtained  from  equation (7) and  figure 3 .  The  burning  rate 
is given  by 

where 

and 

Thus, 

w = 4.64 lb/sec 

s = 308 in.2 

p = 0.057 lb/in.3 

r =  4.64 = 0.264 in./sec 
308 x 0.057 

The  combustion  chamber  obtained  from  figure 3 is  then 400 pounds  per 
square,  inch  gage, or at  the  design  altitude  of 3,000 feet 

H, = 413 lb/sq  in.  abs 

The  area  of  the  throat  is  given  by 
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The area i n   t h e  plenum chamber, needed to  hold a normal  shock, i s  
obtained  by  assuming  one-dimensional  isentropic flow on e i ther   s ide  of 
the normal shock. The change in   to ta l   p ressure   across  a normal  shock 
i s  given by 

where H 1  = He and H2 = Hj. As the  gas  generated from burning  this 
par t icular   propel lant   has   a   ra t io  of specif ic   heats  of 1.25, the Mach 
number in   the  plenum chamber, ahead of the normal  shock,  needed to  
obtain  the  required  pressure change Hc/Hj i s  

The area  necessary t o  produce th i s  Mach number i s  given by 

where 

Thus, 

A* = A t  

The diameter was  then  arbitrari ly  increased  to 4.50 inches  to  insure 
s table  flow a t   t h e   e x i t .  
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Figure 1.- Cross section of typical  turbojet  simulator. 
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Figure 2. - Photographs of t yp ica l  test setup. 
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Figure 3 . -  Burning rate as a function of  combustion chamber pressure. 
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Figure 4.- Comparison between design and test   values of f low parameters. 
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Figure 5.- Variation of pressure and Mach number in turbojet simulator. - 
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turbojet  simulators. 
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