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NATIONAL ADVISORY C- FOR AERONAWICS 

SECTION OF A RECTANGULAR WING HASVNG AN 

By Robert W. Rainey 

An investigation of a rectangular w i n g  with a  subsonic-type round- 
leading-edge a i r fo i l   sec t ion  (NACA 65-009) was made a t  Mach  Inmibere 
of 1.62, 1.93, and 2.40 and a t  a Reynolds nrmiber of about 1.80 x 10 6 . 
The results  obtained indicated good agreement, except  within  the  laminar- 
separated  region on the low-pressure surface of the model, between the 
experimental p resme  d i s t r ibu t ions  and those  calculated by an approxi- 
mate  method. 

The experimental  normal-force  and pitching-moment coefficients 
varied almost l inear ly  with angle of att&ck up t o  the limit of the t e s t s ,  
but  the  corresponding  slopes were l e s s  than  those  for a symmetrical 
circular-arc airfoil of the same thickness ra t io .  The pressure drag of 
the NACA 65-009 a i r f o i l  w a s  considerably greater than that of the 
symmetrical circular-arc   a i r foi l  throughout the range of t ea t  Mach 
nmbers and varied frm 1.4 times greater at a Mach  number of 1.62 to 2.1 
times greater a t  a Mach number of 2.40. . 

Rocket flight tests a t  traneonic and moderate supersonic speeds 
have indicated the z e r o - l i f t  drag of a dng having XACA 65-009 a i r f o i l  
sections to be lower than that of a wing having circular-arc  sections 
and the same thiclmess ratio (reference 1). This result was obtahed 
for Mach numbers f r a m  just below one t o  about M = 1 . 3  and the nraxirmrm 
difference in drag occurred a t  M = 1, thie  difference  decreasing t o  - 

about zero a t  M = 1.3. It was thus  indicated  that a i r f o i l  sections 
having round leading edgea might be desirable f o r  flight near M = 1. 
A t  higher  supersonic speeds, it i s  f a i r l y  obvious that the drag of the 
round-leading-edge section would  be greater; however, l i t t l e  d a t a  are 
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available  to  assess  the magnitude of the  increase, and only adempirical 
means  exist f o r  estimating  the  pressures-over  the  round-leadlng-edge . 
section.  The  present  investigation was therefore  made to provide data 
on the pre~suree about a round-leading-edge  section a t  higher  supersonic 
speed8 so that  quantitative drag values could be  obtained,  and experi- 
mental data  would  be  available as an aid in the  development of &table 
methob fir-  predicting  pressures mer airfoils  with  detached  shocks. 

III the  testa,  pressure  measurements  were made on a model King 
having an NACA 65-009 airfoil  section  and  were made at a station on the 
wing where  the flow Was believed  to  be  essentially  two  dimensioxxd.. The 
tests  were =de in  the  Langley  9-inch  supersonic  tunnel at Mach numbers 
of 1.62, 1.93 and 2.40 and  Reynolds numbers of 1.07 X 10 , 0.97 x 10 , 6 6 
and 0.81 x 10 , respectively. The results of the  teste  are  canpared- 
,dth eimilar results from another investi@;ation of a symmetrical 
circular-arc  airfoil  section  also of 9-percent-thickness  ratio.  (See 
reference 2.) The  measured  pressures  and  integrated  characteristics of 
the NACA 65-009 airfoil  section  are  also  conpazed  with  those  predicted 
by  an  approximate  method. 

f!J 

SYMBOLS 

spanwise  location of orifices 

chord of wing 

section  chord-force  coefficient 

section  pressure-drag  coefficient 

section  pitching-moment  coefficient  about  the  half-chord 
Moment  abaut h l f - chord  

qc2 ) 
variation of section  pitching-mcanent  coefficient 

attack (2) 
section  normal-force  coefficient /~ormal force) 

variation 

attack 

w 

qlC 

with  angle of 

of section  normal-force  coefficient  with  angle of 

(2) 
- - 
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free-stream Mach mmiber 

local static  pressure on surface of a i r fo i l  

free-stream  static  pressure 

total-head  pressure  behind normal shock wave 

pressure  coefficient - 
pressure  coefficient for sodc speed 

pressure  coefficient behind normal shock wave 

(" F )  

free-stream dymmic pressure "p1M1 G *) 
Reynolds m b e r  

free-stream  velocity 

angle of attack w3th respect  to stream 

coefficient of viscosity 

mass density. of the free  stream 

E )  

APPARATUS m TEST METEODs 

Wind Tunnel 

All tests  were  conducted in the  Langley 9-inch supersonic  tunnel, 
which is of the  continuous-operating,  clcjsed-return type in which the 
pressure and humidity can be controlled. During these  tests  the  amount 
of water'  vapor in the  tunnel air m s  kept sufficiently l o w  BO t h t  the 
effects of condensation in the  supersonic  nozzle were negligible.  The 
Mach nuniber was varied by interchanging  nozzle  blocks which form test 
sections  approximately 9 inches  square. Eleven fine-mesh  screens are 
installed in the settling chaniber ahead of the nozzle to aid  in Ansrping 
out turbulence. 

. 
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Model 

The model bad a rectangular  plan form with.a square t i p  and was of 
all-steel  construction  with 14 static-pressure  orifices i n  each surface 
and one or i f ice   located  a t  zero  percent chord. Within the first 7.2 per- 
cent chord of the  a i r foi l  were located  nine  orifices, which made it 
possible t o  determine accurately the experimental p r e s m e  d3stribution. 
within  the  nose.region. (See f ig .  1.) The model was mounted from a 
plate which could be rotated  to  cknge  the wing angle of attack. The 
stream  surface of this plate was f lush  with the side wall of the tunnel 
a s  shown i n  figure 2. 

It i e  believed that the model m e  constructed to within i0.004 inch 
of the  specifications with the exception of the nose section, which was 
a t  a sl ight  posi'tive  angle of attack with respect   to   the  rminder  of 
the  airfoil   section. It was determined fram the  teste  that the  amount 
of caniber was so slight that i ts  effect  on the pressures  about  the 
r aa inde r  of the a i r f o i l  was negligible. 

Since a boundary-layer plate was not uti l ized to bypass the 
baundary layer, it was reasonable t o  expect tbt a root  interference 
w o u l d  occur a t  the junction of tEe lea- edge of the model and the 
tunnel-wall boundary layer. The model was designed BO that the orifice 
station could be located free of the  root  interference, a s  indicated i n  
figure 2. The spanwise location of the  orifice  etation with respect  to 
the root  interference was determined experhentally  before taking any 
preseure-dis~ribution.measurements, as explained  subsequently. By 
estimating the extent  to which the  influence due to  the t i p  would be 
f e l t   i n  supersonic  flow and by locating the or i f ice   s ta t ion a reasonable 
spanwise distance  inboard of the  point a t  which the  region of influence 
crossed  the  trailing edge, it i s  believed that the  orifice  station was 
relatively €2ee of t ip   effects .  

Test Methods 

Pressure-distribution meaeurements.- I n  order that the or i f ice  
station might be placed  within  the reglon of flow free of the  root 
interference,  the first t e s t   a t  esch Mach IILmiber consisted of finding 
this location  experimentally. This was accmplished by sett ing the 
model a t  the design maxbmm angle of attack .and Wsp.hcing the model 
l a t e ra l ly   i n  both  directions;  thereby,  the spanwise location of the 
orifice  etation was varied with respect t o  the tunnel wall. After 
noting  the  position a t  which the last chordwise orifice  intersected  the 
region of the  root  interference,  the model was again displaced  laterally; 
this displacement resulted  in  the movement of the  orifice  station t o  a 
test  location that was a  reasonable  distance away from the  region of root 
interference. 
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SystematPc pressure-dfstribution measurements were made by varsTing 
the angle of attack  positively and negatively from zero  angle of attack. 
The maximum angles of attack for the tests were limited by a conibination 

1.93, and 2.40 were IOo, Eo, and 15O, respectfvely, A t  each  angle of 
attack  the  static  pressures on the wing and the total pressure i n  the 
tunnel  settling chaniber w e r e  indicated on a multitude merczuy manometer 
and recorded  slanrltsneously  by photographing the  nanameter. 

. of structural  and aerodynamical considerations and a t  Mach numbers of 1.62, 

Through the  use of a film reader, the pressures on t he   a i r fo i l  w e r e  
read directly from the film record  as  pressure  coefficients. The normal- 
force, pitching-moanent, and pressure-drag  values were obtained by 

' mechanical&y integrating the faired  pressure-distribution curyes. 

Shadowgraphs.- By ref lect ing  paral le l  light into.the plane of the 
wing, it was possible to observe on the tunnel wall a shsdowgraph of the 
flow  about the model. With the optical  setup used, it -was not possible 
to photograph the shock and  expansion~pbnomena  about  the  front and rqar 
of the model sbultaneausly. The photographs taken through the observa- 
t ion  window opposite the model were oblique with respect t o  the parallel 
l ight ,  as was obviously necesleary t o  avoid  blocking  the l ight ;  conse- 
quently, the flow about the nose is not seen. In order t o  shar the 
shadow images i n  the region of the nose, other photographs, s t i l l  more 
oblique with respect to the model axis and p m l l e l  l ight ,  were taken 
through an upstream observation window. Since the camera could  not be 
located along the axis of the model, the true angles of the shocks and 
expansions  cannot be obtained from the photographs. 

It was ewected that the shadowgraphs obtained by this technique 
were not a true indication of the approximate two-dfmensional f low,  
since the Ugh€ also  traversed  the  regions of density changes i n  the 
root  interference and t i p  regions. In  order t o  qualitatively judge the 
extent t o  which the irmge indicates the twodimenaional flow, observa- 
t ions of the image were made for  various wing spans. Because the  root- 
interference  region i s  adjacent t o  the  tunnel wall, it was exgected t o  
be relatively  ineffective  in producing sharp shadow d g e s  of 
sufficient  density to be photographed. Variation of the wing span 
changed the  relative  portion of the approxfmate two-dimensional flow 
over the wing, as weL1 as changing the distance of the tip region from 
the  tunnel wall. Had there been a noticeable  deviation of the light 
rays as they passed through the t i p  region,  there would  have been a 
change i n  the  intensity  and.location of the shadow lmages on the tunnel 
wall as the span was varied. €to such changea were evident by varying 
the span from a projection from the wall of 2.5 chords t o  a proJection 
of 1.5 chords; therefore, it was indicated that the effects upon the 
shadowgraphs of the t i p  regions w e r e  negligible. 
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The  individxal  pressure  coefficients are believed to be accurate 
within kO.01 at  all Mach numbers. The pressures at any orifice  that 
seemed to be consistently  erroneous  were  discarded. A sumnary of the 
Illaxhumprobable  error  in each of the  quantities  involved in the @ta 
is  given  in the following table: 

I 

% Angle of attack 
(*g) 

*O.W fO .OW8 io. 001 *o .ow 

Cn ?lJ cm 

i 

For the region of the  test  sectfon  that would influence  the flow 
over  the model,  the maximum stream  static variation was fl percent and 
the maximum Mach number  variation was fO.O1; these are the  results of 
empty-test-section  surveys.  Frcan'tests of the model at angles of attack 
of Oo, 1°,'and 2O, laminar  aeparstion  was  observed to occur  behind  the 
last orifice.  For  these  Cases  the  points of separation for use in 
fairing  the  pressure-distribution  curves to the  trailing  edge  were taken 
from the shadowgraphs; this  minimized  the  errors  in the integrated c, 
and Cm values at  these low angles of attack. 

Calculation of the  Pressure  Distributions 

The calculated  pressure-distribution  curves  presented In figures 3 
.' to 5 were based upon the  assurqption, as In  the linear theory, that  the 
.. pressure  coefficient  is  zero  (p = p1) on the airfoil  surface  where  the 
. tangent  to  the  surface  is  parallel to the free-stream direction.. The 
Prandtl-Meyer  expansion  theory waa then  applied forward until sonic 
velocity was reached and rearward to the trailing edge. It was also 
assumed that  the  stagnation  point was located at the leading  edge and 
that  the  pressure  coefficient at the  leading  edge was equal to the 
pressure  coefficient at s-kgnation behind a n o m 1  shock P-. The 
pressure-coefficient  curves  were  faired from PmX to the  coefficient  at 
the  sonic  line Psodc a  chordw3se  distance of leas  than 6 percent chord 
at all angles of attack  for which the curves  were calculated.  T h i s  method 

I 

. 
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of qproximation differs from that  used i n  reference 3 within the region 
between the leading edge and where the tangent t o  the airfoil   surface is  
parallel to . the   f ree  stream. 

E-erimental Presmre  Distributions 

In figures 3 t o  5 are presented  the  experfmental  pressure- 
distribution curves. It is apparent that the nose section of the air- 
f o i l  had a slight positive  angle, as indicated by  cnmparing the upper- 
and lower-surface  pressures of the a = Oo curves. This different ia l  
i n  surface  pressures  resulted  in  an  integrated normal-force coefficient 
a t  a = Oo and was found t o  be 0.007 or  less. As the  pressures a f t  
of the nose section on the upper  and lower surfaces were equal within 
ecqerimental  accuracy,  the effects of the nose section upon the remainder 
of the a i r f o i l  appeared negligible. The pressure  coefficient a t  the 
leading edge was i n  good agreement with the calculated value PmX 
even a t  the  higher  angles of attack; this indicated l i t t l e  movement i n  
the  stagnation  point a t  the Mach mmibers and angles of attack  tested. 

The laminar-separated  regions are indicated i n  figures 3 t o  5 by 
the  portion of the curves  the  pressure  gradient of which is very nearly 
zero. Throughout the  range of angles of. attack  the  point of separation 
on the low-pressure  surface moved forward a8 the angle of attack 
increased. A closer  analysis of the  pressure-distribution curves 
revealed that the laminar s e w a t i o n  occurred  farther f o m r d  on the 
a i r f o i l   a t  the higher Mach nunibera, this fact  appearing a t  first to be 
in  contradiction to the results presented i n  reference 4, which showed - a rearward movement of the separation  point with increase i n  Mach number, 
Reynola number remaining  constant. In the  present paper the laminar 
boundsrf layer and point of separation can be affected not only by change 
in Mach  rnmiber but also i n  Reynolds number, tbe pressure ra t io  across 
the shock originating just behind the   t ra i l ing edge,. and the pressures 
on the  high-pressure  surface of the model. 

* ;  

It was noted that  the  pressures  just upstream and dounstream of the 
point of separation vary but  sl ightlydespite  the first leg of the Lshock 
that i s  prevalent w i t h  laminar sepwation  Intersecting the boundary layer 
i n  that region (see  reference 5 ) .  mere W&B no evidence of any *Went 
boundary layer which is  characterized by an abrupt  increase in pressure 
where the one strong shock wave intersects  the boundary layer, as  shown 
i n  reference 6 .  

The shape of the experimental curves agrees  well with the calculated 
curves  except  throughout the  laminar-separated  regione. A t  low ats a t  
every Mach nmber tested, the  pressure  coefficient at  the  leading edge was 
within f0.02 of the calculated value. The experimental  pressure  coeffi- 
cients were consistently  mre  positive  than  the  calculated  values  at  the 
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point where the a i r f o i l  surface was tangent t o  the  free s t r e a n  by an 
amount n e v e r g e a t e r  than 0.03, a s  ahown in  f igures 3 t o  5 for  the 
range  of a = 00 to a = bo. This was expected, i n  that the effects 
upon the pressure  distribution of the chnges ip entropby thrmgh 
the bow wave were neglected.  Since good agreement between the calculated 
and experlmental  pressure  coefficients was indicated, good agreement 
between the aerodynamic characteristics  could be expected. 

Aerodynamic Characteristfcs 

In  figures 6 t o  14 are  presented the integrated aerodynamic 
characteristics. Due t o  the sl ight  cambered effect  of the model, the 
curves are displaced  slightly,  for  vhich no correction has been applied. 
The slopes of a l l  the normal-force  and  pitching-mment c w e e  along wi th  
the center-of-pressure  locations are given in table I for  the NACA 65-009 
and the symmetrical circular-arc  airfoils.  

Section normal-force coefficients.- The experimental normal-force 
coefficients of the NACA 65-009 a i r f o i l  varied linearly with a up t o  
an  angle of attack of approximately loo, the ma- angle of attack 
tested tat M = 1.62 (see figs.  6 t o  8). . A t  . M = -1.93 and 2. h.0 cDa 
increased  slightly above an a of about llo. Plots of c, a t  
negative  and  positive angles of attack revealed that the cn  curyes were 
symmetrical about the angle of zero normal farce. The experimental c% 
of the symmetrical c i rcular-arc   a i r foi l  was about 10 percent greater 
than cn, for  the NACA 65-009 airfoil a t  .M = 1.62 (see  reference 2). 

The calculated values of Cn varied linearly with a, and the 
calculated values of cna were greater t . k n  the experimental values at  
every Mach number tested; however, they  agreed within about 3 percent. 
The l inear  f lat-plate values of cna were aJso icLthin 3 percent of the 
experimental results (see table I) .  

Section pitching-moment coefficients.- The experimental Cm curveB 
presented in  f igures 6 to  8 revealed that. the se.ction pitching-moment 
coefficients varied linearly with a except for  M = 2.40 where 
increased  slightly above an a of 12O. The experimental % for  
the symmetrical c i rcular-arc   a i r foi l  was about 29 percent  greater  than 
tht for  the NACA 65-009 a i r f o i l  a t  M = 1.62. 

. 

The calculated moment curves varied linearly Kith a and were i n  good 
agreement with the ewrimental  values  except a t  .M = 1.62, where the 
agreement was f a i r .  

Variation of c, with Cn.- Plots of cm as a function of  Cn 
i n  figures 9 t o  11 indicated that there existed a linear variation 



throughout the range of ar@es of attack and Mach numbers tested. The 

values of 5' were found t o  be a p p r o x i t e l y  0.078, 0.078, and 0.091 
dcn 

for M = 1.62, 1.93r and 2.40, re8pecti~eI-y~ which indicated that a6 the 
stream Mach  number increased, the center of pressure moved forward from 
the 42.2 percent to the 40.9 percent chord. A t  M = 1.62, the center-of- 
pressure  location  for the symmetrical circular+rc a i r f o i l  was a t  the 
41.0 percent chord. 

Section  pressure-drag  coefficients.- The experimenta'l WlUeS 

have been calculated frm the experimental Cn and cc values f o r  the 
NACA 65-009 a i r f o i l ,  and a comparison i s  made i n  figures 12 and 13 with 
the  theoretical  pressure-3rag  coefficients of a symmetrical circular- 
a rc  a i r f o i l  section of the same thickness ra t io .  In order t o  show the 
departure from the theoretical  valdes  to be expected for the circular- 
arc   a i r foi l   sect ion,  experimental data were taken from reference 2 and 
compared wtth the theoretical chordwise pressure  distribution at a = Oo 
and M = 1.62. Thfs comparison is shown i n  figure 14. The theoretical 
and experimental chordwise pressure  distributfons are i n  excellent 
agreement except  within the  laminar-sepamted  region  near  the t r a i l i ng  
edge. The separation  decreases the expansion i n  that region; conseqgently, 
the  experimental  pressure drag is less than the theoretical  values, as 
indicated i n  figure 12. However, the experimental  pressure  drag is of 
the same order as the theoretical  pressure drag - the difference due t0 
laminar separation being about 5 percent;  thus,  the  theoretical 
pressure drag8 are used as a basis of camparison i n  the present paper. 

"dP 

f '  
A camparison of the pressure drags of the two a i r f o i l s  a t  M = 1.62 le. 8:  

(see  fig. 13) indicates that the pressure  drag of the NACA 65-009 airfoI&.,': 
is much greater  than that of the symmetrical circular-urc  alrfoil.  T h i s  
difference i n  pressure drag was found to decrease as a increased. A t  !< 
a = Oo (aee fig. 12) the pressure drag of the NACA 65-009 section was 1.4, ' 
1.6, and 2.1 times greater than the drag of the symmetrical circdar-arc . 
section a t  Mach nmbers of 1.62, 1.93, and 2.40, respectively. Since the 
chardwise pressure  distributions of the two airfoils were relat ively 
similar with the  exception of the nose region  (see fig. 14) , the difference 
i n  pressure  drags is attributed  primarily t o  the  high pressures  experienced 
by the subsonic-type round leadin@; edge  of the NACA 65-009 a i r fo i l .  

Shadowgraph Studies 

The shadowgraphs of the RACA 65-009 a i r f o i l  at  at = loo, M = 2.40, 
are presented in figure 15. With the  optical  setup used, it was 
impossible t o  photograph both  front and rear  portions  simultaneously. In  
figures l5(a)  and 15(b) the detached bow wave i s  apparent and i s  composed ' 

of a normal shock wave just ahead of the leading edge of the model, wfth 
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the shock wave sloping rearward as the expandons emitted f'ram both. 
surfaces  decrease the angle of the bow  wave. The shock appearing jus t  
behind the upper portion of the bow  wave originated a t  the leading edge 
of the t i p  and reflected  off the window opposite  the model, t h e  image 
being caused by the  intensified  gradient a t  the  point of reflection. 

A schematic drawing of the shsdowgraphs of the flow past the model 
i s  presented i n  figure 16. A t  approximately the 55 percent chord of the 
low-presrne surface the flow  separated,  deflecting away from the model. 
A weak oblique shock, chwacter is t ic  of laminar sepsration,  originated 
a t  the point of  separation  and i s  visible in  the shad.owgraph. A com- 
parison  with the pressure-distribution curve a t  a = loo, M = 2.40, 
iniiicated that  the region of mnar separation as indicated by shadow- 
graphe and p r e s m e  measurements i s  coincident. 

On the lower surface  there is no evidence of separation. As the 
flow passe8 beyond the t ra i l ing  edge, it overexpanded  beyond the s t r e a m  
direction to a velocity greater than thst of free stream. The expansion8 
are  visible as rays  originating a t  the trailing edge. A mixing lFne is  
vis ible  between the laminar-separated  region of the low-pressure surface 
and the overexpanded f l o w .  Jus t  downstream of the t r a i l i ng  eC&e the over- 
expanded f l o w  tui.ns streamwise, causing an oblique shock wave. Likevlee,  
the flaw  adjacent t o  the laminar-separated  region of the low-preseure 
surface  turns streamwise, causing  an oblFque shock of the opposite family. 
Setween these two shock waves the laminar-separated  region has s tarted 
mixing with the adjacent flow, becomes less aist inct ,  and f ina l ly  diaappears 
ent i re ly   in  the wake of the  a i r foi l .  

CONCLUDING REMARKS I 

An investigation of a rectangular wing with an a i r f o i l  section 
(NACA 65-009) with a subsonic-type round leading edge was made i n  the 
Iangley 9-inch supersonic  tunnel a t  Mach numbers o f  1.62, 1.93, and 2.40 
and a t  Reynolds  numbers of  about 1.00 x 106. The results obtained 
indicated good agreement, except  within the Laminar-separa.ted regions, 
between the experimental  pressure  distributions and those  calculated by 
an approximate method. Mechanical integration of the preseure distribu- 
tions  indicated that the experfmental  normal-force and pitching-moment 
coefficients  for the test Mach  numbers varied  linearly with angle of 
attack up to  a = 10'. The corresponding cna and cma were 10 percent 
and 29 percent,  respectively,  less than those for a symuetrical  circular- 
a r c   a i r f o i l  of the sane thickness r a t i o .  The experimental slopes f o r  the 
MCA 65-009 were found t o  be i n  good agreement with  the  calculated valuee, 
w i t h  the  exception of the slope of the pitching-moment-coefficient curve 
a t  M = 1.62. The pressure-drag  coefficients were found to  be about 41, 
65, and 103 percent greater than the theoretical  preaaure-e&g  coefficients 

a 

" 
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O f  the symmetrical circular-arc   a i r foi l  at  a = Oo and a t  Mach numbers 
of 1.62, 1.93, and 2.40, respectively. The difference  in  pressure drags 
of the two a i r f o i l s  was fouid t o  decrease as  the angle oP attack was 
increased. The center-of-pressure  travel was small f o r  a l l  anglea of 
attack and a l l  Mach  nurdbers tested. 'The  boundary layer was basically 
laminar, and a t  a constant Mach m b e r  the point of separation moved 
forward as a increased. A t  constant a, the point of separation 
moved forward as M increased f r o m  1.62 to 2.40, 

Langley Aeronautical  Iaboratory 
National Advisory Ccmmittee for Aeronautics 

Langley Air Force Base, Va. 
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TABLE I 

M Center of  preesure cma c% (percent  chord) 
A 

- NACA 65-009; merimenta l  

1.62 

40.9 .00291 .0320 2.40 
42.2 .00328 .Oh19  1.93 
42.2 . 0.00414 0.0533 

NACA 65-009; Calculated 

1.62 

.ow* .0310 2.40 
0 3 3 0  .0428 1.93 

0.00474 ' 0.0548 41.4 
42.3 
40.4 

I Infinite f la t -p la te  a i r f o i l  I '  
1.62 , 

.0320 2.40 . 

. oh25 1.93 
0.0548 """_ """_ """_ 

Symmetrical circular-arc a i r f o i l  
(frm reference 2) 

1.62 

2.40 
""" """ 1.93 

41.0 0 0053 0 0587 -" - 
""" "" """ 
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Figure 1.- Dimensional drawing of NACA 65-009 preeeure- 
distribution model. 
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I c 
I 

interference 

I 
Boundary layer 4 

3 
Figure 2.- NACA 65-009 pressure-distribution model mounted in t h e  test 

section of the Langley 9-inch supersonic  tunnel. 



Figure 3.- Pressure distributions on NACA 65-009 a i r f o i l  at M = 1.62 
and R = 1.07 x lo6. 



Figure 3 .  - Concluded. 
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Figure 4.- Preseure dietributione 
and R = 
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Figure 4.- Concluded. 
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Figure 5.- Continued. c s 
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/" I Angle of attacks 

Figure 7.- Effect  of  angle  of attack on eection normal-force and 
pitching-moment coefficients fo r  NACA 65-009. M = 1.93; 
R = 0.9" x 10 . 6 
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' I  Angle of attack, a 

Figure 8.- Effect of angle o f  attack on section normal-force and 
pitching-moment coefficients fo r  NACA 65-009. M = 2.40; 
R = 0.81 X lo6. 
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I section poFmal4orce coefficient, cn 

Figure 9.- Variation of % with c,. M = 1.62; R = 1.07 x 10 . 6 

Section wrmal-forcs coefficient, cn 

Figure 10. - Variation of with c,. M = 1.93; R = 0 -97 X 10 6 
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Figure 11.- Variation of % with c,. M = 2.40; R = 0.81 X 10 6 . 



Figure 12.- Pressure drag coefficients at various Mach nunibem of NACA 65-009 and symmetrical 
circular-arc airfoils. t? 
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0 2 4 6 8 10 

Angle of attack, a 

Figure 13. - Comparison of pressure drag coefficients of NACA 65-009 
8ynmStrica.l circular-arc  airfoils at M = 1.62. 
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Figure 14.- Comparison of chardwiee pressure distributions of HACA 65-009 an3 eymmetrical circular-arc 
airfoils  at a = 00 and M - 1.62. 
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(a) Rear three-quarter view. (b) Front three-quarter view.  

Figure 15.- Shadowgraphs of flow paet NACA 63-009 a i r f o i l .  a = 10'; 
M = 2.40; R = 0.81 X LO . 6 

Shock waves 

MLxing lines 

Laminar boundary 1 

=parated region - /- 



f 

. .- . .  " .  . . . . . . . .  ". 

............. """.. ". -.-.- 

1 . . . . . . . . . . . . . . . . . . .  


