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NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS

RESEARCH MEMORANDUM

THEORETICAL CALCULATIONS OF THE STABILITY DERIVATIVES
AT SUPERSONIC SPEEDS FOR A HIGE-SPEED
ATRPIANE CONFIGURATION

By Kenneth Margolis and Percy J. Bobbitt

SUMMARY

Theoretical celculations of the stabllity derivatives at supersonic
speeds for a high-speed airplane configuration are presented. The range
of Mach numbers considered includes those cases for which the wing and
tail surfaces have subsonic leading edges, supersonic leading edges, and
combinations of the two. The methods of analysis are discussed; these
represent detalled consideration of the important effects and contribu-
tions of the various alrplane components utilizing aveilable theories
and theoretically justifisble and reasonable approximations.

Results of the investigetion, which are applicable to motions
involving small engles of attack and sideslip and low rates of rolling,
pltching, and yawing, are presented in the form of graphs 1llustrating
the variastion of the stabllity derivatlves with Mach number.

INTRODUCTION

The prediction of the stability of complete alrplane and missile
configurations requires a knowledge of the aerodynamic forces and moments
acting on all component surfaces of the alrframe and the rates of change
of these forces and moments with respect to the various attitudes, veloec-
ities, and accelerations (i.e., stability derivatives). Design of alr-
planes and missiles for automatic stsbllization has accentuated the need
for this information while the design is still in 1its initial stages.
Thus the problem of estimating by theoretical means the forces, moments,
end resulting stability derivatives of complete airplane configurations
at supersonic speeds 1s one of considerable interest and importance.

This is particularly true at the present time in view of the difficultiles
encountered in determining these quantities experimentally for certailn
motions. While there is considerable information avallasble for isolated

T RN T Meleen



2 L NACA RM L53G17

aircraft components there 1s relatively little knowledge, either of a
theoretical or experimental nature, concerning complete configurations.
As a result, it is extremely difficult to estimate with accuracy the
performence and stabllity characterlistics of present-day missiles and
airplenes.

During the past few years (and at present), considersble research
effort has been directed towards the theoretical determination of wing-
body and body-tail interference effects and the effects of induced flow
on the loading characteristics of the component surfaces of complete con-
figurations. Accurate esgtimates of these mutual and induced interference
effects as well as additional studies relaeted to isolated components and
components in combination are required before accurate theoretical esti-
mates of stability derivatives for arbitrary complete configurations can
be accomplished.

The present paper results from an investigation which concerned
primarily the problems involved in adapting, modifying, and extending
the available theories as required in order to estimate reliably the
stabllity derivatives at supersonic speeds for arbiltrary complete air-
plane configurations. For purposes of application, a high-speed
interceptor-type aircraft was chosen. It is primarily this phase of the
investigation, that 1s, the estimation of stabllity derivatives for the
specific configuratlon, which is reported herein. The methods used are
described; particularly detalled emphasis is given the case of steady
rolling. Results of the analysis are presented in the form of graphs
1llustrating the varlation of the stabllity derivatives with Mach number.

SYMBOLS
X,¥,2Z Cartesian coordinates
VW perturbatlon velocities slong y &and 2z axes, respec-

tively; negative values for w indicate downwash

P,q,T engular velocitles about x, y, and z axes,
respectively

a angle of attack

a rate of change of angle of attack wit™ respect to time

angle of sideslip

v flight velocity
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density of air

coefficient of pressure difference between upper and
lower surfaces, positive in the sense of 1lift

velocity potentisl evalusted on upper surface
T.E.
c¢irculation, ¥ AL dx
2. P
L.E.
wing area including portion masked by body
aspect retio of wing
wing span

vertical-tail span

mean gerodynamic chord of wing

distance between center of gravity and center of pres-
sure of sideslipping vertical tail

aspect ratio of vertical taill

leading-edge slope of vertical taill

distance from roll axis to wing-body ‘uncture

Cartesian coordinates used in anelysis for rolling motion

variable index, used in summetions and as subscripts
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ii,fi,i Xy, Y4, and =z, respectively, made nondimensional with
respect to wing semispan
m slope of lifting line (absolute value)
k,kq,ko constants
hl,h2 ¥y limits of integration
L 1ift
Y side force
L' rolling moment
N yewing moment
M pitching moment
cr 1ift coefficient, —L
2ov2s
2
Cy side-force coefficient, T X
§pv2s
1

C; rolling-moment coefficilent, L

20V2Sb
Cn yawing-moment coefflecient, N

2
EpV Sh

Cn pltching-moment coefficient, M

1l v2ax

EpV Sc
o _ aCL

Lm da. a—=>0
oa. a—>0
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¢ - oCy
Ir = S_EE
2Vr. >0
Subscripts:
t tail contribution
t,0 tail contribution assuming zero end plate

All angles are measured in radlans unless indicated otherwise.
SCOPE

The geometry of the configuration under study 1s shown in figure 1
and the detailed charscteristics of the component surfaces are given in
table I. Considered in the analysis are the following motions: constant
angle of attack, steady rolling, steady pitching, constant vertical asccel-
eration, constant sideslip, and steady yawing. The following stability

derivatives are obtained: ch’ CMm’ CYP’ Cnp, CZP, Cmq’ Cm&, CYB’

an, CzB, ch, Cnr, and CZI‘.

A1l alrframe components are considered rigld; wing and teil surfaces
are assumed to have zero thickness. The wing, horizontal taill, and body
are at zerc geometric angle of attack for all motions other than angle of
attack. The analysls i1s carried out within the framework of the linearized
theory, the results being valid for small angles of attack and sideslip and
for low rates of rolling, pitching, and yawing. In addition, modifice-
tions and assumptions are introduced into the analysis as needed in order
to cope with the problemg encountered in estimating the derivatives for
this particular configuration. Although the final resulis are by no
means based completely on theoretically rigorous procedures, they do
represent detaliled consideration of all important effects and contribu-~
tions utilizing theoretically justifiable concepts.

Calculations are carried out for four Mach numbers: {2, 2, 2.5, and 3.
It may be noted at this point that the range of Mach numbers considered
includes the cases where the wing and tall surfaces have subsonlic leading
edges, supersonic leading edges, and combinations of the two.

Results for the stability derivatives are presented relative to a
body system of axes maintalning, however, the usual stabilily convention
for denoting positive forces and moments. (See fig. 2.) Radian measure
is used throughout for the derivatives.
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STABILITY DERIVATIVES DUE TO ANGLE OF ATTACK

General Considerstions

The body, wing, and horizontal tail are all assumed 1o be at a small
angle of attack. The 1ift on the isoclated body is concentrated mainly
over the forward portion; the exposed panels of both the wing and hori-
zontal tail in additlon to carrying thelr own 1lift are affected by the
presence of the body and in turn induce some 1lift on the body. There is
also, of course, the downwash effect from the wing which decreases the
1ift effectiveness of the horizontel tall. Fortunately, for the angle-
of-attack case there is, relatively spesking, conslderable published
information to be drawn upon for purposes of estimating the various con-
tributions. The isolated wing and tall surfaces, both of which are modi-
fied delta plan forms, are treated in references 1, 2, and 3; wing-body
and body-wing interference effects may be estimated most conveniently and
apparently quite satisfactorily for circular bodles of revolution by use
of references 4, 5, and 6. The effect of the isolated body is difficult
to determine accurately because of the cross-sectional deviations of the
airplane fuselage from the theoretically treated bodles of revolution.
However, slender-body theory for bodies of revolution in conjunction with
some results obtained in references 7 and 8 for other types of bodies
enable a qualitative evaluastion of the effects of the isolated body and
its influence on the mutual Iinterference effects between body and wing or
tail surfaces. The Induced flow from the wing has been treated in some
detail by various investigators (see, for example. refs. 9 to 12) and
hence the net contribution of the horizontal tail may be readily calcu-
lated. It appears, therefore, that by judicious use of the available
information theoretically Jjustifiable and relisble estimates of the
derivatives Cr, &and Cp, may be anticipated.

Detalled Considerstions and Results

The lift-curve slope Cio and the pltching moment due to angle of
attack (i.e., stebility derivative cmm) for the isolsted wing and iso-

lated horizontal tail are directly obtainable from reference 1 for the
subsonic ieading-edge cases and from references 2 and 3 for the supersonic
leading-edge cases. Although a number of methods were investigated 1n order
to estimate the interference effects between wing and fuselage (and between
hnorizontal tail and fuselage), the results obtained agreed in general with
those predicted by use of references 4 to 6, hence the details of the
calculations will not be presented. The 1ift on the isoclated fuselage

was calculated to be slizghtly greater than thet predicted by slender-

hody theory. Inasmuch as slender-body theory fails to predict any 1ift

on the cylindrical portion of a cone-cylinder fuselage combinstion, 1t
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is felt thet an estimate based in part on the results given in refer-

ence 7 is more realistic. The downwash in the vicinity of the horizon-

tal tail was calculated using the procedures indicated in references 9

and 10. The assumption (which for this particular configuration is quite
reesonsble) is made that the vortex sheet remains flat in the vicinity of
the tail. Values of the downwash were obtained at several stations behind
the apex of the horizontael tail and then aversged over the horizontal tail
surface to form an "effective” downwash velocity. Figure 3 presents the
variation of the downwash factor w/mV with Mach number. The corresponding
induced angle of attack at the tall was then added to the geometric angle

of attack of the tail and the resulting 1ift (neglecting the presence of

the body) was calculated using references 1 and 2. Interference effects
between horizontal teil and fuselasge were calculated in a menner similar

to that used for the wing-fuselage interference effects. The net result

of adding the 1ift contributions of all components taking into account

the calculated interference and induced flow effects, that is, the estimated
lift-curve slope of the complete airplane configuration, is presented in
figure 4 together with some breakdown results. The ordinate is the 1lift-
curve slope Cr, based on a reference srea S that includes both the

ares of the exposed wing panels and the masked (by the fuselage) portion
of the wing extended to the fuselage center line. As mentioned previ-
ously (see section entitled "SCOPE"), actusl calculations were carried
out for four values of the sbscissa Mach number (J2, 2, 2.5, and 3) and
the final curve falred accordingly.

Calculation of the pltching moment due to angle of attack is a bit
more difficult inasmuch as detailed information for the incremental center-
of-pressure shifts or incremental pitching moments due to the various com-
ponent effects discussed previously (for clu) is lacking. Reference 5

considers the interference effects between wing and fuselage (and between
horizontal tail and fuselage). Calculations of the other effects were
made by first assuming center-of-pressure locations (based on approxi-
mate 1ift distributions due to each effect or component} and then evalu-
ating the significance of varylng the assumed center-of-pressure locations
through a reascnable range. Inasmuch as the pitching moment is signifi-
cantly different from zero, this method of "averaging" the results should
yield satisfactory estimates. The resulting pitching-moment derivative
for the complete configuration expressed in derivative form is presented
in figure 5; some breakdown resulis are aslso shown. The stability deriv-
ative Cp, 1s based on the reference area S and the mean aerodynamic

chord ¢c. Moments are taken asbout a center-of-gravity location assumed
to be at 32 percent of the mean aerodynamic chord.
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STABILITY DERIVATIVES DUE TO PITCHING

General Conslderations

Aside from calculations for isolated wings (e.g., refs. 1, 3, 13,
and 14) there is relatively little theoreticel information available con-
cerning the pitching-moiient derivatives Cmq and Cmd' Some results

for various types of isolated bodies of revolution are given in refer-
ences 15 and 16. Reference 17 considers time-dependent downwash at the
tall, which requires knowledge of the downwash due to steady pitching as
well as that due to constant angle of attack. Celculations for angle-of-
attack downwash are available from a number of sources (see section
regarding angle of attack); data on steady-pltching downwash are lacking
although rather simplified approximations have been used to advantage in
the past. More detailed calculations of the downwash due to steady
pitching and the downwash due to linear angle-of-attack variation with
time (i.e., constant &) are in progress. Although subject to restric-
tions on the permissible configurations, reference 18 is quite useful in
determining wing-body effects. Thus, the estimation of the derivatives

and Cmd for an arbitrary complete configuration is dependent on essen-

tially the material and references given above. Although the present
wealth of published or near-published theoretical studies for pitching
motion is in no way comparable to that for angle of attacl, 1t has been
shown in an unpublished analysis to be adequate for the prediction of the
level or magnitude of Cmq + Cmd for a number of missile configurations.

In view of this evidence there 1s reason to belleve that the theoretical
estimates of the pitching derivatives for the present configuration are
fairly realistic in spite of the fact that its geometric variations from
theoretically treated cases are significant in some respects.

Detailed Considerations and Results

The derivatives Cmq and Cm& for the isolated wing and horizontal

tail are directly obtainasble from reference 1 for the subsonic-leading-
edge cases. For the case of a supersonic leading edge Cmq is given in

reference 3 and CmEi in an unpublished analysis. (Actually the wing and

horizontal tail are so near to being deltz plan forms that the formuls
given in reference 14 for Cm& may be used without significant error.)
In calculating the wing-body effects by use of reference 18, the wing

trailing edge was modified slightly to form a delta wing with the same
area as the actual wing. The tail contributions to the derivatives Cmc
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and Cm& were calculated from simplified approximations based in part
on reference 17. The tail contribution to Cmq was obtained by adding

to the isolated~tail value a correction for the wing downwash based on
equation (21) of reference 17. Inasmuch as the horizontal tail of the
airplane configuration is only a short distance behind the wing, the
degree of asccuracy of this approximation required consideration. For

a subsonic-edge delta wing at Mach number 2, values of Wy based on

more exact procedures were compared wlith those used herein. The resulting:
correction to Cmq based on the more exact approach did not result in a

significant change. The tall contribution to Cm& was calculeted from

an unpublished analysis which was based on a simplified approximstion to
the method presented in reference 17. The downwash due to & also

checked fairly well at M = V{2 with more exact calculations. Summation
of the results obtained for the various isclated components, components

in combinatiocn, and induced-flow. effects ylelded the curve shown In fig-
ure 6 for the damping in pitch Cmq + Cm& of the complete configuration.

A partial breekdown of the results 1s also indicated. It is of interest
to point out that the contribution from the & term alone 1s unstable
for this particular configuration but fortunately is smsall in comparison
with the damping effect due to the steady pitching component.

STABILITY DERIVATIVES DUE TC STEADY ROLLING

General Conslderations

In order to estimate with a reasonable degree of accuracy the sta-
bllity derivatives assoclated with steady rolling motion (CIP, CYP,

and Cnp) for a complete configuration, a prime requirement 1s to have

rellable knowledge of induced-flow effects. Unfortunsately, there is a
Jack of information with regard to this aspect. Results for isclated
wings (and horizontal tails) of various plan forms are available in =
number of papers (e.g., refs. 19 to 23); wing-body and tail-body inter-
ference effects for restricted types of configurstions are treated in
references 24 to 26. Various types of tail configurations are considered
in references 27 to 29. An attempt to take induced-flow phenomena into
account in estimmting the derivative CIP for e miss.le configuration

was made in reference 30, but the results were not too general in nature
nor was the accuracy of the procedure involved satisfactory. Thus,
although for the previocus motions treated (angle of attack and pitching)
experience had shown the methods employed therein in estimating the
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derivatives to be reliasble, such is not the situatlon for the case of
rolling. Consequently, detailed attention will be given to the deriva-
tion of expressions relating to induced-flow calculations as well as to
the estimation of the contributions due to the pertinent airplane com-
ponents and components in combination.

Detailed Considerations and Results

Wing loading.- In order to obtain reliable force and moment deriva-
tives for a wing-body-tail configuration in roll, the effect of the flow
field on the tall must be considered. Since the flow fileld is determined
by the span loading, it is desirous that it (the spen loading) be calcu-
lated as accurately ss possible. Large changes in the spanwise loading
near the root of a wing which might be occaslioned by the presence of a
tody or end plate may cause a noticesble difference in the flow field,
yet affect the danping of the wing itself only slightly. For this
reason it was considered necessary to modify the isolated-wing loading
to take into account the presence of the body.

In addition to this "end-plate” effect, the presence of the body
causes a change in the position of the leading Mach lines on the wing
(as compared to the isolated-wing case). Whereas for the isolated-wing
situation the leading Mach lines emsnate from the wing apex, the leading
Mach lines for the wing-body combination originate at the intersections
of the wing leading edge with the body.

In order to approximate the effect on the wing loading of super-
posing & body (and the corresponding change in Mach line position), &
rather straight-forward procedure has been followed. First, the span
loading in roll over a wing composed of the two wing panels exterior to
the body and joined together at their roots was determined by use of
references 31 and 32. Then the two panels were separated and placed on
the body. Since the previously determined span loading for the rolling
wing was predicated on the wing rolling about its axis of symmetry, that
is, the half-wings rolling about thelr root chords, an additional loading
was added to compensate for the greater distance of each point on the
wing from the roll axis. (The angle-of-attack distribution whiech gives
rise to this additional loading is constant and equal to the quantity pa/V.)
This procedure did not predict the loading on the body. 1In order to com-
plete this portion of the loadlng curve, a straight line was drawn between
the finite values at the wing-body Jjuncture and zero at the roll axis.

The resultant span loadings for the wing-body configuration at Mzch num-

bers of JE, 2, 2.5, and % are shown in figure 7. For purposes of com-

parison, figure 8 presents the loading at Mach number Y2 obtained by the
present method and the corresponding loading for a fictitious isclated
wing formed by extending the leading and trailing edges of the exposed
wing panels to the center line. It will be noted that the loading at the
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root of the wing predicted by the present method is slightly higher than
that obtained for the isolated wing. As the distance from the rocot along
the span increases, the difference between these two loadings decreases. -
Further calculations and comparisons at the higher Mach numbers indicated
insignificant differences between the modified loading (present method)

and isolated wing loading at all spanwise stations.

Ag expected, 1t was found that the improved or modified loadings
yielded wing-body force and moment derivatives that differed only slightly
from those obtained by use of isclated-wing loadings. However, it appeared,
that the modified loading curves would produce a2 noticeable change in the
flow-field calculations, especially at the lower Mach numbers, and hence
they have been utilized in all such calculations.

Flow-field theory.- There are many pspers which present general for-
milas for the potential in space due to a thin 1ifting surface. In most
cases these formules are extremely difficult to evaluate. It becomes
necessgary, therefore, to utilize some approximstion which may be more
easily evaluated and which lends itself to numerical calculations.
Reference 9 indicates that a 1ifting line can be used as a very good
approximation for most downwash problems. A similar statement regerding
sidewash problems may not be made since there are no exact expressions
available for the sidewash behind rolling wings. It might be noted, how-
ever, that an epproach somewhat like the above was used in reference 33
for calculating sidewash behind rolling wings traveling at subsonic speeds
and very good agreement with experimental resultis was realized.

Taken together, references 34, 9, and 12 represent a fairly thorough
study of the 1ifting-line spproximation, especially with regard to down-
wash problems, and show that bent 1ifting lines will probably give the
best results for swept and triengular wings. The shepe of the bent
lifting line most often used in these papers and also used herein con-
gists of a pair of straight lines connecting the midpoints of the root
and tip chords of the wing. The potentlal due to a slanted lifting line
of this type may be obtained from reference 34 (certain errors present
therein having been corrected in the following equation):

4 = I) -1 Nx? - B2(y2 4 52 )2 )

2x _z22 _ Y2
m m hy

1 fhe ar(yy) pag-l 22 - 82{y2 4 2) (1)
an by dy1 Y - EE -
m m
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vhere the equation of the lifting line is

YL + k
xl=—m—

ar
(See fig. 9 for pertinent symbols, etc.) When —E§le is zero, equa-
1
tion (1) becomes

(2)

which might be considered as the potentiesl in space (at a point (x,y,z))
of a finite bent vortex of constant strength. A number of these super-
posed on one another can be used to approximate the potential in space
of & 1lifting line with any prescribed 1ift distribution, for example,
such as those previously calculated (fig. 7) for the rolling wing-body
of the configuration (see ref. 3i)}.

From equation (2) the sidewash and downwash due to & bent vortex
are readlly obtained by taking the derivative wlth respect to y and z.
The following results are obtained:

g, = = Z(ex® - 82 - 8%,2) - 2x(x2 - 52,2 ho
v = = 4 )
2n \lxz - B2 (YE + z2) [YX - 5];_ _ }(1?12_)2 v 22 (XE _ B2y2 3222):]
hy
(3)
and
N 2\  B%Y?/ 2 hp
w=-g r YX+-m—(ze_y2)-Barx(Y2+2z)+m 2+ 1)
=gy = L
2“\1X2-B2(Y2+22) T )
el ( .

(&)
U
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Since the loading on a rolling wing is antisymmetrical, the induced
sidewash veloclty from each panel is in the same direction and equal in
the y = O plene (the plane of the vertical tail). For this reason, it
is necessary to calculate only the sidewash from one panel (using eq. (3))}
and double it. To calculate the total downwash at any arbitrary point
on the horizontal tail requires that the contribution from both panels
be determined. Hence it is necessary to obtain an expression for @,
when bent lines have negative slopes. Inasmich as m and k are
defined as absolute values, this condition is represented by the fol-
lowing equation for the 1ifting line:

—yl+k
X =

Appropriate modification of the potential (eq. (2)) and differentiation
with respect to 2z ylelds

(5)

Flow-field calculations.- Equation (3) can be utilized to for.mlate
an approximate expression for the sidewash due to a series of constant-
strength, horseshoe vortlces spaced slong a line so as to represent as
closely as possible some prescribed span loading. This expression is

ik - 2y,2 - m202) - mxy(ng2 - 2e2)

- _i r(ysea) - yioy)

= bt 2 2 2 142\ 2(g? _ gPy2 . w2 2)
&12—32(2'1 +z) Yixi-—nT-T +Z(X1 - 4 - z

(6)

v

where Y; =y -y; and Xy =X - xy. The subscript 1 takes on all

integral values from O to n. BSince span load distributlions are usually
determined from prescribed angle-of-attack distributions and since the
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primsry purpose of calculating the flow field behind the wing is to
determine the induced loads on the tall, it is advantageous to write
equation (6) in the following form:

n F(yi+1 _ zYi -2—82’1’ 250 22 (2.2 25
v\ /)2 p(b/e):l[ 1 ) 1(1 )

b / 72 2
= 72 _n2fg 2,52 l %, -2 4 —2('2 5 2 2-2)
2v i=0 ’-quxi - B (Yi + 2 ) <Y Xi -H- —r—n-—) 4 2z Xi - BeYi - B=2

(7)

From this equation the induced angle of sidewash v/V per unit pb/2V
is arrived at directly. The bar simply denotes that the quantity is non-
dimensional with respect to the wing semispan. Following this same pro-
cedure, the induced angle of downwash per unit pb/EV at any point in
space behind a rolling wing may be obtained from equatiomns (4) and (5) as

o . 2
rrisrt i)l o5 X - e v B2 - 2\
0 : ( 41, ( i-1} Eixi5 i (52 - Yia) - B2y f\Yj_z + 252} - mi <22 + Y12)

_E L\ 2(/2)2 p(e/2)2 = +
pb .
= p :
2¥ i=nl hﬁﬁiz - Ba(Yia + ?) Kfiii + % + Eé—) + 52(212 - BzfiZ _ 32223

Leng | T\Y N1-1)f| 3% %, z == (= N B2 ,_
~ Dbjgg ) p((biag EixP * %_(;2 B Yia) - B2y (T12 + 222 ) + mi (z2 + n“-il

(8)

where n,; 1is associated with negative values of y; and n, is asso-

ciated with positive values of yj. It should be noted that in equa-
tion (8) the parameters 1, nj, and n, are alweys positive. The
expression for x; corresponding to positive values of yi 1is

_yi+k
m



16 L 4 NACA RM L53GL7

and that corresponding to negative values of yy; 1s

~y4 + k
* =T

Seventeen horseshoe vortices on each half-wing were used to approximate
the span load distribution (expressed in terms of [ in the equations).
(See fig. 10.) Calculations of the induced angles of sidewash and down-
wash (egs. (7) and (8), respectively) were carried out for a number of
longitudinal locations along the tail surfaces. For each longitudinal
location considered, the induced angles of sidewash and downwash were
obtained at the root, tip, and intermediate spanwilise positions of the
appropriate tail surfaces. By means of an averaging process, resultant
curves for the spanwise varlasticn of the "effective” induced angles were
obtained. The results at various Mach numbers for the spanwise variation
in downwash angle for the horizontal teil are presented in figure 11;
corresponding results for the sidewash angle for the vertical tail are
presented in figure 12. It should be noted that the chordwise variations
of the induced angles on the tails were small and hence the curves obtained
5y the averaging process represent fairly accurately the spanwise varia-
tion at any longitudinal statlon. It should alsoc be noted that the effect
of the body on the flow field behind the wing has been assumed to be small
and therefore neglected.

Tall loads, forces, and moments.- To determlne the induced pressures
and the corresponding induced loadings on the tall surfaces by the exact
methods requires detalled knowledge of the induced angles of sidewash and
downwash at each point of the pertinent tail surface. Furthermore, deri-
vation of the induced pressures from the induced-angle distributions
entails conslderable difficulties except for the most simple cases. To
utilize a theoretically rigorous approach in the present investigation
would obviously necessitate an almost prohibitive amount of work. An
alternate method of attack on the problem is to determine the desired
induced loadings on the tall surfaces by utilizing loadings that have
been previously obtalned In references 31 and 32 for isoclated wings under-
going various motions. In order to do this, however, it is necessary that
the induced-angle distributions for the tail be defined by constant or
linear (zero value at origin) expressions as 1s the case, for example, of
an lsolated wing at a constant angle of attack, in steady rolling, or in
steady pitching. Inasmuch as superposition of these solutions is permis-
sible, the criterion for ensbling the utilization and application of
isclated-wing loadings to the calculation of induced tail loadings is
that the induced angles of sidewash and downwash on the tail surfaces be
approximated by arbitrary straight lines. While it may not be possible
to represent accurately with straight lines the induced angles of sidewash
and downwash for all configurations, it does seem that for the majority
of cases this may be done without incurring a large percentage error in
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the induced loading. When there is little or no longitudinal variation
in the induced angles of downwash and sidewash (as has been stated in the
previous section to be the situation for the configuration under study)
the induced loading may be built up solely of two load distributions, one
corresponding to that obtained for a wing at a constant angle of attack
and the other corresponding to that obtalned for a wing in steady rollirg.
This point will be more fully explained in the discussion which follows.

The straight-line approximation of the average induced-downwash and
induced-sidewash curves for the tail surfaces of the configuration is
indicated in figures 11 and 12. For convenience, a typical curve has
been selected (see fig. 13) to indicate how the induced-angle distribu-
tion may Le broken up into two components, one component being & hori-
zontal line defined by

v/V
pb
2v f

= kl (9)

and the other component being a line of nonzero slope passing through
the origin:

V/V z .
m| "5k (20)
2v P

The difference k; - ko j- is the actual induced-angle distribution

2
(as approximated by a straight line). It is readily seen that the com-
ponent angle distributions defined by equations (9) and (10} are simi-
lar to the distributions obtained for isclated wings at a constant angle
of attack and in steady rolling, respectively. Taking into account the
constants used to nondimensionalize the quantities given by equations (9)
and (10), the induced load distribution for each component may easily be
obtained from charts presented 1n references 31 and 32.

The induced load distributions thus far obtained have utllized wing
loadings that are appliceble to one panel of a symmetrical wing. It is
of course necessary to modify these results so as to account for the
mitusl interference effects between the horizontal and vertical tail sur-
faces as well as to simulate in some manner the proper end-plate effects
caused by the presence of the body. Inasmuch as the isolated tall sur-
faces performing a steady roll have load distributions which must aliso
bhe modified to teke into account interference phenomena, it 1s more



18 T NACA RM L53G1T

convenlent to add together the uncorrected induced load distributions to
the isclated tail load distributions and then correct all load distribu-
tions simulteneously. The load distribution due to the isolated tail
surfaces in roll has been cbtained directly from references 31 and 32,
once again considering each tail panel as one-half of a symmetrical wing.

Inasmuch as there is little information at supersonic speeds con-
cerning horizontal-vertical tail combinations in roll with the exception
of "slender" arrangements (ref. 28), the interference effects must be
evalusted in an approximate manner. Since the tail surfaces of the
present configuration are highly swept and of moderate aspect ratio, it
haes been found advantageous to modify the previocusly obtained load distri-
butions by interference correction factors based on results obtained for
slender tail arrangements in steady roll (ref. 28) and slender tail
arrangements at constant sideslip (ref. 25).

Before discussing the Interference correction factors in detail it
should be remembered that each induced load distribution was subdivided
into two component load distributions, that is, an angle-cof-attack distri-
bution (which 1s directly comparsble to a load distribution due to constant
sideslip for a vertical tail) and a steady-roll distribution. Inasmuch
as the mutual interference effects are different for the rolling and
angle-of-attack (or sideslip) cases, each of these load distributions
mist be modified in a different manner. The roclling component of the
Induced load distributions may of course be combined with the 1solated-
rolling-tail load distributions for purposes of applying the interference
correction factor.

For the rolling losd distributions, interference correction factors
based on slender-body theory have been used. To obtaln these slender-
body correction factors, the tail system of the configuration under study
has been approximated by an equivalent tall system composed of half-delta
panels intersecting in a common chord at the roll axis. The areas of
both the horizontal and vertical tails in the equivalent system were
essentlally unchanged from those 1n the original configuration. Actually
the vertical tail which is by far the more lmportant contributor to the
rolling moment and the sole contributor to the yawing moment was changed
only slightly from its original shepe. With the ratio of the vertical-
tall span to the horizontal-tail span known for this equivalent tail
gsystem, correction factors have been obtalned from references 28 and 35
and applied to the uncorrected load dlstrilbutlions in the following manner:
let Ly' be the uncorrected rolling load component end Lp' be the

uncorrected angle-of-attack (i.e., sideslip) load cc ‘ponent;
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For the vertical tail,

Y
Lo L'> of vertical panel of slender inverted T-taill in roll
N
Lolz dzf
LO’X Y
L'} of one panel of a slender triangular wing in roll
M
(11)
and
o L'} of vertical panel of alender inverted T-tail in sideslip
1 N
L'z p dz =
Ll'x Y T )
L' } of one panel of a slender triangular wing at an angle
M of attack

(12)

Lo' g L' of horizontal panel of slender inverted T-tail in roll
y
L' of one panel of a slender triangular wing in roll

(13)

The rolling xioment contributed by the angle-of-attacl: component of
the load distribution on the horizontal tail is proportional to

[y ey (14)

There is also an induced loading on the horizontal tail due to the induced
angle-of-attack component of the load acting on the verticzl tail. This
effect would be in addition to the result given by expression (14) and has
been calculated by use of reference 35.
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The expressions (11) to (14) must of course be nondimensionalized
and combined properly to yleld tail forces and moments. The tail con-
tributions to the stability derivatives Clp’ CYP’ and Cnp may then

readily be obtained by use of the conventional definitions.

In determining the total forces and moments contributed by the tail
surfaces, however, only those portions of the loads exterior to the body

(body boundary defined by 13—7-2- = 0.106 for the case of the vertical tail

were integrated (see expressions (11) to (14)). It was assumed that the
resultant of the forces and moments acting on the body, that is, those
due to the isolated body in roll, the induced effects, and so forth, was
very small and hence neglected.

It is possible to compare the accuracy of some of the approximations
used with calculatlions based on rigorous applicetions of linearlzed theory.
Inasmuch as these checks deal with the engle-of-attack component of the
induced load on the vertical taill (i.e., sideslip effect), the compari-
sons will be made Iin a subsequent section of the report dealing with the
sideslipping motion.

Specific derivatives.- The value of CIP due to the wing-body com-

bination 1s readily obfained from the loadings which were discussed in a
previous section and presented in figure 7. The addition of the wing-
body contribution to the total tail contribution ylelds the damping-in-
roll derivative Czp for the complete configuration (fig. 14). It is

interesting to note that the net tail contribution to the derivative Clp

was found to be insignificant through the Mach nunber range considered.
For this particular configuration, the flow fleld and other interference
effects almost entirely nullified the damping of the isolated tail unit.
Thus the curve shown for the complete configuration is very close to the
result obtained for the wing-body contribution.

Inasmuch as the configuration was assumed to be at zero geometric
angle of attack, there were no suction forces on the wing lesding edge
at Mach numbers for which the edge was subsonic. (At Mach nuibers for
which the wing leading edge is supersonic, there would be no suction
forces present at any angle of attack.) Thus the derivatives CYP and

Cnp are composed solely of the tail contributions. The varlation of
the stabillity derivative CYP with Mach number for the complete con-

figuration is shown in figure 15; some pertinent breakdown results are
also included.

In order to obtain the stability derivative Cnp, each of the previ-
ously discussed load components acting on the vertical tail was isolated
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znd the center-of-pressure location for each component was determined at
the four Mzch numbers considered. (It is interesting to note that the
center-of-pressure locations for all components end at all Mach numbers
d1d not vary too greatly from the 3/4-root-chord position.) Each load
component was then multiplied by the appropriate arm length (measured
from the center of gravity to the calculated center-of-pressure location)
and the results added to obtaln the total yawing moment. The variation
of the corresponding derivative Cnp with Mach numher is presented in

figure 16. The sidewash effect on the derivative Cnp (and CYrD is

quite marked; note the reversal in sign near Mach number 1.5.

STABILITY DERIVATIVES DUE TO CONSTANT SIDESLIP

General Considerations

The informetlon avaeileble pertinent to the theoretical calculation
at supersonic speeds of sideslip effects for complete configurations is
of relatively sgcant neture. Results for isolated wings without geometric
dihedral are available for combined sideslip and angle-of-attack motion
(refs. 36, 37, and 38). Wings with geometric dihedral are considered in
references 39 and 40. For bodies of revolution, results available for
angle of attack (e.g., refs. 7 and 41) may of course be applied to the
sideslip motion. For fuselage shapes with nonclrcular cross sections
and abrupt contour changes there is very little information. Some
results of investigations for various tail configurations In sideslip
are given in references 35, 41, and 42; other information is ag yet
unpublished. Flow-field and component interference effects hauve not
received any significant attention to date in the literature. It is
seen, therefore, that considerable additional research is required before
accurate estimation of the stability derivatives due to sideslip for
arbitrary complete configurations can be obtained. In analyzing the
present configuration the most lmportant effects have been accounted for
by utilizing the available theory in conjunction with several semiempirical
approximations. The reasonableness of the approximations is demonstrated
wherever possible.

Detailled Considerations and Results

The forces and moments produced by the vertical tail at an angle of
sideslip may be obtalned by & procedure analogous to that used in tresting
the engle-of-attack component of the lnduced load on the vertical tail due
to steady rolling. (See section for rolling motion entitled "Pail Lozds,
Forces, and Moments.') From this engle-of-attack component, forces and
moments on the sideslipping tall may be obtained in a fairly sinple manner.



22 Y NACA RM 153G17

While before the angle of attack was given in terms of pb/2V (see
eq. (9)) and only a fractional part of the loasding due to a fictitious
angle B Wwas used, now the actual angle of sideslip is B and the
entire loading must or course be conslidered. It should be noted that
end-plate effects on the load distribution due to sideslip have also
been taken into account in treasting the angle-of-attack component of
the induced load due to rolling motion and hence no further consldera-
tion of them 1s necessary.

From the loadings just discussed, contributions of the tail unit to
the stability derivatives CYB, CnB, and CIB mey be readily obtained.

The accuracy of the end-plate corrections made in obtaining the vertical-
tall contributions to the sideslip derivatives may be examined in the
light of some rigorous results available for isolated vertical tails
with zerc and complete end plates. Values for the tail contributions
obtained herein using wing loadings corrected for end-plate effects
should, of course, fall between these two limliting cases.

For isclated vertical tails with supersonic leading edges, both the
zero- and complete-end-plate solutions for (cYB)t’ (CnB)t’ and (CZB)t

are presented in reference 42. For the subsonic-leading-edge condition,
complete- and zero-end-plate‘boundaries for (CYB)t and (Cnﬂ>t may be

obtalned by use oF the CLa and Cma expressions for isclated wings

presented in reference 1. (The angle-of-attack solution for a wing is
comparable to the complete-end-plate case for a vertlcal tail in side-
slip.) The complete-end-plate solution for (plﬁ)t has been deriwved

in an unpublished analysis. The zero-end-plate boundaries for the
derivatives (pYB>t’ (Cnﬁ)t’ and (C1ﬁ>t that are valid at Mach num-

bers for which the tall leading edge 1s subsonic may be obtained from
expressions presented in reference 43.

The calculated tail contribution (which includes a finite end-plate
effect) to the stability derivative CYB 1ls compared with the zero- and

corplete-end-plate boundaries in figure 17; the reasonableness of the
gpproximations used in the calculation is readlly spparent. Similar
comparisons for the tail contributions to the stabllity derivatives CnB

and ClB yielded equally satisfactory results. (It should be mentioned

that the zero-end-plate boundary for Mach numbers corresponding to sub-
sonic leading edges was calculsted from ref. 43, with the vertical tail
being slightly modified to form a half-deita of equivalent area.)
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In calculating the isolsted-body effects, 1t was realized that the
girplane fuselage would probably have a relatively large side force
associated with the sideslip motion. (As can be seen from fig. 1, the
cross sections of the rearward part of the body are almost rectangular
in shape.) Unfortunately most of the existing information concerning
bodies is restricted to slender bodies of revolution. NRo formiias are
available at present which will predict the forces and moments on yawed
bodies with noncircular cross sections and asbrupt contour changes simi-
lar to the body considered herein. It becomes necessary therefore to
approximate the body by an equivalent body of revolution. Obviously
there are any number of circular body shapes which could conceivably
represent an "equivalent" body. Thus any theoretical approximation
based on conventional bodies of revolution would be subject to considera-
ble uncertainties. In order to minimize the error involved, two estimates
of the body contribution were calculated; one that was felt to be an
underestimate and one an overestimate, both being calculated from slender-
body theory (for example, see ref. 41}. The resulting twc values for CYﬁ

were averaged and thls average value was used for the body effect. A
similar sort of averaging process was used in estimating the longitudinal
center-of-pressure location in order to obtain the body contribution to
CnB. The body contribution to Czs is very small and hence can be neg-

lected. 1In connection with these isolated-body effects, it should be
borne in mind that any inaccuracies present in the body estimates would
of course affect the total CYB estimate more than the total CnB or

total CZB estimates because of the relatively short moment arm involved

for the body as compared to that of the vertical tall. Varilations of the
derivatives CYB’ Cnﬁr and CIB with Mach number for the complete con-

figuration are ghown in figures 18, 19, and 20, respectively; some bresk-
down results are alsc Included.

STABILITY DERIVATIVES DUE TO STEADY YAWING

Generel Considerations

With regerd to steady yswing motion, there 1s an almost complete
lack of the information reguired for estimating stability derivatives
for complete configuratlions. In fact, this statement 1s almost equally
applicable to 1solated components. Isolated wings have been treated in
references 1, 44, 45, and 46 but some of the results obtained therein are
based on feirly crude aspproximations and must be considered of only quali-
tative value. For isolated bodies of revolution the relatively few calcu-
lations available for steady pitching motion (e.g., refs. 15 and 16) may
of course be applied to the case of steady yawing. For fuselage shapes
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other than bodies of revolutlon there is essentizlly no information.
Wing-body interference effects and flow-field celculations have not been
congidered to date. In analyzing the present configuration, a number of
semiempirical approximations have been employed in estimating the more
Important effects. Calculations for varicus tall configurations are now
in progress and these have been utilized to some extent in checking the
reasonableness of the spproximations for the tail-body contribution.

Detalled Considerations and Results

In the absence of information concerning the end-plate effects of
bodles and horizontal tails on yawing vertical tails, two methods were
used to evaluate the vertical-tall contribution to the stabllity deriva-
tives OYr, Cnr, and clr' The first method wes an approximastion based

on the results obtalned for the sideslipping motion and utilized the
following relationships

3(cy)
(6), - - Tt g, 2 8
2v 2V

where the minus sign is introduced to maintain the conventional system of
positive forces and moments and

B=—= = =
V. 2vbp/2
It is clear then that
B _ 1
rb  b/2
av
and hence
1
o ) =-(c ) L (26)
(Yrt T8/t v /2
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Analagous procedures yield

o), = = (ng), 5/ 0D
and
(Clr)t - —(Czﬁ)t b—}é (18)

In the preceding eguations 1 1s the distance between the center
of gravity of the airplane and the center of pressure of the vertical
tail (in the presence of the body) for the sideslip motion.

A second method of estimating the tail contribution to the yawing
derivatives 1is to calculate the two 1imiting cases (similar to what was
done for sideslip) corresponding to zero- and complete-end-plate situations
end then obtain an average value. In order to obtaln the complete end~plate
solutions for CYr and Cnr, the results for CLq and C available

mg
for wings may be utilized by simply making appropriate changes in the

nondimensionalizing parameters. The stability derivatives CLq and Cmq

are avallable in reference 1 for subsonlic leading edges &nd in reference 3
for supersonic leading edges. At present there is no information for the
zero-end-plate solution corresponding to the subsonic-leading-edge condi-
tion; for supersonic leading edges the following expressions have been
obtained:

- \3
o]
P -Ehl\—%—\j KB bt
BiCYy), _ = ! BKesrCH (-1 + oK) +

T, r
5A~:+_2(1 - K)(¥BC - 1)2(B2C2 - l)‘{K(BC + 1)YK(BC - 1)

4kBIC3 (4 - 9K + K2) + 4B2C2(-2 + £K + K2 - 5K3) +

LBC(-1 - 5K + 10K2) + 4(3 - 51({} (12)
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L
2A<——) KBC
B(Cn ) L ok3B3c3(-1 + 3K - 3K2) +
r/t,0
lﬁﬁvt5(1 - K}2(KkBC ~ 1}3(B2C2 - l)qK(BC + 1){&(30 -1)

2k2etCH (61 - 193K + 213K2 - 21X3) + KB3CO(-112 + 4O3K -
L72K2 - 37KD + 138K4) + B2c2(30 - 152K + B9K2 + 390K3 -

Lokt + 12%5) + BC(15 + 122K - h41X2 4 U36KD - 12K*) +

(<45 + 130K - 125K?E] (20)

Equations (i9) and (20) are applicable to sweptback vertical tails of
arbitrary aspect ratio and zero taper ratio with supersonic leading
end treiling edges; rotation and moments are measured asbout the apex
of the vertical tall.

The differences between the two methods of estimsting the tail con-
tribution to the yawing derivatives may be evaluated. TFigure 21 presents
the results for (Oyr)t based on equation (16) and also the limiting

cases corresponding to zero- and complete-end-plate situations using
equation (19) and wing results for CLq. (The numericel results pre-

sented In figure 21 sre for a yawing motion about the center of gravity;
hence the usual transfer-of-sxis formulia, which Invoives the previously
mentioned (CYB)t , must be used in conjunction with equation (19).)

Nl

Tt is seen that an average value for (?Yr)t based on the second method

would not be significantly different from the value calculated by equa-
tion (16). A similar situation was found to exist for the derivative (cnr) e

In view of this evidence, it was not felt necessary to estimate the zero-
and complete-end-plate solutions for (blr)t' Thus equation (18) was used

to calculate the tail contribution to Cg..

With regard to the body contribution to the side force and yawing
moment, the difficulties previously encountered for sideslip motion are
also present for the yawing motion. These have been treated in an
analagous manner (see sideslip section) using equivalent bodies of revo-
lution and results obtainsble in references 15 and 16. The body contri-
bution to the rolling moment was assumed to be small and hence was
neglected.

The derivatives ch’ Cnr, and Czr for the complete configuration

(and for the body and tall contributions) are presented in figures 22,
2%, and 24, respectively.
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CONCLUDING REMARKS

Theoretical calculations of the stabllity derivatives at supersonic
speeds for a high-speed ailrplane configuration have been presented. The
methods used represent detalled consideration of the important effects
and contributlions of the various airplane components utilizing availsble
theories and theoreticelly justifiable and reasonable spproximations.
The results are valid for motions 1nvolving smell angles of attack and
sideslip and low rates of rolling, pltching, and yawing.

It should be emphasized that the theoretical informstion available,
elthough supplying many of the basic requlrements, is by no means suffi-
cient to allow estimation of the various forces, moments, and stability
derivatives for arbitrary complete configurations. Some of the approxi-
mations developed 1n the present analysis would be eppliceble; others
would require considerable modifications depending on the configuration
under study. It is felt, however, that a detailed asnalysis analagous to
that undertasken for the present ailrplane would result in reliasble esti-
mates for many types of complete alrplane configurations suitsble for
supersonic flight. Further theoretical research on fundamental problems
indicated in the text 1s of course required in order to improve the
accuracy of the estimations and to help minimize the time and effort
required to obtain them.

Langley Aeronsutical Lsborstory,
National Advisory Committee for Aeronautics,

Langley Field, Va., July 27, 1953.
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TABLE I.- CHARACTERISTICS OF AIRPLANE CONFIGURATION
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Figure 1.- Ceometry and dimensions of configuration. Dimensions shown
are in inches and are 1/10-full-scale.
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Figure 1.~ Continued.
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Figure 2.- System of axes, forces, moments, and velocities. (Positive
directions indicated by arrows. )
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Figure 4.- Variation of the lift-curve slope ch. with Mach number.
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Figure 5,- Variation of the stability derivative Oy, with Mech number.
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Figure T.- Span load distributions for the rolling wing-body combination.

ex

LTDECT W VoYM




i
1
LTOHECT W YOWN

A
3
Approxitnation for
wing -body i
Isolated wing
2
!
S
i I 1 1 J i Il 1
o / 2 3 < -5 6 7 8 9 4O
Y v
bz

Figure 8.~ Comparison at Mach mumber |2 between the span load distributions
for the rolling wing-body combinetion and the corresponding isolated wing.

cn




Lk SR NACA RM L53GLlT

(O'O) S J/:.YI
n d
~REA
%
Z,x

Flgure 9.- Finite vortex used to approximate a bent 1lifting line.



} J
o -/ 2 -3 4 BV .6 7 S " L0
Y NACA

bfz
Figure 10.- Approximation of the span loading at Mach number 2.0 for the

rolling wing-body combination by superposition of a number of finite-
strength vortices.

LTDEGT WY VOVN

o




46 o NACA RM L53G17

—E8-
—. 24
—-.E20r
— /61
w/ Vv
pblav
/3t
— 08} Y
- calculated curves
o7
Z - - == - straight-line
—. 04y approximation
{ { 1 I 4
o o8 /6 .24 32 40
y \\NQCA

B/2
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Figure 16.- Variation of the stability derivative cnp with Mach number.
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