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FREE-FLIGHT LONGITUDINAL-STABIWTY

INVESTIGATION INCLUDING SOME lm?EcTs OF WING ELASTICITY

FROM MACH NUMOERS OF 0.85 TO 1.34 OF A TAILLESS MISSILE

CONFIGURATION HAVING A 45° SWEPT!BACK

WING OF ASPECT RATIO 7.5

By Richard G. Arbic and Warren Gillespie,

suMMARY

A free-flight longitudinal-stability investigation

Jr.

has been conducted
between Mach numbers 0.85 and 1.34 to obtain the aerodynamic chsxacteristics
of a long-range, jet-pro~elled, &gound-to-gound tissile having a wing of
aspect ratio 5.5, 45° sweepback, and taper ratio O.k mounted on a body with
a vertical tail but no horizontal tail. Two models were flown, one with a
wing of steel and the other with a wing of 75S-T6 aluminum alloy, to permit
determination of aeroelastic effects on the lift-curve slope and aerody-
namic center. Periodic pulse rocket disturbances in pitch permitted
obtaining the longitudinal stability characteristics in addition to zero-
lift drag and trim.

Analysis of data pertaining to longitudinal stability indicated the
following: Wing flexibility reduced the lift-curve slope and shifted the
aerodynamic center forward. The lift-curve slope was a maximum at l&ch
nmber 0.% and had a value of 0.102 at this ~ch nunber when corrected to
the rigid-wing condition. Aerodpsmic center corrected to the rigid-wing
condition moved rearwsrd frcm 27 percent mean aerodynamic chord at Mach
number 0.9 to 46 percent at 14ach~umber 1.1.
severely near Mach nmnber 1 but had no large

INTRODUCTION

Pitch-damping decreased
effect on the total damping.

Tests have been conducted by the Langley Pilotless Aircraft Resesrch
Division to evaluate the transonic aerodynamic characteristics of a long-
rsmge, jet-propelled, gound-to-ground missile designed to cruise at high
subsonic Mach numbers to attain supersonic ~ch numbers during the

% “--
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terminal approach to the target. The missile has a wtig and vertical tail
mounted on a body of fineness ratio 13.9, but has no horizontal tail.

A

Longitudinal control surfaces sre on the wing. The wi~ has 450 Sweepback,
an aspect ratio of 5.5, and a taper ratio of 0.4. The airfoil section is ●

6 percent thick streamwise, and Is slightly drooped at the leading edge.

The testing program was designed to yield the longitudinal stability
characteristics of the missile with controls fixed and unreflected. Some
effects of wing flexibility on the longitudinal stability were determined
by flying two models, one with a wing of steel and the_other with a wing
of 75S-’I’6 aluminum alloy. —

This paper presents the longitudinal stability, zero-lift drag, and
longitudinal trim characteristics of the missile configuration as obtained
from two free-flight rocket-powered models. The results we ccmpared with
those from a wind-tunnel test of the configuration presented in reference 1.
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SYMBOLS -.

longitudinal acceleration, positive forwkrd, ft/sec2 —

normal acceleration, ft/sec2
..

wing span, ft —

local wing chord, ft —

.
wing mean aerodynamic chord, 0.82 ft

Wazchord-force coefficient, - .
Z@

drag coefficient, Cccosa+~ sina

lift coefficient, CN cos ~ - Cc sin~

lift-curve slope per degree, &

&

elastic-wing lift-curve slope per degree

rigid-wing lift-curve slope per degree
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pitching-moment coefficient,

Pitching moment about center of gcavity
qsE

ah
pitching-moment-curve slope per de~ee,

z

Wan
normal-force coefficient, —

gqs

yawing-mcment-curve slope per degee,
$

acceleration due to gravity, 32.2 ft/sec2

moment of inertia in pitch about center of gravity

moment of inertia h yaw about center of gravity

applied load, lb

Mach number

period, sec

dynamic pressure, lb/ft2

Reynolds number based on wing mean aerodynamic chord

total wing area including portion in fuselage, 3.27 ft2

wing airfoil thickness, ft

time for oscillation to damp to one-half smplitude, sec

velocity, ft/sec

weight, lb

distance to any spsmwise station frcm fuselage center line, ft

nondimensional spanwise

angle of attack, deg

lda
—. radians/see
57.3 dt’

station parsmeter
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e local wing twist angle produced by L, deg; also angle of &

pitch, deg
—

_-#-_-, radians/see
.—

●

r

—

P air density, slugs/ft3

()e structural influence coefficient at spanwise center of pressure
X ref

The pitch-damping derivatives are expressed as follows:

MODELS AND INSTRUMENTATION “

The two models tested w=e of metal construction and were identical
except for wing material. One model had a wing of solid 75S-T6 aluminwn
alloy and the other a steel wing plated with a layer of cadmium alloy for
ease of machining. The cadmium-steel wing had a modulus of elasticity
2.15 times that of the dural wing. For simplicity, the 75S-!l% wing will
hereafter be referred to as the dural wing and the cadmium-steel wing as
the steel wing.

The wings had an aspect ratio of 5.5, taper ratio 0.4, and 45° sweep- -
back of the 0.406 stresmwise chord line. The airfoil section was approxi-
mately 6 percent thick streamwise and was slightly drooped at the lead~ . ‘
edge. The wing was set at @ incidence with respect to the fuselage cen-
ter line. For the models of the present test, the body had a fineness
ratio of 13.94, whereas the wind-tunnel model of reference 1 had a body
fineness ratio of 12.9. The higher fineness ratio body was obtained by
lengthening the nose. The m~ssile configuration has no horizontal tail
but has a vertical tail swept back 33° at the 40-percent-chord line.

A three-view drawing of the models is shown in figure 1 and photo-
graphs are presented as figure 2. The method of launching and boosting
the models is shown in figure 3-. Table I gives the wing, body, and
vertical-tail ordinates and shows a sketch of the drooped-leading-edge
airfoil section. Table II gives the dimensional and mass characteristics.

The models were equipped with pulse rockets locat~d in the cylindri- V
cal portion of the body rearward of the wing. These pulse rockets dis-
turbed the

Model
on a strut

models in pitch.
*

instrumentation consisted of a total-pressure probe mounted
beneath the body, an angle-of-attack indicator mounted on a

k .::cqm-
..,.-.-..
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* boom ahead of the body, two normal accelerometers, a longitudinal accel-
erometer, and a transverse accelercxneter. A six-channel telemeter located
in the nose was used to transmit quantities measured by the instruments.

●

TESTS

The dural and steel wings were static tested to obtain structural
influence coefficients by application of loads at five spanwise stations
along the 25-percent-stresmwise-chord line for the dural wing and along
the 25- and 40-percent-chord lines for the steel wtig.

The models were boosted to maximum velocity by an ABL Deacon rocket
motor. After drag-inertia separation, the models decelerated through the
Mach number range while experiencing short-period oscillations following
the disturbances from the pulse rockets. A telemeter ground station
recorded the six continuous channels of information. Model velocity was
obtained by use of the CW Doppler radar unit and was corrected for the
effect of winds at altitude and for flight-path curvature. An NACA modi-
fied SCR ~ radar tracking unit was used to obtain mcdel trajectory data.
Free-stresm temperature and static pressure, and the wind velocity at
altitude were obtained from a radiosonde balloon tracked by the 584 radar
unit.

Reynolds number and dynamic pressure of the tests are shown as a
function of Mach nmber in figure 4. For comparison, Reynolds number and
dynamic pressure for the smaller wind-tunnel model of reference 1 are also
presented. For the present tests, Reynolds number, based on the model.
wing mean aerodynamic chord of 0.82 foot, varied from approximately

3.5x 106 to 7 x 106, and the dynsmic pressure range was approximately
. 750 to 2,300 pounds per square foot.

The dural and steel wing models were flown with respective center-
of-gravity locations of 78.8- and 31.5-percent mean aerodynamic chord
forwsrd of the leading edge of the mean aeralynamic chord.

Flight tests were conducted at the Pilotless Aircraft Research
Station, Wallops Island, Va.

ANALYSIS

Time histories of the coasting portion of flight
% of the model from the booster were analyzed to obtain

and static stability characteristics for each model.

following separation
lift, zero-lift drag,
Separation from the

.
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booster and the periodic firing.of the pulse rockets produced-pitching x

oscillations at fntervals along the flight path permitting analysis of
both trimmed flight and pitching flight. — ... * .—

Trimmed Flight

The zero-lift drag coefficient was calculated by ho independent
methods. One method made use of accelerations obtained by differentiation
of the Doppler determined velocity-time curve. The sec”ondmethod made use
of chord-force measurements from the longitudinal accelermneter since the
models trimmed at virtually zero normal force. In-a similar manner, trim

.

normal-force coefficient was obtained from measurements by the normal
acceleraneters. ?2rimsingleof attack was read directly from the telemeter
trace of angle of attack.

Pitching Flight

The angles of attack measured while the model
rected for flight-path curvature and rate of pitch

was pitching were cor-
about the model center

of gravity as described in reference 2. Lift–coefficient was determined
by transferring the normal- and chord-force coefficients measured at the
model center of gavity to the stability axes. The lift-curve slope was
then obtained from plots of lift coefficient against angle of attack using
the three highest amplitude cycles of the oscillation produced by each
disturbance. The lift-curve slope determined from each of these cycles
of the oscillation was then plotted against the average Mach number for
the cycle.

.-
.

The total damping was obtained from the.envelope @ the decaying

oscillations and the sum of the pitch-damping derivatives Cm
()

.

&

and ()
Cm ~- was determined from the expression: 2V

.—
z

( )(cm)~~‘ (c.)= = - -~ -57”’7
E 2V 1/2 .-

Static longitudinal stability was obtained frcm a relation between
model moment of inertia in pitch and the periods and dSZipingof the
oscillations. The relationship can be written as folltis:

C%=-*($L.-)

Ew!!Ei%!!a!m
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z From low-smplitude lateral oscillations induced when the.models
pitched} the yawing-moment coefficient due to sideslip Cn

$
was obtained

. from the relationship:

This expression is approximate in that it does not include damping, but
the damping term is small and contributes little to the value of Cn .

P

A more detailed description of the method of analysis and general
limitations of the pulse technique is presented in reference 3.

Aeroelastic Calculations

Aeroelastic calculations to obtain the lift-curve slope and center
of pressure for a model with a rigid wing were made by assmning a span
load distribution from the theoretical charts of reference 4 smd calcu-
lating the ratio of elastic to rigid lift-curve slope and incremental
static stability as described in the appendix of reference 5. The method
used herein differed from the method of reference 5 in that a six-point
load distribution was assumed for the total half span rather than a five-
potit distribu~i+onfor the exposed half span. !l%iswas done to obtain

the ratio of > for the ccmplete model since the wing-alone lift was
CL

%7
. not measured. Inertia loading effects were tncluded in the calculations

since these were found to be appreciable for the models of the present
test..

ACCURACY

It is difficult to calculate the exact limits of accuracy of all the
various quantities and coefficients obtained from free-flight models, since
these are often determined frcm measurements of a combination of several
instruments of varying degrees of accuracy sad reliability. However,
experience fran tests of identical models and investigations.of the relia-
bility of the various instruments have resulted in accepted ranges of
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accuracy. On this basis, the estimated msximum errors in some of the
data for the models of the present-tests sre stated b-low: m–

~ ~.~”

Mach number. . . . . . . . . . . . . . . . . . . .*o.008 to.005
Angleofattack, deg . . . . . . . . . . . . . ..-i0.4 *0.4
Drag coefficient. . . . . . . .. . . . . . . . . .*O.001 fo .0007
Normal-force coefficient . . . . . . . . . . . . . *().015 to.004
Lift-curve slope . . . . . . . . . . . . . . . . .~0,0020 *O.001

RESULTS AND DISCUSSION

The experimental data obtained during coasting flight of the two
models are presented in figures ~ to 10, and results of the aeroelastic
calculations are presented in figures 11 to 13.

!IM_mmedFlight

him drag coefficient, normal-force coefficient, and angle of attack
are presented as a function of Mach number in figure ~. The trim drag
coefficient shown is essential~y the zero-lift drag coefficient since
the models trimmed to virtually zero normal force. FTom a subsonic value
of 0.0127, the drag coefficient increases sharply between Mach nmnbers O.%
and 1.1 and then more gradually to a maximum value of -0.0325at mch num-

—

ber 1.35. The drag coefficient from the wind-tunnel test of reference 1
is seen to be lower subsonically and slightly higher supersonically than .
that of the present test possibly due to basic differences in the models
and test”Reynolds numbers. The trti normal-force coefficient and trim
angle of attack plotted as a function of Mach number show that the slightly -
tiooped leading edge of the wing results in a positive angle of attack of
approximately 0.6° subsonically and 0.85° supersonically for essentially
zero normal-force coefficients of -0.004 and O.O&.

Pitching Flight

Lift.- Basic data curves of lift coefficient against angle of attack
are p~nted in figure 6 for the dural and steel wing models at various
Mach numbers. The variation of lift coefficient with angle of attack is
linear for the range of lift coefficients covered.

Lift-curve and itchin -moment-curve S1 es.-
ber on the derivativ% C~g and C% is sh%n in

value of C~ ‘ccUs n= a Bkch number of 0.95.

—

The effect of Mach num-
figure 7. The maximum

~

At Mch number 0.9 the— -.
. —
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● steel wing shows an increase of 17.7 p=cent in C% over that of the

more flaible dural wing, and at Mach nmnber 1.25 the increase is
25.0 percent. These results ccxnpsrefavorably with the solid-steel wing.
wind-tunnel model of reference 1 at Mach numbers 0.85 and 0.g2. For
these lhch numbers the dynsmic pressures of the test of reference 1 are
ccinpsrableto those of the present test (see fig. 4-). At the higher
Mch numbers of 1.7 and 1.4 the wind-tunnel dynamic pressures were con-
siderably lower than those of the present test and this probably accounts
for the great= difference in

Cb
between the wind-tunnel test and the

present test at the higher l+kchnumbers. Aeroelastic calculations (dis-
cussed more fully in a later section) indicate that for the dynsmic pres-
sures of the present test a rigid-wtig configuration should have lift-
curve-slope increases over the steel wing model of 13.8 percent at Mach
number 0.9 and 23.1 percent at Mach number 1.25. The corresponding
increases over the dural wing m~el are approximately 34.0 and 73.8 percent.

The pitching-moment derivative C
mu

in figure 7(b) is shown for the

respective centers of gravity of the dural and steel wing models of 78.8
and 31.’3percent mean aerodynamic chord forward of the leading edge of
the mean aerodynamic chord. The pitching-moment derivative is greatest
near I’&chnumber 1.0 and decreases gradually for lower and higher values
of Mach nmnber. Increasing wing flexibility results in decreased static
stability with increashg Mach number and slightly lowers the Mach number
for maximum static stabili~.

Lowitudinal period and aerodynsmic center.- The variations with
Mach number of the period of the longitudinal short-period oscillation

. and of the aerodynamic-center location sre shown in figure 8. Periods for
both models decrease uniformly with increasing Mach number and reach a
minimum value near Mach nmber 1.3.

.
Aerodynamic-center location plotted as a function of I&ch number in

figure 8(b) shows that the aerodynamic cent= moves rearwsrd between Mach
numbers of 0.9 and 1.1 and then begins a gradual forward movement. The
forward movement above Mach nmnber 1.1 is more pronounced for the dural
wing model. For this model the rearwardmovement of the aerodynamic
center is from 11 to 27 percent of the mean aerodynamic chord, and the
corresponding values for the steel wing model are from 22 to 37 percent.
Aeroelastic calculations to obtain the aerodynamic center for a model
with a rigid wing show a disagreement between test models of about 4 per-
cent of the mesa aerodynamic chord at Mach number 0.9 but are in good
agreement at the higher Mach nunbers. The resrward movement of the aero-
dymsmic center for a rigid wing is from 27 to 46 percent. The aerodynamic
center obtained from reference 1 is approximately 5 percent more rearwsrd

. than these rigid-wing values. The reason for this difference is not lnmwn.

.
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Longitudinal damping.- The time for the longitudinal oscillation to n
to one-half amplitude, and the sum of the pitch-damping deriva- —

t ive6 (C& + (Cm)ti
are presented b figure 9. The time to damp to

z G
one-half smplitude is less at supersonic I&ch numbers them at subsonic
Mach numbers. This,reduction continues at supersonic speeds for the
dural wing model but shows a tendency to decrease for the steel wing
model. The the to damp to one-half amplitude was les~ for the model
with the dural wing, probably due primarily to a more-forward center-of-
gravity location.

In figure 9(b) the sum of the pitch-damping deri~tives is seen to
decrease rapidly near Bkch number 1 and, in fact, is positive in this
region for the steel wing model which has the poorer damping character-
istics throughout the Mach nunber range.. me lowerpitch+mptig values
for the steel wing model are thought to be due large~-to the more rear-
ward center-of+ravity location for this model and indicate that the
practical flight range of center of gravity locations would produce even
lower values of the pitch-damping coefficients. It isrof interest to
note, however, that the poor transonic pitch-damping characteristics have
no large adverse effect on the total damping..characteristicspresented in

figure 9(a). Above l&ch nuniber1 the value of (cm)=+ (%)& increases

2V 2V
to a nearly constant value for the dural wing model, but for the steel
wing model rises to a peak near Mach number 1.1 and decreases for the
higher kch nmbers. In view of this different trend for the pitch
damping at the higher Mach numbers, the data were carefully reexamined
to confirm the validity of the test points at respective Mach numbers of
1.33 and 1.25 for the dural and steel wing models, but no clue as b the
reason for the d~ferent trends could be found.

Reference 6 presents a summary of the pitch-damping characteristics
of several airplane and missile configurations as obtained from rocket-
model tests. The swept-wing-body configuration of fi~e 3 in this
reference is shown to have pitch-damping characteristics similar to that
of the present-test configuration. .- --

L&terd period S.IldCn
P.- The lateral period and Cnp obtained frau

the induced low-amplitude lateral oscillations are presented in figure 10
as a function of Mach number for the respective center-of-gravity loca-
tions of the models. The test points show considerable scatter due to
the irregular nature of the oscillations. The period at Mach number 0.9
is approximately twice as long as at l@ch number 1.3. Values for the
yawing-moment coefficient due to sideslip Cn~ agree well with test

w

-.

.-

—

.

.

.
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points at ~ch numbers 0.85 and 1.4 from reference 1, corrected to the
center-of-gravity location of the dural wing model. For the present test

c%
should be lower than for the model of reference 1, due to a more

flexible ma~esium vertical tail on the flight model.

Aeroelastic Calculations

Results of the aeroelastic calculations, obtained in the manner
described in reference 7, are presented in figures 11 to 13. Inertia
loading effects were found to be appreciable for the models of the present
tests and were, therefore, included in the calcubtions.

The structural influence coefficients obtained for the steel wing
are presented in figure Xl as curves of f3/L against the spanwise station

parameter ~ for loads applied along the 25- and 40-percat-streamwise-
b/2

chord lines.

Figure 12 presents two ways of extrapolating the test data to obtain
rigid-wing values of CLa. The independent variable for these plots is

()the parameter qS ~ where
(L
4 is the structural influence coeffi-

L ref L ef

cient at the spmwise center of pressure of the rigid wing for a load
applied at this spanwise location. Figure 12(a) shows a straight-line
extrapolation of the test data for the two models of the present test.
In figure 1.2(b)experimental data from the test of reference 1 were used

. in conjunction with data from the present test. Since inertia loading
effects were not present in the wind-tunnel test, the lift-curve-slope
data from the present test were put on a comparable basis by taking out

.
the incr-nt of C% due to inertia loading. This incremental reduction

Of cLa is shown as the dif?cxrencebetween the broken line and solid line

symbols in figure 12(b) and was obtained from figure 13 which shows the
effect of inertia loading on the calculated ratio CL

P% ‘c%
plotted

against the pamuneter
C%-q”

The rigid-wing values of” CL: obtained

frcm the two methods of extrapolation are shown in figure 7(a). The ratio
of the flexible CL values to the extrapolated rigid values sre shown

a
h figure 13. These values agree with the calculated results for loads
applied along the 0.27-chord line. This agreement of experimental and
calculated data should indicate that the ratio C

4
CL thus obtained
%

● is of the correct order of magnitude.

4

me ratio CLa CL obtained
%

.
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from figure 12(a) results in slightly higher experimental values than
those from figure 12(b) due to a different value of CL obtained for

+
the two-point extrapolation. It is interesting to note, however, that
these C

%
values do not differ widely as evidenced by the plot of

m

i

these points in figure 7(a). This is due to the steeper slope of the
two-point straight-line extrapolation, arising lsrgely from inertia
loading effects of the heavier steel wing, the heavier wing changing the
ratio of wing weight to model weight in such a manner as to produce the
steeper straight-line slope. This fortunate.circumstance often permits
obtaining a reasonable value of C~ byastrai@t-line extrapolation

of experimental data from two models having wings of different stiffnesses.

A test of the correctness of the extrapolated values of CL may be
%

I
obtained by calculating (as in fig. 13) the ratio CL CL from influ-

%%
ence c~efficients obtained for the wing and dividing the experimental
values of CL by this ratio for the various Mach numbers. If the curve

ae
of CL is obtained in this manner for two Gr more w&s of different

%
stiffness, and these curves agree, the resulting values of C

%
should

be correct. The broken-line curves of figure 7(a) were obtained in the
above manner for the two models of the present test and show good agree-
ment together and with the extrapolated values of CL

%“. .

IIIfigure 13, the data for the steel-wing model show that movement
of the center of pressure frcm the 25- to the kO-percent-chord line results- .
in an average decrease in ~a C

J%.
of approximately 2 percent for the

test range of C$% me eX@rhental ~fitS Of CL
$

from fig-
a ‘%

ure 12 should show better agreement with the calculated 40-percent-chord-
line data than with the 25-percent-chord-line data at the higher values
of cL%q. The better a~eement of the experimental points with the

25-percent-chord-line curve indicates some inaccuracies in the calculated
and experimental data.

CONCLUSIONS

The results of free-flight rocket-model tests of two models of a
swept-wing missile configuration indicated the following conclusions:

s

.-
.
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. 1. Due to
model was 17.7

13

wing flexibility, the lift-curve slope of the steel wing ‘
percent higher than that of the dural wing model at a Mach

number of 0.95, and 25 percent higher at Mach number 1.25.
a

2. Aeroelastic calculations and extrapolation of the test data indi-
cated that a rigid-wing configuration should have lift-curve-slope
increases over the steel wing model of 13.8 percent at lkch nmiber 0.9
and 23.1 percent at Mach nwnber 1.25 for the dynamic pressures of the
test.

3. me ~~um value of CL- occurred near a Mach number of 0.95.

The lift-curve
uniformly from
then decreased

4. Due to
steel wing was

UJ
slope corrected to the rigid-wing condition increased
0.088 at Mach number 0.85 to a maximanvalue of 0.102 and
uniformly to 0.077 at Wch number 1.3.

w“ingflexibility, the aerot@amic-center location for the
10 percent mean aerodynamic chord farther rearward than

that for the dural wing and approximately 6.5 percent
than that for a rigid wing.

5. The aerodynamic center moved rearward between
0.9 and 1.1 and then forward at higher Mach numbers.
the rearward movement would be from 27 to 46 percent.

farther forward

Mach numbers of
For a rigid wing

6. The time to damp to one-half amplitude was less at supersonic
Mch numbers than at subsonic Mach numbers. The sun of the pitch-damping
derivatives decreased severely near ~ch nmber 1 but had no large effect
on the total damping.

.

Langley Aeronautical Laboratory,.
National Advisory Cormnitteefor Aeronautics,

Langley Field, Va.l June 9, 1953.
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BODY,~G, AND VERTICAL-TAIL ORDINATES

EC@ ordinates
Wing ordinates, Vertical-tailord5nates,
percentchord percentchord

Sat ion, wai~, Uppa Lower Upperand lower
St4tions~face surfacen. from nose b. Station surf8ces

o 0 0 -0.850 0.850 0 0
1.4 .380 1.25 .200 1.573 1.25 .go ‘

.548 2.50 .610 1.855 2.50 1.335
::: 1.066 1.120 2.190 1.770
6.0 I.502 % 1.480 2.410 ;:E 2.060
8.0 1.857 10.00 1.773 2.567 10.00 2.265
10.0 2.151 15.00 2.227 2.782 15.00 2.567
l$!.o 2.39 20.00 2.532 2.922 20.00 2.770
14.0 2.575 25.00 2.747 2.998 25.00 2.507
17.0 2.770 30.00 2.900 3.033 30.00 3.010
20.0 2.878 35.00 2.980 3.040 40.00 3.120
22.0 2.900 40.00 3.010 3.020 ~.oo 3.057

%raight line 50.00 2.855 2.860 60.00
65.0 2.90Q 60.~

2.810
2.380 2.380 70.00 2;395

68.0 2.875 70.00 1.8x2 1.8I2 75.00 2.090
70.0 .2.810 80.00 1:23: 1.233 Straightline
72.0 2.700 $1o.oo .640 100.00 .100
74.0 2.5k5 100.00 .Okj .015
76.0 2.340

78.0 2.070
80.0 1.710
80.9 1.503

/
●4OC +

c .

.O085C

\~
——. ~ )—. —

7~
.40C \

e- ~
Wingairfoilsection and leading.@ge droopdetail.
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TABLE II

PHYSICAL CHARACTERISTICS OF THE DURAL AND STEEL WING

Dural wing
model

Wing:
Area (total included), sq ft . . . . . . . . . . 3.27
Span, ft . . . . . . . . . . . . . . . . . ...4.23
Aspect ratio.. . . . . . . . . . . . . . . . . 5;3
Mean aero&nsmic chord, ft . . . . . . . . . . . 0..82
Sweepback of 0.4-chord line, deg . . . . . . . . 45
Dihedral (relative to mean thickness line), deg. . 0
Taper ratio, tip chord/root chord . . . . . . . 0.4

Vertical tail:
Area (extended to center line), sq ft . . . . . 0.45
Height (above fuselage center line), ft . . . . 1
Sweepback of Oh-chord line, deg . . . . . . . . 3’3
Tape; ratio, tip chord/root-cho~d . . . .“. .

Fuselage:
Length)ft . . . . . . . . . . . . . . . . . .
Maximum diameter, ft . . . . . . . . . . . . .
Fuselage fineness ratio, length/diameter . . .
Nose fineness ratio.. . . . . . . . . . . .
Boattail fineness

Weight and balance:
Weight, lb . . .
Wing loading . .
Center-of-gravity
of leading edge

Moment of inertia

Moment of inertia

ratio . . . . . . . . . . .

\

. . . . . . . . . . . .. . . .

. . . . . ..,.* . . . . .
position ‘(percent E forwwd
of mean aero@mmic chord) . .

0.286

6.73
0.483
13.9
4.14
2.76

88.7
27.1
78.8

in pitch, Iy, s~ug-f# ... . . 8.9
in yaw, IZ, slug-ft2 . . . . 8.92

MODELS

Steel wing
model

3.27
4.23
5.3

0.82
45
0

0.4

0.45

3;
0.286

6.73
0.483
13.94
4.14
2.76

.

8.51
9.82

v ““ -
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Figure l.- General arrangementof test models. All dimensionsare In inches.
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Figure 3.- Photograph of model and booster on launcher.
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Dural wing model=
8 Steel wing model \

O Reference I

6

4

c) c)

o“
.8 .9 I.0 !.t t.2 1.3 1.4 1.5

Mach number, M

(a) Reynolds mniber.

Dural wing model -
3 Steel wing model \

O Reference i
\

2“

I

o
.8 .9 1.0 1.1 1.2

Mach number, M

(b) Dynsmic pressure.

Figure 4.- Varlation of Reynolds number ~
Mach number.

1.3 I.4 1.5

-C pressure with
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.
.04

.03

CD
.02

.01

c~
trim

.

.

. . . . .$

.9 1.0 1.1 1.2

Mach number, M

(a) Drag coefficient.

!.3 1.4 1.5

,1

w- -“ m ZIJau “~

-J
.8 .9 1.0 1.I 1.2 1.3 I .4 1.5

Mach number, M

(b) Trim normal-force coefficient.

21

‘.8 .9 Lo 1.1 1.2

Mach number, M

(c) Trim angle of attack.

Figure 7.- Effect of Mach number on the zero-lift

1.3 1.4 1.5

drag coefficient. trim
normal-force coefficient, and trim angle of–attack. “
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Figure 6.- Varlation of angle of attack with lift coefficient at

various Mach InmliMrs.
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(b) Steel wing model.

Figure 6.- Concluded.
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.Ic
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CL=

,04

.02

0
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0 -+ .

A

O Dural wing model
❑ Steel wing model
O Reference I
A 2 poinf extrapolation to rigid. (Figure 12(a))
Q 3 point extrapolation to rigid. (Figure 12@))

– ‘– Rigid, from datoof figure l~25c loading)
‘— Rigid from doto of figure 13@~25c loading)

f I
A 1.0 LI t,2 1,3 I:4 1.5

Mach number, M

(a) Lift-curve slope.

-Jo

Dural win model

-.08 f - ic-g.at -78. percent E

/
/

&
-.06

/-
7 Y i

- \
-.04 /

L – Steel wmg model

-.02~
cg. at -31.5 percent C

o
.8 .9 Lo LI 1,2 1,3 1.4 1.5

Mach number, M

(b) Pitching-moment-curve slope.

Figure 7.- Effect of Mach number on the lift-curve and pitching-ument-
curve slopes.
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m
.4

0 Dural wing model, cg. at -78.8 percent C
EI Steel wina model . &q. at -31.5 percent E

.3

.2

.1

n“.- ...
.8 .9 1.0 1.1 1.2 1,3 L4 1.5

Mach number, M

(a) Period of the longitudinal oscillation.

60

50

40

30

20

10

0

@ Reference I
— — From data of figure 13(a)
—- —From data of figure 13(b)

— L.
●

<>
& <\ .

0 ,
// \

/
,’ ‘/ , ~

/
\

/ \
L

/

<6/ A/ / – Steel winq model

/ ~

\
‘Dural wing model

~-

, .9 1.0 1.1 L2 1.3 1.4 L5

Mach number, M

(b) Aerodynamic-center location.

25

. Figure 8.- Period of the longitudinal oscillation and aer@pamic-center
location.
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.4

,3
3

F

1-l .2
3

.t

❑ Steel wing model , e.g. at -31.5 percent E

o
.8 .9 I.0 1.1 1.2 1.3 I.4 1.5

Mach number, M

(a) Time to damp to one-half smplitude.

-16

‘-{8.8 percent c
at -31.5 percent C

–8
(\

10>
“8 ml

‘d .4
*

+ 3
10>

‘m CN
- 0
&

4
.8 .9 1.0 1.1 1.2 t,3 I .4 1.5

Mach number, M

(b) Pitch-damping derivatives.

~igure 9.- Dsmping characteristics of the short-period longitudinal
oscillation.
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v
a)
m
#-

C“P

.5 .

.

.3 0

.2 — — — — — — — —

o Dural wing model, q. at -78.8 percent C
.1

EI Steel wing model, e.g. at -31.5 percent C

o
.8 .9 I.(I I*I I*2 1+3 1.4 1.5

Mach numbeF5M

(a) Pericd of the lateral oscillation.

.012
0 Dura I wing model. e.g. at -78.8 percent C

— EI Steel wing model, e.g.at 31.5 percent C
0 Reference I

.008 -

. . .
A

“.+’ $%& Q) & * * ‘%? I

=Js=--

0*
.8 .9 I ,0 1,1 1.2 1.3 I .4 1.5

Mach number, M

(b) Yawing-moment-curve slope.

Figure 10.- Characteristics of the lateral oscillation.
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–16X10-3 Loading
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.528
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NACA RM L53F18

stotion

(a) Loads applied along the 25-percent-chordline.

Loading station
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&
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(b) Loads applied along the b-percent-chord line. --

—

.

Figure 11.- Stresmwise angle-of twist of the steel wing due to a unit
load applied along the ~- and 40-percent-stresmwise-chordlines and_
at the spanwise stations indicated.
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.10
Mach number

00.85
❑ .92
G 1.00
A 1.10

-

.06

cLa
A<Steel

.04
L<Dural

.02 ‘

o
0 4 8 12 16 20 24

‘qs(!)Ref

CL=

.

(a) Two-point extrapolation.

.10

.06

.04 r
With inertia Without inertia ioading Mach

loading Durai Steel Reference i ‘umber

-O:oLi_iiLa
4 8 12 16 24

(- qs !)Ref +

(b) Three-point extrapolation. ,

Figure 12. - TKO- md three-point extrapolation of experimental lift-curve
slopes to obtain rigid-wing lift-curve slopes.
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(a) Dural wing model.
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_ .—— Without inertia loading
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(b) Steel wing

Figure 13. - Cskulated and experimental

model.

ratio of elastic to rigid lift-
curve slope for the dural and steel
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wing models.
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