i. "

NACA RM E54L20

T -.,é

{
R Copy

RM E54L.20

RESEARCH MEMORANDUM

EFFECTS OF TURBINE COOLING WITH COMPRESSOR AIR BLEED
ON GAS-TURBINE ENGINE PERFORMANCE
By Jack B. Esgar and Robert R. Ziemer

Lewis Flight Propulsion Laboratory
Cleveland, Obio

CLASSIRCATION CANCELLED
Authority. Dacons ooy bdad Tia L8257

L RN . -
By .. 20/8 . [= 82 37 __ _See _;g
E 4 et
of e ﬁmﬁ“a-.nrm By qum.#- o T o o of ik
NATION VISORY COMMITTEE

FOR AERONAUTICS

WASHINGTON
March 15, 1955

Seam .



915%

Ccv-1

ﬂl\ﬁul\ll l? TR Tg A

NACA RM ES4L20 i 01435 78

NATTONAL. ADVISORY COMMITTEE FOR ABRONAUTICS

RESEARCH MEMORANDUM
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ON GAS-TURBINE ENGINE PERFORMANCE

By Jack B. Esger and Robert R. Ziemer

SUMMARY

The englne performance gains made possible by use of turbine cooling
to permit engine operation at high turbine-inlet temperatures are general-
ly well known, but lnformation on the engine performance variations result-
ing from bleeding air from the compressor for turbine cooling is lacking.
A thermodynamic-cycle investigation was conducted to determine the magni-
tude of these performance variations for & wide range of operating condi-
tions for turboprop engines end both afterburning and nonefterburning tur-

bojet engines.

Bleeding alr from the compressor for turbine cooling at constant
turbine-inlet temperature results in a power (thrust or horsepower) reduc-
tion and generally an increase 1n specific fuel consumption for both tur-
bojet and turboprop engines. The effects are smaller at high than at low
turbine-inlet temperatures. For both afterburning and nonafterburning
turbojet engines at high flight speeds, reductions in thrust and increases
in specific fuel consumptlon resulting from bleeding & glven quantity of
compressor alr for such purposes as cgbin cooling and accessory drives
(overboard bleed) are very much greater than for the case where the bleed
ailr is used for turblne cooling. For turboprop engines the effects on
engine performence due to bleeding the compressor are approximetely the
same whether the alr is bled overboard or used for turbine cooling.

Generally, the performance veriatlons resultling from compressor bleed
for turbine cooling are not prohlbitive. The net effect of using air bled
from the compressor for turbine cooling to permlt operstion at higher
turbine-inlet temperatures 1s improved power and specific fuel consumption
for turboprop and afterburning turbojet engines. For nonafterburning tur-
bojet engines, very large increases in thrust are obtained by increasing
gas temperature; the resulting increases in specific fuel consumption
are primerily due to increased temperature and not to air-cooling.
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INTRODUCTION

One of the factors affecting the use of turbine cooling to permit
operetion of gas-turbine engines at higher turbine-inlet temperatures
than for present engines, and thus higher power outputs, is the effect
of the cooling on the engine power and specific fuel consumption. There-
fore, an analytical investigation was conducted at the NACA Lewis labora-
tory to investigate the effects of bleeding air from the engine compres-
sor for turbine-cooling purposes. :

Some of the effects of cooling on englne performence have been pre-
viously investigated and reported in references 1 to 5. References 1
and 2 discuss the effects of liquid- and alr-cocoling on the cycle effi-
ciency of turbine engines delivering shaft power. References 3 and 4
present the effects of alr-cooling on the performence of a specific tur-
bojet englne. The primgry purpose of reference 5 1s to show the perform-
ance potentials of turbojet englnes utilizing turbine cooling and operat-
ing at a flight Mach number of 2 1n the stratosphere. In the study of
reference 5, only engines with single-stage turblnes operating near thelr
gerodynamic limits are considered.

In order to provide studies of a more genersl nature that lnclude
both turbojet and turboprop englnes operating over a wide range of condi-
tlons, the present investigation was undertsken. This investigetion i1s
based on a thermodynamic-cycle anslysis; and, with the exception of the
component efficiencles, the compressor and turbine characteristics such
as aserodynamic limits, flow capecity, or number of stages were not specl-
fied. In thls manner, the results of the anslysis can be generalized to
show the effects of air-cooling on englne performance for many conditlons
of engline design. This report does not emphasize the performance poten-
tlials obtainable through use of turbine cooling to permlt operation at
high turbine-inlet temperatures, but presents the relative performence’
changes due to air .cooling that are obtained at various operating condi-
tione and wilth various types of gas-turbine engines. The smount of cool-
ant flow requlred for any given set of conditions is not specifled. The
quantity of coolant required for a gliven set of engine conditions can vary
greatly as the result of various air-cooled turblne blade design tech-
niques. It was thought, therefore, that the results of thlis report would
be more useful 1f cooclant flow was left an lndependent verisble. In this
way the smount of effort that may be necessary to minimize coolant-flow
requirements for different modes of operation can be determined.

The effect of cooling on englne performance was studied for turbo-
Jet efterburning (to 3500° R) and nonafterburning engines for a range of
compressor pressure ratios from 4 to 10, turbine-inlet temperastures from
2000° to 3000° R, flight Mach numbers of zero and 2, compressor adiabatic
efflclenclies of 83 and 88 percent, turbine polytropic efficiencies from
70 to 90 percent, and with the turbine cooling slr from zero to 9 per-
cent of the compressor flow bled from elther the compressor discharge or
from an ilntermediate stage. Calculatlons for bturboprop engines were made
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at the same conditlions, except the range of compressor pressure ratios
was from 8 to 16 and the flight Mach numbers considered were zero with
no Jet thrust and 0.9 with optimum jet thrust.

ANATYTTICAL. FROCEDURE AND ASSUMPTIONS

The amount that engine performence is affected by bleeding air from
the compressor for turbine cooling is influenced by other engine variables
such as turbine-inlet temperature, compressor and turbine efficlency, com-
pressor pressure ratio, over-all englne pressure ratio as influenced by
flight speed, and the compressor stage from which the cooling air is bled.
The pressure losses in the cooling alr determine the point where the com-
pressor must be bled. In this analysis two compressor bleed points were
assumed for the calculations. The low bleed point, which was at a pres-
sure ratio of half the total compressor pressure ratio, would probably be
gbout the minimum that could be expected for a low-pressure-loss system.
For a cooling-air system with high pressure losses in the ducting and
blades and with a throttle for controlling the flow, compressor-discharge
bleed would probably be required. This was the other bleed point
considered.

The effect of compressor bleed on alr-cocled engine performance was
investigated for ranges of the engine variables mentioned using the com-
putational methods presented in reference 6 with some variations to be
discussed later. A renge of engline conditions was assigned that is be-
lieved to be representative of the type of engine operation to be expected
for engines using turblne cooling. Calculations for both turbojet and
turboprop engines were made that included the followling conditions (sym-
bols are given in sppendix A, and numexicsl subscripts indlcate statlons
shown in fig. 1):
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Fnglne variable

"Tu£633é£ engine

" Turboprop engine

Flight Mach number
Flight altitude

Ram recovery, pi/pé

Compressor pressure ratlo
(at specified flight
conditions), pé/pi

Compressor adisbatlic ef-
ficlency, ng :

Compressor bleed point

Primary-combustor pressure
ratio, pé/pé
Primary-combustor efficiency,

g,2-3
: .
Turblne-inlet temperature, °r

Turblne polytroplic efficlien-

Y, 'qua

Turbine tip speed, ft/sec

Turbine-discharge pressure
for turboprop with no Jet
thrust

Tall-cone pressure ratio
with no afterburner, p%/pé

Afterburner and tall-cone
pressure ratio, p%/pé

Afterburner efficlency,
B,8-7 '

Afterburner tempersture, CR

Type of exhaust nozzle

Exhaust-nozzle efficiency,
Tin

Turboprop gearbox efficien-
CYs Y

Propeller efficiency, qp

O and 2

Sea level and
stratosphere

1.00at M =20

0.85at M =2

4, 6, 8, 10

0.83 and 0.88

Compressor discharge
end at pressure
retio equal to
helf compressor
pressure ratio

0.95

0.98

2000, 2500, 3000
0.70, 0.75, 0.80
0.85, 0.90

1200

0.99
0.80

0.90

3500
Convergent-divergent

0.95

O and 0.9
Sesa level

0.96 at M = 0.9

8, 12, 16

0.83 and 0.88

Compressor discharge
end at pressure
ratio equal to
half compressor
pressure ratio

0.95

0.98
2000, 2500, 3000
0.70, 0.75, 0.80
0.85, 0.90

1200

pé = pO/O.Sz

0.99

Convergent

0.95

0.95
0.85

3516
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Unless speclfied otherwise on the flgures, gll calculations were
made for a compressor adiabatic efficiency of 0.88, a turbine polytropic
efficiency of 0.85, and cooling air bled from the compressor discharge
for both turbojet and turboprop engines. In addition, the flight Mach
number was 2 for the turbojet and zero for the turboprop unless specified
differently.

In this analysis, the compressor adisbatic efficiency is asssumed to
be invarient with compressor pressure ratio. Experience in modern com-
pressors indicates that an adiebestlic efficiency of 0.88 can be obtained
for a wide range of compressor pressure ratios.

Por the turbine, the turbine stage efficiency was assumed to remaln
constant. As the compressor pressure ratio increases, the turbine work
increases, and consequently the grester will be the number of turbine
stages required. It was believed that constant turbine polytropic effi-
ciency for sll compressor pressure ratios would therefore be a better
essumption than constant turbine adishatic efficiency.

Heat Removed by Turbine Cooling

During the process of coolling turbine blades, heat is removed from
the gas driving the turbine and 1s transferred to the cooling air. The
cooling elr is usually ducted back into the gas stream so that the heat
transferred to the cooling air ultimately finds its way back to the com-
bustion gases. TFor a turbojet engine, this heat is stlll availsble for
Jjet thrust. The heat removed by turblne cooling has a negligible effect
on turbojet-engine performance and is therefore neglected for the turbo-
Jet celculastions.

For the turboprop engine, however, the effect of heat removal from
the cooled portion of the turbine has a greater effect on the engine
performsnce than for the turbojet engine. Although small, this effect
is accounted for In the calculations, and the method of calculating the
quentity of heat removed is discussed In sppendix B.

Division of Work Between Cooled and Unccoled Turbine Stages

In & convection-air-cooled gas-turbine engine the cooling air dis-
cherges from the tips of the rotor bledes. This cooling alir mixes with
the combustlon geses to increase the mass flow and decrease the gas tem-
perature for the following turbine stages. The cooling sir from the
stator blades probsbly will not be discharged at the blade tips but in-
stead wlll be ducted to discharge 1nto the maln gas stream downstream of
the cooled turbine stage. The gquantity of work that can be obtained from
the cooling elr in subsequent turbine steges 1s uncertaln, because the
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alr is at & low energy level until mixed with the exhaust gases. In the
analytical procedure of reference 6, 1t was assumed that no work was ob-
talned from the rotor or stator cooling alr in any turbine stage. In the
present analysis, however, 1t 1s assuted that no work 1ls obtained from
the cooling alr in any of the cooled turbine stages, but that the cooling
alr from both the rotor and the stator is available for producing work in
the uncooled turbine stages.

As stated previously, the effect of heat rejection to the cooling air
is neglected in the turbojet-engine calculations. ZFor turboprop englnes,
however, 1t is assumed that the heat rejected to the cecoling elr 1s mede
available for producing work in the uncooled turbine stages. S

The work output of the cooled turblne stages was determined by specl-
fication of the gas temperature at the exit of the cocled turbine stages.
For some cases for turbojet engines with high turbine-inlet temperstures,
the turblne work required for driving the compressor was not high enough
to reduce the turblne-exit temperature to the speclfied temperature. For
these speclal cases all the turbine stages were cocled; and, therefore,
the work output of the cooled turbine stages would be the totel turbine
work determined in the manner expleined in reference 6.

For a turbine-inlet temperature of 2000° R, cooling probably would
not be required unless the turbine blades were made from noncritical
materials. It was assumed that noncritlcal bledes were used at a turbine-
inlet temperature of .2000° R and that uncooled turbine blades could be
utilized when the gas temperature was reduced to 1600° R. This tempera-
ture (1600° R), therefore, was the specified exit temperature for the
cooled turbine stages. For turbine-inlet temperatures of 2500° and 3000°
R, it was assumed that the turbine blades were made of high-temperature
materials and that uncooled turbine blades could withstand stsge-inlet
temperatures of 2100° R (the specified exlt temperature for the cooled
turbine stages at the higher gas temperatures).

Optimum Jet Thrust for Turboprop Englne

Reference 7 shows that the Jet veloclty required to obtaln optimum
Jet thrust for a turboprop engipe without compressor bleed can be closely
approximeted by the expression ’

nan

(1)

VB,opt =

When air 1s bled from the compressor, & higher jet velocity 1s required
to obtain optimum Jet thrust, because & larger pressure drop is necessary
across the turblne, -the same as if the turbine efflclency were lowered.

.

135

16
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Calculations showed that a Jet veloclity 10 peréent higher than that given
by equation (l) resulted in very nearly an optimum jet thrust for the
ranges of compressor bleed flow, component efficiency, and flight veloc-
ity considered 1n this report; consequently, this higher jet velocity was
used in all optimum Jjet thrust calculaetions. Exactly optimum values of
Jet velocity are not important, however, because the maximum equivalent
horsepower and minimum equivalent specific fuel consumption are relatively
insensitive to the jel veloclity for veloclities near the optimum value.

The pressure ratio across the exhaust nozzle required to obtain the speci-
fied Jet velocity, the over-sll engine pressure ratlo, and the specified
pressure losses were then used to determine the pressure ratio available
across the turbine for obtaining turbine and shaft power.

Definition of Englne Performance Terms

Throughout this report the englne performance is given 1n terms of
the engine power and the specific fuel consumption. The definition of
these terms varies somewhat with different engines as explained in the
following peragraphs.

Afterburning and nonafterburning turbojet engines. - For turbojet
engines, the power of the engine is always in terms of the net specific
thrust in pounds of thrust per pound of compressor-inlet air flow per
second. The net thrust is the gross or jet thrust minus the inlet momen-
tum of the air flowlng into the engine.

The specific fuel cohsumption 1s the fuel flow divided by the net
thrust; therefore, it 1s a thrust specific fuel consumption in pounds of
fuel per hour per pound of thrust.

Turboprop engines with no Jjet thrust. - Without Jjet thrust, the
turboprop-engine power is taeken equal to the specific shaft horsepower,
which is the horsepower per pound of compressor-inlet air flow per second.

The specific fuel consumption 1is the fuel flow divided by the shaft
horsepower; therefore, it is a brake specific fuel consumption in pounds
of fuel per hour per shaft horsepower.

Turboprop engines with jet thrust. - With jet thrust, the turboprop-
engine power is taken a&s the specific equivalent horsepower, which is
equivalent horsepower per pound of compressor-inlet air flow per second.
The equivalent horsepower of the engine i35 the sum of the equivalent Jjet
thrust horsepower (product of Jet thrust and veloclity divided by propeller
efficlency with proper conversion units) and the shaft horsepower.

The specific fuel consumption is the fuel flow divided by the equiva-
lent horsepower; therefore, 1t is an equivalent specific fuel consumption
in pounds of fuel per hour per equlvalent horsepower.
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NONAFTERBURNING TURBOJET ENGINES

As stated in the INTRODUCTION, the primasry purpose of this report
is8 to show the performance variations that result from air-cocling of
turbines rather than to show the performence potentials that are obtain-~
gble through use of cooled turbines to permit higher turbine-inlet tem-
peratures. The best basls for showing performance variatlions due to
cooling i1s debatable because of the following considerations: The cool-
ing air should.be ducted back into the combustion gases after it has
served its cooling purposes so that 1t is avallable for creating jet
thrust. The exhaust-gas temperature la then reduced by dilution from the
cooling air. This temperature reduction quite naturally results in a
specific thrust reduction. The resultling specific fuel consumption may
be elther increased or decreased, depending upon the pressure losses 1n
the cooling alr. The questlion then arises whether the effects of air-_
cooling on engine performsnce should be determined at s constant thrust
level or at constant turbine-inlet temperature.

If comparisons are made at a constant thrust level, the turblne-
inlet temperature is a function of the quantity of cooling-air flow, and
the basis of comparison is the variastion in specific fuel consumption
with variations in cooling-air flow. On the other hand, 1f comperisons
are made at constant turbine-inlet tempersture, the speclfic thrust always
decreasses with increasing gquantities of cooling alr because of exhaust-
gas temperature reduction. The specific fuel consumption may increase,
decrease, or be unaffected. It depends toc a large extent on cocling-alr
pressure losses. Comparisons at constant turblne-lnlet temperature are
probably more useful than compariscons at constant thrust, because there
are practical limitations to the amount turblne-inlet temperatures can
readlly be increased, and because this type of comparison 1s more familiar.
Most alr-cooling effects are shown, therefore, at constant turbine-inlet
tempersture.

Performesnce with No Cooling Air

In order to permlt evaluation of over-all englne performaence for a
range of turbine-inlet temperatures, the engine performance Is first
presented on & relatlve basis In figure 2 for a range of turbine-inlet
temperatures for no coollng air. In the remslning figures, the perform-
ance variations due to alr-cooling at constant turbine-inlet temperature
are presented by showlng the cooled-englne performance relative to the
case with no cooling air with all other engine conditions remaining
constant.

The over-all effect of higher turbine-inlet temperatures for a range

of compressor pressure ratlos can be seen by first cobserving the perform-
ance shown in figure 2 {no cooling sir). The net performance for most

3516
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conditions studied can then be obtalned by multiplying the performance
indicated in flgure 2 by the relative performance figures showing per-
formance variations due to turbine rotor and ststor cooling at constant
turbine-inlet temperature. In figure 2 the compressor adisbatic effi-
ciency 1s 0.88, the turbine polytropic efficiency is 0.85, and the flight
Mach number is 2 in the stratosphere. By plotting the performance on &
relative basis, the results become more general and sre approximately
correct for somewhat different assumptions concerning efficiencles, pres-
sure losses in the engine, and flight speed. As an exsmple, the results
shown in reference 8 are for different assumptions, but on a relative
basis the results corroborate those presented herein. In figure 2, all
performaence is relstive to an engine with a compressor pressure ratio of
4 {at the flight condition specified) and a turbine-inlet tempersture of
2000° R. The corrected specific thrust is 32.06 pound-seconds per pound,
and the corrected specific fuel consumption is 1.162 pounds per hour per
pound at this basic condition.

FPigure 2 shows that the specific thrust of nonafterburning engines
can be approximetely doubled by increasing the turbine-inlet tempersature
from 2000° to 3000° R. This thrust is accompanied by an increase in
specific fuel consumption unless the compressor pressure ratlo is In-

. creased also. The deslrability of operating st these higher temperatures .

is dependent on the use of the power plant. Generglly, high temperatures
for turbojet englnes are most useful at supersonic flight speeds, as dis-
cussed in references 9 and 10. At these speeds, high thrust per unit of
engine weight or per unit of frontal area can more than overbalasnce the
effects of increased specific fuel consumption at high turbine-inlet tem-
perstures. Because it is expected that high turbine-inlet temperatures
will be utilized in turbojet engines at supersonic speeds, most of the
study presented herein for turbojet engines is for a flight Mach number
of 2 in the stratosphere.

Performence Varlations due to Turbine Cooling

Bleeding air from the compressor for cooling of the turbine results
in a change in turbojet-engine performance for three main reasons:

(1) Dilution of the exhaust geses by the cooling air csuses a gas-
temperature reduction. The exhsust-gss temperature 1s also reduced be-
cause part of the englne air flow (the cooling air for the Surbine rotors
and stators) is unavailable for turbine work, although work is done on
this air in compressing it. As a result, specific turbine work is in-
creased and there is a higher gas-temperature drop across the turbine.
The gross thrust ls proportional to the square root of the exhaust-gas
temperature; consequently, a reduction in gas temperature results in a
reduction in thrust.
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(2) Higher specific turbine work for a glven turbine-inlet tempera-
ture causes an luncressed pressure drop across the turbine. Because of
this higher pressure drop less pressure is avallable at the exhaust noz-
zle for creating Jet thrust.

(3) The cooling slr for the turbine rotor has to be accelerated to
turbine tilp speed as it flows out through the turbline blades and is dis-
charged at the blade tips, so that the turbine must do additional work
on the rotor cooling air. Although this additional work is small, an
additional loss in jet thrust is incurred, as explained in items (1) and

(2).

The effect of alr-coolling on specifilc fuel consumption is generally
smaller than the effect on thrust. Since pert of the compressor air ies
bled off fTor cooling, less fuel per pound of compréssor-inlet alr is
burned for a cooled engine than for an uncooled engine for a constant
turbine-inlet temperature. Thus, the thrust specific fuel consumption
is affected to a smaller degree than the specific thrust by air-cooling,
since fuel consumption as well as englne thrust 1s decreased.

In the following discusslon, the effects of turbine rotor cooling
on turbojet-engine performence are first shown for ranges of turbine-
inlet temperature, compressor pressure ratlo, and compressor and turblne
efficlency. The effects of both turbine rotor and stator cooling on
engine performance ere then compared at specific values of turblne-inlet
temperature, compressor pressure ratio, and component efficiencles to
show effects of flight speed and cooling-alr pressure losses.

Effects of turblne cooling ere shown for coolant flows up to 9 per-
cent of the compressor flow for both rotors and stators. This range
should cover requlrements for most turbine blades for the gas-temperature
range covered in this report. The quantity of coolant required for cpera-
ticn at a specified turblne-inlet temperature cen vary greatly with the
turbine blade coolant-passage configuration, blade size, and blade stress.
For reference, it la expected that good design precitice can result in the
following renge of coolant-flow requlrements:

Turbine-inlet Totel turbine coolant flow,
temperature, percent of compressor flow
°r
2000 1 to 4 (noncritical blades)
2500 3 to 6
3000 6 to 15

3316
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The rotor and stator blades generally requlre about the same smount of
cooling air up to bturblne-inlet temperatures on the order of 2500° R.

At higher turbine-inlet temperatures, it is expected that the stators
may require more flow than the rotors, based on unpublished calculations.

Effects of turbinme-inlet temperature and compressor pressure ratio. -
In figure 3 relative specific thrust and relative thrust specific fuel
consumphtion are plotted against the percent of compressor air bled for
turbine rotor cooling. At zerc coolant flow the relative values plotted
on the curve ordinates are always unlty; in this way the percentage changes
due to coollng are easily cbtained. The calculations were made for a non-
afterburning turbojet engine operating at a flight Mach number of 2 in the
stratosphere. Parameters on the curve cover ranges of turbine-inlet tem-
perature and compressor pressure ratio. These curves cannot be used for
comparing the thrust or fuel consumption that results from operatlon at
different temperature levels or different compressor pressure ratios.
Such information 1s obtalnable from figure 2.

It will be observed in figure 3 that the percentage changes in spe-
cific thrust and specific fuel consumption for each percent of coolant
flow bled from the compressor decrease as the turbine-inlet tempersture
increases, particularly as the tempersture increases from 2000° to 2500°
R. At a turbine-inlet temperature of 2000° R, the thrust reduction due
to turbine rotor cooling is conslderably higher for a compressor pres-
sure ratlioc of 10 than for 4, and the percentage lncrease in specific fuel
consumption is more than doubled at the higher pressure retio. At higher
turbine-inlet tempersture, compressor pressure ratio has a small effect
on performence varlations due to cooling.

At a turbine-inlet temperature of 2500° R, which appears to be a
reasonable goal for the first round of engines incorporeting turbine cool-
ing, the engine specific thrust decreases approximstely 1 percent for
every percent of turbine rotor cocling alr. The speclfic fuel consumption
increases only sbout 1 percent for every 6 percent of compressor air bled
for cooling.

In order to illustrate the combined effect of increased turbine-inlet
temperature and compressor air bled for turbine rotor cooling on the per-
formance of a nonafterburning turbojet engine, a map of relative specific
thrust plotted against relative specific fuel consumption is presented in
figure 4 for ranges of turbine-inlet temperature, compressor pressure
ratlo, and percent compressor flow used for turbine rotor cooling. All
values of specific thrust and specific fuel consumption are relative to
the values obtained at a compressor pressure ratlo of 4 at a turbine-inlet
temperature of 2000° R with no cooling air. From this plot, 1t is obvious
that, even for high quantities of coolant flow, the thrust output of tur-
bojet engines can be substantially increased by using alr-cooling to per-
mit overation at hlsgher turbine-inlet temperstures. Generally, the effects
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of air-cooling on specific fuel consumption are very smsall at the higher
turbine-inlet temperatures; however, efforts should be made to minimize
coolant flow in the effort to cbtain higher specific thrust.

Effects of compressor and turbine efficlency level. - Both the thrust
and fuel counsumption of an engline are improved by use of high component
efficiencles in the compressor and turbine. The guestion arises, how-
ever, as to whether efficiency level has an effect on variations in thrust
and. specific fuel consumption due to turbine cooling. Figure S5 shows that
for turbine rotor cooling the efficlency level does not significantly af-
fect these variations for the complete range of turbine-inlet temperature
shown. It will be noted, however, thet the effect of efficlency level is
somewhat more pronounced at & turbine-inlet temperature of 2000° R than
at the higher temperatures.

Compromises between turbine efficiency and coolant flow. - Some types
of turbine blades may be difficult to cool because of dlfficulty in locat-
ing adequate coolant-passage area 1n some portions of the blede. Added
area in these reglons may possibly reduce cooclant-flow requirements but
alter the blade profile with an atitendant loss in turbine efficlency. The
use of transpliraticon cooling can alsoc reduce coolant-flow requirements,
but bleeding cooling air into the boundary layer may decrease the aerody-
namic efficlency of the blades. It may be necessary, therefqore, to com-
prowise turbine aercdynemic efflciency in order to provide a blade that
will cocl with a smaller quantlty of cooling air. The extent to which
this compromise should be accomplished 1s lndicated In figure 6 for s
turbine-inlet temperature of 2500° R, a compressor pressure ratlo of 6,
and a £flight Mach number of 2 In the stratosphere. It should be noted
thet flgures 5 and 6 are used to show two completely different effects.
Figure 5 shows the percentage veriation in engine performsnce due to cool-
ing at two different efficlency levels, but the figure does not show how
efficlency affects performance. Flgure 6, on the other hend, shows how
both turbine efficiency and coolant flow affect engine performance.

The loss in thrust for each percent of cooling air is approximately
the same as for 3 points decrease in turbine efficlency (fig. 6). This
indicates that, wlth respect to thrust, the turblne efficlency could
possibly be compromised ln order to permlt fabrlcatlion of blades that
would require smaller quantities of coolant flow. WLith respect to fuel
consumption, however, figure 6 indicates that the turbine efficlency
cannot be comprowised, because the increase in specific fuel consumption
for each percent of cooling alr is approximastely the seame as for a de-
crease of 1/2 point in turbine efficlency. It is very doubtful whether
elterations to the blade that would cause such small changes in efficlency
could result in a type of blade where the cooclant flow could be reduced
by the quantltles indicated in figure 6 for no change 1n specific fuel
consumption. Study of this figure indicates, therefore, that turbine
blade-cooling research must be directed toward methods of ccoling blades
efficiently wilithout altering the serodynamic performsnce in an adverse

panner.

. 3516
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Comparison of englne performance varistions due to turbine rotor and
stator cooling. - In cooling the turbine stator, no additional pumping work
to accelerate the alr to the turbine tip speed 1s required; therefore, the
effects on englne performance due to stator cooling are somewhat smaller
than for rotor cooling. These effects are shown in figure 7(a) for & non-
afterburning turbojet engine with a turbine-inlet temperature of 2500° R,
a compressor pressure ratio of 6, and a flight Mach number of 2 in the
stratosphere. It i1s shown that stator cooling affects engine performance
only slightly less than rotor cooling. For elther case, each percent of
cooling air results in about 1 percent loss in thrust and only a very
slight increase in specific fuel consumption. For most cases the total
effect of coollng both the rotor and stetor can be closely approximated
by adding the indivlidual effects on englne performance.

Effect of fllight Mach number. - The effects of turbine coocling on
engine performance are compared in figure 7(b) for flight Mach numbers
of zero and 2. Altitude varies simultaneocusly with flight speed, but
its effect is of small megnitude, so that the conclusions drawn from the
study are unaffected by the altitude. The thrust reduction resulting
from turbine cooling at sea-level static conditions (Mach number of zero)
1s about four-fifths that for a Mach number of 2 in the stratosphere. At
low £light speeds the specific fuel consumption can actuslly lmprove as
the result of turbine coollng. The reason for improved performance at
low flight speeds can be explained from the followlng considerations:
Turbine cooling has approximately the same effect on gross thrust at high
or low flight speeds. The net engine thrust 1s determined from the gross
thrust minus the inlet momentum of the air teken intoc the engine. At
high flight speeds this inlet momentum mey be In excess of 50 percent of
the gross thrust. Because of the inlet momentum, smsll percentage changes
in gross thrust can result in much larger percentage changes in net thrust.
Consequently, larger percentage net thrust reductions due to cooling oc-
cur at high filght speeds. At a flight Mach number of 2, the specific
fuel consumption incresses slightly with increasing coolant flow. Smaller
percentage thrust reductions due to cooling at lower flight speeds cause
speclific fuel consumption to decrease with increasing coolant flow as
shown at a flight Mech number of zero.

Effects of cooling-alr pressure losses. - The higher the pressure
losses 1n the cooling-alr passages, the higher will be the pressure at
which the compressor must be bled. To illustrate the effect of these
pressure losses on engine performance & comparison ls made in figure 7(c)
for two compressor bleed points - wlth alr bled from the discharge of the
compressor end from a point where the compressor bleed pressure ratio is
half the totel compressor pressure ratio. The figure shows that a re-
duction of pressure losses results ln a small improvement in thrust spe-
cific fuel consumption. This improvement is enough that, even at high
flight speeds (flight Mach number of 2), cooling can result in improved
fuel consumption. It will also be observed that the engine thrust improves




14 Y & o NACA RM ES4L20

somewhat when the compressor is bled at the lower pressure ratlio that may
be possible with low cooling-alr pressure losses. The compressor bleed
pressure retio has a small effect on thrust reduction due to turbline cool-
ing, because the work required for compressing the cocling air provides
only a portion of the thrust reduction due to cooling. Generally, the
primary factor causing thrust reduction is the reduction of exhaust-gas
temperature due to dilution by the cooling alr rather than the effects

of larger pressure and tempersture ratios across the turbine as the re-
sult of lncreased turblne work due to cocling-sir compression. An addi-
tional adveantage of bleeding alr at lower pressure ratlos, of course, is
the fact that the cooling air has a lower temperature, and turbine cool-
ing can thus be sccomplished more effectively.

Comparison of turbine cooling snd overboard bleed. - A prevalent prac-
tice with turbojet engines is to bleed ailr from the compressor for cebin
coollng, accessory drives, electronlc equipment cooling, and so forth.
Air used for these purposes cannot he ducted back into the exhsust gases
to obtain Jjet thrust. Therefore, reductions in thrust due to overboard
bleed sre larger than those due to turbine cooling, as illustrated 1in
figure 7(c). The reduction in thrust due to overboard bleed resultis in
large increases in specific fuel consumption, a percentage increase of
&8s much as twlce the percentage of alr bled from the compressor. At zero
flight speed the increase in thrust specific fuel consumptlon due to
overboard bleed is only sbout one-fifth of that shown on Ligure 7(c)
(resulting from elimination of the inlet momentum loss), but the fuel
consumption is stlll considerably higher than for turbline cooling. These
results show that, for a given quantity of bleed, the common use of over-
board bleed 1s very costly in engine performance compared with the use of
turbine cooling. -

AFTERBURNING TURBOJET ENGINES

Performence with No Coolling Alr
]
In o manner similar to that for the nonafterburning turbojet englne,
the engine performance for the afterburnling englne is first shown 1ror a
range of turblne-inlet temperstures and compressor pressure ratios for
no cooling edr. Performance 1s then shown with cooling alr where the
cooled englne performance is relative to the uncooled performance. The
over-all effect of increassing turbine-inlet tempersture and using air-
cooling can ve obtalned by multiplying the relative performance values
shown for engines with no cooling air (fig. 8) by the relative performance
of engines utilizing turbine cooling (figs. 9 and 10).

The relative performence of afterburning engines compared with non-
afterburnling engines 1s shown in figure 8 for ranges of turblne-inlet

wiiniing-
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temperature and compressor pressure ratio. All performance values are
relative to a nonafterburning englne with a compressor pressure ratio of
4 snd & turblne-inlet temperature of 2000° R (the same as shown in fig.
2). Afterburning engines produce much higher values of specific thrust
than nonafterburning engines because of the higher exhaust-gas tempera-
tures. This thrust is obteined at high cost in specific fuel consumption.
Increasing the turbine-inlet temperature has the combined effect of in-
creasing the thrust and decreasing the thrust specific fuel consumption
of the afterburning turbhojet englne. These performence Improvements ac-
companyling increased turbine-inlet temperatures are caused by (l) lowexr
pressure ratlos across the turbine and thus higher pressures in the ex-
haust nozzle resulting from increased temperatures shead of the turbine,
and (2) more efficient burning of the fuel because a larger percentage
of the fuel is burned in the primary combustor, which has a higher com-
bustion efficiency than the afterburner.

Performance Variations due to Turblne Cooling

Air-cooling affects the performence of the afterburning turbojet
engine in a manner similer to that discussed previously for the nonafter-
burning engine, with one Ilmportant exception; namely, that reduction of
the combustion-gas temperature downstreem of the turbine by dilution and
increased turbine work does not affect the thrust, becsuse the gas tem-
perature 1s raised to & predetermined level by afterburning. The only
effect on thrust is due to decreased exhaust-nozzle pressure resulting
from increased turbine work. For these reasons, turblne cooling will have
a smaller effect on the thrust of afterburning engines than of nonafter-
burning engines. The reductlion of the turbine-exit temperature by cool-
ing necessitates the use of more fuel than when no cooling is uvsed, in
order to raise the exhaust-gas temperature to a specified afterburner-
outlet temperature. As a result, the lncrease in specific fuel consump-
tion due to turbine cooling will usually be higher for afterburning engines
than for nonafterburning englnes. Some of the effects are illustrated by -
compaxring filgure 9 for afterburning engines with figure 3 for nonefter-
burning engines. The thrust reduction due to turbine rotor cocling for
afterburning engines is less than half that for nonafterburning engines.
At turbine-inlet temperatures in excess of 2500° R, turbine cooling re-
sults in larger percentage increases in thrust specific fuel consumption
for afterburning engines than for nonafterburning engines; but at 2000° R,
larger increases in specific fuel consumption can occur for nonafterburn-
ing engines at high compressor pressure ratlios. Generally, the effect of
compressor pressure ratio on performance veriations due to turbine cooling
is very similar for both afterburning and nonafterburning englnes. Reduc-
tions in thrust and increases in specific fuel consumption are somewhat
higher at a compressor pressure ratio of 10 then at a pressure ratio of 4.
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There 1s such & similarity between the turblne-cooling effects far
tions in engine operation and component efflciency require no further
discussion. In figure 10, however, are shown comparisons of effects of
bleeding at two points on the compressor alr for turbine rotor cooling,
stator coaoling, and overbosrd bleed. As discussed for the nonafterburning
turbojet engine, the compressor bleed point is determined by the pressure
losses in the cooling sir. Comparison of figures 7{c)} and 10 shows that
trends for afterburning and nonafterburning englines are the same, but the
megnitude of performance changes due to cooling are different. For a glven
guantity of compressor bleed, the performance variatlons due tc turbine
cooling are consideraebly smaller then for overboard bleed, for the same
reasons discussed for the nonafterburning turbojet englne.

Figure 10 shows that a reduction in cooling-alr pressure losses, which

will permit bleeding the compressor at a lower pressure ratlio, resulis in
improvements in specific fuel conmsumptlon, but the improvements do not re-
sult in a decrease in specific fuel consumption with increasing coolant
flow as was shown previously for the nonafterburning engine (fig. 7(c)).
Even though turbine cooling has the effect of increasing the specific fuel
consumption for afterburning englnes, increases 1n turbine-inlet tempere-
ture decrease the speclfic fuel consumption (fig. 8), so that the combined
effect of increassing turbine-inlet temperature through the use of turbine
cooling is an improvement in both specific thrust and specific fuel
consumption.

TURBOPROP ENGINES
Performance with No Cooling Air

Figure 11 for turboprop-englne performance, which is simllar to
figures 2 and 8 for turbojet englnes, shows the effect of turbine-inlet
temperature with no cooling-air bleed for compressor pressure ratlos of
8, 12, and 16. All performance values are reletlve to an engine with a
compressor pressure ratic of 8 and & turbine-inlet temperature of 2000°
R, resulting in a corrected specific horsepower of 100.05 horsepower per
second per pound and a corrected breke speclific fuel consumption of 0.557
pound per horsepower-hour. (Thrust horsepowexr can be obtained by assign-
ing & propeller efficiency.) The compressor pressure ratios are believed
to cover the desirable range for this type engine. Slight iluprovements
in over-all cycle effilciency are cbtainable at pressure ratios in excess
of 16, but englne design and operation problems can become quite severse
at high pressure ratios. R o

The use of high turbine-inlet temperatures is particularly desirable
for turboprop or other shaft-power turbine englnes, because the power in-
creases and the specific fuel consumption decreases as turbine-inlet tem-
perature is increased. As wilill be discussed later, this trend continues
even when cooling losses are lncluded.
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Performance Varistions due to Turbine Cooling

Bleeding sir from the compressor for turbine cooling in the turbo-
prop engine results in effects on engine performance that are somewhat
different from those for the turbojet englne. The effects are as follows:

(1) For a constant compressor pressure ratlo, the specific turbine
work of the turboprop engine is essentially determined by the turblne-
inlet temperature, because the exhaust gases are expanded across the tur-
bine to as low a pressure as practicel. By bleeding part of the compressor
air for coollng purposes, less mess flow 1s avallable at the turbine. At
constant turbine-inlet temperature and constent compressor pressure ratio
(constant turbine specific work), the turbine mess-flow reduction causes
a gross turbine power reductlon that is directly proportional to the de-
crease in turbine mass flow.

(2) Concurrent with and in addition to the effect in item (1), a
greater proportlion of the gross turbine power is required for compressing
alr, because pasrt of the elr belng compressed is not used as turbine mass
flow, and additional work is done on the turbine rotor air in accelersting
1t to turbine tip speed. The net turbine power is therefore further de-
creased.

(3) Cooled turbine stages remove heat from the combustion gases and
reject 1t to the cooling asir. The air used for cooling the turbine rotor
is usually discharged at the blade tip apd mixes with the combustion gases.
The heat rejected to the cooling elr is thus returned to the combustlion
gases, but the lower temperature of the cooling air relative to the com-
bustion gases results in a reduction 1n gas temperature. For mulitistage
turbines, the effects of heat removal and combustion-gas dilution axe to
decrease the gas temperature for the following stages. Since the specific
turbine work is directly proportional to the stage turblne-inlet tempera-
ture for e glven turbine pressure ratlo, the reduced gas temperature re-
sults in reduced specific work for the stage. Slince in subsequent turbine
stages some work can probably be obtalned from the cooling alr that mixkes
wlth the combustion gases, the loss in turblne power is less then 1f the
alr had been bled from the compressor and thrown away.

The breke specific fuel consumption of the turboprop engine ls not
affected by item (1), because the fuel-flow rate (for constant turbine-
inlet tempersture) decreases directly as the turbine mass flow decreases,
but the breke specific fuel consumption is increased because of power
losses mentioned in items (2) and (3).

Effects of turbine-inlet tempersture and compressor pressure ratioc. -
The effects of alr-cooling the turbine rotors of turboprop engines are
shown for ranges of turbine-inlet temperature and compressor pressure
ratio in figures 12 and 13 in a manner similsr to that shown previously
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for the nonafterburning turbojet englne. The level of the compressor
pressure ratlc has a negliglble effect on the variations in specific
thrust and speciflc fuel consumption that occur due to turblne cooling.
Comparison of figures 3 and 12 shows that turblne-inlet temperature has
the same genersl effect for turbojet and turboprop engines, but the ef-
fects of alr-cooling result in sbout & 50 percent grester power reduction
for the turboprop engine than for the turbojet engine. (Power refers to
thrust for the turbojet and horsepower for the turboprop.) The percentage
Increases in specific fuel consumption due to turbine cooling are even
greater for the turboprop engline.

Figure 13 shows a map type of performance plot for the turboprop
engine for ranges for turbine-inlet temperature, compressor pressure ratio,
and percent compressor elr bled for turbine rotor cooldng. It will be
observed that using cooling to permit higher turbine-inlet tempersatures
for the turboprop engine has even greater advanteges than for the turbo-
Jjet engine (fig. 4), because the power output can be greatly increased
and at the same time the brake specific fuel consumption can be decreased.

Effects of compressor and turbine efficlency level. - Comparison of
figures 5 and 14 for turbojet and turboprop engines, respectlvely, shows
that the levels of compressor and turbline effilclency have approximately
the same effect on engine performance variations resulting from turbine
cooling for both types of engines. The principal difference between the
two types of engines 1s the msgnitude of the power reductions and speclfic-
fuel-consumption increases that result from turbine cooling. The larger
variations occur with the turboprop englne.

Compromises between turbine efficlency and coolant flow. - The ques-
tion of compromising turbine aserodynamics to permit use of a blade that
may be easler to cool in the turboprop engine can be at least partially
answered by reference to figure 15. The loss In power output of the en-
gine for each percent of compressor bleed for turbine rotor cooling is
approximately the same as for each point decrease in turbine efficlency.
The increase in specific fuel consumption for each percent of turbine
rotor coclant flow 1s aspproximately the same as for each 0.4 point in
turblne efflciency. It is doubtful, therefore, whether geins in engine
performance would be possible by relaxing on the aerodynamic design to
permlt a better cooling design.

Figure 15 also shows the importance of high turbine efficiency for
turboprop engines. A decrease of 5 points in turblne efflciency can re-
sult in from 10- to 17-percent lncrease in fuel consumption. For a tur-
bojet englne (fig. 6), a decrease of 5 points in turbine efficlency re-
sults in only about a 2-percent increase in fuel consumption.

Comparison of engine performance varlations due to turbine rotor and

stator cooling. - Stator cooling has a smaller effect on englne performance
then rotor cooling for turboprop as well as turbojet englnes because of the

iy
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expenditure of less turbine work on the cooling alr. The variatlions in
turboprop-engine performence due to rotor and stator cooling are shown in
figure ls(a) for a turbine-inlet tempersture 2500° R and & compressor
pressure retio of 12 at sea-level static conditions. Comparison of this
figure with figure 7(&) for the turbojet engine shows that the difference
in engline performance due to rotor and stator cooling is somewhat higher
for the turboprop engine, particularly with regerd to specific fuel con-
sumption. For rotor cooling, the specific fuel consumption increases
almost 1 percent for each percent of cooling air. For stator cooling,
the specific fuel consumption increases slightly over 1/2 percent for each
percent of coollng alr.

Effect of flight Mach number. - The total power for a turboprop engilne
is the sum of the propeller power and the thrust power obtained from the
exhaust jet. The Jjet-thrust power is a function of the flight speed, and
there is an optimum Jet thrust at each flight speed that results in maximum
total power and minimum specific fuel consumption. At a flight Mach number
of zero, there is no jet-thrust power, and meximum power from the engine
1s obtained by teking & maximum expansion across the turbine. When jJet
thrust is utllized, however, the alr used for turbine cooling can be ex-
panded through the exhaust nozzle to regain some of the energy in the alr.
A compsarison is made in figure 16(b) of the sea-level performence of air-
cooled turboprop engines at a £flight Mach number of zerc with no Jet
thrust and for a flight Mach number of 0.9 with optimum Jjet thrust. The
variations in specific power and specific fuel consumption due to turbine
cooling are decreased when Jet thrust is utilized, but the lmprovements
are of small magnitude. It can be concluded, therefore, that the use of
Jet thrust does not have a large effect on percentage engine performance
variations that occur as the result of cooling elther the turbine rotor
or stator. :

Effects of cooling-sir pressure losses. - The effects of cooling-air
pressure losses, which in turn affect the compressor bleed polint, are
shown in figure 16(c)} for the turboprop englne. The trends shown are
similar to but larger than those for the afterburning and nonafterburning
turbojet engines (figs. 7(c) and 10). ILower pressure losses result in
improved power and brake specific fuel consumption. The incresse in
specific fuel consumption due to stator cooling with bleed at a pressure
ratio half that of the total compressor pressure ratic is less than half
that resulting when the compressor 1s bled from the discharge. The effect
of reducing the bleed pressure for turbline rotor cooling is appreciable
but somewhat less spectacular than for turbine stetor cooling.

Comparison of turbine cooling and overbosrd bleed. - The effects on
turboprop-engine performance of bleeding air for turbine cooling and for
overboard bleed are slso shown in figure lﬁ(c). The difference between
the engine performance variations due to turbine cooling and due to over-
board bleed eare not nearly so great in the turboprop engine as in the

. -
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turbojet engine. The relative magnltude of these performance variatlons
is dependent on the turbine work that can be obtalned from the cooling

air in turbine stages subsequent to the cocled stages. In this particular
analysls, it was assumed that not all the turbine stages in the multistege
turbine were cooled. After the combustion gases were reduced to 2100° R
by turbine heat extractlon due to work and heat rejection to the cooling
alr, the remsinlng turbine stages were assumed to be uncooled. In addi-
tion, it was assumed that the turbine cooling air was avallable for doing
work in the uncocled stages. Because of this work in the uncooled steges,
the power loss due to turbine cooling is less than for overboard bleed

(fig. 16{c)).

If it is assumed that some work can he obtained from the cooling
alr in some of the cooled stages, better cooled engine performance would
be shown. If, however, it 1s assumed that no work is obteined from the
cooling elr, the performance of the cooled turbine would be worse than for
overboard bleed for turbine rotor cooling, and the performance for stator
cooling and overboasrd bleed would be approximetely the seme. Because the
comparison between the performence veriations for cooled turbines and cover-
board bleed is dependent to such a grest extent on the assumptions of the
analyslis, the only conclusion that can be drawn 1s that both types of bleed
have approximately the seme effect on engine performence.

SUMMARY OF RESULTS

The results of this analytical investigetion on the effects of bleed-
ing alr from the compressors of turbojet and turboprop engines for turbilne
cooling or other purposes for & range of turbine-inlet temperatures up to
3000° R can be summarized as follows: '

1. For nonafterburning turbojet engines st a turbine-inlet temperature
of 2500° R and & flight Mach number of 2 in the stratosphere, each percent
of air bled from the compressor for turblne-cooling purposes results in
approximately l-percent decrease in thrust and only a sllight increase in
specific fuel consumption. For afterburning engines at constant afterburn-
ing temperature, the thrust reduction 18 cut in half, but the percentage
increase in specific fuel consumption may be as much as half the percentage
of cooling alr used for turbine cooling. For turboprop englnes at 2500° R
turblne-inlet temperature and sea-level static conditions, turbine cooling
results in larger percentage power reductions and speclfic-fuel-consumption
increases than for turbojet engines.

2. For both turbojet and turboprop engines, the percentages of power
(thrust or horsepower) reduction and specific-fuel-consumption incresse
are smaller at high than at low turbine-inlet temperatures for each per-
cent of cooling air bled from the compressor. For nonafterburning turbo-
Jet englnes, turbine cooling can result in improved specific fuel consump-
tion under some conditions of operation.

]
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3. Interstage compressor bleed results in slightly lower power reduc-
tions and speclfic-fuel-consumption increases than compressor-discharge
bleed.

4. With respect to engine performance, it does not sppear feasible
to sacrifice turbine serodynamic performance in order to produce turbine
blades that would cool with smaller quantities of cooling air.

5. For both afterburning and nonafterburning turbojet engines &t high
Tlight speeds, reductions in thrust and increases 1in specific fuel con-
sumption resulting from bleeding a glven quantity of compressor air over-
board for such purposes asg cebin cooling and accessory drives are very
much greater than for the case where the same amount of air is used for
turbine cooling. For turboprop englnes, overboard bleed alr and turbine-
coollng alr have approximately the same effect on engine performance.

6. Generally, the performance varistions resulting from compressor
air bleed for turbine cooling are not prohibitive. The net effect of using
compressor bleed air for turbine cooling to permlt operatlion at higher
turbine-inlet temperstures is improved power and speclfic fuel consumption
for turboprop engines and efterburning turbojet englnes, compared with the
performance attalnsble at turbine-inlet temperatures that are feasible
without turbine cooling. For nonafterburning turbojet engines, very large
increases in thrust are obtalned by increasing temperature; the resulting
increases in specific fuel consumption are primarily the result of in-
creased temperature, and not alr-cooling.

Iewls Flight Propulslon ILeboratory
Natlonel Advisory Committee for Aeronsutics
Cleveland, Ohio, December 9, 1954
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The following symbols are used in this rveport:

54 W £ =

<

Subscripts:

B

APPENDIX A

SYMBOLS

area, s8q £t
blade length, ft
blade chord, ft
dismeter, It

accelerstlion due to gravity, ft/secz

gas-to-blade heat-transfer coefficient, Btu/(sec)(sq ft)(oR)

blade outgide perimeter, ft
Mach number

number of blades

pressure, 1b/sq £t

heat flow, Btu/sec

gas constant, ft-1b/(1b)(°R)
temperature, °rR
velocity;“ft/sec

flow rate, 1b/sec

ratlio of specifilc heats
component efficiency
density, 1b/cu £t

solidity, clN/mDp

burner

NACA RM ES4L20
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b blade

Cc compressor

e effective

F flow

G gearbox

g - gas

m mean

n nozzle

opt optimum

P propeller

5 surface

T turbine

@ polytropic

o, 1, 2{}

3, 4, 5, stations In engine, see fig.
6, 7, 8

Superscript:

! stagnation conditions

23
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APPENDIX B

METHOD OF CAILCULATING HEAT REMOVAL BY COQLED TURBINE BLADES

In order to keep the calculations on a general basis, a relation
between turbine flow areaz and blade heat-transfer surface area was
calculated in the following menner: It was assumed that the blede
golldity o = 1.3 &t the mean turbine diasmeter and the turbine stage-
exit axlal gas Mach number M = 0.6. Then

Gas-Plow area, AF = Db (B1)

#Dpo  1.37D

Number of blades, N = —— = S z (B2)

Rotor bladé surface area, Ag = IobN = 2¢bN » 2.6baDp (B3)
Combining equations (Bl) and (B3),

Ay = 2.65p (B4)

The gas-flow rate is
W = phAgV = MpAy A’ﬁﬁiT (B5)

For a Mach number of 0.6 and a mean value of y of 1,31, T = 0.948T'
end p = 0.796p'. Then substituting numerlcal values intoc equation
(Bs) , - - . . .

0.436AFp'

W o=
Non

(B6)

Combining equations (B4) and (B6),

A 0
S _ 5.96 /T (57)

w P’

where the temperature T' and the pressuwre p' sare at the stage exit.
The heat per pound of gas rejected to each stage of the cooled turbine
rotor blades is

Q_ 28 5.96H 4/T7

=g — (T - = - 8
W w ( g,e Tb) . p!? (Tg;e Tb) (28)
where the gass-~-to-blade heat-transfer coefficient H is calculated

using reference 11 and the same assumptions llsted herein with the
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additional stipulation that the turbine tip dilameter is 30 inches and
the blade aspect ratio is 2.0. The effect of heat rejectlon is smell;
consequently, the specification of geometry for the heat-rejection
calculetions does not significantly affect the generality of the analy-
sis on engine performance. The number of stages requiring cooling was
determined by assuming a gas-temperature drop of 450° R per stage. It
was assumed that the rotor and stator surface areams were the same and
that gas-to-blade heat-transfer coefficlients were 10 percent higher for
the stator than for the rotor. The effective gas temperatures for the
stators were assumed to be 50° R less than the gas total temperature.
For the rotor blades, the effective gas temperasture was assumed to be
250° R less than the total temperature. For turblne-inlet temperature
of 2000° R, the cooled rotor blade temperature was assumed to be 1500°
R. For turbine—inlet temperatures of 2500° and 3000° R, the cooled
rotor blade was assigned a temperature of 1700° R. For both cases, the
stator blade temperatures were 200° R higher than the rotor blade
temperature.

Heat-rejection rates caeleculated in thls manner are considerably
smaller than indlcated in references 1 and 2; conseguently, the effects
of heat removal on engine performance due to cooling are considerably
smaller. In references 1 and 2 the heat-rejection rates are based on
an anelysls presented in reference 12, where an anelogy is drawn be-
tween skin friction and heat transfer. In that anslysis it was assumed
that all inefficienclies in the turbine were caused by skin frictilon.
Reference 13 polnts out that the principal losses occurring in turbine
blade rows are (1) profile loss resulting from skin frietion, (2)
secondary-flow loss, (3) tip-clearance loss, and (4) annulus loss re-
sulting from friction in the inner and outer twrbine shrouds. In ad-
dition, reference 13 states that, for most blade profiles that have
been used in turbines, the total losses have been many times the loss
which would be cbtalned from conslderastion of skin friction alone.

The only loss that could be used for drawing an analogy between fric-
tion and heat transfer to the turbine blades would be the proflle loss.
Since frictional losses are much smaller than assumed in reference 12,
the heat-rejection rates must also be smaller. Calculations indicate
that the heat-rejection rates will be on the order of ocmne-fourth to
one-third of the values used in references 1 and 2.
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