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SUMMARY 

An analysis is made of the effects of Mach number and dynamic pres- 
sure on the lift-curve slope of a large flexible swept-wing jet-propelled 
airplane by using flight measurements of normal acceleration and angle of 
attack with auxiliary instrumentation as needed. The methods and proce- 
dures used to correct the flight measurements (obtained in abrupt push- 
pull maneuvers) and to convert the flight test data to equivalent rigid 
conditions for ccxuDarison with rigid-model wind-tunnel tests are described 
in detail. The airplane angle of zero lift and the airplane-less-tail 
angle of zero lift for the Mach number range of the flight tests (0.42 
to 0.81) are also presented. Excellent agreement was obtained in the com- 
parison between flight and wind-tunnel rigid lift-curve slopes and angles 
of zero lift. 

INTRODUCTION 

The lift-curve slope and the effects of wing flexibility on the lift- 
curve slope are important factors in the design of present-day aircraft. 
Generally, design values of lift-curve slope are based on rigid-model 
wind-tunnel results and theoretical methods for estfmating the effects of 
flexibility on wing-load distributions and thereby on airplane lift-curve 
slope. Actual&f, little information exists where these design procedures 
have been verified experimentally. As a result of an extensive flight 
investigation carried out by the National Advisory Ccamnittee for Aeronautics 
with a large flexible bomber airplane sufficient lift-curve-slope data were 
obtained over a fairly wide range of Mach number and dynamic pressure in 
quasi-static maneuvers to attempt an analysis. Some preliminary values of 
rigid-airplane lift-curve slope e&b-ted frcm flexible-airplane flight 
test values obtained at one altitude-have been previously presented in 

. reference 1. 

, 
A principal objective of the present report is to show the comparison 

of rigid-airplane lift-c rom flexible-airplane flight 
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test values with values of rigid lift-curve slope obtained from wind- 
tunnel tests. An equally important objective is the development of a 
rational method for obtaining rigid lift-curve slopes from flexible 
flight test values. This rational method is essentially the reverse of 
standard procedures used in design for estfmating the effects of flexi- 
bility on airplane lift-curve slope. The report is organized to show 
the step-by-step analysis procedure followed frcm raw data to the final 
rigid lift-curve-slope variation with Mach number. The more or less 
standard corrections to angle of attack and airplane-normal-force- 
coefficient measurements are described in detail and a method for 
accounting for recorder lag necessary for the present analysis is given. 
In addition, angles of zero lift determined from the flight tests are 
correlated and compared with wind-tunnel results. 
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SYMBOLS 

defined by equation (22) 

aspect ratio 

two-dimensional lift-curve slope, per degree 

airplane normal-force coefficient 

airplane normal-force coefficient. corrected-for pitching-_ 
acceleration tail load and .defined by equation (Al3) 

time derivative of CN 
AC 

airplane normal-force coefficient for-trim in level flight 

incremental wing-fuselage normal-force coefficient due to 
additional type of loads, includes ting flexibility effects 

incremental wing-fuselage normal-force coefficient due to 
wing inertia flexibility effects 

incremental wing-fuselage normal-force coefficient for rigid 
wing case 

incremental total wing-fuselage normal-force coefficient, 
includes wing flexibility effects 

-- _-- 



NACA RM ~56~21a 3 
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XNg defined by equation (AU) 
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am 
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madd 

tail load, lb 

Mach number 

wing area, sq ft 

tail area, sq f-t 

true airspeed, ft/sec 

airplane weight, lb 

slope of measured airplane normal-force coefficient (g = 0) 
against angle of attack, per deg 

faired slope of flexible tail-on normal-force coefficient 
against angle of attack, per deg 

calculated slope of additional flexible wing-fuselage normal- 
force coefficient against angle of attack, per deg 

measured or calculated slope of flexible tail-off normal- 
force coefficient against angle of attack, per deg 

faired slope of flexible tail-off normal-force coefficient 
against angle of attack, per deg 

slope of rigid tail-off normal-force coefficient against 
angle of attack, per deg 

weighted mean values of %, per deg 

normal load factor at angle-of-attack vane, g units 
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. 

measured normal load factor at accelercxueter location, 
g units - 

normal load factor at airplane center of gravity, g units 

incremental load factor, g units 

dynamic pressure, lb/sq ft 
, 

boom radius or approximate radius of fuselage nose, in. 

time, set 

weighting factor 

distance of angle-of-attack vane forward of nose, in. 

distance of angle-of-attack vane from airplane center of 
gravity, ft 

distance of vane from boom center line, in. 

angle of attack, deg 

angle of attack measured with respect to fuselage reference 
axis, deg 

apparent-true angle of attack with respect to fuselage refer- 
ence axis, uncorrected for recorder lag, deg 

true angle ofattack with respect to fuselage reference axis, 
corrected for recorder lag, deg 

true corrected angle of attack for trim in level flight, deg 

wing angle of attack with respect to free air stream, deg 

increment in measured angle of attack due to bending of boom 
under aerodynemic load, deg 

increment in measured angle of attack due to inertia bending 
of boom, deg - 

increment in measured angle of attack due to pitching velocity, 
deg 

increment in wing root angle of attack, deg 

, 

- 

, 
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0 ZN 
acL tail 

0 
&N 
a6 tail 

Bar over a 

, 

angle of zero lift (airplane tail-on) 

angle of zero lift (airplane tail-on) determined from equa- 
tions of form of equation (26), deg . 

angle of zero lift (airplane tail-off) determined from equa- 
tions of form of equation (29), deg 

angle of zero lift (airplane tail-on) defined in equation (30), 
deg 

time rate of change of true corrected angle of attack, 
deg/sec 

average root elevator angle for trim in level flight, deg 

upwash at vane due to boom 

upwash at vane due to fuselage 

upwash at vane due to wing 

sweep angle of wing quarter-chord line, deg 

ratio of distance of angle-of-attack vane from wing 
25-percent-chord location at center line to wing semispan 

airplane pitching velocity, radian/set 

airplane pitching acceleration, radian/see 2 

dowmash factor 

tail lift-curve 
per deg 

tail lift-curve 
per deg 

slope in terms of tail angle of attack, 

slope in terms of root elevator angle, 

defined by equation (15) 

symbol indicates gecmetric mean value. 
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APPARATUSANDTFSTS 

Airplane 

NACA RM ~56~21a. 

The airplane used for this investigation was a six-engine, swept- 
wing, jet-propelled medium bomber. .A photograph of the test airplane is 
shown in figure 1, and pertinent characteristics and dimensions used in 
this report are given in table I. 

Instrumentation 

The data used in the reduction and analysis given in the present 
paper were obtained from standard NACA recording instruments. 

Normal accelerations were measured by both a single-component and 
a three-component air-demped accelerometer. Angular velocities and 
accelerations in pitch were measured by a rate-gyro-type, electrically 
differentiating, magnetically damped turnmeter. The angle of attack was 
measured by a flow-direction vane mounted on an NACA pitot-static head. 
The head was attached to a boom alined with the longitudinal axis of the 
airplane and was located approximately one fuselage diameter ahead of the 
original nose. The installation is shown in figure 2. 

The recorded data were synchronized at O.l-second intervals by means 
of a cormnon timing circuit. ---All instruments were damped to about 0.67 
of critical damping. A summary of quantities measured, instrument loca- 
tions, and accuracies is given in the following table: 

I Quantity measured 

Normal acceleration, 
g units - 

Single component . . . . 
Three component . . . . 

Pitching velocity, 
radians/set . . . . . . . 

Pitching acceleration, 
radians/sec2 . . . . . . . 

Angle of attack, deg . . . . 

Dynmic pressure, lb/sq ft . 

Static pressure, lb/sq f-t . 

Time, set . . . . . . . . . 

Measurement Instrument 
station range 

54.2 percent M.A.C. 0 to 2 
34.2 percent M.A.C. -lto 4 

25 percent M.A.C. *to.25 

25 percent M.A.C. 
117 in. ahead of 

original nose 
14.0 in. ahead of 

original nose 
132 in. ahead of 

original nose 
--------------b--- 

to.50 
*30 

oto 8oc 1.00 

0 to 2,200 

---------- 

Cnstrument 
accuracy 

0.005 
0.0125 

0.005 

0.010 
0.10 

2.00 

Approx. 
0.005 
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Tests 

All tests were made with the airplane in the clean condition. The 
flight data evaluated were takenfrom 68 push-down pull-up‘maneuvers 
made at pressure altitudes of approldmately 20,000, 25,000, 30,000, 
and 35,000 feet and an overall Mach number range of 0.427 to 0.812. The 
tests were made at forward and normal center-of-gravity positions and 
airplane weights ranging fram 107,000 to l27,OCKl pounds. Table II is a 
summary of the flight conditions for these runs. In the table are listed 
the flight and run numbers, average Mach number, average dynamic pressure, 
test altitude, weight, and center-of-gravity position. The Mach number 
and dynamic-pressure changes during any test run are indicated in the 
appropriate columns of table II. 

The data-reduction and analysis procedures for determining the air- 
plane lift-curve slope fram quasi-static maneuvers in flight and for con- 
verting these results to rigid wing values for comparison with tind-tunnel 
data are somewhat complicated. Thus, the following sections present in 
detail: 

(a) The corrections to the basic flight measurements of angle of 
attack and normal acceleration for the determination of airplane lift- 
curve slope 

(b) A method of determining the lift-curve slope when lag is present . 
in the angle-of-attack recording system 

(c) The values of lift-curve slope for the test airplane for the 
68 test maneuvers used in the analysis 

(d) A method for determining values of tail-off lift-curve slope 
for the rigid airplane from flight test values 

(e) A comparison of rigid airplane lift-curve slopes and rigid model 
wind-tunnel data 

(f) The determination of the tail-off angle of zero lift 

Basic Data 

The basic data required for the present analysis are time histories 
of angle of attack and of airplane normaLforce coefficient. In the 
appendix, the method of correcting the measured angle of attack to account 
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l 

for upwash, pitching velocity, and boom deflections are given in detail 
along with the corrections applied to normal-force coefficient to account - 
for the effects of pitching acceleration. The corrected angle of attack P 
used in the analysis is given for the particular angle-of-attack meas- 
urement installation of the present tests by equation (A8) of the appen- 
dix as L 

+ 0.593; (1) cG2 = o.gla1 - 0.11 + 3034 t +- 0.322(~ - 1) 

and the airplane normal-force coefficient corrected 
tion and out-of-trim tail load is given by eqmtian 
dix as - 

for instrument loca- 
(A13) of the appen- 

cNk 
9?lw =-+ 
ss . (2) 

Normally, if the foregoing corrections have been made to the meas- 
ured angles of attack (eq. (1)) and measured normal-force coefficients 
(eq. (2)) and if the lift-curve slope is constant over the angle-of- 
attack range considered, the following equation may be used to express 
the linear relationship between the normal-force coefficient at the 
center of gravity and the airplane angle of attack: 

. 

(3) ’ 
TFme histories of aA, and measured a2 are shown in figures 3 

and 4 by the square symbols for two typical push-pull maneuvers at a 
pressure altitude of approximately 35,000 feet. The flight conditions 
existing during these maneuvers are listed in table II. Also shown in 
time history form in figures 3 and 4 by circular symbols are the meas- 
ured load factor at fuselage station 638 (34.2 percent of the wing 
M.A.C.), the pitching velocity 6, the pftching acceleration 8, and 
the measured angle of attack al. A shift or tFme lag exists between 

'NAC and c+ which is illustrated more clearly in figures 5 and 6 
where plots.of CN 

AC 
against a2 seem to show nonlinear variations of 

normal force with airplane angle of attack. 

Determination of lift-curve,slopes tith lag present in the angle- 
of-attack rec.ording system.- The nonlinearities which appear in fig- 
ures 5 and 6 indicate that all corFections necessary to determine lift- 
curve slope have not been applied. These nonlinesrities were traced to 
lag in the recordingAutosyn of the angle-of-attack measuring system. 
Although this recording instrument had a high enough natural frequency , 
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c 

(10 cps) for recording accurately most pitching maneuvers possible with 
the test airplane, it was thought that leakage of oil into the bearings 
of the Autosyn receiver unit at low temperatures changed the damping 
characteristics of the recorder so that a time lag was introduced. The 
lag was not determinable through calibrations or experiment since the 
amount of oil in the bearing and temperature of the unit could not be 
determined for the flight test conditions. Limited data obtained in 
tests subsequent to those reported here showed a linear variation of 

cNk 
with q. Since these maneuvers were as abrupt as any reported 

herein, this precluded dynamic response of wings or fuselage as' the 
cause of the lag 1-s described in the present paper. 

Analysis of a large portion of the data used for the present report 
indicated that the angle of attack corrected for lag a3 could be repre- 
sented by the following equation: 

. 

. 

A procedure was therefore adopted which would permit the evaluation 
of lift-curve slope am and angle of zero lift a, without directly 

determining either &3 
z- 

or the lag. The time derivative of the correct 

angle of attack 22 
dt 

is still unknown but it is by definition propor- 

"iional to c& 
AC 

so that equation (4) may be rewritten as 

a3 = a2 + (Lag) cfi 
+I 42 

(5) 

Substituting equation (5) into equation (3) makes it possible to 
determine the lift-curve slope and angle of zero lift (co) from readings 
Of CL2 where lag effects are suspected as 

a2 lC = G Nk + aO 
bd -- 

am 

With equations of the form of (6a), the flight data may be least 

squared to determine values of the coefficients F& bd CL~, and - a, 
with the measurement errors associated with the angle of attack CI,S. 

Results for two specific maneuvers.- The coefficients resulting 
from least-squares solutions for the two sample maneuvers (figs. 3 and 4) 
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using equation (6a) are given in the following table. For comparison 
purposes to indicate the improvement in fit, the coefficients were also 
calculated without the lag term from 

which is, of course, an equation normally used for cases where there is 
no lag. The table also contains the standard errors of the coefficients, 
the number of test points used in the solutions, and the standard errors 
of est5mate 9: 

Number 

Run WV= po;;ts GP= 1 -9 
solution am 

used deg 
=0> 

de65 

lae; 
standard 

-9 
a, 

error, 
deg-set 81 

aeg 

-2.35 f 0.27 ____________ *0.4g 
-2.60 f 0.07 -1.42 f 0.07 *.I2 

-2.67 f 0.18 ---e-------- 

I I 

io.30 
-2.89 f 0.~6 -0.76 f 0.05 f.10 

The angles of attack as computed from the coefficients given in 
the preceding table for both sample maneuvers are shown in time history 
form in figures 3 and 4. The points are.labeled with the equation num- 
ber (6b) or (6a) from which they were calculated. The calculations made 
using the coefficients of equation (6a) are seen to approximate closely 
the time history of the angle of attack a~. II-I figures 5 and 6, air- 
plane normal-force coefficients are plotted as a function of the angle 
of attack corrected for lag a3 (eq. (5)). Al: shown in figures 5 
and 6 are the lift curves determined from the and a0 coefficients 

a, 
using equation (6a). 

The significant improvement in fitting the data with the inclusion 
of a lag parameter may thus be seen by reference to figures 3 and 4 where 
the time histories of 9 are successfully duplicated, to figures 5 and 6 
where the normal-force curves are linearized by the use of a3, and to. 
the previously presented table of results where the standard errors of 
estimate show a considerable decrease with the inclusion of a lag 
parameter. 

The ' 
am 

coefficients for the two representative runs are seen to 

be in reasonable agreement. Lift-curve slopes sm obtained from the 

c 

. 
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. solutions of equation (6a) would be 0.08% for flight 9, run 1 and 
0.0849 for flight 12, run 6. 

c 
The values of the angle of zero lift ac listed in the table are 

thought to vary from run to run due to center-of-gravity, Mach number, 
and dynamic-pressure effects. For the two cases given, the standard 
errors of estimate s of fO.lZO and fO.lOO are considered to be accept- 
able since the basic reading accuracy for the angle-of-attack recorder 
is estimated to be *O.l". 

Lift-Curve Slope Variation With Mach Number 

and Dynamic Pressure 

. 

After establishing the method for correcting for the lag due to 
instrument characteristics, all 68 push-pull maneuvers were analyzed by 
using equation (6a) to determine both the airplane lift-curve slope and 
the angle of zero lift. The results of these computations are listed 
in table III with identifying run numbers, number of points used, stand- 
ard errors of fit s, and average values of M and q. The runs are 
listed according to the approximate altitude and by increasing Mach num- 
bers. The lag coefficients are not included since this was a byproduct 
necessary only to obtain the results. 

. The standard errors listed in table III are, with a few exceptions, 
considered to be acceptable since as was previously stated the estimated 
measuring accuracy for angle of attack was fO.lOO. 

The values of sm listed in table III are shown plotted in fig- 
ure 7 as a function of Mach number. In figure 7 different test-point 
symbols are used to differentiate the approximate altitude groupings of 
20,000, 25,000, 30,000, and 35,000 feet. It was seen that considerable 
scatter existed in these data even for any particular altitude; however, 
two general trends may be noted: (1) There is the expected increase in 
lift-curve slope with increasing Mach number and (2) with increasing 
dynamic pressure for constant Mach number, the lift-curve slope decreases. 

Conversion of flight data to rigid wing-fuselage values.- In order 
to determine lift-curve slopes for the rigid wing-fuselage combination 
for cwarison with similar wind-tunnel data, it was first necessary to 
correct the flight tail-on lift-curve slopes to tail-off conditions by 
the use of the following equation: 

. mf=&m- =T 
ss h3 
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The tail loads were measured for the maneuvers considered here. The 
values of mf from equation (7) are plotted in figure 8 and, at the 
high values of Mach numbers for any given altitude, the scatter is some- 
what less than the scatter for the tail-on values of em given in 
figure 7. 

. 

. 

.- 

The next step in the procedure is to establish the equations neces- 
sary for converting the flexible lift-curve slopes to equivalent rigid 
conditions. These equations are the same equations as would be used for 
calculating flexible results from rigid data. The incremental lift on a 
flexible wing surface may be expressed in coefficient form as 

ACti .= ACNdd + ENi 

where ACR, is the incremental total wing-fuselage normal-force coef- 
ficient including aerodynamic and inertia flexibility effects, ACMadd 
is the incremental wing-fuselage normal-force coefficient due to addi- 
tional type of aerodynamic loads including wing flexibility effects, 
and AC&, is the incremental wing-fuselage normal-force coefficient due 
to wing inertia flexibility effects. Equation (8) may be rewritten as 

ACRT = A%R 
AcRadd *T 

ACNR 
+,Ar- 

Taking the derivative of equation (9) with respect to the root or rigid 
angle of attack leads to 

mf = mR mada &,,/, dn 
mR +% an zg (10) 

In order to determine the inertia effect, the simplifying assumption is 
made that the normal acceleration across the wing span is constant and 
that 

With this assumption, equation (10) becomes 

or 
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madd 
mR% 

13 

031 

Thus, in order to calculate the flexible wing or wing-fuselage lift- 
curve slope, the following parameters are required: 

(a) mR to be obtained from theory or experiment 

madd 
b) mu to be obtained fran theory 

*TlmR bd* 7 to be obtained from theory 

(a> $ to be specified for flight conditions 

madd and acNT/mr The values of - 
J?R an were obtained by use of the 

. 
superposition method of reference 2 with some modifications. The modifi- 
cations, in brief, consisted of using matrix proced-ures to determine aero- 
dynamic and structural influence coefficients and the use of least-squares 
procedures in the determination of the equations necessary for establishing 
the angle-of-attack distributions across the wing as a function of span 
position and qm~, the basic flexibility parameter. Fuselage effects 
were included in the calculations by the use of an over-velocity matrix 

madd determined using the method of reference 3. The parameters - 

and acNT/% 
?R 

an 
were calculated for qm~ values of 0, 1, 5, 10, 15, 20, 

25, 30, 35, 40, 45, and 50 Jk 1 and are.shown in figures 9 and 10 as 
ft2 deg 

functions of qmR. Also shown in these figures are similar curves from 
reference 4 which were used in the design of a later version of the test 
airplane. The differences between the two results are thought to be 
attributable mainly to the wing bending-stiffness distributions (EI) used 
in the two cases although they may be partly due to differences in values 
of two-dimensional lift-curve slopes used in each case.. The NACA calcu- 
lations used an EI distribution which resulted in calculated structural 
influence coefficients which closely checked-those measured and reported 
in reference 5. 

. 
Equation (13) and the derived curves of acrrrlq F (fig. 9) and an 

. (fig. 10) may now be used to estimate the lift-curve slope for the rigid 
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airplane from measurements of flexible lift-curve slopes made at various 
Mach numbers and dynamic pressures. S.ince the gross weights of the air- 
plane varied only a maximum of 10 percent from the average gross weight 
of 116,000 pounds, equation (13) may be written as 

(14) 

Curves of mf plotted against mu may now be drawn as in figure 11 
for various values of q&nR. Since at constant values of qmR the curves 
are linear, the following equation may be written: 

9 = f(%)mf (15) 

1 2!!%acNT/mR 
The parameter f@m) = 81.65 an 

madd 
is given in figure I2 and, 

ml7 
in the range of q% from 0 to 50 L 1 

ft2 deg' 
it may be fitted by the 

quadratic equation 

f@RJ = 1 + 0.00~2~ - o.ooo&47gq%~2 (16) 

Thus 

mR=( 1 + o.oog@~R - 0 l oO~479q~2)mf (17) 

Equation (17) may be solved as a quadre.tic equation for 9 or, as was 
done in the present case, q may be determined by iteration. 

The rigid wing-body lift-curve slopes calculated for the 68 flight 
test conditions by using equation (17) are listed in table IV along with 
identifying flight and run numbers and Mach-numbers. These slopes are 
plotted in figure 13 as a function of Mach number. 

Variation of rigid lift-curve slope, mR, with Mach number.- In order 
to aid in the determination of a curve giving the variation of mR with 
Mach number, the data were divided into the groups (1 to 14) shown in 
table IV. The weighted mean values of mu at constant Mach number were 
calculated from the equation 
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+ 

The weighting factor w for each mu was calculated from standard 
formulas for determining weights with precision of measurement and data 
range considered (ref. 6, for example). 

The weighted mean values of mR listed in table IV are shown 
plotted at the group Mach number in figure lb(a). In order to establish 
a function or functions of Mach number by which all 68 points might be 
fitted simultaneously, the data shown in figure lb(a) were reduced to 
equivalent zero Mach number values by dividing the lift-curve slopes by 
the associated swept-wing Glauert factor as 

The results of this operation are shown in figure 14(b) in which it 
appears that the lift-curve slope follows a Glauert type variation up 
to a:Mach number of about 0.70 above which it could be represented as 

varying linearly with 
~rkc 

Each point in figure lk(b,) represents a weighted observation for a 
limited Mach number range. In order to analyze the weighted observations 
over the complete Mach number range for comparison with the wind-tunnel 
data, the lift-curve slope data were used in two parts. Part I contained 
the data from groups 1 through 8 and was fitted by a standard weighted 
least-squares equation as 

From the data of table IV and equation (20), the variation of mR 
with Mach number below 0.70 W&B found to be 

(for M CO.70) m 

. 

. 

with a standard error of fit of *O.G031. Part II contained.the data 
from groups 7 through 14 and was fitted by an equation of the form 
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(22) 

which in matrix form for solution of the coefficients A and B becomes 

. (23) 

Solution of equation (23) for A and B gives the variation of mR for 
Mach numbers above 0.68 as 

mR = O-03043 + 0.07974M (for M > o 68) . 
Vl - 

(24) 
M2co&A 

with a standard error of *0.0031. 

Comparison of flight and wind-tunnel rigid wing-body lift-curve 
slopes.- The variation of rigid lift-curve slope mR with Mach number 
established by equations (21) and (24) from the basic data shown in fig- 
ure 13 are plotted in figure 15 as the dashed lines; The solid-line 
curve shown in figure 15 is the variation of wind-tunnel rigid-model 
lift-curve slope (ref. 4 or 7) with Mach number. The agreement between 
flight and tind-tunnel values to a Mach number of 0.70 is seen to be 
excellent. This agreement indicates that standard theoretical procedures 
used to calculate flexible lift-curve slopes for flight conditions are 
entirely adequate for the Mach number range tested since the procedure 
used to obtain flexible values from rigid values is Just the reverse of 
the procedure used in the present case. The disagreement above M = 0;70 
may be viewed in several ways. From the standpoint of wind-tunnel testing 
techniques, it might be pointed out that the extrapolated flight test data 
depend on an assumed distribution of two-dimensional lift-curve slope 
across the span which may not have the same distribution at all Mach num- 
bers. Also the estimated correction factor for total upwash effects 
gives a value of angle of attack 

which may be more in error at high Mach numbers than at low Mach numbers. 
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. From a flight-testing-technique viewpoint, questions may be directed 
toward the validity of small-scale model tests at Mach numbers where tun- 
nel disturbances may affect the results, or to the accuracy with which 
the model results were corrected for flexibility effects. Another pos- 
sible source of difference between wind-tunnel test values and flight- 
test values lies in the fact that no blocking corrections were applied 
to the test-section Mach number. In reference 7 it was stated that the 
uncorrected test-section Mach numbers were believed to be accurate to 
within 2 percent up to M = 0.85. All in all, it is impossible to state 
which data best represent the rigid wing-body lift-curve slopes above 
M = 0.70. 

Calculation of flexible wing-body lift-curve slopes.- When equa- 
tions (21) and (24) are inserted in equation (17) for q, the flexible 
wing-body faired lift-curve slope 9 may be calculated-for the flight 
test conditions. The calculated curves of q against M for altitudes 
of 20,000, 25,000, ~,ooO, and 35,000 feet for an average gross weight of 
116,000 pounds are shown in figure 2-6. Also shown in figure 16 are the 
measured mf values from figure 8. The family of curves is seen to fit 
the data of the four altitudes with a relatively small amount of scatter. 
Extrapolation of the data to lower altitudes is limited to a value of 

l 

lb 1 q?q of 50-- ft2 deg' 
the limit of the theoretical calculations made for 

this analysis. The calculations as noted previously correspond only to 
the wing stiffness distribution for airplanes of the type used in the 
present investigation and not to later versions of the same general 
configuration. 

Angle-of-Zero-Lift Data 

Direct measurements of the angles of zero lift were not available 
from the flight test data since the airplane was restricted to flight at 
positive load factors. Thus a comparison of wind-tunnel and flight data 
was necessarily based on extrapolated values of sngle of attack obtained 
from least-squares solutions. These extrapolated values of angle of zero 
lift a0 are listed in table V. The extrapolation by least-squares 
analysis gives an intercept or a0 value which could also be expressed 
by the following equation: 

a0 =a-- 3 1 mk am (254 

. 

Inasmuch as the faired values of lift-curve slope rq in figure 16 cor- 
rected for tail-on conditions more nearly represent the true lift-curve 
slope than the individual lift-curve slope mf with its inevitable scat- 
ter, the angle of zero lift associated with the faired lift-curve slope 
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was desired in'order to represent best the data of WAC plotted 
against a3 in the range of the measurements. The corrected angle of 
zero lift would be given by the equation 

From equations (aa) and (Bb), the corrected angle of zero lift con- 
sistent with a faired lift-curve slope and representing the data in the 
range of the measurements becomes 

(26) 

This procedure was used to calculate corrected values 
"oc 

for each of 
the 68 runs, the results being shown in table-v and plotted in fig&e 17 
as a function of Mach ntier. It is evident from figure 17 that an 
analysis of the data in this form is next to impossible. Although in a 
given flight there appears to be a trend with Mach number, the scatter 
of the data fram flight to flight suggests the presence of zero shifts 
in the recorded angles of attack. These suspected zero shifts in no 
tiy affect the magnitude or validity of the correction applied through 
equation (26). 

Calculation of ati. - For trimmed level flight, the following 

or 

expression for airplane normal-force coefficient may be written 

'NAtrim = mF(%rim - a~) + (g),,,,@ - $f %rim - 

2*75 &$)tall f + (g)tail 2 'trim (274 

'NAtrim = * (atrim -a~)+~~r~-2*75$+ K3 Gtr- (2To) 

From equation (27b) and the equation 

atrim w 
. 
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. an expression for a%3 
may be derived as follows: 

aowB = aoc + & Kl aoc ( - 2-75K2 + % Etrh > 

(29) 

Values of a 
%B 

were calculated from eque;tion (29) by using pre- 

liminary values of Kl, K2, and K3 based on an unpublished analysis 
of the tail loads with angle of attack by the authors of the present 
paper and values of aw, 9, and cp already determined in the present 
paper as well as the measured trim root elevator angles Et,-- and 
normal-force coefficients C?N 

&rim' 
The results are tabulated in table V 

and plotted in figure 18. Although considerable scatter still exists in 
the data from flight to flight, the data in any given flight show no 
consistent variation with Mach number. Dynamic pressure or flexibility 
effects are not evident either since data for flight 12, which consist 
of maneuvers at three different altitudes, exhibit no separation with 
altitude. 

. 

Weighted mean values of aoWD are also listed in table V for each 
flight. The differences exhibited between weighted values of 

%6 
from 

flight to flight may be due to unavoidable errors in ground-zeroing pro- 
cedures. A weighted mean value of % was determined from all 68 maneu- 
vers as 

- = -3.13O a%6 

Design data (ref. 4) based on wind-tunnel data listed the angle of zero 
lift of the wing-fuselage configuration as -0.5' with respect to the wing 
root chord line or -3.25O with respect to the present reference, the fuse- 
lage axis. In addition, it was stated in reference 4 that there was no 
discernible variation with Mach number. The agreement between flight and 
wind-tunnel values of a% is considered to be excellent. 

Calculation of tail on ao.- With a mean value of aoWD established 

as constant for all flights and runs, an adjusted value of a. for 
tail-on flight conditions may be calculated as 

aoadj = -3.13 - aoWD + aoC (30) 

. 
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The results of these computations are listed in table V and plotted in 
figure lg. The differences exhibited in figure 19 are a result of varia- 
tions of tail-on lift-curve slope, downwash, and elevator effectiveness 
with Mach number as well as fuselage flexibility effects but these dif- 
ferences are not sufficiently great to warrant further analysis. 

DISCUSSION 

Analysis of the test results indicates that numerous corrections 
must be made- to the'measured data if proper values of lift-curve slopes 
are to be obtained from the type of nose-born angle-of-attack installa- 
tion used. The size of the corrections may be reduced but not eliminated 
by lengthening the boom (reducing interference effects) and stiffening 
the boom (reducing inertia effects). The particular corrections required 
to account for lag in the present case may, of course, be eliminated by 
the use of a better recording instrument. Corrections for angular veloc- 
ity effects may be reduced somewhat if a slow windup turn type of maneu- 
ver is used. The windup turn maneuver is not necessarily a more suitable 
maneuver since speed changes and roll and sideslip.-effects would then 
have to be considered in an analysis of the data. Another undesirable 
feature of the windup turn maneuver is the reduced range of angles of 
attack available for which normal-force coefficients are linear with 
angle of attack. 

The importance of obtaining a large amount of data with duplication 
of maneuvers at similar flight conditions is a factor which is sometimes 
overlooked. In the most carefully conducted flight test program with 
carefully corrected measurements, considerable scatter may still exist 
in the results. Least-squares procedures may be used to analyze results 
where scatter is present only if sufficient data tie available with a 
reasonable range of variables. A good fit to the data is not proof that 
the coefficients derived in the process are final correct answers. 

The determinationof equivalent rigid values of lift-curve slope 
frcm flight measurements on a flexible &r-plane requires a careful anal- 
ysis of the data. As-pointed out previously, a certain amount of scatter 
is unavoidable; thus, simplified plotting techniques, even if the correct 
flexibility parameters are chosen, seldom produce curves that may be 
extrapolated-to rigid conditions. In view of the fact that the basic 
flexibility parameter q% is the product of the dynamic pressure q 
and the unknown rigid lift-curve slope q, the use of a plotting tech- 
nique is doubly difficult. It is thus necessary to reduce the flight 
data to equivalent rigid values by theoretical load distribution calcu- 
lations and calculated or experimental deflection characteristica. Since 
the basis of the theoretical load distribution calculations is an adequate 
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determination of the two-dimensional wing lift-curve slope distribution, 
the whole process is unfortunately somewhat dependent on wind-tunnel 
pressure-distribution tests. When the reverse process is used, that is, 
the calculation of flight test values from wind-tunnel tests and theory, 
the ssme accurate basic information is required. 

CONCLUDING FEMARKS 

Flight measurements of airplane lift-curve slopes and angles of 
zero lift for a large flexible swept-wing airplane as obtained for 
68 push-pull maneuvers in a Mach number range from 0.42 to 0.81 at alti- 
tudes from 20,000 to 35,000 feet have been presented. 

The lift-curve slopes obtained from flight conditions where flexi- 
bility is a factor were analyzed to determine airplane tail-off rigid- 
wing values which showed excellent agreement with rigid wind-tunnel data 
for a model of the airplane up to a.Mach number of 0.70. In the Mach 
number range from 0.70 to 0.81, however, the flight rigid values of lift- 
curve slope show a more rapid increase with Mach number than the wind- 
tunnel data. 

The agreement obtained between flight and wind-tunnel results indi- 
cates that in the Mach number range tested standard design calculation 
methods would accurately predict flexible lift-curve slopes if the basic 
two-dimensional lift-curve-slope data and wing-stiffness data are 
accurate. 

Analysis of angles of zero lift for tail-off conditions indicated 
good agreement with wind-tunnel results both in magnitude and in lack 
of variation with Mach number. 

In the course of the investigation and as detailed in the present 
paper, new approaches to analysis procedures believed to be of interest 
were used. Specifically these were (a) the determination during abrupt 
maneuvers of lift-curve slopes from instrumentation which had a large 
amount of lag and (b) the conversion of flight measurements of lift- 
curve slopes on a flexible airplane to rigid conditions according to 
physically correct equations. 

Langley Aeronautical Laboratory, 
National Advisory Ccnmnittee for Aeronautics, 

Langley Field, Va., May 9, 1956. 
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APPENDIX 

CORFUXTIONS TO BASIC DATA 

NACA PM ~56~2h 

Corrections to Angle-of=Attack Measurements 

At any instant in a maneuver, the measured angle of attack at the 
vane (assuming no alinement errors and that the floating angle is zero) 
is related to the true angle of attack of the airplane through the fol- 
lowing equation: 

al = a2+ ctring ( + boom + helage +kQ. +oa, El 1 + &la) (Al) 

where the terms in parenthesis are in the nature of small corrections 
due to upwash, pitching velocity, and boom bending. 

The upwash at the vane due to the wing may be calculated from the 
following &pression which 
mine the flow direction at 
of the wing: 

Cl. 
[ b&lg =-* 1 

The angle of attack of the 

uses a swept-horseshoe-vortex system to deter- 
points in space not on the quarter-chord line 

pzTjmy( ) 

7 1 aw (A2) 

wing is the angle of attack of the fuselage 
reference axis plus the wing incidence angle of 2.75O. With numerical 
values inserted, equation (A2) becomes 

bhlg = O.O446(a2 + 2.75) 

(Since this is a correction, an average value of cl, = 0.100 was used.) 

The upwash at the vane due to the flow around the boom may be esti- 
mated with good accuracy from the equation for two-dimensional flow 
around a cylinder as 

With numerical values inserted, this becomes 

pboom = 0.01359 
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The upwash induced at the vane from the fuselage based on some very 
limited flight test data is approximated by 

( ) r 2 
bbselage' x a2 (A41 

Substituting the cthensions of the fuselage radius at the original nose, 
equation (A&) is numerically equal to 

C'ruselage = 0.03'15a2 

Equation (Al) may be rewritten as 

a2 = 
al-O.l2-bu~-ba~i-hrl, 

1 + 0.0446 + 0.0135 + 0.0375 
(A51 

or 

a2 = 0.913 al 
( 

- 0.12 - La 
b 1 

. - fq 
- h%L) 

. The correction due to the aerodynamic loading Lkxb on the boom 
was found to be so small that even at the highest dynamic pressure of 
the tests the measuring error due to this parameter would be less than 
0.010. 

The pitching-velocity correction term is 

With xv equal to 58 feet and V measured in feet per second, 6 
in radians per second, and kq in degrees, the pitching-velocity cor- 
rection term becomes 

aa,6 = -3323 g (A6) 

The negative.sign is due to the fact that positive pitching velocities 
deflect the vane tail downwar d relative to the boom (a negative indica-. 
tion of angle of attack). 

. The boom inertia bending correction term Lull was calculated by 

using measured influence coefficients and the known weight distribution 
of the boom and head as 
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+i = -0.353(~,, - 1) 

NACA RM L56ESla 

The negative sign results from positive load factors decreasing the an&e _ : 
between the boom and the vane axis. 

With 

% OOm + g(distanc =%l g e between vane axis and accelerometer) 

then 

%i = -0.353(% - 1) - 0.650; b7) 

The substitution of equations (A6) and (A7) into equation (A5) with 
hzla = 0 results in the equation used to correct the flight measure- 
ments of angle of attack; 

. 
a2 = o.gla1 - 0.11 + 3034 ; + 0.322(+ - 1) + 0.5933 b-w 

Corrections to Airplane Normal-Force Coefficients 

The airplane normal-force coefficient is defined as 

W 
%5 

'WA = 7 (A91 

Since normal-load factors were measured with NACA accelerometers mounted 
at fuselage station 638 (34.2 percent of the wing M.A.C.), a correction 
is required to the measured load factor to-determine the normal-force 
coefficient for particular center-of-gravity positions. Thus, equa- 
tion (Ag) becomes =. 

=-+&Kg %lw 

cNA qs Q @ (AlO) 

where d is the distance between the accelerometer and the center of 
gravity. 

With numerical values inserted, equation (AlO). becomes 

CNA = zh! 
qs 

+ 
. 

(A=) 
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. During the maneuvers used for the analysis of the data of the present 
report, pitching accelerations as high as kO.5 radians/sec2 were encoun- 
tered. Since the airplane is out of trim tienever appreciable pitching 
accelerations exist, the angle of attack and the airplane normal-force 
coefficients are no longer linearly related. A correction can be made 
to the values of WA, deduced from the data by assuming that AC&v 
(the vertical-reaction load coefficient due to pitch) is proportionalto 
the pitching moment of inertia tail load as follows: 

An est3mated average value of 28,000 lb/radian/sec2 based on an average 
pitching moment of inertia was used for %/de. The value of airplane 
normal-force coefficient for trimmed flight corresponding to the cor- 
rected angle of attack a~ became8 

%lw 
'NAP = F -I- (A131 
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TABIE I.- TEST A,IE?IANE CELARACTEEIsTICS AMI DIMENSIONS 

Total wing area, sq ft ..................... 1,428 
Wingspan.ft .......................... ~6 
Wing aspect ratio ........................ 9.42 
Wing taper ratio ........................ 0.42 
Wing mean aerodynamic chord, ft ................. 
Wing sweepback (2>-percent-chord line), deg ........... ;; 
Total horizontal-tail area, sq ft ................ 268 
Airfoil section ........................ EUC 145 
Airfoil thickness ratio (parallel to center line), percent ... 12 
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Figure 1.- Side view of test airpLane. ~-86692 



Figure 2.- 
679626 

Nose-boom, angle-of-attack, and airspeed installations. 
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Figure 3.- Time histories of measured and 
flight 9, run 1. 
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Figure 5.- Variation of corrected air-plane normal-force &efficient with 
angle of attack. a2 and angle of attack corrected for lag a3 for 
data of figure 3. 
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Figure 6.- Variation of corrected airplane normal-force coefficient with 
angle of attack q and angle of attack corrected for lag a3 for 
data of figure 4. 



Figure 7.- Al-q&e lift-curve slope as a function of Mach number and 
altitude. 
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FIgwe 8.- kill-off lLft-curve slope as a function of Mach number and 
al-t ltude . 



40 NACA RM ~56~21a 

Figure 9.- Lift-curve-slope ratio as a function of flexibility parameter. 
. 

.3 r 

Figure lO.- Inertia flexibility parameter as a function of flexibility 
parameter. 
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Figure ll.- Flexible lift-curve slope as a function of mR and wR. 
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Figure 12.- Lift-curve-slope ratio 
+4 = mRk as a function of 

flexibility parameter. 
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Figure 13.- Flight values of tail-off lfft-curve slopes converted to 
rigid conditions ( q~ = 0 . 1 
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(a) Weighted meap rigid jJft+uzrve s_lopes. 

(b) Equivalent zero Mach number values of weighted mean lift-curve slopes. 

Figure lb.- Weighted lift-curve slopes as a function of Mach number. 
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Figure 15.- Comparison of tina-tunnel rigid model and flight-test rlgia 
tail-off uft-curve slopes. 
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Figure l6.- Comparison of measurea and calcukbtea lift-curve slopes at 
teat altitudes. 
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Figure 17.- Corrected &es of zero lift by flights. 



, 

i- 
0 ./ 2 .a .4 .5 .6 07 .8 -9 

#d4uc/7 p;lumbe~# M 

Figure 18.- Gil-off angles of zero lift by fl.lghts. 
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Figure lg.- !kil-on a@es of zero lif% adjusted for zero shLfts 88 a 
function of Mach number. 


