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Measurements of the chordwise pressure dis t r ibu t ian  over the 
%percen%thick wing of the xs-1 research airplane have been made at 
a section near the mfdspas of the lef't w-ing. Data preaented are for 
a &ch number range of 0.75 to 1.25 at a normal-force coefficient of 
about 0.33 and for normal"force coeff ic ients  up t o  0.93 at a Pith 
nmiber of approximately 1-16, The  results show that there is a re- 
ward s h i f t  of section  -,enter  of load w i t h  an increase in  k c h  mmiber 
due t o  the rearward movement of shock  with a corresponding extension 
of the region of supersonic flaw. The load center moves from about 
25 to 51 percent of the chord as the hkch number is increased From 0.75 
to 1.25. During the reaward movement of load from the forward to 
rearward limit position,  there is a rapid and large shift of the center 
of load w i t h i n  these limits for a bkch number range of 0.82 to 0.88. 
It is expected that large changes in trim,  with corresponj_ing large 
changes Fn load factor a t  low alt i tude,  may occur  within this &ch 
nuniber range. 

The dist r ibut ion O f  load mer the section up to a bkch nuniber 
of 0.95 is somewhat irregular and the i r regular i t ies .  are m u r e  pro- 
nounced on the upper  surface. A t  Mach numbers f r o m  0.95 %o 1.25 the 
ehapes ofthe distributions of load over both  eurfacee are amwha t  
similar. A t  high normJ"force coefficienta, hawevw,, the  upper-stmface 
pressure dist r ibut ion approaches a rectangular  dietribution. A section 
noTmBI"force coefficient of 0.93 W&B reached a t  a free-stream k c h  
m e r  of about 1.16, with no indication that maximum lift had been 
reached. A m~ucFmum l o c a l   k c h  number of about 2 waa obtained at t h i s  
po.int . . . . ." " - - . .  

There is a gradual t rans i t ion  of the total load distr ibut ion ]prom 
one having peak loads mar the leadfng edge at subsonic speeds t o  one 
approximating a rectangular shape at supersonic  speeds.  Distributions 
for  &ch ambers above 0.95 are s m w h a t  s l m i h r  i n  shape. 
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W g e  changes i n  .the.preseure dist r ibut ion over the rear 15 percent 
of the chord within a &ch nmiber range of 0.80 and 1.0 would  indicate 
large changes in  hinge mcmrents for an ai leron at this location. 

The mACA and the Air Force are engaged cooperatively  in an 
accelerated  flight-testing program t o  es tabl ish the operational limits 
of the -1 research airplane. The airplane ia flown by Captain hies 
Yeager of the Flight Teat Division at Wright Field and the flight data 
are  obtained from WACA i n s t m e n t a t i o n  and are evaluated by NACA 
personnel. . 

During the early stages of the t e s t  program of exploring  the 
transonic speed region,  sufficient  instrumentation w a s  inetalled t o  
determine only the general behavior of the  airplane and some loads on 
the wing asd tail. As the   f l lghts   progressed  to  higher speeds Etnd 
repeated flights were successfully completed  above the speed of SOW 
(references 1 a d  2), changes in inetrumentation were made t o  obtain 
additional aerodynamic data. Measurements of chardwise pressure 
dist r ibut ion over the mid-semispan w i n g  of the airplane have been 
obtained at h c h  numbers greater than 1.0. R e s u l t s  of these measure- 
ments are reported  herein. 

M 

KL loca l  h c h  . .  nuzLiber 

n normal load factor  

W airplane weight, pounds 

s w i n g  area, square feet 

cNA airplane narmal"force  coefficient 

b wing span, feet 

C l oca l  w i n g  chord parallel to plane of symmetry 
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are presented in table I. The wfng t ea t  section was located  at  approxi- 
mately the  midspan of  the  left w i n g  inboard of the aileron etation  and 
included  the lanaing f l a p  (fig. 3 ) .  The area about the t e s t  section  waa 
polished  during  the  teete  but no attempt XBB made t o  obtain a perfectly 
smooth flnish. hnd-flap junction and the uppe-face wing spoiler 
presented  irregularities, 88 did the epar-skin attach  points.  Location 
of these  irregularitiee a r e  given in figure 3. The ekin thickness at 
the t e s t  eection is apprarimately inch thick on both the upper and 

1 

iower aurfaces . 

fie-tream  static pressure was recorded frat  a Kollsman pitot- 
static ffxed head  located at the w i n g  t i p .  The static  vents were 
located approximately 0.96 of the local wing chord ahead of the wing. 
Dynamic preasure was meamred frm the w-tlp pitohtatic head 
(fig. 3 ) .  

Wing-surface pressures were measured f r a n  flueh-type  orifice^ 
installed in the w i n g  ekin. The orifice6 were connected by L- inch 
inslde diemeter rubber tubing to the  miLt1pl.e  manometer  located in the 
fuselage behind the pilot's compartment. The average length of tubing 
f r m  the  orifice to the manomsters was approxZrmtely 9 feet. The 
orifice locatione a r e  given in  the table of figure 3.  

a 

Normal acceleration of the airplane was measured near  the center 
of gravity of the airplane. 

!I'he pressure cells of the multiple manometer were vented to the 
fuselage instrument  campartment; thus,  preseures of the  wing  surface 
were measured relative t o  the  existing  compartment  static pressure. 
Static presEnrre at  the pitohtatic head waa also measured relative 
t o  the  ccmpartment  preesure. A continuous  record of the geometric 
altitude during the  teet  flight was made by the radar ground station 
which m e  eynchronized  with a recorda pressure altimeter in the 
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airplane. On completion of the test flight, 8 survey was made by the 
airplane  through  the  test  altitudes  obtaining  synchronized  airplane 
pressure altitude and radar geometric  altitude  recorda. The survey 
W88 made at  speeds  where  the  error in measurrzlg true  static pressure 
by the airplane was ham. t h i s  method,  pressures  measured at the 
wing were  corrected  to  values  relative  to  the  free-stream  static 
pre8-e. Ckound tests  were  made t o  determine any effects of lag that 
might  be  present in measuring the  wing-surface  pressures. These tests  
.show  that  the  effects of lag were  negligible and have been neglected 
in  these  data. 

TESTS 

The data  presented  herein vere obtained d u r a  an attempted four- 
rocket  flight  at 50,000 feet. Due to  faulty  operation  of one rocket, 
the  flight wa8 made with three rockets on an3 the  airplane  dive5 
from 47,000 feet to obtain higher  speede.  Recovery waa made from the 
dive  at  appt.oxlmately 33,000 feet by use of  the  adJuetable  stabilizer 
and resulted Fn a ncirmal acceleration of 5.7g at a W c h  nuniber of 1.13. 
Continuom recards of pressure distribution were obtained durfng the 
c l h b  f rom 30,000 feet to 47,000 feet at Mmh mmiber~ of 0.73 to 0.95, 
during  the  dive  to 35,000 feet to a Mach number of 1.25, and in the 
recovery  at 35,000 feet at a hch number of approximately 1.16. 

EESERTATION OF DATA 

Presented in figure 4 are pressure distributions  for  the  upper and 
lower  surface  of  the w i n g  test  section  far a &ch amber range of 0.748 
to 1.088. These distributions have been selected for an airplane 
normal-force  coefficient of about 0.33. Distributione for k c h  numbers 
from 1.138 to 1.248 are given in figure 3 for an afrplane norraal-force 
coefficient of about 0.16, Included in the figures m e  value8 of the 
f'ree-etr6am k c h  number and preeeure coefffcients for sonic  velocity 
for  each  distribution.  It may be noted that  there a r e  two values of 
pressure coefficient  given  at  about 10 percent of the chard on the 
upper m a c e  between a &ch  nuruber of 0.75 and 0.85. These represent 
extreme value8 of the weesure coefficient  during  pressure  fluctuations 
at  the  orifice. The pressures exf8tFng for the  selected conditions are 
used for fairing  the pressure distribution.  Pressures  at  orifice 
statione forward and to  the  rear  were steady. 

The variation of the  local presme coefficients for the upper 
and lower surfaces  with free-etream Mach number are presented in 
f iguree 6(a) to 6(d). Included in the figures are locations of the 
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pressure  stations in percent of local  chord and, in some plots, local 
k c h  number lines of 1.0 and 1.5 which a r e  computed from equatiorss for 
subsonic flow. It is  est-ted  that  the errar in using t h e  sutaonic 
equation far local W h  number is less than 5 percent at the highest 
free-etream k c h  number  reached in these teste. 

In order to show values of local Mach number regions existing over 
the  airfoil  section  at a given  free-atream k c h  number, some pressure 
.distributions for the upper and lower Burfaces have been selected and 
are  presented in f l p e  7 as p/p~,  against  percent of section chord. 
The scale of the  local  Mach  number  is  given &a the  ordinate on t h e  
right of the figure. For these  plots the local total head may be 
aeeumsd to be equal to  the frec+stream t o t a l  head. Errors introduced 
by this  assumption are less than 1 percent far the maximum free-etream 
Mach number given in figure 7. 

From the  inspection of the pressure distributions of figure8 4 
and 5 ,  which  give  the  variation of local preemre coefficient  with k c h  
number, and of the continuous  records  of  individual p r e s m e a ,  the 
approximate  location  of  the  shock  for  both  the  upper and lover surfaces 
h ~ s  been  determined and is  given in figure 8 plotted against free-etream 
Mach  number. The termination of the  Bupersonlc fluw over the forward 
portion of the  airfoil by &z1 abrupt pressure recovery has been  taken 
primarily as indicative of shock. 

Pressure dietributions  obtained  during a dive  pull-out are preeented 
in figure 9 for w r i o u s  normtl-force coefficients at a fie-trem k c h  
number of apprcrx-teu 1.16. 

The t o t a l  laid distributions  over the sectian have been derived 
frm the  falred  distributions of individual  Burfaces and are presented 
in figure 10 for a Mach number range of 0.748 to 1.185 at 8x1 airplane 
normal-force  coefficient of about 0.35. Included in the figure are 
values of' the f'ree-stream Easch number and the  integrated  section normal- 
force  coefficient f o r  each  distribution. 

A summary figure sharing  the  wing  section  characteristica for the 
k c h  number range presented is shown in ffgure 11. The section n o m 1  
force,  hinge moment, and center of pressure have been obtained  from  the 
mechanical integratian of measured preseure  distributione. The section 
pitching-moment  coefficient has been  derived  fram  the  centelcof-pressure 
curve  for  two  section  narm&1"farce  coefficients. The section  hinge 
moment as presented herein is  the moment of the area of the rem 
15 percent  chord  about the 8>percent"chord  station. The hinge  moments 
at k c h  numbers less than 1.0 would  be  representative value8 fo r  
aileron neutral at a w i n g  section  which  included  the  aileron.  Rlnge . 
moments for h c h  numbers greater than 1.0 may not be representative 
due to wl-tip lOSS88. 
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The f'ree-etream Mach auniber at whfch local.  sonic  velocity is 
first attained a t  any point an an a i r f o i l  is nmmally defined as the 
c r i t i c a l  &ch  number of the section, and the  occurrence of the peak 
pressure coefficient attainable a t  m y  point on t h e   a i r f o i l  is 
usually  associated with the formstion of a compression  shock. The 
c r i t i c a l  Mach ruther has not been established in these tests since, 
at the lawest h c h  number reparted (M = O.748), supersonlc flow 
already exists over apprnximately 40 percent of t h e  chord. (See 
figs. 4 and 7.)  AE eham by measurements of surface pressures over 
t h e   a i r f o i l  (fig. 6 )  the  pressure coefficients increase negatively 
with an increase i n  fkee-stream Mach  number until some peak pressure 
coefficient i8 reached. As the fre-tream &ch nuuiber is increaeed 
above the value where the peak pressure  coefficient is reached,  the 
local  pressures increase  poeitively tendlng t o  follow, In general, a 
constant  local &ch m e r  line. 

Uppe-face Preeeure Distribution 

An inspection of the p e s m e  dist r ibut ion  pesented  in  figures 4 
and 5 for  a given airplane nQlplBI"force coefficient shows that, 88 the 
h c h  number is increased from 0.75 to 1.25, there is a gradual tramti- 
t ion  of load dlstributfon over the section. The t ransi t ion is From a 
COmpr0Bsible subsonic type of' pressure dis t r ibut ion Laving peak values 
near the  leading edge followed by a nOrmal pressure recovery 03'81' the 
rear section t o  a mpersonlc type of' pressure distribution having 
mxim negative pressures over the rear section. It m y  be seen t h a t  
t h e  t ransi t ion  resul t8  i n  a shift of the load center t o  tihe rear wfth 
increasing Wch number. AB will be shown in the following d i ~ c u a s i o r ~  
of selected k c h  number r q s , t h e  load center ehift ie a remlt of 
t h e  shock movenient toward the rear and the externion of the  region of 
supersonic flow expansion over the airfoil.' 

Wch numbere 0.75 t o  0.82.- AB the Msch number ie increased from 0.75 
to 0.82 f o r  a given alr-plane narmal"farce  coefficient, t he  Bhock and the 
associated large negative pressures preceding  the  shock have moved f r o m  
appmxlmately 35 t o  40 percent of the chord to about 60 t o  65 percent of 
t he  chord (figs. 4 and 6(a) and 6(b)). The region of supersonlc flow 
has exteded beyond the mfdchord section a t  k c h  numbers greater 
than 0.798 (fig.  7). The negative preesures over the midchord etat ion 
have increased and those over the  l e a d i w g e  section 3ave decreased. 
The distributions over the  rear 35 percent  chord a r e  essentially 
constant. 
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k c h   m m 0 . 8 2   t o  0.89.- For a given noTm&l"force coefficient,  
t h e  shock  remains at about the 5 5  t o  6spercent"chord  station for t h i s  
Mach number range (f igs  . 4 and 6(b ) ) . Gradual pressure fluctuatf o m  
near  the  location of ahock were noted. Within t h i s  range of k c h  
number, where the shock fs approximately stationmy, there is an 
increase In negative pressure coefficient over the a i r f o i l  ahead of 
the shock at Mach nunibers of about 0.83 t o  0.88 (f igs .  6(a) and 6(b)). 
The more pronmced  increases  occur  over  the  forward 20 percent  chord 
and i n  the vicini ty  of the shock. The dietributions over the  section 
forward of the shock are  elmilar, wi th  t he  exception of the alight 
increase  in  negative pressures over the forward  section as mentioned 
ab0s.e. As the h c h  number is increased above 0.82, an increase  in 
negative  pressures over the  section trailing edge occurs, due t o  a 
region of separated flow behind the  compression  shock. A t  a k c h  
number of 0.872, about 65 percent of the upper surface is supersonic 
(fig.  7). 

Mach lnmibere 0.89 t o  0.95.- As shown i n  figures 4 and 6(b) ,  the 
compression  shock hae moved frm about the 65 percent  chord t o  near 

~ 

t he  trailing edge w i t h  a carresponding  increase  in t r a i l i m d g e  
pressure  coefficiente. As the shock becomes approximately stationary 
at the trailing edge, local pressures are again  increased. The general 
shape of the dis t r ibut ion forward of 60 percent  chord remain8 approxi- 
mately constant. A t  a f're-tream Mch mmber of 0.90 ( f ig .  7) super- 
sonic flow exiate over the entire upper mface,  wi th  exception of the 
leading ege and possibly the t r a i l i n g  edge, and maximum local  Mach 
numbers of about 1.4 are attained at 65 t o  70 percent of the chord. 
The maximum loca l  Mach numbers obtained in this  region were aboLit 1.5 
for  norm&1"farce coefficients of about 0.33 and occwred over 75 t o  
95 percent  of  the  eection at a fie-stream k c h  number of 0.947. 

Mach IolmbersG.95 t o  1.W.- AB the  hhch number is increased 
from 0.93 t o  1.03, the ahape of the  distributions over the upper 
surface ramaim approximately the a m  but  the magnltudea of l a d s  
over the upper surface are progeesively reduced (ftgs. 4 and 6(b) ) .  

h c h  rermbsrs 1.14 t o  1.25.- The form of the load distr ibut ion over 
the upper surface for th i s  hhch nunher range ( f ig .  5 )  is similar to 
t h a t  presented for k c h  IlLtmbers of 0.95 t o  1 .Og i n  figure 4. The 
magnitude of presaures over the  surface  increases  positively by 
40  t o  50 percent a8 t h e   h c h  number is increased from 1.14 t o  1.25. 
For an increase in  section n d - f o r c e  coefficient from 0.19 t o  0.93 
a t  a &ch nuniber of  about 1.16 the uppe-urface dis t r ibut ion approaches 
8 rectangular shape, and a me~cimum loca l  Fkch number of about 2 .O is 
reached  over the trailing edge of the a i r f o i l  at a C, of 0.93. (See 
f ig .  9.) There KBE no indication that maxirmun 11,' tt had been reached 
at t h i s  normal-force coefficient. The shape of the lower-mface 
dis t r ibut ion remalmd essentially the a m .  
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Lower-Surface Pressure Distribution 
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AB shown in f igures 4 and 5 ,  the a m  general  change in load 
distribution  is  shown  to  occur over the  lower  surface as shmm over 
the  upper  surface;  that  is,  with  the  farmation of shock and increase 
in k c h  mmiber,  there  is a shifting of the  load  center toward the 
rear.  However,  at the lower Mach  nunibers the  existing flaw over the 
forward section  of  the lower Burface  presents a m e  favarable pressure 
gradient  than  is present over  the  upper  surface. The shock  movement 
over  the lower Burface to the rem is mre uniform and more rapid 
'than  that over the  upper  surface. These facts are pointed  out in the 
folluwing  discussion far  selected h c h  number r q e s .  

Mach nmibem 0.75 to 0.82.- From figures 4 and 6(c) and 6(d) ,  it 
is shown  that  there  is a slight increase negatively i n  pressures  over 
the forward 50 percent  chord and that  the load over the rear 50 percent 
remains  essentially  canstant.  There  is no definite  indication  of  shock 
formation  at  these  bhch numbers and norrnd-force  coefficients. 

Mach mbrs 0.82 to 0.89.- Shock  formation  is  indicated  after 
sonic  velocity  ie  attained at about 55 percent  of  the  chard near a bkch 
nuniber of 0.84 and moves  to  about 80 percent  chord  at a &ch number 
of 0.89. The shock  movement  results  in an increaae in pressurea 
positively forward of  the  shock and a marked increase  in  trailfng-edge 
loads. The region of supersonic flow extends from about 43 t o  85 percent 
of the  chord.  at a Mach  number of 0.89. 

Mach ramibere 0.89 to 0.95.- The shock  contfnues  to mme rearward t o  
about 90 percent  of  the  chord  at a Mxh nuniber of 0.92 and, from the  data 
obtained  in  these  tests,  the  shock  appears  to  remain  at  this  location. 
The farmatian of a stationary shock wave in this  vicinity may be  due 
to  the  reflexed  trailing edge of the airfoil. The region of supersonfc 
flow extends over about the rear 75 percent  of  the  chord. 

Mach numbers 0.95 to 1.23.- The general shape of the  distribution 
of load over the surface  remains  essentially  the same above a Mach 
number of 0.95 and, with  the  exception of the leading edge and trailing 
edge, is similar to the  distribution of the  upper  Burface.  With an 
increase in k c h  number  for a given  normal-force  coefficient,  there 
is a slight  positive  Increase in the  pressure  coefficient  over  the 
surface. 

Total  Section L0etd-B 

A gradual  tranaition  of load distribution  fram one hading  peak 
loads new the leading edge to one approximating a rectangular shape 
occurs when the k c h  number  is  increased from the  Bubsonic  to  the 



10 NACA RM No. L8G21 

supersonic  values. (See fig. 10.1 The total load distributions are 
irregular in shape for k c h  ntuibers up to 0.95 due  to  variations of 
the shock  location anlt movement Over the upper and lower  surfaces. 
The ahpeeof the  distributions  at  hkch nU12ibers greater than 0.95 are 
essentially  the same since  the  ehock  wave8  on  both  surfaces remin 
near the  trailing edge. 

Due  to  the  variation of the  shock  position on one surface  with 
respect to the other and to  the different  rates of ahock  movement on 
each surface, there is a large  shifting of the section load. center and 
a corresponding large change in section  pitching moment. The center of 
load at a Mxh number of' 0.75 (fig. 11) is located at appoxhately 
26 percent of the  section  chord. and moves to  about 42 percent  chard as 
the k c h  nunrber is increased from 0.75 t o  0.85 due t o  the u p p e m f a c e  
ahock movement to the rear. For the same k c h  number  range  the 
pitching-moment  coefficfent  increasee *om -0.w to 4.067. As t h e  
Mach number is increa8ed from 0.85 to 0.89,the  center of lad mT;;eB 
forward to approximately 26 percent  chord  due  to the r e m d  shift 
of the  lawe-urface  ahock and to the  approximately  stationary upper- 
8WfaC~3 shock (fig.  8). At a k c h  xLumber of about 0.90, where t h e  
chock on the  lower  surface has m a t  reached  the trailing edge and 
the shock on the  upper  surface move8 rearward, the  center  of loa3 moves 
rapidly to about 45 percent  chard at a mch luLniber of 0.95. Due to a 
more  rapid  reduction of negative pressures over the forward section of 
the  upper  surface  than  over  the rear section  at  Msch  numbers above 1.00, 
there is a gradually rearward  shfft Of the  center  of load to about 
51 percent  chord  at  %ch n~mber8 of 1.25. Due to the large and fairly . 
rapid  changes in the wing section  pitching-mament  coefficient  between 
k c h  numbers of 0.75 and 1.0 it may be  expected  that large trim  changes 
would  occur in this hch number range. Correspondingly high load 
factors m y  result in flights  at law altitudes. The occurrence of high 
load factors  would  depend  however on the  rate at which  the  airplane 
traversed  the  &ch number range of 0.75 to 1.0 and on the rate of 
application and magnitude of trFmming forces  that may be  available  to 
the pi lo t .  Because  of the  increased t r a i l i e g e  loads, large changes 
in  section hinge maments  occur in a hch mmiber range of 0.80 to 0.96 
(fig. ll). "he ratio of the  section narmal"force coefficient to the 
airplane  normal-force  coefficient (fig. ll) shows that the  section  load 
abruptly  increases at a k c h  number of 0.97 and remain8 at about  this 
load level a8 the k c h  number is increased to 1.25. The decreaae in 
eection load at a k c h  number of 0.75 indicated  in figure ll is based 
on one load distribution and no explanation of t h i e  occurrence  can be 
made at this  time.  However,  total W i n g  loads measured by  strain gages 
locate& at the wing root lni i icate 'that the  lateral  center of I& 
remains essentially constant  within  this  Mach nmiber range. 

.. 
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..- Results of the  chardwise  preseur+dietributiorL measurements o-ler 
the  wing of the  xs-1 airplane show that: 

1. As t h e   k c h  number is  increased from 0.75 to 0.97 for a normal- 
.force coefficient of about 0.33, there is a rearxctrd s h l f t  of t he  surface 
load center  on both  the upper and lower eurfaces. 

2. A t  fie-tream k c h  numbers f'ram 0.95 to 1.25 where the shock 
5s located near the t r a i l i n g  edge, the   dis t r ibut ior ia  of load over the 
two m f a c e s  axe satwhat similar at comparable normal"fol-ce coeff ic iente .  
A t  high normal-force coef f ic fen ts  at a Mch rsumber of 1.16, however, t h e  
uppe-face pressure distribution approaches a rectangular dletrfbution. 

3. The marirmun local Wch number reached In these tests was 
about 2.0 at a free-etream Msch number of about 1.16 and a section 
normal-force  coeffioient of 0.93. 

4. Large trim changes of the  allplane may occur in 8 k c h  number 
range of 0.80 and 1.0 due t o  the changes in wing pitching momsnts. 
corresponding hi& load factars may r e e u l t  during flight8 at low 
altitude. 

5 .  The s e c t i o n   t o t a l  load diatributian I s  transformed From one 
h v i n g  peak loads near t h e  leading edge at eubeonic speeds t o  one 
approaching a rect tmgular   diet r ibut ian at supersonic speeds. The 
distribution over the aect ion for &ch numbers of 0.55 t o  1.19 are 
similar in  shape. 
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6. There a r e  large change13 in eection hirqe mcments due to the 
large changes in trailing-edge loade. 
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Figure 1.- Phstograph of XS-1 airplane. 
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Figure 2.- Three-view drawing of XS-1 airplane. - 
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