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RESEARCH MEMORANDUM

INVESTIGATION AT SUPRESONIC SPEED (M = 1.53) OF THE PRESSURE
DISTRIBUTION OVER A 63° SWEPT ATRFOIL OF
BICONVEX SECTION AT ZERO LIFT

By Charles W. Frick and John W. Boyd

SUMMARY

The results of an lnvestigation at supersonlc speed of the distri-
bution of pressure at zero 1lift over the surface of a swept airfoil of
blconvex section are pressnted. The airfoil used for the experiment ws
composed of sections T percent thick in streamwise planes and was swepT
back 63°. The aspect ratio was 1.66 and the taper ratio 1. The tests
were made gt a Mach number of 1l.53 over & Reynolds number range of
0.481 x 10° to 3.25 x 108

The measursd pressures have heen compared with theoretlcal values
calculated from thin-airfoil theory. In general, good agreement is
found except where the limitations of the linesr theory may be expected
to menlifest themselves: namely,

1. The region of infiuence of the subsonlic trailing
edge on the pressure distribution, which determines the
location of the pressure minimum, does not extend up to the
Mach line from the root tralling edge as theory predicts,
since the local Mach numbers on the alrfoil are appreciably
greater than that of the stream. The position of the
pressure minimum is therefore moved rearward.

2. The pressure recovery behind the pressure minimm
is greater than predicted by theory and, although the data
are not conclusive, sppears to take place, In part, through
a shock wave.

These deviations from the linear theory result in an sppreciable
increase in the pressure drag over that calculated by theory.

— UNCLASSIFIE
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INTROIUCTIOR

The adaptation of the theory of sound wavea of emall amplitude
to the asrodynamios of bodies moving at supersonic apseds has been
found to be very fruitful In producing methodg of calculating pressure
distributions for thin wings at zero 1ift (references 1, 2, and 3).
These mothods are limited, howsver, to wings which are thin in both
longltudinal and transverse sections,so that

1. The axial perturbation veloclities are small with
reapect to the absolute value of the difference between the
stream veloclty and the veloclty of sound In the filuld.

2, The lateral perturbation veloclties are small both
wlth respect to the stream veloclity and the veloclty of
sound in the fluid.

The theory, of course, assumes that the fluild 1s inviseclid. This
agsumptlion has been found to glve satilsfactory results in the theoret—
ical calculgtlons of pressure disitributlions at subcritlcal speeds for
flows not Involving separatlon, the effect of viscosity belng confined
primarily to a thin laysr of fluld next to the airfoll surface. The
range of applicablllty of the perfect fluld theory at supsrsonic
speeds must be determined by careful experiment. Experiment must also
be relled on to show how well the linearized theory predicts the
pressure—distribution characteristics of wings, the sections of which
cammot be sald to be thin.

Agreement between theory end experiment has been found tc be good
for unswept alrfolls, at least for the portiomn of the span unaffected
by flow near the tips. The results of an Investigation for a aswept—
back alrfoll at zero 1i1ft, which mey be treated theoretically by
references 2 and 3, are dlscussed in the present report. The material
for this report was obtalned as a part of an investigation of the
pressure—dlstribution characteristics of swept alrfolls at supersonilc
speeds both at zero 1ift and at angles of attack.

SYMBOLS
X, ¥ carteglan coordinates
M local Mach number on airfoll surface
Re Reynolds number based on the streamwise chord of 6 inches
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46 dynamic pres:aure (%povoa)

Po denslty of stream

Yo free-stream veloclty

&;—ix stream statlc pressure coefficient
Ps gtream static pressure .

Py reference static pressure

P pressure coefficlent %}

D local static pressure on airfoll
¥ section pressure drag coefficient

DESCRIPTION OF APPARATUS

Wind Tunnel

The experimental investigation discussed hereln was made in the
Amesg 1- by 3—Lfoot supersonic wind tunnel No. 1. This wind tumnel is
of the closed—return variable—pressure type operated at present with
a nozzle of fixed dimensions which glves a Mach number of 1.53 in a
1- by 2-1/2-foot test section. It is fully described in reference k.

Model and Model Support

Because of conslderatlons of desirable test Reynolds numbers and
model structural deslgn and since it was not necessary to measure
forces or moments with a balance system, a semispan model was selected,
mounted as shown in filgures 1 and 2. In order to avoid the undesirable
effects of the tummel-wall boundary layer, the model was supported an
a thin circular plate positioned in the stream in a vertical plane
l—l/)-l- inches from the tunnel side wall so as to bypess the tunnel-wall
boundary layer (fig. 2). This plate was, in turn, mounted on a steel
plate pleced In the frame of the window in the tunnsel wall ordinarilly
used for viewling the flow around modsls wilth the schlleren apparatus.

. In order to avoid choking of the flow in the boundary—layer bypass
channel, the chanmel was expanded in the d_.omstream dilrection by
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machining the steel plate which replaced the window as shown in figure 2,

Disturbences in the btummel alr streem due to the model~support
system may orlginate from the followlng sources:

l. The outer surface of the mod.e_l—suppor'b plate
2. The supergonic edge of ths model—support plate

- 3. The boundary—lsyer bypass chammnel around the aub—
sonlc edges of the model-support plate

In ordsr to minimize the dlsturbances, the following precautions
were taken: .

1. The surface of the model-support plate was machined
£lat to a tolerance of +0.002 inch.

2. The edge of the model-support plate was bevelsd to
a sharp knlife edge, the bevel located on the slde of the
plate next to the tummel wall., In this way, the side of
the plate on which the modsl was mounted was flat and
parallel to the stream, resulting In a minimwm digturbance,
and the shock wave due to the finlte thilckness of the plate
was diverted behind the plate iIntc the boundary—layer
bypass channel,

3. The model was so located on the support plate
that the entire span,except for a small portlon of the
tip, was outside the zome of influence of disturbances
propagated from the bypass chammel around the subsonlc
edge of the support plate.

The model selected for the investigation was composed of constant~
chord biconvex circuler-arc sectlons in planes perpendicular to the
leading edge which was swept 63° 45!, (ircular-arc sectlons were
chosen for two reasoms: Flrst, because the theoretical method of
reference 2 for calculating pressure distributions 1s restricted at
present to ailrfolls with sharp leading edges; and, second, because the
construction of the model is much simplified. The airfoll sectlons
in plenes parallel to the stream, therefore, consisted of elliptical
arcs. The thickness of the sections in planes parallel to the stream
was chosed as 7 percent of the chord primarily from considerations
of model strength. A sketoh of the model giving pertinent dimensions

1s ghown in figure 3.
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A chord of 6 inches, constant across the span, was selected to
cbtain desirasble test Reynolds numbers end to provide sufficient
slze for the difficult teask of placlng pressure orifices without
undue sacrifice in model span and aspect ratio. A maximum span of
5 inches for the airfoll was dictated by consideration of the reflec—
tion from the opposlie tunnel wall of the shock wave originating at
the apex of the airfoll. At the test Mach number of 1.53, the tralling
edgs of the tilp lles about 1 Inch ahead of this reflected wave. The
resulting agpect ratio was 1.66. The tip of the airfoil, cut off
paralilel o the stream, was formed by simply rotating the tip section
about 1ts chord lilne.

The model was fitted with T4 pressure orifices 0.013 of an inch
in dlameter arranged 1o messure the chordwlse distributlion of pressure
for sectione parallel to the alr stream at flve spanwlse poslitions as
ghown in filgure 3. Stalnless—steel tubes were commecited to these
orifices and conducted spanwise through a chamnnel In the alrfoll to
-the root and out of the tunnel through the modsl support. —The orlifice
pressures were measured on a multiple—tube mancmeter using es a liquld
an organlic compound, tetrabramoethane, which has a speciflc gravity of
2.96 at a temperature of 70° F. All pressures, Including the test—
sectlion reference pressure and the total head of the air stream,were
recorded photogrsphically.

ANAT.YSTS OF DATA
Alr-Stream Characteristics

Prior to actual tests of the alrfoll, an Investligation of the
wind—tunnel alr stream was made to determine the character of the flow
as Influenced by the model support system. Surveys of the static
pressure of the stream were made paraliel to the axis of the tunnel
at three positions acrosa the stream In the horizontal plane In which
the model was placed.

These surveys were made wlth & statlc pressure probe consisting
of a 100—caliber oglval nsedle, 0.10 inch in dlameter. Pressure
orifices were placed In the needle at & position for which an analysis
using linear theory indicated that the local pressure was equal %o
that of the stream.

The results of the surveys are given in figure 4. The Reynolds
numbers indicated In these flgures are based on the 6—inch chord of
the wing at tunnel total pressures of 3, 12, and 24 pounds per squars
Inch, respectively. The data are glven as the difference between the
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pressure measured with the needle and the pressure measured by the
test—sectlion reference siatic—pressure orifice in terms of the
dynamic pressure of the stream. Thils reference pressure orifice 1s
located on the side wall of the tunnel 3.06 inches ahead of the apex
cf the leadlng edge of the model alrfoll. The pressure coefflcients
obtalned are plotted as a function of the distance downstream from
the location of the test—-section static—pressure orifice. The
location of the wing section at the survey stetion is shown In each

flgure.

Examination of these date and comperison with previous surveys
of the stream along the center line without the boundary—layer plate
show that practically the only effect of the model-support system
was the propegation of a weak compression wave ln the atream which can
be traced to the leading edge of the model-support plate. This wave,
which appears on the pressure survey of figure 4(a)} 4 inches downstream
of the position of the tsst—section reference—pressure oriflce, becomes
of negligible magnitude at appreciable dlstances outboard of the
support plate. (Bee figs. 4(b) and 4(c).)

At flrst, the compression wave was belleved to be due to the
fact that the flat outer side of the support plate was not alined
with the stream, but further tests, with the Incldence of the plate
varied, showed merely a change in the general pressure level. It seems
probable that this disturbance results because it 1s Impossible to
produce a leadling edge sharp enough in terms of molecular dimensions
to prevent the formastion of a detached wave which 1s propagated out
into the stream, even though the flat side of the plate is alined with
the stream. Also, the formation of a boundary layer on the plate
probably makes the edge of the plate effectively blunt.

The existence of this disturbance had lilttle effect on the pressures
in the stream over the reglon in which the wing was placed. The pressure
varlation over this region is within tl—l/2 percent of the average
dynamic pressure of the stream. The exact correction for the static~—
pressure varletion in the stream is exceedingly complex, requlring a
knowledge of the source of the pressure disturbances and the menner in
which they are reflected by the model. For the present report,
corrections to the measured pressure deta were made by subtracting from
the reading of each orifice the difference in statlc—pressure coeffl—
clent between the value at the position of the orifice and the average
value over the region of the wing. This amounts to an approximate
correctlon, the preclsion of which will be discussed later.
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Reduction of Data

As mentioned previocusly, the pressures were recordsd by photo—
graphing the menometer board. The data were then plotted directly
in presaure~coefflcient form through the use of a fllm readsr.
This device, In essence, conslsts of a ground—glass screen on which
1s projected an image of the photographic negative. The maegnification
of the Image can be controlled to such an extent that the height of a
liquid columm on the negative representing the Jdynemic pressure may
be adjusted to equal the dimension on trensparent cross—section
plotting paper equivalent to a wnit of dynamic pressure. The readings
of all the pressure orifices may then be plotted directly as pressure
coefficlents. The correction for the static—pressure variation in
the stream, discussed previously, was mads subsequent to plotting.

The pressure drag of the alrfoll at the various statioans,for
which the pressure distributioms were measured, was calculated by
plotting the product of the readlng of each pressure oriflce and the
local airfaoll slope as a function of the chordwlse dimension and
integrating mechanically. Since the local elcpe is known accurately,
reasonable accuracy ls obtalned.

Precislon

Since the flow in the wind tumnel is fres of strong shock waves,
there are filve items in which Inaccuracies may occur in determining
experimentally the pressure—disitribution characteristice of an alr-
foll: :

l. Possible error of the pressure probe

2. The error Involved In using & superpositlon process
to account for the varlation in the streem static pressurs
over the region of the wing

3. The error involved in reducing the dats wilth & film
readsr

4, ZXErrors of the individual wing pressure orifice
5. The errors introduced by variations In stream angls
¥No means for determining the Inaccuracy of the pressure probe is

available at present. It 1s estimsted, however, from calculatlon of
the pressure distribution over the probe and from what 1s kmown about

o
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the inaccuracies of pressure orifices, that the pressure probe measures
the local stream statlc pressure within 11/2 of 1 percent. This is

the accuracy of the dynamic pressure used in obtaining pressure coeffi—
clents.

The correction made for the pressure variation in the stream
over the reglon of the wing digcussed previously ls an approximate
correction., The true correctlon, which 1s very complex, may be as
much ag twice as large under certaln conditions. In general, the
superposlitlions umed should be about 75 percent correct. Bince the
statlic pressure varliation In the stream over the wing ls between _1.-1/2
and 2 percent of the stream dynemic pressure, the accuracy of the
correction should give true pressure coefficients within 11/2 of
1 percent of the dyrnamic pressure.

The use of & film reader 1n plotting pressure coefflclents
involves an error of about +1/3 of 1 percent at the highest wind—
tunnel pressures where most of the pressure measuremente were made.

Exemination of the data obtalned from test of the alrfoll shows
thet orifices at the same chordwige and spanwise positions on the
upper and lower surfacea of the wing read the same pressure within
%1 /2 of 1 percent of the stream dynsmic pressure, waich is remarksble
in view of the difference in contour that may result from the
machining process. As a conservatlve measure, this error may be
taken as the orifice error,

Surveys of the wind—tumnel stream show small stream angles exlst—
ing over the reglon in which the wing was placed. It is evident from
a study of the pressure data obtalned for the alrfoll, however, that
thelr influence was negligible, since the 1ift due to the induced
camber effect that should appear does not exist.

The final accuracy of the pressure-distributlon data can be
obtained by taking the square root of the sum of the squares of the
various Inaccuracies. . The final pressure coefficlents are found to
be true values within #l percent of the dynemic pressure or within
5 percent of the maximum perturbation pressure.

THEORY

In reference 2, R, T. Jones hag shown that through the use of
oblique trensformations 1% 1s possible to arrive at solutlons for
the pressure—distribution cheracteristics of swept airfolls at zero
1ift, While the method presented 1s appliceble to alrfolls of more
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or less arbitrary section, provided the leading edge l1s sharp, calcu—
lation of any but wedge, dlamond, or parabollc arc airfolils ls complex.
In general, the approximation involved in assuming the solution

for airfolls composed of elliptical or circular arce to be the same

ag for a parebollc—erc alrfoll 1s very good If the thickness of the
alrfoill is small. For the alrfoll of the present Investigation, which
is composed of elliptic—arc sectlons In the streamwise direction, how—
ever, the thickness 1s sufficlently large as to require a somewhat
clossr approximetion made by increasing the strength of the line
sources at the leading and tralling edge to glive the trus wedge angles,
The theoretical pressure digstributlons camputed in thls manner are
campared with the experimsntal results In the followlng sectiom.

EESULTS AND DISCUSSION
Pressure Distributlon

Pressure—dlstribution measurements were mads for a range of
Reynolds number of 0.481 x 10® to 3.25 x 10° by varylng the totel
pressure of the wind tunnel fram 3 pounds per square inch to 24 pounds
per square inch sbsolute. The results of these tests are given in
figure 5 for the verious spanwlgse statlons at which the chordwilse
variation of the pressure was obtained.

The agreement between the linear theory of reference 2 and
experiment, as indlcated by the datea of this figurs, is seen to be
reasonably good wlth the following exceptions:

1. At the lowest Reynolds mumber 0.481 x 106, the
results Iindlicate that laminsr sepsration occurs, since the
experimental pressure dlstributions show no recovery of
pressure over the rear portion of the alrfoil.

2. At the higher Reynolds numbers, laminsar separa—
tion does not occcur and the agreemsnt between theory and
experiment 1ls good except within the zZone of action of
the subsonic trailing edge.

The occurrence of leminar separation at the lowest Reynolds number
is 1n agreement with the results of previous investlgations in this
Reynolds number rangs. Visual observatlions of the pressure-measuring
mancmeters during the tests showed that leminar separation existed on
the airfoll at Reynolds numbers of 1 X 10° or less. As this value wes
exceeded, the character of the flow over the rear portion of the air—
foil changed sbruptly, showing a marked Increase In pressure and
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indicating that the boundary-layer flow had becocme turbulent, enabling
the flow to cling to the surface.

At the higher Reynolds numbers, where laminer separation does
not occur, the agreement between theoretical and experimental pressure
distributions 1s poor over the portivn of the airfoll which lies
within the Mach cone of the trailing edge. The reglon influenced by
the gubsonic trailing edge ls found, from the experimental pressure
distributiona, to be smaller than given by the linear theory. This
difference resulie from the fact that, in the linear theory, preseure
disturbances are propagated along Mach lires. In actuality, since
the local Mach numbers over the airfoil are appreclably different
from that of the stream, weak pressure disturbances are propagated
along curved lines, which may be defined as having such curvature
that the velocity normal to the teangent to the line at any polnt is
sonic. Since the linear theory permite the calculation of the local
Mach numbers on the surface of the airfoil, the line which denotes the
Influence of the trailing edge may be calculated as ' .

X=nyF—l'dy (1)
. .

where M 1s the local Mach number from linear theory. (The origin

is placed at the trailing edge of the root with the positive X—exis
extending downstream.) Figure 6 shows the agreement between the line
denoting the foremost influence of the trailing edge so computed and
the reglon of influence determined from the experimental pressure
distribution and the liquid—£ilm photographs discussed later. A
comparison between the linear theory, revised computations, and experi-— .
ment ehows that the extension of the computations account for the '
dlscrepancy between the linear theory and experiment. The results of

the extended computations are shown as dotted lines in figure 5.

It 1s interesting to note that equation (1) may be applied to the
estimation of the supersonlc Mach number for which the outboard
goctions of a awept wing of high aspect ratio may experlence -the sams
compressibility shock phenomena which, in the past, have been amsocl—~
ated with the critical subsonic Mach number of unswept-wings. In
this regard, the critical supersonlc Mach number for a swept wing is
that Mach pumber for which equation (1) gives a line which lies along
any constant percemt chord line of the wing. For thls Mach number,
the component of the flow veloclty perpendicular to the constant
percent chord line is sonic. Mach numbers in excess of thisg value
may result In significant changes in flow characteristice.
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Examination of the data of figure 5 shows that the gradual
pressure recovery predicted by the linear theory for the reglon
Influenced by the tralling edge does not occur, but, Instead, a largs
portion of the pressure Incremsse takes place through what seems to be a
ghock wave. The existence of a finlte shock wave ls to be expected
here for the same reasons as those discussed by Rlemann (reference 6)
in commectlion with one—dimenslonal flows, namely, that the change of
the loocal speed of sound in a compresslon wave permlts the portion of
the wave subject to compression to travel at a faster rate than the
portion subject to expansion, thereby stespening ths wave into =
compression shock, No method l1s available which will permit the
steepening of the compresslon reglons to be calculated for this air—
foil. '

Drag

The fallure of the linear theory to predict the locatlon of the
pressure minimum and the character of the compression behind the
pressure minimum is significant Ingofar as the pressure drag of the
alrfoil 1s concerned. Filgure T shows the spanwise variatlon of
section-wave drag coefficient determined by integrating the pressures
over the alrfoll. Good agreement wlth theory 1s foumd on the Inboard
portion of the alrfoll span but appreclably greater sectilon drag
coefflicients occur at the outhoard sectioms. These data Indicate
thet the btotal wave drag of the airfoll 1s 36 percent greater than
predicted by linear theory. The percentage will be somewhat greater
for airfolls of higher aspect ratlio with the same sectlon and sqme—
what less for lower aspect ratiog. The Increase In drag over that

predicted by linsar theory will be lese for smaller thickness ratilos.

Boundary-layer Studles

. Use was made of the liquid—Ff1lm technique, which has heen discussed
fully in reference 5, to 1nvestligete the character of the boundary—
layer flow. Thils method of wvisualizing the bourdary=layer flow makes
use of the fact that the rate of eveporatlon of s volatile liguid from
the surface of the alrfoll is & function of the swrface shearing stress.
Since the shear In the reglon of the turbulert boundary layer is, in
general, much higher than for the laminsr boundary layer, the surface
of the airfoil behind the polnt of transition from laminsr to turbulent
flow in the boundary layer wlll become dry before the reglon shead of
the transition polnt, the areas subject to laminar and turbulent flow

thereby belng defined.
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Figure 8 shows photographa of the liguid film at three test
Reynolds numbers during tunnel operation.! The airfoill shown on the
top photograph has been exposed to the air streeam a shorter time '
than the one at the hottom. The results of these studiea show that,
at the lowest Reynolds number, the surface shear is relatively small
over the alrfoil surface except near the leading edge where high
laminar shear exlists. The pressure—distribution test discussed
previously showed that laminar separation occurred at thls Reynolds
number so that 1t is to be expected that the surface shear would be
small., TUsually, the occurrence of laminar seperstion results in the
formation of a ridge of fluld at the separation point. The present
tests do not show this phenomenon, possibly because the surface
tension of the liguid film is great enough, in comparison with the
viscous forces of the alr stream (at the necessary low test pressure),
to prevent the ridge from being formed.

At the higher Reynolds numbers, the liquid film has completely
evaporated in the reglon just shead of the tralling edge &after a
short pericd of exposure of the airfoll surface to the stream. The
liquid~film studles of figure 8 show that transition to turbulent
flow is occurring on the airfoil ahead of the lcocation of the experi-
mental minimum pressure point shéwn by the dashed 1ine.? 1In this case,
the boundary layer has sufficlent energy to enable it to flow some
distance against the adverse pressurse gradient over the rear of" the
alrfoil so that the separstion, now turbulent, 1s confined.to the
region near the trailing edge indlcated by the extreme cross flow.

The 1iquid—film photdgrephs at the highest Reynolds numbers show
that the locatlon of the transition point moves forward rapidly with
increasing Reynolds numwber in spite of the fact that the pressure
gradient is favorable to leminar flow, much more rapldly, In fact, than
for a corresponding Reynolds number range at subsonic Mach numbers.
Whether this is due to the turbulence of the wind—tunnel ailr stream
or other outside causes, or whether this is an essential character— - -
istic of the boundary layer at supersouic speed is notknown. The
surface of the model was very smooth and free fram waves so that no
surface roughness effects were present. Further research directed
toward invegtigation of these boundary—layer characteristics is
indicated, including the effect of curvature of the surface.

1The photographs shown have baen retouched ta preserve the definition
of the liquid—Ffilm pattern usually lost in the. reproduction process.

®The dashed line was determined from faired pressure~distribution
data. and agrees woll with the location of the pressure minimum shown
by the sudden bending of ligquid—film streamers. .

T
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CONCLUDING REMARKS

The results of the experimental Investigation show that the
distribution of pressure at zerc 1ift over the surfece of an alrfoil
swept behird the Mach come can be calculated with reasonable sccuracy
Prom thin alrfoll theory except in the regions Influenced by the sub—
sonic tralling edge and. the tip. The deviation of theory from experl-
ment 1n these reglons 1s a function of the thiclmess-—chord ratlo of '
the airfoil. and is manifest in the following:

1. The reglon of Influence of the subsonlec trailling
edge ls ghifted rearward. Thils effect can be calculated
from consideration of the local Mach mumber on the alrfoll
surfacs.

2. The pressure recovery behind the pressure minlmm
is greater than predicted by theory and, although the date
ere not conclusive, appears tc take place, in part, through
a shock wave. *

The net result of these effects ls an Increase 1n the pregsure
drag coefficlent over that gilven by linsar theory.

Studies of the boundasry—lsyer flow show that tremsition from
laminsr to twrbulent flow occurred on the sirfoll at Reynolds numbers
greater than 1 x 108, As the Reynolds mumber was increased to
3.25 X 108, the location of the transition point moved rapidly forward,
even though the pressure gradient ls favorable to laminar flow.

Ames Aeronautical Ieborsatory,
National Advisory Commlttee far Aeronsutics,
Moffett Field, Calif.
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Figure l.— Sketch of airfoil mounted for test.
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Figure 6— Comparison of region of influence of fraifing

edge and tip from experiment, flinear theory, and

revised linear theory



& 012
-

2

.2

S .008
M

b

-]

Q

[+ )

o 004
]

A\

R

.
X0
0

5]

o

]

- -004
-

S

)

193]

Percent semispan

LB T 1 { |
erimental dat
\5_@\\ GEXP. en ata
-, Re=3.24 X 10°
1
\r\
1o
\\ﬂ
Linear theory ——%\ o}
™~
\\\‘ o
\\\
! =
Lt | R
0 /10 20 30 40 50 60 70 80 90

100

Figure 7—Spanwise variation of section pressure drag coefficient for the

swapl-back airfoil.

SN

e

- g2y "oN W VOVHE



NACA RM No. A8ce2

29

(a) Reynolds number = 0.905 X 10°6. Exposed 1o air stream for
short perlod of time.

ot 1l e e b i

(b) Reynolde number = 0.905 x 10%. Exposed to air stream for

long period of time.

A-12429

Figure 8.— Photographs of liquid film. M = 1.53.
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(¢) Reynolds number = 1.809 x 10°.
short perilod of time.

Exposed to air stream for

st x4 ndubhb

(d) Reynolds number = 1.809 x 10°.
dong period of time.

Figure 8.— Continued.
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(e) Reynolds mmber = 3.166 x 10°. Exposed to air stream for
short period of time. )
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§ vt

(£) Reynolds number = 3.166 x 108. Exposed to air stream for
long period of time.

Figure 8.— Concluded.



-t

76 01328

o wiimm E=



