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NATIONALADVISORY  C-EE FOR AERONAUTICS

AT MACH NUMBER 1.9

II -WIMGTEWZTESURSONICTRhILINGEDGE

By Harold Mire18 and James M. Jagger

An investigation has been conducted at a Mach number of 1.90
to determine the experimental pressure distribution over a wing tip
in the region influenced by a sharp subsonic trailing edge. The
wing section was a symmetrical wedge of 5O 43' total included angle
in the free-stream direction. The investigation was conducted over
a range of angles of attack from -loo to 10' at a Reynolds number
of 3.4 X lo6 per foot.

The experimental pressure distribution in the region influenced
by the subsonic trailing edge was generally in poor agreement with
linearized theory. The difference between theory and experiment was
attributed to separation associated with the adverse pressure aadi-
ent predicted by linearized theory for this region.

INTRODUCTION

A variety of methods based on linearized theory are available
for determining the pressure distribution over thin three-
dimensional wings-in supersonic flight (for example, references 1
to 5). The pressure distributions predicted by linearized theory
have been found to be fairly reliable for thin wings at small angles
of attack, except for certain types of wing region. Ih particular,
experimental pressure distributions reported in references 6 and 7
indicate that the agreement between linearized theory and experiment
is poor for wing regions influenced by a subs&c trailing edge.
The wing model investigated in references 6 and 7 was a swept ting
of biconvex section 7 percent thick in the streamwise direction.
Additfonal investigations of airfoils composed of thinner sections
end different thictiess distributions appear desirable to evaluate
the validity of linear theory near a subsonic trailing edge.

UNCLASSIFIED
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An investigation was undertaken at the RACA Lewis laboratory
to determine pressure distributions (on wings having wedge sections
5 percent thick in stresmwise direction) in regions where the
assumption of linearized theory may be invalid. The first part of
this investigation (reference 8) concerned experimental pressures
in a wing region influence&by a sharp subsonic leading edge.
Local expansions, beyond the values predicted by linearized theory,
were found to occur on the top surface nearest the subsonic edge.
Results of the second part of this investigation are presented
herein. Experimental pressures in the neighborhood of a sharp
subsonic trailing edge are compared with linearized theory.

The investigation was conducted in the Lewis 19- by 18-inch
supersonic tunnel. The Mach number in the region of the wing was
1.90 al.01. The Reynolds number was 3.4 X 106 per foot. A photo-
graph of the wing installed in the tunnel is shown in figure 1.
!l!he angle of attack could be read to an accuracy of h2.5 minutes.

A sketch of the wing showing the principal dimensions and the
location of the static-pressure orifices is shown in figure 2. The
wing profile section, in the free-stream direction, was a symmetri7
cal wedge of 5O 43' total included angle (that is, thiohess ratio
of 5 percent). The leading edge was swept at 30°, the maximum
thickness line (from the tip) at 55O 37', and the subsonic trailing
edge at 73O 43'. The orifices were 0.010 inch in dismeter, shsrp-
edged, and free of Mrs.

The wing model was machined from two pieces of tool steel.
After installation of the pressure tubes, the two pieces of the wit
were fastened together and the entire model was finish-ground.
plan-form edges were ground to knife edges.

The follaving symbols are nsed in this report:

cP Spressure  coefficient, Ap/q

M Mach number

slope (Y/d of plan-form edge or imximum thickness line ,

AP difference between local wing pressure and free-stream
static pressure
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Q free-stream dynamic pressure,

V free-stream velocity

x,y,z Cartesian coordinate system

a angle of attack

6 co&gent of ,Hach angle, 1\1-M2-1

7 wedge half-angle measured in free-sizeam direction

P free-stream density/
SubLcripts:

B bottoan surface of wing

T top surface of wing

1 plan-form leading edge

2 maximum thickness line

3 plan-form trailing edge

THEORY

!IZe pressure coefficient on the wing at angle of attack a
can be expressed, according to linearized theory, as

cP = C,(T) + Cp(a)

3

where

Cp(7) pressure coefficient on surface of wing at zero angle of
attack

C,(a) pressure coefficient ofi surface of flat plate of same plan
form at angle of attack a
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By the methods of reference 1 or 4, the pressure coefficient
Cp(7) for the portion of the wing model upstream qf the midchord
can be expressed as follows:

For 5 c-1.11,

cp(T) = +?---T$
For -1.11~ 9 s-1.00,

“““) =y dG7 d*;L
[For -1.00 5 $$ s-0.47,

.r
F 7

Cp(T) = s 1

l- 1

!I-
(8ml12c

- -
f + sin-'~~j

2

(24

(2b)

.

3e+Jmj
QL - m3X

!
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The coordinate system is illustrated in figure 2. The slopes ml,
m29 and m3 refer to the'slopes of the leading edge, the maximum
thickness line (from the tip), and the trailing edge, respectively.
Por the wing investigated, these slopes are 1.732, -0.684, and
-0,292, respectively. The wedge half+ngle  7 is 0.050 radian.

The pressure coefficients on the flat plate at angle of attack,
obtained from equation (12) of reference 5, are given by

cp,T(cc) = - g (2;--{{ (3)

c,,,kd = -Cp,B(a) (4)

where

,=s”l‘l a&k b+l
By1 3

Equation (3) assume8 that the.Kutta-JouJsawski  condition applies at
the trailing edge.

RFsSUXE AND DIs(;ruSSION

r loo.
The Wang was investigated at angles of attack from -10' to
Because the wing is symmetrical, the pressures on one surface

at a positive angle of attack should equal the pressures on the
opposite surface at the same negative angle of attack. SErperWnti-1
data for both positive and negative angles of attack have therefore
been reduced in figures 3 and 4 to correspond to the top and bottom

l
surfaces of the wing through the positive angle-of-attack range.

Pressures at each station. - The experimental variation of
pressure coefficient tith angle of attack at each spanwise station
is compared tith linearized theory in figure 3. Two distinot sets
of data are presented for stations $g/x = -1.50, -0.78, and -0.71
(fig8. 3(a), 3(e), and 3(f)), becaw3e orifice8 were located on
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both top and bottom surface8 aP the wing for each of these statiane.
D.lTferencee  between the two sets aP data are probably due to devia-
tions from the ideal conditions (model synnnetry ti uniform tunnel
flow) assumed by the data-reduction technique.

At station By/r = -1.50 (fig. 3(a)), linearized theory end
experimental data are In good agreement at the small angles of
attack, but continuously diverge with increaeing angle of attack.
A similar trend was observed In reference 8 for stations influenced
only by a sharp supersonic leading edge.

The remaining stations (figs. 3(b) to 3(h)) are in the region
of influence of both the maximum thlc'kness line (By/x = -1.11)
and the subsonic trailing edge (By/x = -0.47). The data at thee6
staticns exhibit no systematic divergence from theory with increasing
angle of attack, such as that observed at etation fly/x P -1.50.
The experimental data can be best discussed from a consideration of
the spanwise distribution of preesures at constant angle of attack.
This discussion is presented in the next section.

Spanwise variation of pressures. - The spanwlse variation of'
pressure coefficient at an angle of attack of O" Is compared with
linearized theory in figure 4(a). Ebperlmental  pressures in the
region influenced by the subsonic trailing-edge show only a slight
increase with py/x and are i,n eharp contrast vith the predictions
of linearized theory. The adveree pressure gradient predicted by
linearized theory indicates that viscous effects will tend to become
prominent in this region. The flatness of the pressure-distribution
curve suggeets that separation has occurred. Thie separation prob-
ably originated in the vicinity of the Mach line from the wing tip,
because linearized theory indicates a steep compreeeion  on this
line.

Experstal data fqr anglea of attack of 3', 6', and go are
shown in figures 4(b) to 4(d). The disagreement between linearized
theory and erpertiqnt for the top surface of the wing is aI.milar to
that observed at zero angle of attack. With Increasing angle of
attack, the eqerimental  pressures on the bottom surface of the wing
appear to show better agreement with linearized theory. Thie appar-
ent agreement may be associated with the more favorable pressure ,
gradient.
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CONCUTDING REmF?Ks

The experimental preesure distribution in the region influ-
enced by the subsonic trailing edge is generally in poor agreement
with linearized theory. The difference between theory and experi-
ment is attributed to separation associated with the adverse pres-
sure gradient predicted by linearized theory for this region. The
lack of agreement in this region is qualitatively similar to the
results of references 6 and 7.

Lewis Flight Propulsion Lsboratorg,
National Advisory Committee for Aeronautics,

Cleveland, Ohio.
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Figw8 1 .  -Installatlcm  o f  ting-tip  model in IB- b y  18-inch euperscmic  t u n n e l .
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+ Orifice on one surface
6 Orifice on both

surfaces

FTgure2.- Sketch of wing-tip model. shoring principal dimensions and loca-
tions of pressure orifices. All sections are symmetric double nedges of
5043' included angle In free-stream direction.
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