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SUMMARY 1 

A n  fnvestigation of a...vortex:geperator configuration on the  w i n g s  
of a l/4-scale model of the X-1 airplane  having a IO-percent-thick w i n g  
was conducted i n t h e  Langley 16-foot  trsnsonic  tunnel. The effect  of 
the  vortex  generators was determined by-camparing the m o d e l  aerodynamic 
characterist ics,  wing-pressure distributions,  arid wing-wake patterns fo r  

Results are present& frm t es t6  a t  0.1. increments i n  Mach number f r a m  
about 0.69 t o  0.S;at Reynolds numbers of about 4.1 x d' t o  4.7 x lo6, 
and  through an  angle-of-attack  range up t o  1.5.O at .&.mer speeds and up t o  
5O at  the highe.st.  speed. In  geher&l, little difference i n  the aerodynamic 
characterist ics was observed, except at a Mach nmb>er of 0.9 where a 
r e m d  movement of the shock on the upper surface of the wing w i t h  the 
vortex  generators installed resu l ted   in  less separation. 

4 model cofligunations w i t h  and without vortex generators on the wings. 

. .. 

The use of vortex  generators on the wlngs of airplanes has been 
proposed a6 a means of alleviating such undesirable character is t ics  as 
buffeting, lateral upsteadiness, and changes' In tr-j resulting from flaw 
separation. Donaldson (ref. 1) demonstrated that %hese devices were 
effective in  r&u&ing  sepasation due t d  shock and boundary-layer  interac- 
t ion on an a i r fo i l   sec t ion .   F l igh t - tes t s  on two uijswept-wing airplanes 
(refs. 2 and 3) revealed that separation due t o  shock was delayed t o  
higher Mach nmbers o r  lift coefficients by the use of  vortex  generators. 

shock-induced separated flow over the  w i n g  and.h&s=%een al leviated 
some cases  with  vortex  generators  (refs. 3 and 4) . -  

- The phenomenon of buffeting has also been shown t o  be  closely  related  to 

- 
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As part of an investigation of' a .l/k-scale model of the X-1 air- 
plane w i t h  a lO-per,cent:?hick wing-in .the Langley &foot tr-ansonic 
tunnel, vortex-  generators w e r e -  tes t& to determine the i r   e f fec t  on the 
mdel  aerodynamic and fluctuating-pressure.  char&t&Jstics. The resu l t s  
of the  fluctuating-pressure measurements w i t h  and without  vortex genera- 
to rs  on the wings have been reported i n  reference 5. 

The purpose of t h e   p r e s e t   r e p o r t  is t o  e v a l u t e   t h e  effect of the 
vortex generators  oq-the model aerodynamic c h a r a c t e h t i c s  as determined 
by wing-pressure distributions,  wake measurements, -and del  force and 
moment measurements obtained i n  the wfnd tunnel. - 

Tests were run through. a Mach  number range fY- about 0.69 t o  0.99 
at Reynolds nunbers fram about 4.1 x lo6 t o  4.7 x & and through an 
highest speed. - . .  

. angle-of -at*k range up to 1S0 at lmeY speed6 "d-up t o  So a t  the 

M Mach nunber . .  . 

R Reynolds number, based on a mean aerodynsmic  chord of 1.203 ft  
d 

P static p r e s s q e  i n  undieturbed. stream, lb/sq ~ -I f t  

Rl local static pressure on upper surface, lb/sq f t  

p2 local   s ta t ic   pressure on lower surface, lb/sq f t  

9 incompressible dynamic pressure, lb/sq ft"- 

P pressure  coefficient-, % - '  o r  Pz - F 
9 q 

Pcr pressure coefficient  for  local  sonic .. velocity . - 

H t o t a l  pressure i n  undisturbed stream, lb/sq f t  

%r . total pressure in m e ,  ~ b / s q  ft . 
AH .loss i n   t o t a l  pressure, H - q, ~ b / s q  f t  

S wing area, including area enclosed by fuselage, 8.116 sq f t  
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E 

C '  

X 

Y 

Y' 

z 

area of wing panels outboard of s ta t ion  A, 6.211 sq ft 

Whig Span, 7.0 f t  . .  

twice spaarise distance f'rom s ta t ion  A to t ip ,  5.708 ft 

local wing chord parallel t o  plane of symmetry, ft 

average chord of t e s t  panel S '/b I ,  f t  

mean aerodynamic chord of wing, fi Jb'2 c2w, 1.203 ft 

chordwise distance f'rom leading edge of local chord, ft 

spanwise dietasce frm model center line, f t  

epanxise  distance outboard of s ta t ion  A, ft 

normal coordinate  referenced to chord line- at = 0 -274, 

posit ive  direction upward, ft 

section  pitching mcxnent about 0.25 loca l  chord, 

wing-panel normal-force coefficient, 

model l i f t  -coefficient, . - Lift 
qs 

model drag coefficient, - Drag 
ss 

&el pitching-mopent coefficient, I 

Pitching mcanent about 0.25~ ' 
qsc ' 

angle of attack of fuselage  center  line, deg 
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* e  
-e. 
e... The l/4-scale model of the X-1 airplane having a 10-percent-thick 
.moo w i n g  used in  this investigation has. been described .in reference 6. The 

momm drawings, f igure 1, show the priric ipl dimensions of the model as tested 
in the Langley 16-foot transonic  tunnel. Photograp& of the model and 
sting  support system are presented in figure 2. The model wing, which 
incorporated an NACA 65-110 a i r f o i l ,  had an aspect 3 a t i o  of 6 and a 
taper   ra t io  of 0.50, w i t h  the 0.40-chord l ine  being"Wept. The wing 
had an incidence  angle  with  respect t o  the  fuselage. axis of 2.5O at the 
root and 1.5~ at  the t i p .  

The vortex  generators used i n  this investigation  consisted of 
1/8-inch-square f l a t  s t e e l  plates approximstely 12 percent  thick  with 
rounded leading ana trailing edges. The plates w e r e  s e t  alternately at  

positive and. newtive  angles of 72 t o  the air stream t o  give an included 10 

angle of Eo, thus forming counterrotating  vortices f'ram adjacent  gener- 
ators.  The generators wgre  spaced.  0.40 inch center t o  center in a E-- 

The Vortex generators w e r e  machind as part of a steel strip which f i t t e d  
i n  a groove centered on the 27.5-percent-chord s ta t ion  of the wing. 

.. wise direction and extended  over the  entire.  span of both wings (fig. 3(a) ) .  

. .  " . . ._ - 

Model farces and moments were m e a s u r e d  w i t h  a six-cmponent  strain- 
gage balance mounted inside the fuselage. - Pressure  distributions were 
determined from measur&ents at six spanwise stat ions on the  left w i n g  
by the method described in reference 6. Figure l(b) presents the spa- 
wise and chordwise location of the m e a s u r i n g  or i f lcea for the a i x  span- 
wise stations.  A feu wake measurements were obtained f r o m  a rake mounted 
on the right side of the fuselage 0.42 chord len@;ths behind the wing 
t r a i l i ng  edge st the  27.4-percent-s&s~n e t a t k n .  The rake may be 
seen mounted  on the model -in figure 3 (b) . 

TESTS 

Force and wing-pressure data w e r e  obtained a t  0.1 increments in 
Mach number from 0.69 to  0.99. Wake-rake data w e r e  obtained a t  Mach 
numibers of about 0.70, 0.80, 0.85, and 1.00. The Reynolds number and 
bkch  nwnber f ield for the present  investigation is sham in figure 4. 
The angle-of-attack  range was limited a t  hi@ angles by loads  Fmposed 
on the s t ing  .support system and varied from about -bo t o  15O at M = 0.69, 
and from -2O t o  So at  the maximum Mach ntnnber of t h i e  investigation. 
Maximum l i f t  was obtained only for  MEtch nuuibers of 0.69 and 0.79. The 

. 
- data presented in this paper m e  far the ccsnplete model with the stabl- 

, l i z e r  incidence &I&. elevator   delect ion both a t  00; 
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discussion of the  accuracy of measurement of pressure  coeffi- 
..om cient, tunnel Mach number, "and model angle of a t tack included. in refer- .... ence 6 appl ies   to  the- data of this paper. The accUracy of the measured 

force and m e n t  coefficients, based on balance acc-macy and repeat- 
a b i l i t y  of the data is believed  to  be within the  following Umits: 

CL . . . . . . . . . . . . . . . . . . . . . . . . . . . .  L . . . . . .  20.01 
CD . . . . . . . . . . . . . . . . . . . . . .  . . . . . . . . .  f0.002 
cm . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  fO.01 

. .  - 

No adjustments f o r  sting ider ference  o r  d e l  base pressures have been 
applied t o  the a e r m i c  forces and moments. 

RESULTS AND DISCUSSIOrn 

- 
The resu l t s  of the  vortex-generator  investigation are presented in 

the following f i w e s  and table : 

Force measurements . . . . . . . . . . . . . . . . . . . .  Figures 5, 6 
Chordwise-pressqe-distribution c m p r i i o n s  Figures 7 t o  10 
Spanwise-loading canprisons . . . . . . . . . . . . . . . . .  Figure 11 
Wake measurements . . . . . . . . . . . . . . . .  .- . . . . .  Figure 12 
Summazy of wing section and panel data . . . . . .  : . . . . . .  Table 1 

- 

. 
. " . . . . . .  

Force D a t a  

I 

The effects  of the vortex  generators on the over-all m d e l  aero- 
dynamic charac te r i s t ics   we  sham by the force measurement resu l t s  given 
in  figures 5 md 6 .  .In general, there is little difference in the lift 
c m e s  except a t  a Mach  number of 0.90 where higher lift co&ffcients a t  
the  same angles o f  ac-kck were obtained for the conflguration  with  vortex 
generators ( f ig .  5(a) ) . The vortex  generators had no appreciable  effect 
on the lift-curve  slopes  nor w e r e  the  values of maximum l i f t  changed a t  
Mach numbers of 0.69 aixl 0.79. - 

I 
! 
I 

The drag polars . ( f ig .  5(b))  show that in  the laser-liFt-coefficient 
range the  drag  coefficients w e r e  generally higher for the configuration 
with vortex  generators.  Since  there is l i t t l e  separation at  low-lift 
coefficients,  the  vortex  generators were not..expected t o  reduce d r a g  Fn 
this region. In the lm-l i f t -coeff ic ient  range ag the speed. is increased, 
the  thinner boundary layers permit  the  vortex  generators  to extend into 
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the free stream, thereby  resulting  in higher profile_ drags. A t  the  
higher l i f t  coefficients  the ' d r a g  coefficients  obtawed w i t h  the vortex 
generators on. the wings tend t o  be the same or somewhat l ess  than those 
for  the basic wing conflguration. . In the  case w h e r e  the  drag coeffi- 
cients are lower w i t h  the vortex  generatore,  the  separation has been 
reduced by the mixing action of these devices on the boundary layer. 

The pitching-moment-coeff icient  curves  presented in figure S(c) show 
that more negative pitching-moment-coefficient values were obtained a t  
a Mach number of 0.9 w i t h  the vortex  generators installed on the w i n g s .  
In  general, the s t a b i l i t y  of the t w o  configurations, .a8 indicated by 
these curves, was about the same. Harever, at a Mach number of 0.9, 
t h e  i n s t ab i l i t y  which was present w i t h  the clean-wing configuration 
near  zero lift has been  reduced by the vortex generators, even though 
the  model becme  slight.1y unstable up t o  a lift coefficient of about 0.3. 

The trends of the force-measurement r e su l t s  w i t h  Mach  number fo r  
the two configurations are shown i n  figure 6.. m.e l i f t  curves  indicate 
that the-vortex  generators have a beneficial   effect  a t  a Mach n&er of 
0 . 9  (fig.   5(a) ) as the" higher 1et-s- obt&ned w i t h -  these  devices  help 
to al leviate  the rapid lift variat ion  in  th i i -  spearange. m.e vortex 
generators are responsible for tu6 increase  in lift slnce they Cause a 
reduction in shock-induced separation on the upper 6-urface-of the wing 
a t  this speed. The drag curves  indicate that, fo r  t h i s  vortex-generator 
configuration, some drag penalty exists over most af the test speed  range 
f o r  the l i f t  coefficients shown. . 

Wing-Pressure-Distribution Measurements 

Some representative  pressure  distributions  obtained w i t h  the  vortex- 
generator  cMiguration are ccmp.red with those obtained w i t h  the clean 
w i n g  in figures .7 to -10.. . The .. vertical . .. . daehed l i ne  i n  the  figures  indi- 
cates  the position of the vortex  generators. 

Chordwise-pressure-distribution diagrams a t  three spanwiee s ta t ions 
obtained at a Mach number of 0.69,for two angles  of-attack  (fig- 7) 
reveal that the vortex generators have pract ical ly-Fo  effect  on the 
pressure distributions,  except at the lower angle of attack, where a 
local disturbance (a compressian  followed by- an expBasion) exists on 
the  upper surface coveringabout 0.10 chord a t  the loca t ion  of the vortex 
generators. ~ n t & r a t ~  I section namiil-force a d  pitching-moment coeffi- 
c ients   for   the-  two configurations w e r e  about- the same a t  all stations. 
The close agre&fent of the wing-pressure data for both  configurations 
would be expected  since the force data of f igure 5 Indicated close  agree- 
ment at a %ch  number of 0 :69. - 
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0 -  
.. 
om 

a .  I ..om 
amam of about bo. hewhat les8 se*ation exists behind the shock for  the 

* I  
moo. vortex-generator  copfiguration. at- statfon D. A make rearward  shock posi- 

,..om Pressure  distributions obta+ed a t  all six spanwise stations  are 
presented in figure 8 for a Mach number o f  0.79 and am angle of attack 

oom. t ion is indicated at so& of the stations for t he  vortex-generator con- 
0 

meeo figurRtion. SGtion F exhibits a more pronounced local  disturbance a t  
the  position of ihe vortex  generators  than  the inboard stations.  This 
U&E found to  be  true for t he   t i p   s t a t ion  a t  a l l  speeds and attitudes 
teated. 

Since the  force data (figs. 5 and 6) shared t-t the most pronounced 
effect  of the  vortex  generators on the model aerodynamic characterist ics 
occurred a t  a Mach  number of 0.9, a more extemive presentation of the 
wing-pressure-distribution data for this Mach nmiber is given Fn figure 9. 
Chordwise pressure.distributions are presented only for stations A, B, 
and E because of a lack of &?meter data at  the-midspan stations.  A t  a 
negative angle of attack of ..about bo (fig. g(a)  ), the lower-surface pres- 
sure  distributions a r e  about the same at all stat ions  for  the configura- 
tions wi th  and without  the  vortex generato&. The upper-surface  pressure 
p l o t  reveals a lQC4l.di6turbahCe a t  the p0s~t~on"f -he vortex  generators, 
previously  noted for other Mach numbers, and a fakther rearward position 
of the shock on this surface. The pressure plots. for the positive angles 
of at tack (figs, g(b),  (c),  (a), and (e))  show siinilar rearward shock 

increased at  t h i s  h h  number, -the shock bn the upper surface  travels 
forward f r o m  about 80 percent chord at. angle of kittack of approximate* 
-bo to about the 60-percent-chord- position a t  aii7mgle of attack of 
approximately 7 O  on the c l e a n - w ~ - c o n f ~ g a t i o n ' .  The upper-surface 
shock travels forward about the same amount (20 percent of the chord} 
for  the change in  angle of attack from 8pproximaTely -4O to   with the 
vortex  generators on the w i n g s ,  but it remains  aljout 10 percent of the 
chord farther rearward for corresponding angles . o f  attack. This farther 
rearward pos-ition-of the- shock on-the upper s u r f s e  results i n  a smaller 
separated flow region,-higher lifts, and greater.ne&tive  -pitching maments 
for the w i ~ .  Although the pressure distributions for the wing w i t h  the 
vortex generators -&tall& w e e  obtai.ned a t  a slightly higher Mach num- 
ber than  those for the clean w i n g ,  which may also cause some rearwaxd 
s h i f t  in the shock position, t h i s  difference in Mach nlxmber would only 
account for a shock t rave l  of about 2 percent of the chord (see refs. 7 
and 8). The effect .of' the vortex  generators on %he shock locatfon shown 
in figure 9 is siqilg to   r e su l t s  obtained in fl ight  with an unswept- 
wing airplane h a v i n g - ~ h e - s a m e ~ ~ ~ ~ o i l  section (ref. 3 ) .  A larger differ-  
ence in the sh&,k position between. the configurations w i t h  and without 
vortex  generators was obtained- i n  the flight tests which may have  been 
due t o  the stronger induced vortices on the airplane wing (Eo angle of 
a t tack of .each vortex' generator). 

- 
. ' movements due to   the  vortex generators. As the mgle  of attack is 

-. . - 
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a. 
m .  0 

0 .  
0. 

,000 0 The beneficial  effect indicated at  a Mach nuniber of about 0.79 and . .  

om... 
moom at  the  highest test speed, a Mach nmber near 1.00 (fig. 10). Near sonic .... speeds the shocks f o r  the upper and lower surfaces are at  the trailing 

mmom d g e  of the airfoil. for both configura€-iona"and there are no appreciable 

that just  presented a t  a Mach number of approximately 0.90 are not present 

c o  

o m 0 0  differences i n  the pressure  distributions. . . .. . .  

. 

The chordwise pressure  distributions have generally indicated e 
local disturbance at  the position of the  vortex  generators a t  all stations 
f o r  the lower angles of a t tack and 'that the disturbance occurred. only at 
the  wing-tip  station for the  higher attitudes. %e possibi l i ty  of the 
vortex  generators  being  completely s*erged within  the boundary layer 
at high angles of-  attack iay accoirht for  the absence of the local dis- 
turbance in the pressure-diktributions; however, no measurements of the 
w i n g  boundary-layer thickness were obtained in this  investigation t o  
substantiate this ratiocination. It was found that this  disturbance 
was usually evident when the local Mach  nuuiber based on the  pressure 
coeff ic ients   in   the  vicini ty  of the vortex  generators was l ess  than 
about 1.2. For local  Mach  numbers greatq than about 1.3, no dfsturb- 
mces  occurred. A t  t he   t i p   s t a t ion  F, the  local  Mach  number in the 
v ic in i ty  of the vortex  generators  did not exceed 1.3  for these  tes ts .  
Another possible  came f o r  the  occurrence of the local disturbance at  
the   t i p   s t a t ion  F a t  all angles of at tack m i g h t  be due to   c loser  
proximity of the pressure orifices t o - t h e  vortex generator a t  this 
s ta t ion.  (See f i g .  l ( b ) . )  " 

. .. 

Spanwise Loadings 

In order t o  show the  effect  of vortex generetors on the w i n g  
loading, spamaise db t r ibu t ions  axe presented  in  figure ll for a Mach 
number of .O.90  at  several angles of attack. A t  th is  speed, the  loading 
is higher at all stat io+ on the w i n g  far the vortex-generator  configura- 
tion at  all angles of attack. The dis t r ibut ion of the  loading spanwise 
is  somewhat different  for the two configmatior&; however, w i t h  stations A 
and E generally  carrying a proportionally  greater load w i t h  the  vortex 
generators on the w i n g .  A t  other Mach nunibere the differences in  the 
span loadings ?Or the t i 0  configmiitions '+=re qGTte small as would be 
expected from the close"agreerient of the  preesure  distributions (figs. 7, 
8, and 10). The section normal-fofce coefficients used in the load param- 
e ters   in  figure 11 are  given in  table I together w i t h  the normal-force 
coefficients far the wing panel. 

Wake Measurements 

The vortex  generator6 were intended t o  reduce the separation  (see 
refs. 1 and 2 ) ,  and a wake rake was attached t o  the  fuselage ( f ig .  3(b)) 
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t o  measure quali tatively  the wake width and i n t ens i ty   a t  one spanwise 
position. The present  configuration of vortex  geqerators did not reduce 
the  local  wake drag a t  the speeds tested as is evident f r a n  the c a n p i -  
sons s h a m  in figure 12. There .is l i t t l e   d i f f e r e p e  i n  the two wake 
patterns at a Mach  number o f  0.70. A t  a MEbch n-er of 0.80 higher 
loca l  wake losses occur for the vortex-generator  configuration; at  
M = 0.85 the wake patterns are  similar for both configurations. A t  
sonic speeds ( f ig .  12 (d) ) both  the wake w i d t h  and magnitude of the loss 
are much greater for the vortex-geneator  configqation. The trend of 
the wake pattern8 obtained at  MEtch numbers of O.TO, 0.80, and 0.85 indi- 
cates that the wake losses m i g h t  have been actually less  for the vortex- 
generator  configuration. a t  a .Mach nuniber of 0.9 . a s  would be expected 
from the pressure  distributions  (see fzg. g(d) 1. Unfortunately, how- 
ever, no t e s t  data which could  confirm this poss ib i l i ty  w e r e  obtained 
at this speed due t o  a curtailment of the t e s t  program. 

The vortex-generator  Installation  tested in the  present study was 
a single  configuration. A %re complete fpnrestigation of configurations 
consisting of various chordwise and spanwise positions, higher vane 
angles t o  produce stronger vortices, and VEuTioUs-inboard al terat ions 
w o u l d  be  necessary t o  determine the most desirable  canbination  for  the 
w i n g  used in  these tests. The speed range whereme vortex generators 
were effective  in  reducing  sepazation  cannot be exactly defined f r o m  
the present  tests,  bu t  the results  indicate that the effectiveness of 
vortex generators_-~....~creasIng let may be limited to a rather narrow 
Mach number range Fn the  region of adverse l i f t  characterist ics.  Thle 
region for the  present. wing. with 8ACA 6 5 - U O  a i rcoi l   sect ions occurred 
around a Mach  number of 0.9 where the m e  of vortex  generators  resulted 
in  higher lifts by causing a rearward shift i n  the position of the shock 
on the upper surface of the & M o i l .  Generally, higher drags occurred 
over most of the speed range w i t h  the vortex generators  Lmtalled on 
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the w i n g .  The limited wake rn-easurements -cat@. that, over most of 
the speed range, high- wake losses would occur with the vortex  generators 
on the w i n g .  . - .. .. .. . .. . - 
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Spanwise locotions of praorurr  maasuring  oriflcas 

Spon , statlon F E D c B A 
Distanca from model center 

~ i n a , ~ ~ ~ ~ ~ ~ t  semispan 95.1 79.8 64.4 49.1 33.8 18.5 

Distance  from  stoflon A ,  
oercrnt semispan 7 5 . 2  94.0 5 6 . 4  37.6 18.8 o 

Chordwisr  locations of presaurr  mrasurtng  oriflcas  (percent chord) 

Tho distrlbutlon of orif lcos  at  al l  spannlsa statlons is idrntlcal. 

Uppar  surfocr 0,125,2!5,5 , 7 . 5 , 1 0 , 1 5 , 2 0 , 0 5 , 3 0 , 3 5 , 4 0 , 4 5 , 5 0 , 5 5 , 6 0 , 6 5 , 1 0 , 7 ~ , 8 ~ , 8 5 , ~ , ~ ~  
Lower surface 1.25 ,ea, 5 $7.5 ,l0,lJ,20,25,~0,35,40,45,50.55,60,65,70,75,80,85,90,96 

Local wing station  incidrnco 

Span  statlon A I 8 C 0 E F 

lncidrncr  ,dagrers 2.40 2.50 2.17 2.02 1.86 1.51 

(b) Wing ~ n s f o n e .  

Figure 1 .- Concluded. 



(a) Three-quarter front dew. 

Figure 2.- Photograph of the 1/4-scale model o f  the X-1 airplane and 
mcdel suppart syatem in the Langlw 16"foo.t traneonic tunnel. 
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(a) 1 / 8 - I . n c h - s v e  vortex-generatar sectiom, w 8pm. 

Figure 3.- Details of del configurations. 
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(a) Wake-rake installation. 

Figure 3.-  Concluded. 
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Figure 5.- Aerodynamic characterist ics of a l/4-ecale model of the 
X-1 airplane with vortex generators on the wing compared with 
clean wing. 
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(b) Variation of drag coefficient w i t h  lift coefficient. 

Figure 5 .i Continued. 
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(c) Variation of pitching-moment  coefficient with lift coefficient. 

Figure 5. - Concluded. 



Figure 6.- Variation of aer-c characteristics. &th Mhch nuaiber of 
l/lc-sWe model of X-1 airplane with and without vortex generatore 
on the w i n g .  
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Percent chord 

(a) Clean w i n g ;  

Parcent chord 

M = 0.689; a c 0.33'. Vortex  generators; 
M a 0.690; u = 0.320. 

0 20 40 60 80 1 0 0  

Percent chard 

Figure 7.- Pressure distributions obtalned on the clean wing of the l./k-scale 
model of t he  X-1 airplane compared with  pressure  distributions obtained 
with vortex  generators on t he  wing at M = 0.69. 



Parcent chord 

(b) Clean wiw; M = 0.692; a = lC.81'. V m t e x  generators; 
M = 0.91; a = 4.87'. 

Figure 7. - Concluded, 



.. , . 

Figure 8.- Pressure distributions obtained on clean wing of 8 l / b s c a l e  
model of the X-1 airplane comgsred with pressure distributions obtained 
with vortex generators the wing. Clean W a j  M = 0.799; LT = 3.92'. 
Vortex generators; M = 0.792; a = 3 .glo. 
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(b) Clean wing; M = 0.894; a = O.I.7'. V m t e x  generatme; 
M = 0.8g; a a 0.20'. 

Flgure 9.- Continued. 
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Figure 10.- Preasure distributioas obtained on clean wing of the 1/4-scale 
model of the X-1 airplane compared ~Leh pressure distributions obtainea 
with vortex generatars on the wing at M o 0.9. 
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(b) Clean wing; M = 0.9; a E 5.U'. V&ex generators; 
M = 0.92; a = 4.93'. 

Figure 10.- Concluded. 
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Figure 12.- Wake patterns obtained from configurattons having clean wlng 
and wing vith vortex generatare m f s J l e d .  
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(b) pi = 0.80; u = 4.9 . 
Figure 12.- contirmed. 
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(a) M = 1.00; a 2 0.3*. 

Figure 12 .- Conc lUaed.  
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ABSTRACT 

An investigation.&-a  vortex-generator configuration on the W ~ S  
of a 1 /bsca le  model of the X-1 airplane shared a. reduction Fn separa- 
tion due t o  shock at a Mach number of 0.9. The vortex generatars were 
relatively  ineffective at other speeds. 


