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By Milton A. Schwartzberg 

The  lift  characteristics of' a wing with an aspect ratFo of 4.364, 
a taper  ratio  of 0.41, zero  sweep of the  trailin@;  -e, and modified 
hexagonal airfoil  sections  parallel to the  air  stream  were  inqestigated 
in  the  Langley  low-turbulence  pressure  tunnel at Mach numbers  from 0.379 
t0'0.896. Nonlinearities in the lift curves were  obtained  at small 
angles  of  attack  for  Reynolas  numbers of the  order of 1 X 10 6 at all 
test  Mach  nmibers.  Increasing the Reynolds numbers  to 3 X IO6 and 
5 X 10 6 eliminated nearly all the  observed  nonlinearities. The addition 
of surface  roughness to the t e s t  model  at  the l m r  Reynolds  numbers 
also  eliminated E large  portion of the  nonlinearities  in  the  lift curves 
obtained  for  the  smooth  model. An explanation  is  offered  of  the  boundary- 
layer  phenomena  probably  responsible  fof  the  results  obtained. 

Marginal  directional  stability has been  exhibited  at small angles 
of  sideslip  and l o w  tail  Reynolds  nmibers in tests  of a complete ab- 
plane configuration emgloylng a vertical  tail of modified hexagonal 
chordwlse  sections.  It was thought  possible  that low values of  the  tail 
lift-curve  slope  at small angles of attack  might  be  responsible  for  the 
unsatisfactory directional stability  of  the  airplane. N o n l i n e a r  lift 
Characteristics,  manifested by a decrease in Uft-curve slope  through a 
range  of s m a l l  positive and negative  angles of attack,  have  been  noted 
in previous  airfoil and Xing investigations  at low Reynolds numbers, 
particularly  with  sharp-leading-edge  airfoil  sections  (refs. 1 to 3, 
for  example).  These  nonlfnearities and the  marginal  directional  stabilfty 
previously  mentioned  have  been found to be Considerably  improved  at  higher 
Reynolds  numbers. The decisive  effect of Reynolds  number on the  experi- 
mental  results  suggests  that the controlling  factors  involved  are 
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primarily boundary-layer phenomena.  The preeent teste were conducted, 
therefore, t o  determine whether the effect of an increase i n  Reynolds 
number on the low---of-attack Uft characterietics of  a Xing uith 
modified hexagonal  chordwise sections could be duplicated a t  a low 
Reynolds number by chan@;ee in  the WFng surface  condition. 
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SYMBOLS 

wing 

wing local chord measured parallel  t o  plane of symnetry 

CL Uft coefficient, L / ~ S  

CM pitching-mcrment coefficient about 0.255, H5/4/9SE 
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lift 

free-stream Mach nuiber 

'pitching moment about 0.255 

free-strean m c  pressure, 

local fuselage raafus 

free-stream Reynolas number, W / V  

radiue of  ,cunrature 

wing area 

wing local maxFmum t h i c b s e   r a t i o  

free-stream  velocity 

longitudinal  distance measured from noee of Rzselage along 
model plane of symmetry 
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Y spanwise coordinate 

a angle of attack 

P free-stream mass density 

The tes t s  were  conducted in   the Langley low-turbulence pressure 
tunnel i n  an atmosphere of Freon-12 gas through a Mach m e r  range fmm 
0.3'19 t o  0.896. The test model is Shawn i n  figure 1. 

The w i n g  had an aspect r a t i o  of 4.364, a taper r a t i o  of 0.41, and 
zero sweep of the t ra i l ing edge. Figure 2 illustrates  the  nature of the 
wing sections and their variation  across the span. The wing sections 
were of a symmetrical hexagonal form modified by rounding of the span- 
vise  ridge  lines t o  the radii shown in  f igure 2. The chordwfse extent 
of the wing section maxFmum thichess varied along the span from 0 . 0 ~  
a t  the root t o   0 . 2 5 ~  at  the 3l.5-percent-semispan station to  0 . 1 1 ~   a t  
the t i p  chord. These  chordwise extents of the maxiram th icbess  do not 
correspqnd t o  the chordwise distances between the.  theoretical  inter- 
section linee (fig. 2 )  because of the rounding of the ridge6 at the sur- 
face  intersections. The maxirmrmthickness decreased from 0 . 0 8 ~   a t  the 
root t o  0.054~ at the 3l.5-percent-semispan station and remained constant 
a t  the latter value t o  the t i p  chord. 

* 

- 
The body had a fineness ratio of 5.32 and a frontal area equal to 

5 percent of  the t o t a l  wing area. The body coordinates are  tabulated in 
figure 1. 

A photograph of the  test  model is presented &8 fi-e 3, whlch also 
shows the  conical  fairing that housed the  external-type strain-gage 
balance. 

The variation of the  test Reynolds number with the test Mach  number 
is shown i n  figure.4 f o r  the two values of free-stream  stagnation  pres- 
sure employed i n  the  tests. 

L i f t  and pitching moment were measured on the model in  the smooth 
surface  condition through both the Low and high ranges of Reynolds nun- 
ber. The tes ts  were then  repeated with roughness elements on a A - inch- 

wide s t r i p  of adhesive  agent that spanned both wing surfaces 1 inch 
8 
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ahead of the  30-percent-chord  station. The roughness  consisted of carbo- 
rundun grains  dispersed  to  occupy  approximately 10 percent  of  the total 
adhesive-agent mea. Average carborndun-grain sizes of 0.005 Inch  and 
0.011 inch were used in two successive  series of tests. 

A l l  the data were  converted to equivalent  air data by  the  methoda 
of  reference 4. Corrections have been  applied to the  data to account 
f o r  the  tunnel  blockage and induced uprash  effects. 

The  results  obtained  for  the  smooth  test model at  Reynolds  number8 
of  the order  of 1 X lo6 through a Mach rimer raage fram 0.379 to 0.896 
are sham by  the  lift  curveB  of  figure 5. A decrease  in  the  lift-curve 
slope  is  apparent at each  Mach  number in the  range  of angles of  attack 
from -lo to lo. ’ Figwe 6 depicts  the  results  obtained  on  the  smooth 
test  model  at  increased  Reynolds Ilumbers of the  order of 3 X lo6 to 
5 X lo6. The nonlinear nature of the lift  curves  at  the low Reynolds 
nunibers has been  almost  completely eliminated at the  higher  Reynolds 
numbers. Some small nonlinearity  can  still  be  seen  within a decreased 
angle-of-attack range. 

Lift  curves  obtained  at Reyklds nunibere  of  the  order of 1 X 10 6 
with spanwise tramition strips of approxhately  0.005-inch  grain  size R 

situated in the  neighborhood of the 0.30~ station on both wing surfaces 
are  shown in figure 7. The presence of the- roughness is seen  to  alleviate 
the  nonlinearity of the lift curves 88 obtained on the smooth model  at v 

the same Reynolds numbers (fig; 5 )  to a considerable  extent  although not 
so markedly aa did the incremed Reynolds n d e m .  Lift  curves  obtained 
at  the low Reynolds  numbers  with  transitfon  etrips of appro-tely 
O.Oll-inch grain size at the  same  chordwiee  station on the  model  surfaces 
were similar in all reepects to those  obtained  with  the smaller roughness 
particles. The model was also tested  at the higher  Reynolds  numbers  with 
transition  strips of both  roughness  sizes  situated  successively  at  the 
same chordwise  station  without any notewortw difference  observed  between 
these  results aSa those  obtained for the  smooth  model  at  the  higher 
Reynolds riders. 

The test  results are more graphically illustrated by the typical 
comparative  curves of figure 8. The lfft curves  obtaFned with roughness 
on the  model  at  the low Reynolds  numbers form approximately a media@ 
between  the Lift curves  obtained  at low and high Reynolds  numbers  for 
the smooth m o d e l .  
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The variations with PlLrch nuniber of the Lift-curve slope of the test 
mdel as determined for  angles of attack of 00 and 3 O  for  the several 
test conditions are sham in  figure 9. The theoretical  lift-curve  slope 
obtained from reference 5 for  the  present plan form is d s o  included in 
figure 9.  The lift-curve slopes f o r  the m o t h  model at low ReynoltL8 
numbers a t  an angle of attack of Oo are considerably below the theoretical 
value throughout the subcritical Mach  number range. The addition of 
roughness o r  an increase i n  Reyno- number increased the low-angle-of- 
attack  Hft-curve slope, with the increase in  Reynolds number  more effective 
than the roughness. The Hft-cur-ve slopes f o r  the model a t  low Reynolas 
nuuibers a t  m angle of attack of 3O are higher than  the  theoretical values 
with no appreciable  differences between the smooth and rough model 
condftions . 

Pitching-moment data accumulated in the present tests are of question- 
able accuracy but may be used to indicate general trends with Mach number 
as w e l l  a8 the pronounced effects of roughness and Reynolds  number. The 
variations with Mach nmiber of the  slopes of the pitching-moment curves 
dCdda as determined for  an mgle of attack of Oo f o r  several test con- 
ditions  are sham i n  figure 10. The smooth model at  low Reynolds numbers 
waa unstable through the subcritical Mach rider range. Both roughness 
and increased Reynolds nmibers had approximately the 8- stabilizing 
effect on the m o d e l  throughout the Mach  number range of the tests. 

DISCUSSIOR . 
A po6sible q l a n & i o n  of  the t e s t  results obtained a t  subcrit ical  

speeds is presented i n  the fol lowing discussion i n  terms of the boundam- 
layer flar phenomena involved. Although no detailed bounda,ry-hyer 
measurements  have been d e  in o d e r  t o  corroborate this explanation, 
confirmation of the various flow concepts aFscussed herein can be  found 
i n  many sources. 

There are two factors w h i c h  rnay be considered t o  contribute t o  the 
decreased lift-curve slope of the smooth model at  smR.II angles of attack 
and low Reynoldb  nulnbers.  These are the presence of a locallzed region 
of boundary-layer separation a t  the leadfng edge and the effects of this 
region and the differences between the upper- asd lower-surface pressure 
distributions on  the  respective boUnaary-byer thlckesFes. inves- 
tigations have fndicated  the  formation of a separation kubble shortly 
after  the beg-  of an adverse  pressure  gradient. The boundq-hyer  
flow following such a bubble is turbulent. Both the bubble s ize  and the 
size of the subsequent turbulent b o w  layer  increase with angle of 
attack. A t  a small positive angle of attack, a Illore favorable  pressure 
gradient of greater chordwTse extent exists on the lower surface of an 
a i r fo i l  than on the upper surface and the adverse pressure  gradient 
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toward  the  rear on the  lower swface is less  severe  than on the  upper. 
Pressure  distributions of reference 3 on similar airfoils  substantiate 
these obsemtions. The combined  effects  of a separation  bubble on the 
upper  surface and the  differences Fn pressure  distributions on the  two 
surfaces  results  in a more  rapid  grarth  of  the  turbulent  boundary  layer 
in the  region  of  the  model  trailing  edge on the  upper  surface  than on 
the  lower  surface as the  ang3-e of attack is increased  from  zero. The 
rate  of  displacement of the flow outside the boundary  layer in the 
region of the  model  trailing  edge with increasing  angle  of  attack,  there- 
fore,  is  greater on the  upper  eurface than on  the  lower  surface wlth a 
reeultant  decreased  lift-curve slope as compared to the theoretical  value 
for a potential flow. This decrease in lift-curve  slope  through an 
angle  of  attack of Oo-ie shown in  figure 9 for  the  smooth  model  at low 
Reynolds  nsnribers by comparison  with  the  theoretically  predicted  values 
from reference 5. 

Similar results have been obsemed for airfoils with beveled- 
trailing-edge  ailerons.  The  beveled-trailing-edge  aileron,  at e,n aileron 
deflection  of Oo and s&l angle  of  attack, has been  compared  to an 
upwardly deflected  trailing-edge  tab  (ref. 6 )  in creating a negative 
load at  the  trailing  edge  for  the  reduction  of  control-surface  hinge 
moments.  For  the  present  model,  the  increasing  difference in size  between 
the  upper- and lower-surface  trailing-edge  boundary  layers  with  increaeing 
angle  of  attack  produces an effect similar to a continuous increde in 
upward. tab  deflection  with  increasing  angle  of  attack,  that  is, an increase 
in  negative load increment  at  the  model  trailing  edge. T h i s  explanation 
ie  further  substantiated by the  positive  values of d C d d a  obtained  for L 

the  smooth  model  at low Reynolds  numbers ( f ig .  10). 

The  increase in size of the  separation  bubble  at the leading  edge w 

of an airfoil  with angle of  attack  is  thought to effect an increase in 
iift-curve  slope  of  the  airfoil in the  same  manner as a continuous 
increase  in  airfoil  camber. This effect,  which  is  very slight at low 
angles of attack,  becomes  sufficiently  pronounced  with  increasing  angle 
of  attack  to  outweigh  the  influence  of  the asymmetry in the  upper- and 
lower-surface boundary layera  near  the  trailing  edge and increases  the 
lift-curve  slope a8 shown by the  test  results  in  figure 5. It is a h m  
i n  figure 9 that, at as angle of attack  of 3O,  the  rate of increase of 
the  camber  effect  of  the  separation  bubble  with angle .of  attack  is  great 
enough to result in a larger  value of the  lift-curve  slope  than  that  pre- 
dicted by the  theory of reference 5. 

S 

The changes in the  lift  curves, with an increase  in  free-atream 
Reynolds  number  (figs. 5, 6, and 8), are  brought  about  by a twofold  effect 
of  the increased Reynolds n&er on the  boundary-layer  thickness.  First, 
Increased R e y n o l d s  nmiber  reducee  the  size  of  the  upper-surface  separa- 
tion  bubble  with a resultant  smaller  immediate  increase in upper-surface 
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* boundary-leyer thickness fn the  region of the bubble (ref. 7) and 8 

consequent  reduced trailing-edge boundary-layer thickness. Second, an 
increase i n  Reynold6  llumber thine the boundary layers on both model 
surfaces, so that the  rate of change with  angle of attack of the dif- 
ference between the upper- and lower-surface trailing-edge boundary- 
layer  thicknesses  decreases with increasing Reynolds m e r .  The net 
effect of an increase i n  Reynolds number, therefore, is an increase i n  
Mt-curve slope at Bmau angles of attack as sham by the test results. 

- 

The transition strips on the made1 a t  low Reynolds nuuibere partially 
accomplished the same results as BTL increaee in  Reynolds lnnriber a t  the 
low angles of attack but  through a different  effect on the model  boundary 
layer. The transftion strips assured early  transition of the boundary 
layer on the d e l  lower surface and, therefore, a thicker  trailing-edge 
boundary layer on the lower surface than f o r  the smooth  model condition. 
This  was again a means of decreasing the  rate of change with angle of 
attack of the  difference between the upper- and lower-surface trailing- 
edge baundary-layer thicknessa and thus resulted i n  an increasd lift- 
curve slope. 

Experimental -results, through a Mach number range from 0.379 t o  
0.896, on a wing-fuselage model with a straight trafling &&e, a taper 

parallel to the air stream m c a t e d  decreased lift-curve  slopes a t  
t e s t  Reynolda riders of the order of 1 X 10 6 for angles of attack Prom 
-lo to lo. The Uft  curves became steeper and very nearly linear for 
increased tes t  Reynolds nmfbers of 3 X lo6 to 5 X la6. A large  portion 
of the same effect a8 obtained with the fncreased Reynolds numbers was 
also achieved a t   the  low Reynolds  numbers with 'roughtess added i n  the 
neighborhood of the spaswise ridge l ine  near the 3O-percent-chord sta- 
tion. An explanation of the  boundary-mr phenomena probably  involved 
i n  determining the nature of the test results is presented. 

. ratio of 0.41, and symmetrical modified hexagonal airfoil  sectfons 

- 

Langley  Aeronautical  Laboratory, 
National Adv3sory Committee for Aeronautics, 

Langley Field, Va. 
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Figure 1.- Test m e 1  configuration.. DFmensione are In inches  except 
noted. 
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Figure 2 .- Wing plan form and streamvise sections. A l l  dimensions are 
In inches. 
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Figure 3.  - T e s t  model and conical b a l c e  fairing. 
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Ffgure 4.- Variation of t e s t  Reynolds number with hkch number. 
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Figure 5. -  Llft coefficients for smooth t e a t  model at low Reynolds 
h e r e .  



Figure 6.- Lift coefficients for amooth t e s t  model at high Reynolds 
numbers. . 
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Figure 7.- L i f t  coefficients for tes t  model a t  low Reynolds nunibers 
wlth surface roughness in the neighborhood of the 0.30~ station. 
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Figure 8.- Comparison of lift coefficients for smooth test model at 
high and low Reynolds numbers with lift coefficients f o r  model at 
& low Reynolde rimer with eurface roughness in the neighborhood 
of the 0.30~ station. 
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Figure 96- Variation o f  lift-curve  slopes st anglee of attack of 0' 
and. 3 with Mach number for several model conditions and a comparison 
wlth the theoretical lift-curve slopes determined f r o m  reference 5. 
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Figure 10.- Variation o f  slope of pitching-mament C-B at angle of 
attack of 0' with Mach number for  several model conditions. 
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