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AZRODYNkMIC CK.4BK2"2TFCtCS OF A SERIES 

A vind-tunnel  investigation of a fant2-y of $- percent-thick 
symmetrical doable-wedge de l ta  w i n g s  WES made t o  deterrnir-e the  effects 

naximurn-t?aichess positions (IS, 30, 40, 50, 60, and 70 percent chord) 
were tested on each of three  basic wings which had semiapex .=ngles of 

and 2 . k l  and Reynolds nmbers of 1.96 x 106 t o  2.75 x 106 in   the  
Langley  9-inch supersonic t w z e l .  The experimental data ere canpared 
w i t h  linear  theory th,rcug"out. 
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- of Athichess  distribution on l i f t ,  drag, and pitching moment. Six 

- 30°, 35O, and boo. The tests -were nsde at mch nuubers of 1.62, I.&, 

The results  indicated that the wing drag  calculated by the linear- 
ized  tneory w a s  ia qua l i t z t ive   ag remnt  with the test results i n  
indicsting  the  effects of varying  the maximm--Lkr-iclmess position. The 
decreese i n  minlmm drag coezficient es a result of movlng the wing 
maximu-thickness  position from 18 to 70 percent chord was as much as 
50 percent, whereas %he gain  achieved in   l i f t -curve slope was about 
22 percent. The ogtimm  mximum-khichess  position  appeared t o  be 
near 60 t o  70 percext chord. Lift-curve  slope was accurately predicted 
by linear  theory for the  condition of shock-wave attachment t o  the 
lezding edge of the wings. The m x i n m  lift-drag r a t i o  obtained wes 
10.8. Tne predictions of the  drag-due-to-lift  factor based on the 
metbod af lbear  theory is  adequate  only for those w i n g s  vhich zpproach 
closely  the  restrictions of the  theory. The chordvise  center of 
pressure of a l l  wings coincided  approx@ately  with  the wing center of 
8rea and remilled  esseDtially  invariant with maximum-thicb-ess location, 
Mch number,  and the   ra t io  of the "angerit of the wing semia-pex angle t o  
the  tangent of the Vfich angle ( A&n E/tan m) . 

rc 
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IRTRODUCTION I 

Y 

The effects  of chordvise  thickness  distributfon on the  theoretical 
press-.e-drag  chrracteristics of del ta  -vings with  symmetrical  double- 
wedge pror i les  have  been  determined on the basis of linear  theory by 
Packett   (ref.  1) md by Puckett and Ste-mrt ( re f .  2) for the conplete 
raxge of  sweepback angles of both  the  leading edge and the ridge  line. 
Tne resu l t s  of these  axalyses slimed that for  any given va lm of the 
tmgent  ratio  tan  €/tan m (where B is  defined as the wing semiapex 
angle and x i s  the Yach angle of the free-s t rem flow) the w i n g  
pressure  drag  could be held t o  a relat ively low value, dependent on the 
choice of the chordwise position of m i m m  thickness. The resu l t s  of 
a lirnited  investigation of the ef fec t  of thickness  distribution a t  a 
bkch  mmber M of 1.53 conducted 02 5-percent-thick  symnetricaldoxble- 
wedge delta vings mowated  on slender bodies and which had maximum- 
tkiclmess  locations a t  20 and 50 perceni;  chord (reported i n  refs. 3, &, 
5 ,  m-d 6), have  tended to support the theoretical   prediction af refer- 
ences 1 and 2 a f t e r  dxe consideration had been given the frictim dreg. 
Fore recently,  data  obtained by  Eugene S. Love and Richard E. b v e t t   i n  
an investigation conducted i n  the Langley 9-inch  supersonic  tunnel (these 
data are  included  herein)  for bbch  numbers  of 1.62, 1.93, and 2.40 on 
8-percen%-t%ick delta wirss with the mximum-thickness location a t  
50 percent chord showed significant wing-drag reductions as compared t o  
previous t e s t s  by Love ( re f .  7) on wings  which had the maximum thickness 
loceted a t  18 Fercent chord. Ulmann and During (ref. 8) have also 
shmn,  i n   t e s t s  a t  W = 4.04 on 8-percent-thick delta wings w i t h  
mxhum thicknesses a t  18 and 60 percent chord, significant wing-drag 
reductiozs w i t h  a rearward s h i f t  i n  the location of maximum thickness. 
Welsh, as a r e su l t  of rocket-nodel tests conducted on 6-percent-thick 
symmetrical double-wedge de l ta  wings having maximum-thickness locations 
of 20, 50, Etnd 80 percent chord (ref.  g ) ,  concluded that the wing drag 
calculated by the linearized  theory w a s  in   qua l i ta t ive  agreement w i t h  
t e s t   r e su l t s   i n   hd ica t ing   t he   e f f ec t s  of varying the position of 
maxinun thickness. 

Although tke linearized tk?eory does not  consider naximm-thickness 
location  in  tke lift calculations, a comparison of the experimental data 
of Love azd Tmett oa 8-percent-thick d e l k  wings having maximum thick- 
nesses a t  50 percent chord wit‘n the results  obtained  in  reference 7 on 
wings of the same thic-mess but w i t h  the maxim-thickness  location a t  
18 “rcent chord,  shovs a significant  increase  in  l if t-curve slope a6 a 
resu l t  of the rearward movement of the maximiun-thickness position. The 
resul ts  of the investigation of U b n n  and Dunning (ref. 8) a t  M = 4. & 
02 geozetrically similar w i n g s  id ica te  similar behavior upon relocation 
of the naxinum-thickness position from 18 t o  60 percent chord. 

. 



. 
A reviev of the  available  l i terature OI? experimental  investigations 

3 
of delta-ving  tiiickness-distribution  effects (&s discussed  in  the  pre- 
ceding  paragmphs)  has sham that, t o  date, all the  investigations have 
been of a Limited nature  with  regard t o  the ver ia t ion  in  the maximum 
thickness  position. Moreover, these tests have been  concerned wikh 
relatively  thick wings which are, .%eredynamically  speaking, l e s s  effi- 
cient  tbsn  thin wings a t  supersor-ic  speeds.  Therefore, OI? the  basis of 
the  foregoing  Tindings and i n  an effor t   to   fur ther   the  hovledge of 
thickness-distributioll  effects on the  aerdynmic  character is t ics  of 
del ta  wings, a sys t emt i c  wind-tu-nmel investigation has been made of a 
ser ies  of thin,   symetr ical ,  double-wedge delte wings having thickmss 
ratios of' 3- percent. !Be selection of the  thickness ratio was based 
u ~ o n  cor-siderations of s t ruc tu ra l   f ea s ib i l i t y  and the f a c t  KhEt th in  
wings and control  surfaces  are an ae rodpmc   necess i ty  a t  supersonic 
speeds if high l i f t -drag  ra t ios  are to be reelized. A secondary, though 
i q o r t a n t ,   p w o s e  of the investigation was the  assessment of the use- 
fulness of linear  theory  for -vings which apprwch  closely  the  restric- 
t ions of the Yneory. 

1 
2 

The scope of the  investigation  included  the measurement of the - l i f t ,  drag, end pitching moment on E. family of 18 de l ta  wings having 

s 60, and 70 percent  chord. The wings vere  sting noanted and were tested 

senizpex  angles of 30°, 35O, and. 40'. For each sedapex engle there 
were s i x  wings w i t h  t5e naximun+thiclmess positions a t  18, 30, 40, 50, 

i n  the  Iangley  9-inch  susersonic  tunnel a t  Each nmbers of 1.62, 1-94, 
and 2.41. The Beynolds rmber renge of the t e s t s  was from 1.96 x 106 
t o  2.75 x 106 based on  mean aerodymmic  chord. 

SYMBOLS 

c, 

aspect r e t i o  

wing span 

ving  root chord 

w i l l g  man aerodynamic chord, - 2 c 
3 

l i f t  coefficient, - Li f t  
qs 

pitching-nment  coefficient, 
Pitching moment about wing center of area 



4 - 
drag coefficient, - 

qs 

‘Dmin drag  coefficient  at zero lift 

c4 pressrzre-drag  coefficient, C k n  - C D ~  

C 
D f  

skin-frictior,-dreg  coefficient 

rise  in  drag  coefficient  above  minimum, CD - C u n  

rate of change of lift  coefficient  with mgle of attack 
st zero  lift 

hro-diEensional  value  of  rate  of  change of lift  coefficient 
with angle of attack 

lift-drag  ratio 

maximum  lift-drag  ratio 

m 

M Wch n-mber 

pressme coefficient,  %oca1 - P  
Q 

P 

static  pressure P 

mamic pressure, 
2 9 

Reynolds nunber  based on E R 

r distance of ridge-line  apex  from  trailing edge, percent 
root chord 

S 

t 

wing  &rea 
b 

wing maximum thickness 



. 
w = - tan E 

tan m 
J 
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a angle of attack 

= / - E T  

E wing serdspex sngle 

Y r a t io  of specific  heats, 1.4 fo r  air 

7 a i r f o i l  thickness ra t io ,  t / c  

APPARATUS AND TESTS 

blind Tunnel,  Belance, and Model Support 

Uind tunnel.- The investigation was conducted in  the  Iargley 9-ioch 
suFersonic  tunnel,  wEch is  a continuous-operation  closed-return  type 
of tunnel  with _~-rrovi:sions for the  control of the hmidiky, temperature, 
and pressure of the  enclosed air. The -est  mch nmi'ber is varied by 
mzns of interchangeable  nozzle  blocks f o r d n g  tes t   sect ions approxi- 
mately 9 inches  square. Eleven  fine-mesh screens in   the  re la t ively 
large  sett l ing chember ahead of the  nozzle  aid i n  keeping the turbulence 
i n  the tunnel  test   section at  a low level. During tne tes ts ,  %he q w -  
t i t y  of water vapor in  the  tunnel air was kept sufficiently lox so tha t  
the  effects of water coladensztian i n  Kle supersonic  nozzle were 
negligible. 

Bdaxce and n d e l  support. - Hgure  l(a) i s  a sketch -Which  shows 
&&e salient  features of %he three-c-onent strain-gage  balance used 
in  the  investigatiofi  to  neasure l i f t ,  drag, alld pitching moment.  The 
netJmd of model supsort is shown i n  figure l(b) . As c m  be seen,  the 
wings  were mounted on support  stings whose shanks passed  through  the 
opening of the mov=ble-windshield nose wZth small clearance and yere 
at"Lzched to  the  floating-Tram  section of the  balance  through  insertion 
in  the ar.gle-of-r-ltack spindle. The streanwise gap between the  aose of 
the movable windshield and the  bese of the support  sting was 0.020 inch 
or less, and the nose of the nova'ble windshield had the same shge  (but  
slightly slneller dimensions) as %he perimeter of the base of the  sting. 

Mdels 

The geometric  cheracteristics of the wings are grven in   t ab le  I. 
The wings were rmchined from heat-%rested .steel and the  s-mfaces  vere 
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grolind  and polished t o  a smooth finish. The thickness of the  leading 
and t ra i l ing  edges vas frm 0.001 t o  0.002 inch. A l l  tte wings  were 
mede to   the sslre nominal area. For structural  reasons wing support 
stings o? two sizes  (see  figs. 2 and 3) were u e d .  The Larger wing 
sup-port stings,  designated  "sting A, 'I vere used on those  vings which 
had the paximum-thickness position a t  cr forward of the midchord so in t  
and the  smaller  ving-support  stings ( "sting B") vere employed on the 
remainder of ule wings. (See f ig .  4.) ~n a n  cases,  the nose of tk..e 
ving  sapport s t lngs was behind the wing ridge  l ines  in  order  to minimize 
sting  tare-interference  effects. The stings were 2nade of sufficient 
width to minimize the danger of  wing fa i lure   in  the regions of extreme 
thinness where the  stings  are  attached to the w i n g s .  Mirrors  approxi- 
mtely 1/16 itch In  diameter were flush-mounted in  the  sting  shoulder 
(as   sham  in   f ig .   l (b))  as a part  of the optical  m*le-of-attack system. 

In order t o  evdqxate  the effects of the  presence of the  stings on 
the l i f t ,  drag, and pitching n m n t  of the test configurations, two 
presswc-distribztion models  were constructed as shorn i n  figure 5 .  
(For a detailed  description of these models, see appendix A.) 

Test Procedure 

Wasurements of the l i f t ,  drag, and pitching monment were made a t  
bkck  numbers of 1.62, 1.94, and 2.41 through an angle-of-attack  range 
of -2O to 6' in  increnents of lo, except  near a = 0' where 1/2' incre- 
xer?ts vere o b ~ i n e d .  With the  optical system f o r  indicating  angle of 
attack,  the  indicated  angle may be taken as the  true value since the 
load deflection of the w i n g s  ahead of the mirrors is negligible. All. 
the wings  were tested  consecutively (nurnbers 1 t o  18) st M = 1.62, 
M = 1.9, and M = 2.h. (W -test procedure  used on the two pressure- 
distribution models is discussed i n   d e t a i l   i n  appendix A . )  The Reynolds 
number range of the  tests w a s  from 1.96 x 106 t o  2.73 x lo6 based on 
mean aercdynamic chord. 

Correctior-s t o  Fxperimental Data 

The  wing support  stings used i n  &&-e t e s t s  were of necessity  large 
as a result of wing-load considerations; hence it was considered manda- 
t o r y  t o  obtair, an accurate  estimte of the mgnitude of the st ing tare- 
interference  effects,  particulerly  in  regard t o  drag a t  zero lift. Test 
models used for this purpose are sham i n  figure 5 and a detailed  descrip- 
t ion of the  sting  tare-interference  tests can be  found i n  agpendix A. 
Tie change i n  pressure  drag of the wing-sting  configurations due to   the 
presence of the  stings (A and 3) w a s  applied t o  the  masured  drag data 
of the  force tests. Figure 6 shows the magnitude and variation of these 
chazges irs pressure-drag  coefficient wit! ar&e of attack (up t o  6O) and 

. 
4 

. 

I 



I a t  a l l  test Pkch nuuibers. Uft and pitching-moment changes due t o  the 
presence of the  stings were found t o  be negligible. 

IC 
Addikior-a1 correctionsy which have been standardized and considered 

routine  for wing-s-ling tests i n  the "gley 9-inch  supersonic timnel, 
were applied t o  the drag of the  wing-sting configurations t o  account for  
the di3ference between free-stream  pressure and (1) the neasured  pressure 
on the base of the  supsort-sting  shoulders and (2) the pressure ir the 
f ixed-windshield-shield-balance-box enclos-me. 

Precision of Data 

Stresn  surveys obtained with the empty test sectfon have indicated 
that  the mean values of the Wch numbers i n  the  region  occupied by Vne 
t e s t  models in the test nozzles were 1.62, 1.94, and 2.41 and that the 
variatioc  about  these means was fO.01 or less. The estimated  probable 
errors i n  the aerodynamic quantities  are  included i n  the following  table: 

CL . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  20.002 

1 c, . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  20.0018 
CD . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  +0.0002 

a 9  deg 

R . . . . . . . . . . . . . . . . . . . . . . . . . . .  f O . o g X 1 0 6  

T_nitial . . . . . . . . . . . . . . . . . . . . . . . . .  20.05 . Xelative . . . . . . . . . . . . . . . . . . . . . . . . .  +,o .01 

Tfie value of f O . a O  give= for angle of atteck is a resu l t  of the error 
in   in i t ia l   re fe renc ing  of each wing w i t h  respect t o  stream direction. 
The value of 20. Olo is the error tht might be iacurred i n  relative 
angle-03-attack  readings for a given test. 

Reynolds Nurriber 

The Reynolds nmibers of the wings based on mean aerodyr?dc ckrord 
(see  table I) varied &s shown i n  AAe follawing teble: 

1 
Reynolds number 

M = 1.62 M = 2.41 M =  1.94 
Tfings 

1 to 6 

1-96 2.25 2.28 13 t o  18 

2.14 2.46 2.50 7 to 12 

2.36 X 106 2.70 x 106  2.75 X 106 



The smll v.zr+ations i n  Reynolds number  showc are believed t o  be 
negligible  insofar as the aerodynamic forces and moments are affected, 
as i s  ioiiica-left in   the   resu l t s  of references 10, li, and 12. 

The variation of l i f t ,  drag,  pitching moment, ar?d l i f t -drag  ra t ios  
for an  angle-of-attack  range of -2O t o  6O are  giver- in   f igures  7 t o  15 
for  a l l  the wings of the  investigation  at  Mxh numbers of 1.62, 1.9, 
and 2.41. Table I1 presents a s m m y  of the resul ts  of the  investigation. 

Lift 

For the  individual wings, the l i f t  varies  linearly  with  angle of 
attack. For this reasoll, the lift resul ts  can be discussed and compared 
with  theory on the basis of lift-curve  sloge. The analyses of refer- 
ences 13, 1.4, 1 5 ,  and r6 using lizear theory  indicate that the tangent 
r r t io   t an   € / tan  x is a basic parameter i n  sweptback-wing or triangular- 
ving  theory. Vallies  of ten  €/tan m greater than 1 represent a wing 
whclse leading edge i& zhead of the l&ch  cone mi  inating a t  the wing 
a p x  (supersonic Leading edge) ; valnes of tan .$tan ir. less than 1 
represent a wing with a subsonic  leading edge.  References 1, 2, 14, 
and 1-5 have shawn that ,   for  thin  tr iangular wings with  leading  edges 
ahead of the I h c h  cone, tke l i f t - c u v e  slope has Ackeret ' 8  (ref. 17) 
theoretical  two-dimensional v e h e  of 

cq& = 4 
G 5  I 

and that,  for  triangular wings xith  leading edges  behicd the Mech cone, 
tkis value becomes 

The lift-curve  slopes of the wings at a l l  test bkch  numbers a re  
sho'EJI1 i n   f i g m e  16 &s a P a c t i o n  of  Itlaximum-thickzess position. Also 
inchded is the figure are the test values of the  tangent  ratio 
tan  €/ten m, along w i t h  the l if t-curve slopes predicted by l inear 
theory. A cursory  exsslinatfon of the data f o r  the condition i n  which - 
<ne shock wave is  detacked frm the leading edge of the w i n g  shows an 
increase in  l if t-curve  slape as the maximum-thickness position i s  
moved reamard. Tnis resu l t  i s  believed t o  be directly  attr ibutable 

. 

. 
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I t o  the  fact  '&at sip-ificant  transonic-flow  effects  occm on triangular 
wings a t  supersonic  speeds  for  detached-shock  conditions as conclusively 

ence 19, a i r fo i l   th ichess   d i s t r ibu t ion  has a pronounced effect  on the 
flow characteristics over the wings (and  thus  force  characteristics) 
when the flow over the b5ng is  transonic  in natu-re. Rearward movement 
of the wing  naximum-thic-kness position,  with the consequent reduction 
in   the leading-edge wedge angle, would tend t o  favor shock attachneat 
m-d thereby minimize the  severity of the  tr'ansonic flaw phenomene 
(charzcterized by shock waves  and flow separation) on the wing. Thus, 
an improvement i n  wing l i f t i n g   a b i l i t y  and  consequently better agreement 
-d th  theory  could  reasonably be expected. A mexhum increase i n  lift- 
curve slope of about 22 percent was real ized  (e t  tan €/tan m = 1.070 
test conditton) Then t i  m u - t h i c k n e s s  position was moved from 
18 percent t o  70 gercent chord. W s  percentage  increase i n  the l if t-  
curve slope  with  rearward movemnt of the kqng  maximum-thickness posi- 
tion  agrees w e l l  w i t h  the value of 19 percent  obtained on geametrica3ly 
similar 8-percent-thick  delta wings w i t h  Ilraximum-thickr-ess posi t ions  a t  
18 and 50 percent chord (ref .  7 and unpublished data of Love end Lovett, 
reSFeCtiVely) a t  comsarzble Mach nrzmbers. 

i shown by Boyd and Phelps i n  reference 18. Also, as shown in   re fe r -  

- The lift-curve-slope d a d  for attached-shock  conditions  (figs. lG(b) 
and (c)) show no appreciable ch&nge i n  slope w i t h  rearward movement of 
the wing meximu-thickness  positton end there is excellent agreement 

.wings when tan €/tan m E 1.584. ) 
s between experiment and theory. (Shock attachment has occurred on all 

The imyortance of shock at"&chment -Lo the aerodynamic charwter- 
i s t i c s  of de l ta  wings has long  been  recognized, having been  discussed 
by Clinton E. Brawn of "&e Langley Iaboretory  before a technlcal group 
as early  as 1948. Love also discussed this subject  in  reference 7. 
More recently, Ulmsnn and Bertram took  cognizance of th l s  phencanenon 
and presented (ref. 20) soEe simple methods for  modifying  the  predic- 
tions of linezr  theory t o  account fo r  shock  detachment. 

The lift-curve slopes have  been replot ted  in   f igure 17 as a ratio 
t o  the  theoretical two-dimensional slope,  as  given by equat im (1) , 
against  the  tangent  ratio t&n €/tan m for the  s ix  naximum-thickness 
positions. (Eecause the test points shown i n  this figure represent 
data obtained a t  different  mch nmibers, alld because  displacements 
occur in   the d a h  x i th  bkch Ember for a given mximum-thickness 
position, it was not  considered feasible t o  show fa i red curves.) It 
is  a t  once ap-rent from an  inspection of the figure that the neximun-  
thickness  position is  extremely cr i t ics1  insofar  as the  lift-curve- 
slope  value i s  concerned when the flow over the wing is of a transonic 

a t  a l l  thickness locations teEd t o  merge, a codi t ion   d i rec t ly   a t t r ib -  
utable t o  shock attachmnt  to  the  leading edges of the vings. 

t nature. A t  the  highest test value of the tmgent  ratio,   the test points 
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At -&e l a re s t  values of the tangent  ratio  (abscissa of plot) fo r  
whick tests were made, Yce maximum-thichess position  appears,  again, 
t o  be tending towErd secondary  iagortance, as night be expected. In  
reference 20, it was poicted oct that the analysis of delta-wing data 
f o r  bhch nmbers below 2.5, plotted t o  the variables of figure 17, has 
l ed   to   the  conclusion that the linear  theory  gives a fairly accurate 
prediction of the lift of thin  del ta  wir-gs a t  low values of the tangent 
r a t l o  bzt overestimates the l i f t  a t  tangent r a t io s  from about 0.7 to 
1.5. Figure 17, however, shows that i f  the leading-edge  xedge  angle i s  
relat ively small, thereby  approaching  closely the restrfct ions of l inear  
'theory, the Ifft-curve  slope of the wing is  predicted  closely by l inear  
theory. For exanple, the lift-curve  slopes of the wing w i t h  the location'  
of maximu thickness a t  0 . 7 0 ~  are predicted -+&thin t3.5 percent through- 
out the targent-ratio range of the tests (0.736 t o  1.&0). 

Figure 18 has beer. prepared by using  the  results of the present 
iwest igat ion cnd published  (refs. 3, k ,  5 ,  7, 8, 10, and 21 to 26) and 
unpublished  deltE-wing test data t o  show, primarily, some effects  of 
thickness  ratio on the variation of the l if t-curve-slope  ratio  against  
the Garmeter tan €/tan m. Figure 18(a) is  fo r  wings vi th  the maxim- 
thichess   posi t ion  re la t ively far f o r m r d  (0.18~ t o   0 . 2 0 ~ )  . Shown i n  
the figure are wings having th lchesses  of 3-, 1 5 ,  6, and 8 percent. A t  
the lower end of the tangent-ratio  scale (arolmd tan €/tan m = 0.5 
and  lower) the data points for a l l  the w i n g s  tested at Pith numbers of 
2.41 and below e-xhibit a tendency to   c luster ,  which  would indicate .that 
the wing thickness has  very l i t t l e  e f fec t  on the  l if t-carve slope when 
t ie  flow over the wing i s  basically stzbsonic i n  nature. Eal l  (ref. 27) 
obtained similar resu l t s  on triangular wirs-body combinations. As one 
moves further along the tangent-ratio  scale (an increase i n  tan €/tan m) , 
the  advent of transonic-flow phenomena on %he wings is manifested by the 
divergence of the test  data f o r  the wings of different  thickness  ratios. 
Further  increase  in the tangent   ra t io   resul ts   in  the flow over the wfngs 
becoming predomirantly  supersonic, and when leading-edge  shock attach- 
ment occurs  the  importance of the  thickness on lift-curve  slope is once 
again miniitidzed, as evidenced by the fact that tifie thin- and thick-wing 
data  appear t o  merge ia  the vicini ty  of tan  €/tan m = 2.2. &cept et  
those  locali t ies vhere  the test points for a l l  th i chess   r a t io s  merged, 
the  data ex%ibit systematic  variation with thickness  ratio w i t h  the 
wings of least thickness following the trend of the theoret ical  curve 
most closely. TEe agreerent and the magnitude of disagreement between 
theory and experiment nay be at t r ibzted t o  leeding-edge wedge angle ar?d 
shock attachnent  in the manner described in  the  discussion of figure 17. 

The displacemnt af the Qyersonic IrIach  number ( M  = 6.9)  data rela- 

2 

t ive   to   the  data obtained a t  the lover tBck numbers (pperticulcrly those 
data  obtained in re f .  7 for  geometrically similar models) i s  t o  be 
e q e c k d ,  because, fo r  these relat ively  thick w i n g s ,  the correlating 

. 
i 
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parameters  based on linear  theory are not  eppliczble at high  supersonic 
Vfch nmbers, tht is, Bch  numbers .=hove about 3 ( ref .  22) . The same 

of high hkch  number results csn  be  nore  accurately  determined t h r o u a  
use of a method based on shock-expansion theory  presented i n  reference 20 
by U h m -  and Bertram. 

* reasoning would be  expected t o  agply t o  the M = b.04 date. Predictions 

Figtire  18(b) shovs %he conpiled  data lor wings of various  thiclmess 
ra t ios  hving their maxin?u31-thickness positions rear midchord ( 0 . 5 0 ~   t o  
0 .62~)  . Basically,  the dab of this canpilation show results similar 
t o  those f o r  the wiags with III;axinum thiclmess  well  fornerd  for the low 
end high tangent-ratio  values. However, i n  the intermediate .tangent- 
r a t i o  range (where the transonic-flow phenomena were so prevdknt   lo r  
the xings wi-th maxinun thickness at  0.18~ t o  0.20~)  the  efr'ects of 
ehickness  are  consider&ly  reduced. This is due, of course, t o  the 
f ac t  thet the leading-edge wedge mgle becomes less  with  reamard move- 
ment  of the mexinum-Wclmess position. Tne better  agreenent w i t h  
theory fo r  these  vings as campared w i t 5  %he wings of figure 18(a) DAY 
also be ettribdted for   the most prt  to the reduction in  leading-edge 
vedge angle. &&in as  expected  (see ref. 20) the data at M = 4. & snd 
6.9 are  considerably  higher than the ciaA& at  the luwer susersonic Wch 
nunbers . 

Drag 

Minin-m b a g .  - The nininwn drag coefficients for the $ - percent- 
thick  delta -wings of the investigation are presented io flgure 19 as e 
fmcction or" wing naxixm-thickness  nosition for tbe -three t e s t  Bhch 
nwabers. lhcluded in   the  f igare  is  %he theoretical  pressure-drag 
coefficient computed  by the nethod of reference 1, the  eqmtions of 
which are  given i n  appendix €3. Also snum in   the  figure, for illustra- 
tive purposes  only,  axe the theoretical  total-drag-coefficient  curves 
(pressure dreg plus  f r ic t ion drag) computed  on the basis of the skin- 
f r ic t lon  coeff ic ier ts  corresponding t o  comple-lely laminar and completely 
turbulent flow' i n  the boundary layer. Leminar skin-friction  coefficients 
were estimated frm the Slasius flat-plate  incampressible  theory  (ref. 28), 
since  differences  are  negligible a t  the test Mach numbers (1.62, 1.94, 
and 2.41) between this theory and the more accurate  theories which aceour-t 
for  conpressibility (refs. 29, 30, and 31).  Turbulent  skin-friction 
coefflcienks, or? the other hand, were obtained from reference 32 

- (extecded 3kankl and Voishel results)  . 'The Reynolds number used i n  the 
selection of the  skin-friction  coefficient,s was based on the mean aero- 
dynemic chord (= c) of the wings. The peaks 02 the  theoretical curves 

2 

2 
* ( f ig .  Ig(a), E \I = $0.) represent  the  condition whereby the Mach l ine  end 

wing ridge  l ine are coLncZdent and &re characteristic of the l i E a r  theory, 
althougii  unrealistic. (See re l s .  7, 20,  and 22.) 
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As can be seen i n  the figure, a l l  the test po2nt.s f a l l  generally 
within  the  boaEdaries of the  theoretical  total-drag-coefficient  curves. 
It i s  see2 also that il.,e data, i n  most csses,  exhibit a sxcoth  varia- 
t i o n  xiti? xaximn-tkickness  positioz,  going from an i n i t i a l  value 
r-ear the  theoretically  all- turbuler-t   drag  cwve  to a final valce 
near %;e theoret.ically aU-lmimr drag curve.  (This  observation i s  
most evident a t  M = I..& m-d 2.41.) This variation of the experimental 
t e s t  points  strongly  suggests that ' l e  w i n g  ridge  lines are instrumental 
in  "triggering" boundary-leyer t ransi t ion as observed i n  reference 7. 
Actmlly, the locations of the boundary-layer transit ior-   l ines &re deter- 
mined by t i e  presence of skock waves  on the wing surface and tke steep 
adverse  pressure  gradients thet are predicted  to  occu-  just  downstream 
of the ridge l i ne  md vllich are accentilated by these surface shock waves 
(see refs. 3, 7, md 18) . The becef ic ial   effect  05 wicg drag of moving 
the mxima-thickness  position rearwzrd froni 18 percent chord to 70 per- 
cent chord is ref lected  in  a mxinu.n decrease of around 50 percent i n  
the minimu  drag  coefficient. TEese findings are comparable t o   r e s u l t s  
obtained on 8-percent-thick delta wings ( for  rearward shifts in   t he  
maximm-thicless  position, from 18 t o  50 and 60 percent chord) by 
other   fnvest igztors ,   for   exwle,  Love ( re f .  7) and Love and Lovett 
(data  cresented  herein) a t  !&ch numbers 1.62, 1.93, and 2.40 and Ulmann 
a-r.d Daning  (ref.  8) a% X = 4.04. 

De variation of the minimum drag wLth !&ch  number is shawn i n  
figure 20 fo r  wings wit?: comdo3 maximumthickness positlons. (For the 
sake of c l a r i t y  the desigmtion af ird'Lvl&ual test points has been 
omitted.) For those wings having the location of the maximum thickness 
from 18 t o  50 percent ckord,  the  variation of  minim-an drag wi th  Ekch 
nmiber i s  generally  linear and the rate of decrease w i t h  increase i n  
tach number i s  found t o  be camparable t o  sizilar w i n g s  of 8-gercent 
thickness  tested t h r o w  the s a ~ e  Mach nmber  razge (ref. 7 and data 
of Love and Lavet%). De nicimin-drag  variations of wings vith more 
rearward  maximm-thichess  positions (60 t o  70 percent chord) show an 
in i t ia l   dec l ine  through hati? of the bbch number range ( t o  about M = 2) 
stmikr t o  t??e forward-thickness-location wings; hovever, the curves 
have a terdency to level  out with further  increase  in MElch number. 
This resu l t  i s  probably ALE t o  more favorable flow conditions over the 
wing incurred with %?e advert,  or  near  advent, of shock-wave attachment 
t o  the wing leading edge. !The lawest value of ninim-an drag coefficient 
(0.0&9) occurred a t  E1 i= 2.4.1 02 the aspect   ra t io  3.36 wing ( E  = 40°) 
witk the maxinun-thickness position a t  the 70-percent-chord s ta t ion 
(wing 18) . 

Tine l inear tlneary f delta wings, as derived by Puckett  (ref. 1) , 
indicates that a l l  del ta  wings v i th  double-wedge a i r fo i l   sec t ions  having 
a given  mxizun-thickness  location and the seme value of the  tangent 

pressxc-drag  coefficient) w i - t h i c  the   res t r ic t ions of linear  theory. 

ra t io   v i11  kave ttle sane velue of c Cj)p is the minimum 

. 
a 
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T'us, the  theoretical  predictions of the minimum pressure  drag for wings 
of the sene mexhm-thichess  posit ioc ap-gear as  single  curves when 
plotted i n  the form C & p / ~ 2  against tan €/tan m.. 

& 

Tll order t o  compare the  experimental  drag daLa of the  present 
investigztion on the basis of the linear  theory, it was necessary t o  
deduct EL calculated  friction-drag  coefficient frm the  experimental 
values of meesured minimum drag  coefficients. For the purpose of these 
calculations,  therefore, boundary-layer t rzns i t ioc  was assuned t o  occur 
a t  the wing ridge  l ine and Lazninar and turbulent  frictiofi-drag  coeffi- 
cients were calculated by using  the methods described  previously. The 
vzriations of the theoretically  derived end $he experimentally  adjusted 
wave-drag parameter C B .r2 w i t h  tangent  ratio  are sham i n  figure 21 
for allnexinwn-thickness  locations. A cursory inspection of the figure 
reveals feir agreeEent of the test points w f t h  theory, w i t h  the  exception 
of the wings with maxinum thiclmess  relatively  far forward (0 .18~)  . 
Earever, correletion of the experimental  data along a single curve 
appears t o  be best   for  the w5ngs w i t h  the maximum thickness at  this 
forward  chordwise wing station. In general, as the maximum-tW.ckness 
gosition is nzoved rear&, the scat ter  of the  date  increases;  thus 
the correlation as predicted by linear theory  appears t o  became pro- 
gressively worse. The key t o  a true camparisor of this nature, however, 
l i e s   i n  the accurete  sssessnent of the skin-friction-drag  coefficients. 

(based on approximated values of skin:frictim-drag  coefficients) , the 
quantita-live and q-ualitative  predictions of the linear  theory can be 
considered good, at  least fo r  noEblunt  wings. 

.PI 

- 

With this in mind, 011 the basis of tbz cmrparison sham in   f igure 21 

To i l lustrate   the  effects  of thickness  ratio on the veriatlon of 
the drag  parameters C w n p / +  and w i t h  tangent  ratio of 
double-wedge delta wings, results o ther   fac i l i t i es  (refs. 3, 
4, 5 ,  7, 8, 9, 21 t o  26, 33, 34, and unpublished data) on del ta  wings 
of various  thicknesses and those of the  present tests are ccplrpfled in 
figures 22 and 23. Tkre plots of the minimum-drag par-ter 
(figs.  22(a) and 23(a)) are intended s o l e l y  for the 
of the rezder and to   afford a  comparison of the 
values ki th  the minimum-drag ( C U ~ ~ / - T ~ )  values from w h i c h  they were 
obtained by subtraction of a skin-friction-drag  coefficient 

= Gn - CDf). (Tne m i n i m  drag  coefficients of the 
t e s t s  of refs. 3, &, and 5 include  the  forces on the mounting body; 
for the  rocket-adel  tests of re f .  9, %n represents wing drag 
plus wing-body interference  drag.) For those chta from tests up t o  
and including M = 2.41, the skin-friction-drag  coefficients were deter- 

drag  coefficients have been  determined for those wings with the maximum 
thickness  near midchord (0 .50~  t o  0.60~) by means of fluorescent-lacquer 

( c?P 

c mined as  described  in  the  previous  paragraph. A t  M = 4.04, skin-friction- - 
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t e s t s   ( r e f .  24) aEd references 30 and 35; therefore,  these  values have 
been used i n  computing the  pressure  drag  for  this series of wings. For 
those wings w i t h  the maximum thickness a t  0.18~, m- experimental value b 

of friction-drag coeff5ciez-t Y E S  obtained by plotting  the  drag  coeffi- 
cients of ?*rings having the same plan form and section  against  the  square 
of the wing thich-ess   ra t io  arA mking e straight-line  extrapolation 
kcoagb t b . ~  experimental  points to the  zero-thickness  ordinate. The 
skin-frfction-drag  coefficients for ‘;Slcse wings a t  %he hypersonic mch 
number (I4 = 6.9) have been  determined as outlined  in  reference 23. 

L 

In figxre 22(b) are shown those  drag  data for vings  with  the 
maxinun-thickness positions a t  or near  the 20-percent-chord location 
( 0. lac  5 1 - r 2 0 . 2 0 ~ )  . It is a t  once apparent C2at the  difference 
bekween the  emerimentally  derived and the theoretically  predicted wing 
drag is  quite  large. Thus, the  conclusion  that  linear  theory i s  
inadequate f o r  predicting drag characterist ics  for wings v i th   r e l a t ive ly  
b1uc-L leading edges previously  determined by  Love (ref. 7) and others 
aspears  to be %lid even fo r  the thin  -percent-fhick w i n g s  of the 
oresent  investigation. The overall  correlation of the &ta cannot be 
considered g o d .  For tboee a t e  obtained a t  the  relatively law M~ch 
nlimbers ( ~ p  t o  aEd including & I =  2.41), it would be expected tha t  a 
better degree sf correlation cotild be obtsined i f  the accuracy of 
assessment of the  skin-friction-drag  coefficients was improved. As 
regard  the  high Yach nmber data ( M  = 4. & and 6.9) , Ulmann a d  Bertram 
(ref. 20) have pointed  out  that, for wings w i t h  maximum thickness at 
locations  other thar. midchord, higher  order  term become important and 
the -Lwo-dimensior,al shock-expansion theory  indicates  mch number e f fec ts  
i n  the shock-attached  region which carnot be correleted by these  parm- 
eters. (See f ig .  22(b) .) 

Ir? figure 23( b) are shown the  drag dete f o r  wings vhich have 
n&ximun-t,hichess positiozs  neer  or a t  the midchord s ta t ion  0.50~ 6 1 - 
r 5 0 . 6 2 ~ .  Again, the overall  correlation of tke data cannot be con- 
sidered g o d .  Eovever, a bet te r  degree of correlation of e l l  the 
experimental  data wolrld probably be realized  with a more accurate 
assessnent of friction  drag. 

Drag due t o  l i f t .  - In delta-wing ti?eory (ref. l3), a subsonic 
leading edge i s  characterized by an  irzinite  pressure peck a t  the nose 
of the a i r f o i l  which, i n  tile drag-due-to-lift  calculations, must be 
accounted f o r  by a leading-edge-suctim term. The folloh-ing  equation 
(extracted from ref. 7) gives the theoretical  drag due t o  l i f t  with 
leading-edge suction as 

da 



- where a is in  radians.  Althougk the  theory sham a forward thrust  on 
the  thin  plate  with E shars edge, it is not t o  be  expected t h a t   t h i s  

wings produce E. Laminar separation a t  the  leading edge which tends t o  
reduce the  very  high  suction  gressures that produce the  drag  relief 
( re f .  36) . 

I characterist ic w i l l  be realized in   p rac t ice  because  very th in   de l ta  

When the  leading edge i s  supersonic; that is, when tan  Eltan rn 2 1.0, 
ZIO leading-edge  suction  force  exists  theoretically and Yne drag due t o  
the lift is given by the  expression 

da 

For -this condition  the  pressure a t  the nose is f i n i t e  and the  theoretical  
stagnation  point is a t  the leading edge; therefore, no f l m  can occur 
bebeen  the upper and lower surfaces. 

Figwe 21: shows so- effects  of w-ximum-thickness posit ion on the 
variation of the 6rEg-due-to-lift  factor ACD/CL~ for tbe Qings of the 
inves tdga t im  a t   the   th ree   t es t  I&&- nunibers. Included in   the  f igure 
are  the  theoretical  drag-due-to-lift  curves w i t h  and witbout  leading-edge 
suctior- and the test points  representing  the  reciprocal of the experi- 
mental lift-curve  slopes  obtained on the w i n g s .  The experimntal  values 
of ACj)/C$ were obtained by evaluating  the  slopes of the   s t ra ight   l ines  
fa i red t h r o ~ g h  the  experherbal  points on plots of ACD against C L ~ .  
At a l l  Kach numbers and tangent retios of the  tests,   the wings wit& the 
mximm-thickness  position at 18 percenk  chord indicate,  according to the 
concepts of inviscid  theory, leading-edge  suctiol? (the difference between 
the AC!D/CL~ vdues  and the reciprocals of the  experilnental  lift-curve 
slopes). For the  other wings, the indicated leadir-g-edge suction is 
either less or nonexistent, depending on maxim-thickness  location and 
tangent  ratio. 

The fac t   tha t   subs tan t ia l  leading-edge suction is  indicated is 
surpr is ing  in  view of 3 3 ~  sharpness of the wing l e a d h g  edges aGd is  
believed t o  be misleading, becEuse the method of indicating  leading- 
edge suction  bssed on equetion (3) is obviously  inadequate for  those 
uings which f a i l   t o  approach closely  the  restrictions of the lirear 
theory. Although theory  based on a wir-g  of zero  thickness  predicts  the 
drzg-due-to-lift  factor A%/CL~ to be equivalent to -he reciprocal of 
the  lift-curve  slope 1/C& when tan €/tars IE 2 1, ewerimentally  with 
wings of f inite  thickness it appems that leading-edge wedge angle m d  

rataer  than  tengent  ratio. Tcus, for  wings vhich Epproach closely  the 
res t r ic t ions  of the  theory, good predictions can be  expected. 

v therefore shock  attachmer-t or  the  apprmch  thereto is the  cri terion 



Li f t-Drag Raei o 

Experimental and theoret ical   l i f t -drag  ra t ios  of the test wings 
are presented i n   f i g m e  25 plotted  against wing l if t ,  coefficient, and 
in   f igure 26 t he  maximunr l i f t -drag  ra t ios   are  coznpiled  and shown as a 
function of the wing  me*xinun-thickness position. In  tiie cslculations 
of the theoretical  lift-drag rat ios  it vas ass7-ined that the f lu .  over 
the wire was ladnar   to   the   r idge   l ine ,  a t  which point  transit ion 
occ-zrred, with turbulent flow existing over the wing behind this l ine.  
Friction-drag  coefficients  (see  table 11) based on this type of boundary- 
k y e r  flow were added to the previously  calculated wwe-drag values i n  
determining  the  theoretical  lift-dzag  ratios.  In  the  calculation of the 
theoretical  values of (VD),,, the following  eqmtion,  obtained from 
reference 13, was used: 

A cursory  examination of figure 25 shcmm the  trends of the experi- 
m n t a l  and theoret ical  L/D curves t o  be clearly allied; hugever, as 
shorm in  f igure 26, the calculated  values of (L/D),, depzrt markedly 
frm the experinental  values ir. the low (tan  €/tan m = 0 -736 z;nd 0.894) 
and high (tan  €/tan m = 1.535 and 1.84-0) operating range of the investi-  
gation. The cause of this large  discregancy can possibly be at t r ibuted 
t o  the ineccurate  theoretical  assesszent of the drag-due-to-lift 
factor AC / C L ~  (see  table 11) , which enters   into the equation f o r  
(L/D) mx ?see  eq. ( 5 ) )  . A t  interzediate ten €/tan m values  the 
agree-?lent between tke calculated and the  experimental  vzlues i s  con- 
siderably izproved, altktcrdgh i n  a l l  probability  the  sgreenent is 
fortuitous. 

As  shown i n  figure 26, the  trends of the experimental  curves, which 
show an increase i n  (L/D)= with rearward movement of the maximum 
thickness  position, are predicted  rather  closely by the theory i n  most 
cases. Both the calclzlated and experimental  cmves shm- a tendency t o  
reach a mximum near the 60- t o  70-percent-chord station. The highest 
lift-drag ratio (10.8) was obtained at M = 2.41 on the E = 40° wing 
of higcest   aspect  ratio (A = 3.36) and with the  position of mximum 
thic-mess a t  -She most rearwezd stat ion  tes ted (70 percent  chord). !I?hFs 
wing also had the least ninimm  drag of ell the wings. Wikh minor 
exceptions  the  experimental  values of (L/D)mx increased  with -hch 
nuber;  thts is i n  opposition t o  the theoretical  prediction. 

Y 

1 

. 
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Center of Pressure 

The chordvise  center-of-pressure  location of the wings are shown 
i n  figure 27. The experimental  center of pressure was determined from 
the change i n  pitchirg-mment-curve slope with lift-curve  slope  near 
zero lift. me chordwise center-of-pressure  positcon i s  sham by l inear  
theory t o  be fixed a t  the wing center of area  (midpoint of the nean 
aerodynamic chord) and is  shown in   the figure. The experimental  centers 
of pressure we approxiroa-tely 3 percent aheed of the theoretical   posit ion 
and essent ia l ly  independent of mximum-thicirness location, Mach number, 
sernip-l?ex angle, =Ed, therefore,  tangent r a t i o  tan €/tan m. Senispsn 
t e s t s  of e 2.9-percent-tnlck double-vedge de l ta  (E: = 30°) wiw w i t h  the 
mxia-m thickness a t  62 serce-rlt chord ( ref .  33) showed e similar center- 
of-presswe  location (between 47 and 48 percent of the mean aerodynan?ic 
chord) a t  Mach nuaibers of 1-50 and 2.00. 

In contrast t o  the negligible  variation af center of pressure with 
tangent r s t i o  tan  €/tan n indiceted by the present results, results 
Tor thicker w i n g s  (8 percent, ref. 7) have shown a forward movement of 
tiie  center of sressure of ebout 10 percent w i t h  increase i n  tangent  retio. 

An investigction of the  effects of' thickaess  distribution on the 

aerodynznic b r a c t e r i s t i c s  of eighteen  3--percent-tMck  delta wings 
was made a t  Mzch numbers of 1.62, 1-94, ~ n d  2.41 in   the  Reynolds nurdber 
range fro= 1.96 X 106 to 2.75 X 106. An analysis of the results has 
indicated the followirg  comlusions: 

1 
2 

1. The wing drag a t  zero life mlculated by the linearized  theory 
was in   que l i ta t ive  agreement and T a i r  quentitztive agreelllent with the 
test results  in  indicating  the  effects of varying the xmximm-thickness 
position. 

2. The decrease i n  n in inm drag coefficient Qn as a result of 
novi-n-g the wing  aalEimum-thiclmess position fram 18 t o  70 percent chord 

thickness  position, frm the  stzndpoint of minimum drag,  appegred t o  
be  near 60 t o  70 percent  chord. 

- was, f o r  some cases,  as mdch as 50 percent. The aptbum m,=xinum- 

3. The lift-curve  slope w e s  accurately  predicted by linear theory 
for the  condition of shock-ww.re attachnent t o  the  leading edge of the 

nent was obtained for  the  condition of shock-wave detachment for  those 
wings with the locakion of the maximm W c b e s s   a t  60 t o  70 percent 

- w i l l g s .  In &dition, equally good agreement  between %hew end experi- 
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chord;  hovever, as the maxinun-thich-ess nosition was moved forward on 
the wing, the agreenent between theory and experhent  deteriorated. 

4. The gcin  in  lift-curve  slope achieved by shifting the maximum- 
thickness  position from 18 t o  70 percent  chord was as much as 22 percent. 

5 .  The  maximum lift-drag  ratios  increased w i t h  rearward movement of 
tbe ving mxinzum-thickness position and appeared t o  reach a maximum a t  
a l l  hbch  numbers a ~ d  win2  semiapex angles when the maximum thickness was 
located a t  the 60- t o  70-percent-chord station. The lcaximum lift-drag 
r a t i o  obtained i n  the tests vas 10.8 and occurred at a mch number of 
2.41 on the wing which I.ad the leas t  mirdmum drag of the series. The 
experimental  variation of the maximum l i f t -drag  ra t io  with mch number 
was in  osposition t o  Kfie theoretical  prediction of decreasing mximm 
l i f t -drag   ra t io  w i t h  increasing  mch  r-mer. 

6. The prediction of the drag-due-to-lift  factor  based .on the 
xethod of linear theory is  adequate for wings which approach closely 
the r e s t r i c t iom the theory. 

7. The locations of the chordwise centers of pressure of the wings 
rere a t  -t&e 47- -to 48-percent-~an-aerodynamic-chord stations and 
remined  essentially  invariant vith maximum-thickness location,  mch 
number, seniapex  angle  (therefore,  aspect r a t i o ) ,  and r a t i o  of the 
tar-gent of the wing semiapex angle t o  the tangent of the Mach 
angle (-tan e/tan m) . 

Langley Aeronautical  Laboratory, 
National Advisory Committee for  Aeronautics, 

Lengley Field, Va., April 6, 1955. 
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APPEfiiIX A 

EVALUATIOR OF S-UPPORT-STING TARE-INTERFE3ENCE EXFXCTS 

It was considered  necessary i n  this investigation t o  evaluate  the 
s t ing  tare   forces  and interference  effects if  a correct  analysis of the 
&rag resu l t s  m s  t o  be &e, par t icular ly   for   the minimum drag. Tests 
were therefore under-eken on two configurations  considered  representa- 
t ive  of the  test   acdels of the prilnary investigation. 

Descrfption of Mcdels 

The nodels used in   the   t es t s   a re  shown In  f igure 5 -  As sreviously 
described in   t he  body of' this report, two s t ings a- di f fe ren t   s izes  
were  employed t o  support the wings used i n  the  primary  investigation. 
(See f ig s .  2, 3, md 4.) Therefore, i n   t he  tests of s t ing  tare-  
interference  effects it was necessary t o  ob-tain data on wi~gs equipped 
with ?ne s t ings of different   s izes .  The wings chosen for the tests 
were geometrfceUy  similar t o  wings 10 and I1 of the  pr imry inves-liga- 
t ion (wirgs 10 and 11 %-ere supported by s t ing  A (large) and s t ing  B 
( sml l ) ,  respectively,  in  the  prinary  investigation) and were considered 

.I t o  be representative of the wings of the  investigetion. 

A s  shoim in   f igure  5 ,  the w h g s  were no-arrLLd on sweptback s-auts 
vhich Ettaclred t o  am aEgle-of-attack bar (not shmm i n  sketch) . Mirrors 
approximtely 1/16 inch i n  diameter (not  visible  in  sketch)  vere flush- 
mounted in   t he   s t ru t s  as par t  of the optical  angle-of-et-ack system. 
Sticg  replicas  (or d m  stings) xere attached t o  the w b g s  as  shown t o  
sinulzte  the  actual  support s-lings. These d-mmy stings  vere  detachable. 
Keasm-enents of the  pressure  distributions over the por+iior?s of the 
wirgs  inYluenced by the  disturbances  created by %le stings and  over the 
faces of the  st ings were accomplished by means  of pressure  orifcces 
located on the  surfaces oT the models a t  the  positions  shorn In f ig-  
ure 28. A cmplete set of or i f ices  was placed in   the   s t ru t - f ree  side 
of the models only. 

The models  were made from herdened s tee l ,  shilar to those used 
i n  the =in  investigation, - i t h  comparable tolerances. 

T e s t  Procedure 

T!e procedure  followed i n  conducting the tests m s  t o  obtain 
pressure  data on boK? models E t  all I&& nmbers (1.62, 1-94, and 2.41) 
and the  deslred  angles of attack  with the dumy stings  attached and 

I 
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then  reDeat  the t e s t s  with the stings removed. The angle of attack m s  
usually varied frcxn Oo to 6O i n  increments of 2O. Since a cmplete set 
of orifices was present  in only one surface, tests were made at  both 
positive and negative  angles of attack  in  order that complete data might 
be  obtained. For purposes of‘ calculation, it was necessary t o  assume 
that the  pressures  existing on the bottoan s-mfsce a t  a given positive 
angle of attack were identical  t o  those measured on the top  surface a t  
the same negative  angle of attack. 

Pressure bkasurements and Reduction of Data 

llhe pressures on the w i n g  and sting surfaces and the  total   pressure 
i n  the tunnel  sett1i-x chamber were recorded nsnually fran a multiple- 
tube manometer. 

Inasmuch as the   tes ts  of sting tare-interference  effects were for 
the d e t e d n a t i o n  of the change in   force and mcanent coefficients of the 
wing-sting conffgurations due t o  the presence of the support stings on 
the wings, integrations of +he neasured  pressures  recorded on the m o d e l s  
were made fo r  the conditions w i t h  and without the d m  stings  attached 
to the wings and over  an  area on each model as  sham in   out l ine  in   the 
f ollaring  sketches : 

L 

Sting A Sting B 
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The estilneted probab1-e e r ro r s  i n  the aerodynamic quantities  for 
M = 1.62, 1.94, and 2.41 =re  included i n  the following table: 

P . .  . . . . . . . . . . . . . . . . . . . . . . . . . . . .  to.oog 
a, deg 

Tdtiel  . . . . . . . . . . . . . . . . . . . . . . . . . .  f O . O n  
Rehtive . . . . . . . . . . . . . . . . . . . . . . . . .  i o  * 01 

c 4  . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  fO.OOOl. 

Tne velue of f0.075 given  for  angle of attack i s  a resu l t  of the error 
imurred   in  the initial referencing of each w i n g  w i t h  respect  to strew 
direction. The value of fO.Olo is  the error that might be incurred  in 
relative  angle-&-attack  readings  for a given test. 

Results 

T1.e principal  results are shorn fn figure 6 as the change i n  
pressure-drag  coefficients due t o  the presence of the  stings. No 
plots of change i n  lift and pitching-moment coefficients due t o  sting 
gresence are sham, because these changes were negligible. 

1 Figures 29 and 30 show the pressure changes which occurred on the 
test configurations due t o  the presence of sting A and s t ing B, respec- 
t ively.  With the  aid of the  pregsure diagrams (figs. 29 and 30) and 
figure 28, the  extent and nagnitude of the  stfng  interference  regions 
&re  easily  visualized. The lzrgest  changes in  pressure occurred a t  the 
wing s k t i o n s  occupied by the  stings, and, as eqected,  a repid  decrease 
in  pressure change occurred with rearward movement along  the  faces of 
the  stings.  Since  the  areas under the curves ere indicative of the 
pressure  drag, the reduction i n  pressure ch&nge i s  indeed  favorable es 
regards the Lare drag of the stings. It is also seen thst  the pressure 
change a t  the s t ing  s ta t ion  (s ta t ion I) is s m l l e r  f o r  s t ing A than f o r  
s t h g  B, because, of' course, of the smaller wedge  ar@e of s t ing A. On 
the  other h a d ,  it is seen that the  area of .influence of s t ing  A is 
considerebly more then that of s t ing B. This f a c t  end the moderate 
pressures over the face of s t ing A combine advantageously t o  produce a 
relatively small tare-interference  drag  force (and, a t  some angles of' 
attack, a thrust) as shown in   f igure 6(a) .  O n  the contrary, the axe8 
of illfluence of st ing B on the wing pressures fs re lat ively small; 
consequently, most of the  tare-interference  drag is due to the  pressures 
on the  face of the sting. 



22 

APPrnrnIX 3 

c 

Tne equations f o r  complztation of tie pressure drag of triangular 
wings are as follosrs: 

For the mch l ine  behind  both  the Z e e d i q  edge and the  ridge  line, 

For the  Mch  line akead of the leading edge but  behind  the  ridge 
line, 

where 
P 

For the b&ch l i ne  ahead of both  leading edge and ridge  line, 

C 3 p  = 



L 

xhere 

- LE these equatiom, 

T 

- r 

thichess  r a t i o  a t  root  

distance of ridge-line apex frm trail ing edge, percent 
root chord 
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TABU I 

GEOMETRIC CHARACTEKJXTICS OF % - PERCENT-THICK DEEM WINGS 
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(a) Strain-gage balance. 

Figure I. - Sketch of strain-gage balance used t o  measure model forces, 
and method of model. support. 
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(b) Method of model support. 

Figure 1.- Concluded. 
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Figure 2.- Dimensional details  of wing 
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. . ... 

(a) Sting A on wing 7. 

(b ) Sting B on w i n g  11. L-87947 
Figure 3 . -  m i c a 1  v+ngs equipped w i t h  support st ings A and 3. 
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Test wings 
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Tes t wings with sting A 

Test wings 

with sting A 

with sting B 

L-87948 
Flgwre 4.- Photogrqhs of wing models used in  investigatioo. (The 

apparent   d i f fe rexe   in  wir,g areas i s  &de t o  deptk dis tor t ion . )  



Fiat-plate wing shown for purpose Of clarity Sting-attachment screw 

\-,-Dummy sting A (removable) 

/- Indicated  location of 
‘. maximum fhickness 

Dummy sting B (removable) 

x 

/”-- Mountina strut 

(b) Sting B on wing Il. 

Figure 5.- Pressure-distrLbution models used for assessment  of  support- 
sting  tare-interference  effects. 
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Angle of attack, a ,  deg 

0 1  

(a) Configwationa equipped with sting A. 

.0°040 r u m t m i  I 2 3 4 5 6 0 1 2 3 4 5 6  
Angle of attack, Q, deg 

0 1 2 3 4 5 6  

(b) Configurations equipped with sting B. 

Figure 6.- Change in  pressure-drag coefficient due t o  presence of wing 
Support Stings - 
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(a) 1 - r = 0.18~. 

Figure 7. - Aerodynanic  characteristics of $ -percent-thick  delta wings. 2 
M = 1.62; semiapex  angle E, 30°. Plegged synbols denote correction 
zpplied -to drag data to account for support-sting  tare-interference 
effects . 
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Angle of attack, a,deg 

(b) 1 - r = 0.30~. 

Figure 7.- Continued. 
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Anqle of attack, a,deg 

( c )  1 - r = o.@c. 

Figure 7.- Continued. 
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Angle of attack, a,deg 

(a) 1 - r = 0 . 5 ~ ~ .  

Figure 7.- Continued. 
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Angle of attack, a, deg 

(e) 1 - r = 0 . 6 0 ~ .  

Figure 7. - Continued. 
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(f) 1 - r = 0.70~. 

Figure 7.- Concluded. 
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(a) 1 - r = 0.18~. 

Figure 8. - Aerodyndc characteristics of % - percent-thick  delte wLngs. 
M = 1.62; semiapex  angle E, 35'. Flagged syniools denote correction 
applied to drag data to account  for  support-sting  tare-interference 
effects. 



Angle of attack, Q, deg 

(b) 1 - r = 0.30~. 

Figure 8.- Continued. 
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( c )  1 - = 0.40~. 

Figure 8.- Continued. 
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Angle of attack, a, deg 

(d) 1 - r = 0.50~. 

Figure 8. - Continued. 
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Figure 8. - Continued. 
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Angle oi a::ack, Q, deg 

(f) 1 - r = 0 . 7 0 ~ .  

Figure 8.- Concluded. 
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Figu-re 9. - Rerod.ynanic characteristics of 3$ - percent-thick  delta wings. 

M = 1.62; semiapex angle E, 40°. Flagged syrhols denote  correction 
applied to drag data to account for support-sting  tere-interference 
effects .  



(b) 1 - r = 0 . 3 0 ~ .  

Figure 9. - Col?”iinued. 
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Angle of attack, Q, deg 

(c) 1 - r = 0.40~. 

Figure 9.- Contiwed. 
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a 
Angle of attack, a, deg - .  

12 

(a> I - r = 0.50~. 

Figure 9.- Continued. 
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Angle of attack, a, deg 

(e) 1 - r = 0.60~. 

Figure 9.- Continued. 
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Figure 10.- Continued. 
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Figure 10. - Continued. - 
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. w e  ll.- Aerodymmic characteristics of 3--gercent-thick delte. wings 

M = 1.gh; serrizpex angle E, 35O. Flagged smol s  denote correction 
agplied to drag data  to account  for supgort-sting tare-interference 
effects. - 
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Figure ll.- Continued. 
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Figure 11. - Continued. 
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Figure 11.- Contin-aed. 
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Figure 11.- Con-linued. 
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Figure 12.- Continued. 
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Figme 12. - Contimded. 
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Figxe 12. - Continued. 
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Figure 12. - ContinueCi. 
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Figure 13.- Continued. 
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Figure 13. - Continued. 
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FigLre 13. - Coctinued. 
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2 .gure 14.- Aerodyr?&c characterist ics of 3"percent-thick de l ta  wings. 

M = 2.41; semiapex ar-gle E, 350. Flagged syrho1s denote  correction 
=:plied t o  drag  date t o  sccount for support-sting  tare-interference 
effects .  - 
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Figure 14. - Continced. 
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Figure 14.- Continued. 
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Figxre 14. - Continued. 
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Figure 15. - Aerodynamic characteristics of 9 - percent-thick delta wings. 
M = 2.41; semtapex m-gle E, 40'. Flagged synibols denote correction 
apglied to drsg data to account for sugport-sting  tare-interference 
effects. 
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Figure 15.- Continued. 
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Figwe 15. - Continued. 
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Figure 15. - Continued. 
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F i p e  16.- Variation of the  l if t-curve slose with  maxm-thickzless 
location at several  tangent-ratio (tzn €/tan m> valEes, a d  compari- 
son w i t h  theo-ry . - 



NACA RM ~ 5 5 ~ 2 6  

2.0 

I .6 

I .2 

.8 

.4 

0 

I .6 
Shock : 

1.2 

.8 

.4 

0 20 40 60 80 100 
Maximum -thickness location, percent chord 

(b) IVI = 1.94. 

Figure 16. - Can-binued. - 
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(a) 0.18~ 5 1 - r 5 0.202. 

Figure 18. - Variation of the lift-slope ratio with tangent ratio ror 
double-wedge delta wings having their maximum-thickness positions well 
forward and near midchord. 
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Figure 21.- V a i a t i o n  of the  presswe-Crag  parmeter vi-th tangellt ratio 
znd comparison with theory. 
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Figure 22. - Concluded. 
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Figure 2 5  - Variation of the drag pammcters Qminp/-r2 and C%p/+ with 
tan  €/tan m for double-wedge delta wings of various thickness ra t ios .  
0.50~ 5 1 - r 5 0.62~. 
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(b) C4$/r2 against tan E / t m  m. 

Figure 3 .  - Concluded. 
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T i g u r e  24. - Varistion of the drag-aue-to-lift fac tor  Q / C 1 2  w i t h  
m=zxi-mm-th~ckncss location snd coxparison with theory. 
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Figure 24.- Continued. 
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Figure 25. - Continued. 
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Figure 25.- Continued. 
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Figure 25.- Continued. 



Figure 25.- Concluded. 

. a 
1 



I 

. .  

I 

5 12 

IO 

8 

I I I tan &an m = 1.070 I I 1 , , , 
20 30 40 50 60 70 20 30 40 50 60 70 

Maximum- thickness  location,  percent chord 

(a) M = 1.62. (b) M = 1.94. 

-jl/lr Experimental 
Theoretical "I " - - 

" - " 
" ~ 

,/ L- 
- "- --- 

f / *  
/ 

/ 
- 

/ 

tan €/tan m 1.266 
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Figure 29.- Continued. 
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Figure 29.- Coatinued. 



12L - EACA iL?4 ~ 5 5 ~ 2 6  

PI a 

-0" 

I Jr III 

c 

STATIONS 

Lower surface 

Figure 29. - CoEtiniled. 



a 
4" m a=2" 
4- .20 

a, .IO 

t W O  

" 
t 

cn 
0 t 

3 
73 

a c 
0 
rc 
rc a 

? 0 

" 

" 

0 a=4" 

E 
.20 

.IO 

" = o  

3 

E 
Q 

a m c 
c 0 

0 

.2 0 

.IO 

0 

S TATIONS 

Upper surface 

(c) M = 2.41. 

Figure 29.- Continzed. 



125 

a 
3 
W 

FNCA RM ~ 5 5 ~ 2 6  

Q=O0 

a=4" 

I I 

STATIONS 

Lower surface 

( c ) COX ludea. 

Figure 29. - Comluded. 



I m 
STATIONS 

Upper surface 



123 - NACA RI4 ~ 5 5 ~ 2 6  

Lower surface 

Figure 30.- Continues. 
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