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AN INVESTIGATION OF HIGH-FREQUENCY COMBUSTION OSCILLATIONS
IN LIQUID-PROPELLANT ROCKET ENGINES

By Adelbert O. Tischler, Rudolph V. Massa, and
Raymond L. Mantler

SUMMARY

An experimental investigstion of high-frequency combustion oscilla-
tions (screaming) was conducted with a 100-pound-thrust acid-hydrocarbon
rocket engine and a 500-pound-thrust oxygen-fuel rocket engine.

The oscillation freguencies could be correlsted as a linear fune-
tion of the parsmeter C*/L, where. C* is the experimentally measured
characteristic velocity and I is the combustion-chember length. The
tendency of the engines to scream incressed as chamber length was
increased.

With engine configurations that normally hed & low efflciency,
screaming resulted in increased performance; at the same time, a five—
to tenfold I1ncrease in hest-transfer rate occurred. It was posslble,
however, to achieve good performence without screaming.

INTRODUCTION

A rocket engine with its combustion chamber, feed lines, propellant
vaelves, pumps, and tanks comprises a large number of potential oseilla-
ting systems. The osclllating system may be simply a vibrating
mechanical part such as an iInjector face or a valve, or it may be a more
complex hydrodynamic or aerodynamic system involving the flow of pro-
pellents through the propellant feed lines or the f£low of combustion
gases through the chamber and nozzle. Any one of these potential
osclillating systems mey be driven by the energy availsble in the rocket
combustion process 1f that energy release is properly pulsed and phased
so that a feedback between oscillating system and the energy release
occurs (refs. 1 to 4).

One form of combustion-driven oscillations in rocket engines has
been identified as & hydrodynamic coupling between combustion-charmber
pressure snd feed line flow (refs. 5 and 6). This pulsing operation,
called chugging, is characterized by fregquencies of the order of
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20 to 200 cycles per second and chamber pressure amplitudes which can
stress and fatigue the chamber and which sometimes cause chamber or
injector distortion or rupture. Chugging generally results in a loss
of specific impulse.

Another type of combustion-driven oscillatloms, with frequencies
from 1000 to 10,000 cycles per second, 1s characterized by an audible
walling exhaust sound, a bluish, almost invisible exhaust Jjet in which
the shock positions oscillate to make the shock pattern appear fuzzy
to the eye, and Increased heat transfer to the chamber surfaces. These
osclllations, commonly called scresming, often cause chamber, injector,
or nozzle burnout fallures. Screaming has been observed to increase
the specific impulse.

The high-frequency osclllations have been attributed to a
combustion~reinforced pressure wave passing through the chanber and
reflecting from the chamber surfaces to trigger the succeeding combus-
tion surge. The frequency would therefore be governed by the veloclty
of wave propagation and the geometry of the chamber. Although the equa-
tilons for pure acoustlical modes cannot be applied rigorously to systems
where consiliderable energy is released periodically in a flowing stream
of chenging temperature and velocity profile, the osclllation frequencies
may be expected to correspond very roughly to one or several simple
acoustical modes of the chamber. In cylindrical chambers the prevalent
mode would probsbly be the longitudinel mode corxrresponding to the closed-
closed-end orgen pipe frequency (refs. 7 and 8).

A simplified analysis, based on the concept of acoustlcal resonance,
is developed iIn this report to correlate screaming fregquencies wilth
chamber geometry in terms of experimentally measurable quantities. The
derived parameter is substantlally independent of propellant combination
or operating conditions.

The experimental research reported in this paper was undertaken to
check the derived relation between the screaming frequency and the rocket
combustion-chamber length for two different cylindrical combustion cham-
bers, and to compare the performance and heat-transfer rates of screaming
operation with those of nonscreaming or normal operation. Frequency data
were obtained with an uncooled 100-pound-thrust acid-hydrocaxbon rocket
engine end wlith a water-cooled 500-pound-thrust oxygen-fuel rocket
engine. Performasnce and heat-transfer measurements were obtained for the
oxygen-fuel engine with ammonis, JP-3, and alcohol as fuels.

ANATLYSIS OF SCREAMING FREQUENCY ON BASIS OF ACOQUSTICAL
OSCILLATION MODE

If high-frequency oscillations are due to a combustion-driven
pressure wave passing through the chamber snd reflecting from the cham-
ber surfaces, the freguency of the rocket scream should depend on the
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distance of wave travel and the velocity of wave propagation during the
completion of an oscillation cycle. For cylindrical combustion chambers
the geometry of the chember can be spproximated by & simple btube, closed
at the injector end and partly closed at the nozzle end. However, the
existence of a choked condition at the throat of a rocket nozzle under
operating conditions prohibits the reflection of & compression wave as
an expansion wave. Consequently, it may be expected that the rocket
chamber is spproximsted acoustically by a cylinder closed at both ends.
For a closed-closed~end cylinder, the frequency £ of the longitudinal
or axial mode of scoustical oscilllation is given by the egquation

where =a 1s the velocity of wave propagation, L. is the cylinder length,
and n 1is a harmonic factor baving values 1, 2, 3, 4, .... to account
for multiple standing waves in the chamber.

There is no slmple way of estimating the velocity of wave propaga-
tion in the chanber from the rocket variasbles ususlly measured experi-
mentally. A relation between the characteristic velocity and the
velocity of sound at the entrance to the nozzle may be applied

« P by & a
W T+L

T-1
' (2)
T+1

c

where
C¥ characteristic velocity
Do chamber pressure
At nozzle throat area
W total propellant flow
a acoustic velocity at nozzle entrance
T ratio of specific heats
For Y velues of interest for rocket exhsusts, namely from 1.20
to 1.25, the values of the function of ¥ vary from 0.7104 to 0.73586.

Thus, this function can be assigned a value of 0.72 with an error of
less than 2 percent.
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Substituting in the originsl equation for frequency gives

f=0.72n0*_0.36n0*
2 L . L

av82

Similar relations can be derived readily for other acoustical modes of
the combustion chamber,

Application of the derived equation to rocket screaming mist be
recognized as an approximation: first, the acoustical equation does
not apply strictly for the case of energy addition within the cycle;
second, because of flow through the chamber, the velocity of wave propa-
gation ig different in the upstream and downstream directions (this
effect on frequency is small for conventional rocket chambers); and
thlrd, the veloclity of wave propagation in the chamber is not constant
at the veloclity of sound for the nozzle entrance. For chambers in which
the precombustion or low-temperature (low sound velocity) zone is long
relative to the chamber length, the average sound velocity may be con-
slderably lower then is indicated by the equations. Conversely, for
disturbances of large amplitudes, that 1s, shock waves, the velocity of
wave propagation willl exceed the calculated veloclity of sound.

In spite of these epproximations, the frequency thus derlived may
be useful in correlating screaming frequencies for various engines
because 1t 1s substantlally independent of propellant type or operatling
conditions.

APPARATUS AND PROCEIURE

Two rocket setups were used in making these tests. One of these
wag a 100-pound-thrust acld~hydrocarbon rocket engilne (fig. 1) and the
other a 500-pound-thrust liquid-oxygen rocket in which three fuels,
ermonie, JP-3, and alcohol were used (fig. 2).

100-Pound-Thrust Acid-Hydrocerbon Engine

Chambers and nozzles. -~ The chambers for the 100-pound-thrust engine
were stainless-steel tubes of 2-inch internal diameter used without
cooling. Chamber leungths measured from' the injector face to the nozzle
throat were 8.4, 16.4, 24.4, 32.4, and 40.4 inches (fig. 3(a)). The
length-to-diameter ratios varied from 4. to 20 and the characteristic
lengths {chember volume divided by nozzle throat area) from 103 to
516 inches. -

The nozzles were convergent nozzles made of aluminum alloy with a
600 convergence helf-angle and with a throat diameter of 0.557 inch. .
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Injector. - A four-acid-on-one-fuel impinging-type injector was

used (fig. 3(b)).

Propellants. - Technical grade nitric acid (97 percent ENO3,
specific gravity, 1.49 - 1.50) was used as oxidant. Commercial n-heptane

modified by addition of 12 percent by welght of turpentine was used as
a fuel. The turpentine was added to increase the tendency of the rocket

t0 scream.

Instrumentation. - Propellant flows were calculsted from the injec-
tor pressure drops. The flow rates were calibrated sgainst pressure drop
in both the oxidant and the fuel lines with water.

Thrust was measured with a calibrgted strain gage. The strain gage
output was recorded on a self-balancing potentiometer.

The combustion chamber and injection head pressures were measured
with Bourdon-tube pressure recorders.

The combustion osclllation frequencies of the acld-hydrocarbon
rocket were determined by three methods. One of these was by use of a
piezoelectric crystal pressure pickup. Such a pickup is sensitive to
raete of change of pressure rsther than to pressure. Therefore the plckup
is excellent for frequency determination but of limited value in meas-
uring pressures. The output of the pickup was connected to an oscillo-
scope and the oscilloscope trace recording by a moving-film camera.
Timing marks were printed on the £ilm each l/ 120 second. Samples of
tmica(.l)record.s obtained with the pressure plckup are shown In fig-
ure 4(a).

A second method of measuring the screaming oscillation frequency
was by use of a moving-film camera set up to photograph the imsge of
the exhsust pattern. The oscillations of the shock patterns in the
exhaust jet permit frequency determinetion. Timing marks of 1/ 60 second
were printed on the record. Ssample records are shown in figure 4.('b) .

The third method of determining screaming frequencies was by use of
a microphone and magnetic tepe recorder. The microphone was located
20 feet from the rocket engine. Its oubtput was recorded on the tape,
which was later played into a panoramic socund analyzer. The sound
panoram was photographed and the predominant frequencies read off the
photogrephic record. Typical sound panorams are shown in figure 4(c).

The most complete frequency measurements were undoubtedly obtained
by use of the microphone, tape recorder, and panoremic analyzer. This
technique, however, is of least accuracy in the frequency measurements
because of the necessity for repeatedly calibrating the panoramic
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enalyzer scale with an asudio-oscillator and becasuse of the limited
accuracy of reading the spectrum obtained with the instrument. The data
obtained with the panoramic analyzer show an gbsence of frequencies N
above 4000 cycles per second. This absence of recorded high frequenciles
1s believed caused, In part at least, by the reduced response of the
amplification equipment in the microphone, tape recorders, and pano-
remic spalyzer circultry. A large asmount of low-asmplitude noise appeared
on the sound panorams. This noise was also present in nonscresming runs.
These frequencles were eliminated from the screaming data plotted by
arbiltrarily discarding all frequencies less than one-third of the maximum
emplitude on the logarithmic declbel scale. Agreement within experi-
mental uncertainty was found in measurement of the fundamental oscllla-
tion frequency by the three methods.

Procedure. - The rocket was operated at various chamber pressures
from 150 to 350 pounde per square Inch and oxidant-fuel ratios from 2.0
to 6.5 for each of the combustion-chamber lengths. A slug of furfuryl
alcohol in the fuel line was used for. hypergolic (spontaneous ignition)
starts. Runs were of about 5 seconds duration.

500~-Pound-Thrust Oxygen~Fuel Engine

Cheanmbers end nozzles. - The combustion chambers for the 500-pound-
thrust engine were annular water-jacketed tubes of 4-inch internal
diameter. Tube lengths measured to the nozzle throat were 21, 27, 35, -
and 41 inches. The nozzle was a weter-cooled nozzle of 30° convergent
and 10° divergent half-angles with a 1.235-inch-diameter throat
(fig. S(2)).: The length-to-diameter ratios varied from 2.0 to 9.5
and the characteristic lengths from 105 to 437 inches.

Injectors. - Three injectors were used. Most screaming runs were
made with a showerhead-type injector with six concentric rings of jets;
three rings, each with 12 fuel holes, surrcunding three rings, each with
8 oxygen holes (fig. 5(b)).

An impinging-jet-type injector used had 24 fuel jets surroundlng
12 oxygen jets. The holes were arranged so that 12 of the fuel jets
impinged directly on-the oxygen jets {fig. 5(c)).

The third type of injector used was called a spray injector. It
had 24 fuel jets impinging into a spray of oxygen which emerged from a
swirl chamber (fig. 5(d)).

Propellants. - Commercial liquid oxygen was used as the oxldizer.
Three fuels were used: (1) anhydrous commercial liquid ammonia, -
(2) JP-3, and (3) alcohol, which assayed 95 percent ethyl alcohol and
5 percent methyl alcochol.

S¥82
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Instrumentation. - The propellant Plows were measured contimuiously
by strain gages supporting counterbalsnced tanks.

The thrust of the rocket engine was measured by straln gages con-
nected to a parallelogram-frame thrust stend. The outputs of the weigh-
ing and thrust strain geges were recorded on self-balancing potentlo-
meters. :

Combustlon-chamber pressure was messured on s Bourdon-tube-type
circuler chart recorder.

The coolant temperatures into snd out of the chamber were measured.
by copper-constantan thermocouples. The thermocouple outputs were
recorded on self-balancing potentiometers.

The coolant water Flow rate during the run was determined by
measurement of the pressure drop across the cooclant Jacket. Callbration
prior to running gave the relation between coolant flows and pressure
drop.

The combustion-oscillation frequencies were determined by recording
the output of & microphone on magnetic tape. The microphone was located
in the rocket cell. The tape records were played back into & panoramic
sound analyzer to separete the frequencies present in the sound spectra.
Only the predominant frequencies with amplitudes grester than one-third
the maximum emplitude were recorded.

Procedure. - Ignltion of the engine was accomplished by use of a
spark igniter inserted through the nozzle. The engine was started with
throttled propellant flows and brought up to full thrust in gbout
2 seconds.

Screaming was initisted by adjustment of the oxidant-fuel rstio and
chamber pressure. With the showerhead-type injector, screaming
generally occurred from 2 to 5 seconds after full thrust was reached.

No scresming runs were obtained with the spray-type injector.

The effects of the combustion-chamber length on the scresming fre-
quency were investigated with both engines. In addition an effort to
correlate screaming data obtained at several other rocket laboratories

was made.

Performance and heat-transfer measurements under normal and scream-
ing operation were made with the oxygen engine with emmonia, JP-3, and
alcohol as fuels. :

3 - aey . X
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RESULTS AND DISCUSSION

Effect of Combustion-Chamber Length on .
Frequency of Screaming

100-Pound-thrust acild-hydrocarbon rocket engine. - The observed
screaming frequencies for the 100-pound-thrust acid-hydrocarbon rocket
engine are plotted in figure S(a) against the ratio of the characteristic
velocity to the combustion-chamber length (C*/L); the equation
f = 0.36n C*/L is also plotted. Use of this parameter permits correla-
tion of frequency data over a range of propellsnt performance values as
well as for dlifferent propellant combinations (see ANALYSIS section).
The several methods used for measuring screaming frequencies with the
acid-hydrocarbon rocket show substantial agreement for the low or funda-
mental screamlng frequencies. For the pressure pickup records, cbserva-
tion of frequencles higher than the third harmonic was &ifficult because
of the problem of distinguishing these higher frequencles on the film
trace. The moving~-film records of the oscillations in the shock patterns
of the exhaust jet indicated a predominance of the fundamental frequency
in all cases. Higher frequencies than this were not discernible on the

records.

The plotted date show substantial agreement with the theoretical
lines derived in the ANALYSIS sectlon for the longitudinal acoustical
mode. The agreement between analysis snd experimentasl fundamental fre-
quency conflrms the assumption that the chamber behaves essentially llke
a closed-closed-end organ pipe, since the fundamental for an organ pipe
with one open end would be half the lowest frequencies observed here.
However, to assume that the harmonics which appear in the panoramic
records are due to multiple standing waves in the chamber may be errone-
ous. Typlcal pressure traces cbtained in screaming rockets indicate the
propagetion of a steep-fronted wave. . Such a trace can be resolved by
Fourier-series anslysis to & series of sinusoldsl waves of frequencies
harmonic to the fundamental frequency; the panoramic analyzer performs
this resolution. Because of the improbability that the multiple fre-
quencles Indicated by the data coexist as separate waves in the chamber,
it seems likely that these apparent harmonics are actually the Fourler-
series components of the nonsinusoidal pressure disturbance. '

The screaming frequencies for the long chambers (low C*/L values)
lie above the theoreticel line. In order to obtain frequencles gbove
the theoretical, it 1s necessary elther that the wave velocity be greater
or the chamber length less than the values used. The uncertainty of the
chamber length, particularly for the long acld-hydrocarbon engines, for
which the total correction for the nozzle length is gbout 1 percent,
appears negligibly small. Therefore, it is evident that the wave propa-

gation velocity is greater than the calculated acoustical velocity at L

the nozzle entrance. This may indicate high-intensity or shock-type
wave propagation in the chamber. That shock-type wave propagation occurs

a¥8e -
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in screaming rockets has already been shown by Bermsn and Cheney

(ref. 11), who estimated the strength of the shock, that is, the ratio
of static pressure behind the shock to static pressure in front of the
shock, as 1.5 in thelr 1500-pound-thrust oxygen-slcochol engine.

For the short chambers, on the other hand, the screaming frequencies
lie below the acoustical curve. This is probably due to the low mean
acoustical velocity in the short chambers, which have proportionally
longer low-temperature zones than the long chanbers.

500~-Pound-thrust oxygen-fuel rocket. - The relation between the
frequency of screaming and the parameter C*/L for the 500-pound liguid
oxygen-ammonia rocket engine is plotted in figure 6(b). Again the
experimentally measured frequencies show agreement with the longitudinsl
or organ-pipe acoustical mode. The panorams show the presence of all
harmonic frequencies up to the reduced anslyzer response.

Survey of data from other lsboratories. - Screaming data obtained
from other laboratories are plotted in figure 6(c). Wherever the
geometry and sufficient information to estimate the experimental per-
formance were given, the frequency date were plotted against the param-
eter C*/L. The chamber lengths were taken from the inJector to the
throzt of the nozzle. In most of these instances the combustion chambers
were relatively short with length-to-dismeter ratios end characteristic
lengths considershbly less than those for the chambers used for fig-
ures 6(a) and 6(b). This may account for the fact that the experimen-
tally observed frequencles lie on = line about 80 percent of the theo-
retical frequencies. Data for rocket engines beyond 5000 pounds thrust
were not avallsble for this plot. A recent pasper by Levine and Lawhead
{(ref. 9), presumably on high-thrust engines, discusses frequencies which
do not correlate with the axial dimension of the rocket but rather with
the diameter. It seems likely that in large-scale engines, where the
cylinder length-to-dismeter retio becomes proporticnally less than for
low-thrust chambers, radial and transverse acoustical oscillations will
be more spparent. .

The correlation hetween experimentally measured screasming frequency
and the frequency calculated on the basis of acoustical theory agrees
wlth observations reported in reference 10. Reference 11 slso shows
experimental screaming fregquencies for a 1200-pound-thrust liquid oxygen-
alcohol rocket engine. By use of the correlation parameter, the c¢* of
the engine can be calculsted. The value obtained for C* 1is 5160 feet
per second, which is a reasonable value.

These results Indicate that screaming is due to a combustion-driven
pressure wave reflecting in the chasmber and that, for low-thrust chambers
at least, a prevalent mode of osclllation of the chamber is the axisl or
longitudinal mode.
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Effect of screaming on performence. - Specific impulse data for the
500-pound-thrust oxygen rocket with ammonia as fuel are shown in figure 7
for the three different injectors in a 32-inch chamber. With the
showerhead-type injector, whiech hed poor performaence under normal opera-
tions, a large increase. in performsnce, from sbout 70 percent to 90 per-
cent of theoretical for equlilibrium expansion, was experienced when
screaming occurred.

With the implngling-jet-type injector, one normal run indilcated
higher specific impulse than the screaming runs. The differences in
performance, however, were of the order of the experimental uncertainty.
Performance In both cases was high.

With the spray injector, no screaming runs were cobtalned. The
specific impulse with this injector was equivaelent to the specific
impulse with the showerhead-type injector under screaming operation.
These results indicate that high propellant performance in a rocket
engine can be achileved without screaming operation.

Some performence data were obtained with the showerhead-type injec-
tor with JP-3 as the fuel. These are shown in the followirng tsble. The
Injector was not modified for use of the different fuel; consequently,

a mismateh of oxidant and fuel injector pressure drops was 1inherent in
the setup.

Oxidant- | Theoretical | Normal Screaming

fuel specific specific | specifie
ratio impulse, impulse, | impulse,
lb-sec/1b | 1b-sec/lb | lb-sec/1b
2.13 263 191
2.3 262 245

As with the ammonis fuel, the showerhead-type injector gave poor per-
formance under normal operastion and high performance under screaming
operation. The data show that screamlng can increase the performance
of a low-efficlency engine.

Effect of Screaming on Heat Transfer

The over-all heat-transfer rates for the S500~pound-thrust rocket
are shown for liquid oxygen-smmonia with the showerhead-type injector
in figure 8. Over-all heat-transfer rates for the showerhead-type
injector with JP-3 and alcohol fuels with ligquid oxygen are:

S¥82 -
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Fuel Oxidant- | Heaet-transfer rate,
fuel Btu/sec/sq in.
ratio

Normzl | Scresming

JP-3 2.25 0.65

2.29 2.85

2.84 .63
Alcohol 1l.42 0.49

1.44 .55

1.45 .54

1.66 2.75

1.92 2.50

With the showerhead-type injector, all screaming test runs gave greatly
increased heat-transfer rates. For the ammonla the increase was about
tenfold, and for JP-3 and alcohol, about fivefold. At least a part of
these differences is attributeble to the fact that higher specific
impulses were obtained with screaming than with normal operation (see
previcus section).

Calculations of the convective and radlant heat transfer (see
appendix) under the two conditions of operation indicate that the
increase of heat transfer under screaming conditions was somewhat
greater than was calculated on the basis of the increased perform-
ance. This difference suggests the possibility that some phenom-
enon, either aerodynamic or rediation heat transfer, augments the
heat-transfer mechanisms during screasming operation.

The heat-transfer rates for the nonscreaming spray injector with
emmonia fuel are also shown in figure 8. These were gbout 30 percent
less than those for the showerhead-type injector under screaming condi-
tions. These rates are for approximstely equivalent specific impulses.

Effect of Chamber Iength on Tendency for Screaming

Several hundred runs were made with the 100-pound-thrust scid-
hydrocarbon rocket engine. The percentage of screaming runs for each
different combustion-chamber length was calculated and the results are
shown in figure 9. Each data point represents from 24 to 92 runs. The
plot shows an increasling tendency for screaming operation as the
combustion~-chamber length is increased.

Observations

Screaming operastion was generally preceded by a period of rough
burning. Pressure pickup records indicated a series of minor explosions
just prior to screaming. With alcohol fuel these 1nitiating explosions

- -
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were suffilciently viclent to disrupt the thrust strain gage; conse-
quently, no specific impulse data were obtalned with alcohol fuel. This
experience differs from that of referemce 11, in which a smooth transi-
tion to high-frequency combustion oscillation was Iindicated. Once
started, screaming was stable and could not be stopped except by
shutdown. :

In the oxygen-fuel rocket the oscillations were found prone to occur
in the oxidant-rich region. With the showerhead-type injector screaming
occurred only after the propellant lines had cleared of oxygen warmed
before the run and when the colder oxygen from the tank was entering the
rocket chanber. When the oxygen tempersture was raised about 50° F (oy
pressurizing the tank and allowing the oxygen temperature to rise), mno
screaming coccurred. With the impinglng-jet-type injector the opposite
effect was observed: when screamlng occurred it begen immediately at
the start of the run and it occurred most readily 1f the oxygen tempera-
ture was raised. The observations imply that the screaming propensity
is linked with atomization and vaporizetion processes caused by the
injector.

The exhsust flames of the rocket engines changed when screaming
occurred. The exhaust of the acid-hydrocarbon rocket changed from a
faint yellow (cendle-like) color to a faint blue. With ammonia fuel
the flame of the oxygen rocket became invisible. The exhsust flames
with JP-3 and slcohol changed from yellowish to a transparent blue color.
The shock pattern in all cases appeared undefined during screaming.

The correlation of the experimental data with the analysis and the
fact that screaming occurred 1In the rather heavily constructed acid-
hydrocarbon rocket engine negate the suggestlon that the screaming in
these englines may be caused by mechanical vibrations of the chamber walls
or injector. In addition, an uncooled chamber with l/Z-inch wall thick-
ness was fltted with one of the test injectors on the oxygen stand.
Screaming combustion also occurred in this chamber.

SUMMARY OF RESULTS

Scereaming data from two rocket engines, one a 100-pound-thrust
uncooled acld-hydrocarbon rocket and the other a 500-pound-thrust water-
cooled liquid oxygen-fuel rocket, indicate:

1. The screaming frequencies in these cylindrical rocket chambers
corregponded roughly to the frequencies of a closed-closed-end organ~plpe
resonance and correlated with the parameter C¥/L where C* is the
characteristic velocity and 1. +the combustion-chamber length.

G¥8¢
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2. Performasnce with a poor injééfd?fzﬁémber configuration was
Increased by screaming operation; however, good performence was achieved
without screaming with a good injector-chamber configuration.

3. Heat transfer to the rocket chariber surfaces was Increased when
screaming occurred. TFor an oxygen-ammonie rocket, the increase was from
0.2 Btu per second per square Inch under normal operation to 2 Btu per
second per square inch under screaming conditions; this corresponded
to an increase in specific impulse from 70 percent of theoretical under
normal operation to 90 percent of theoretical under screaming opera-
tion. Calculations of the convective and radiant heat transfer under
the two conditions of operation indicate that the increase of heat-
transfer under screaming conditions was somewhat grester than was
expected from the Increased performance.

4, The acld-hydrocarbon rocket indicated an incressed tendency to
scream as the rocket chamber length was increased.

5. The oxygen tempersture affected the tendency of the liquid
oxygen-ammonis rocket to scream. With a showerhead-type injector,
raising the oxygen temperature before injection into the engine reduced
the tendency to scream. With an impinging-jet-type injector, raising
the oxygen temperature increased the tendency to scream.

6. Screaming occurred in thick-walled cylinders as well as in thin-
welled cylinders.

Lewis Flight Propulsion Lsboratory
National Advisory Committee for Aeronsutics

Cleveland, Ohio
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APPENDIX - CALCULATION OF HEAT TRANSFER IN OXYGEN-AMMONTIA

ROCKET ENGINE -

The equations from which the heat transfer for the oxygen-ammonia
rocket engine is estimated are set forth by McAdams (ref. 12).

5782

Convective Heat Transfer

The equation for convective heat transfer where the gas-~film heat
transfer 1s the controlling heat-transfer step may be written:

0.8 0.3
Qc _ K [Dvp HCp
+ = thT = 0,023 D) (Taf) (—E— AT

where
4. convective heat transfer to wall, Btu/(sec)(°R)(sq £t)

A ares of wall, sq £t

jo3
®

£ilm coefficient, Btu/(sec)(°R)(sq £t)

AT  temperature difference, °R

K conductivity of gas, Btu/(sec)(sq £t)(°R/ft)
D  chamber diemeter, ft :

v average local gas velocity, ft/sec

o gas density, 1b/cu £t

vl gbsolute gas viscosity, lb/ft-sec

¢, specific heat of gas, Btu/ (°R) (1b)

Since the theoretical maximum flame temperature for the oxygen-
ammonia combination is spproximately 5360° R, which corresponds to a
specific impulse of 258 pound-seconds per pound, and since the experi-
mentally measured specific impulse was 95 percent of the theoretical,
the maximm f£lame temperature Tg in the chamber was assumed to be

T, = 5360%0.95% = 4830° R
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And the weight flow of propellants W was estimated from thrust F
and the specific impulse ISP:

F 500 X

The quantity Dvp can be rewritten 4W/ prD; for this chamber
D = 1/3 foot. For the assumed fleme temperature,

k = 43.8X10°8 Btu/(sec) (sq £t) (°r/£t)
p = 53.8X10"8 1b/ft-sec

e, = 0.88 Btu/(°R) (1b)

and
AW __ Dvp _ ]_.4.5)(105
pxD 31
HCp
- = 1.08
Therefore
-8
_ 43.8X10 "X 0.023 5,0.8 0.3
h, = R (1.43¢X107) (1.08)

0.0418 Btu/(sec)(°R) (sq ft)

2.9X10™% Btu/(sec) (°R)(sq in.)

If the inside wall temperature is assumed to be 1060° R

AT = 4830 - 1060 = 3770° R

Then the convective heat-transfer rate in the chamber is

-ch = h AT = 1.09 Btu/(see)(sq in.)
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The heat transfer in the nozzle .q, 1is a little more difficult to
compute because of the changing cross-section and serodynamic flow. An
approximate expression for heat transfer can be derived by integrating
the convectlve heat-transfer equation:

th " fDe
an = AT{ Jp © Bg G+ jp © By da

where Dg, Dy, and De are the chamber, throat, and exit dlameters of
the nozzle, respectively, and

h = 0.023 £ (24 )28 (Bop)©-3
g~ D \[uD 3

If the nozzle 1s assumed to be two truncated cones joined at the
nozzle throat, the change in nozzle area can be expressed in terms of
the distance x <from the chamber end.of the nozzle. For the convergent
section dA = -7D sec o dx and for the divergent section
dA = 5D sec o dx where o and B are the convergent and divergent
half-angles of the nozzle. '

It is desirable to express these area changes as functions of the
diameters. Since ' : '

dxconv = -cot a 4D
dxg4y = cot B dD
it follows that
"D db
dAconV 2 sln o

and

Now the heat transfer can be expressed

S¥82
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D
) A t 0.023 . (4 0.8 1 0.8 Bep 0.3 pap .
In = D, D i D *® Zsin a

D
e 0.023 K éE.O.S l.0.8 ueq 0.3 D 4D
D¢ D 35,4 D K 2 sin B

0o
o
i For purposes of simplification the gas properties are assumed con-

stant. Then the expression can be integrated

- 0.023 2252 (ﬂ)o.s pep\’-3
A = ¥ 2 0.2 \ux K
0.2 0.2 0.2 0.2
(Dt) - (Do) (De) - (Dt)
- sin o + sin B

which can be rewritten
[Sp
%‘ _0.181 K AT o 0.8 Hep 0.3

9 = Fha Lt K

0.2 sin « 0.2 , sin @ _ 0.2
[Do -(l’fsins)nt +mne}

From this equation the heat transfer in the rocket nozzle was esti-
mated. The temperature throughout the nozzle was assumed constant and
equal to the flsme temperature o = 30°; B = 10%; Dy = 1.235 inches;
end Dg = 2.130 Iinches.

-6
43.8X10 4,0.
q, = 0.181 =22 (3770) (4.85%10%)%+8 1,080-3
[0.3330'2 - 3.88 (0.103)°°2 4 2.88 (0.1775)0'2]

a, = 130 Btu/sec

Although the temperature of the boundary layer through the nozzle
is generally assumed to be equal to the total temperature of the gases
rather then the static temperatures, the value calculated on the basis
. of constant (total) temperature is sgain probably high.
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The over-all convective heat-transfer rate for the chamber and
nozzle can be calculated from the previcusly given results and the
respective areas. The ares of the chamber was 402 square inches; the
area of the nozzle was 45 square inches. The over-all heat-transfer

rate is

% _ (ao/A) Ap + ay
A

Ags + Ap

. (r.09)(a02) + 130
402 + 45

1.40 Btu/(sec)(sq in.)

Redliant Heat Transfer

The radiant heat trensfer in the raocket chamber is estimated from

the equation ‘
\4 4
9y Tg: (Ts )
1—= 0.173 E's Eg -l—o—o- - d,g 1-0—0-

q, heat-transfer rate, Btu/(hr)(sq £t)

pseudo~-emissivity of chamber wall. :

8
eg emigsivity of gas

T, temperature of gas, °r

Qg emissivity of gas at wall_temperatgre

Tg wall temperature

The factor cx.g('I‘S/]_OO)4 is considered negligible in these calcu-
lations because of the low value of Tg.

The radlasnt heat transfer from the iexhaust gases of an oxygen-
ammonia flame is due almost entirely to 'the radlation from the water
formed in the combustion reaction. The emlssivity can be estimated
from the gas temperature and the product of the water pressure and
effective beam length. :

G982
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The gas temperature is, as before, 4830° R. The partial pressure
of water p, 1s its mole fraction times the chsmber pressure.

Py = 0.65X20.4 = 13.2 atm

The effective beam length 1. for a cylinder is taken as 0.9 of
the diasmeter. Therefore,

13.2X0.3 = 4 ft-atm

BT

For which
€4 = 0.14 (see ref. 12)

The pseudo-emissivity of the chamber walls is taken halfway between
the estimated wall emissivity and one. The relatively small contribu-
tion of radiation to the over-all heat-transfer rate justifies this
crude approximstion.

et . 0.6
Then
., (4830 4
+ = 0.173 (0.6)(0.12) (55

7.9%X10% Btu/(br) (sq £t)

0.15 Btu/(sec)(sq in.)

Because of the short besm lengths In the nozzle the radiant heat trans-
fer in the nozzle section is neglected.
Over-All Heat Transfer

The over-all heat-transfer rate is the sum of the estimated con-
vective and radiant heat-~-transfer rates

Qr = Q¢ + 9
= 1.40 + 0.15 = 1.55 Btu/(sec)(sq in.}
This value should be slanted toward a high heat-transfer rate since the

calculations assume the flame temperature to exist throughout the cham-
ber and nozzle.
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Figure 1. - Schematic layout of 100-pound-thrust acid-hydrocarbon rocket engine,
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Figure 2. - Bchematlc layout of 500-pound-thrust oxygen-fuel rocket engine.
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(a) Chamber and nozzle configuration.

(b) Injebtor

Figure 3. - Diagrams of 100-pound-thrust acid-hydrocarbon rocket engine.
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Secreaming operation

c-32227
(a) Oscillograph traces obtained with piezoelectric pressure detector.

Figure 4. - Bamples of records used to determine screaming frequencies.
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Kormel operation

Screaming operation
T c-32228

(b) Moving f£1lm photographs of exhaust Jjet..

Figure 4. - Continued. Samples of records used to determine screaming frequenciles.
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Soreaming operation
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(c) Pancremic sound records.

- Concluded. Samples of records used to determine screaming freguencies.

Pigure 4.
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(a) Chember and nozzle confliguration. Ch-3018

Pigure 5. - Diagrams of 500-pound thrust oxygen-fuel rocket engine.

SPB2

Be

LEdESHE WY YOVN



2845

NACA RM E53B27

Figure 5. - Contimued.

(b) Bhowerhead-type injector.
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Diagrams of 500-pound thrust oxygen-fuel rocket engine.
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Fuel Jete

Oxygen spray

Svee

Cb-3019

(d) Spray injector.

- Concluded. Diegrams of 500-pound thrust oxygen-fuel rocket engine.

Figure 5.
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Filgure 9, - Proportion of rums whichk screamed plotted against combustion-
chamber length for acld-hydrocarbon rocket. Fractlions on plot Indicate
number of screaming rums over total number of rmms.
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