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NATIONAL ADVISORY CCMMITTEE FOR AERONAUTICS

RESEARCH MEMORANDUM

AFRODYNAMIC LOADING CHARACTERISTICS OF A WING-FUSELAGE
COMBINATION HAVING A WING OF 45° SWEEPBACK MEASURED .-
IN THE LANGLEY 8-FOOT TRANSONIC TUNNEL

By Donald L. Loving and Clsiude V. Williams
SUMMARY

An investigetion of the aerodynamic loading characterlstics of a
wing-fuselage comblnalion was conducted in the slotted test sectlion of
the Langley 8-foo¥ transonic tunnel. The model had a wing with 45° sweep-
back of the 0.25-chord line, an aspect ratio of 4, a taper ratio of 0.6,
and NACA 65A006 alrfoil sections parallel to the plane of symmetry, and
was mounted in the midwing position on the general transonlc fuseleage.

The test was part of a systematic investigation of the effects of varying
the amount of sweepback on wings 1n order to determine their suitabllity
for transonic flight. The date obtained in the slotted trensonic test

. section bridge the gap in wind-tunnel data which had heretofore been

unobtaineble between Mach numbers of approximately 0.96 and 1.2 in the
closed-throat test section of the Langley 8-foot high-speed tunnel.

The largest changes with Mach number in the sercdynamic charecter-
istics occurred in the transonic speed range between Mach numbers of 0.90
and 1.02. The spanwise load on the wing at a glven angle of attack was
characterized by outboard shifts 1n lateral center of pressure with '
increase in Mach number. There was & rearwsard shift in chordwilse center
of pressure and large increases in the pitching-moment coefficient in =a
negative directlon through the transonic speed range. A loss in load
over the outboard sectlions of the wing, which occurred with an increase
in angle of attack and was due to separation, was delayed to higher
angles of attack as the Mach number was increased.

The loed on the fuselage and Inboard sections of the wing increased .
with an increase in angle of attack at all Mach nvwbers. The percentage
of total load carried by the fuselage at low angles ~I attack was approxi-
metely equal to the percentage of total wing area blank.ted by the fuse-
lage. The percentage of total load carried by the fuselage at higher
angles of attack exceeded the percentage of wing area Llanketed by the
fugselage by en increasing amount as the angle of attack was increased.
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INTRODUCTION ’ A

The installation of the slotted transonic test sectlon in the o
Langley 8-faot high-speed tunnel has made it possible to conduct aero-
dynamic investlgations at Mach numbers through the speed of sound with- - _
out the usual effects of choking and blockage associated with closged- . -
throat wind tunnels. The problem of wave reflections from the tunnel
walls onto thec model stlll exists, but data are not preEEBted herelin
for the conditions at which they occur. Extenslve pressure messurementy
on a wing-fuselage combination having a wing of-45° sweepback were—
obtained at transonic speeds Iin the recently installed slotted test
section. The basic pressure measurements in the form of-pressure coef- =
ficients have been reported in reference.l. The data obitalned in the
slotted transonic test section bridge the-gap in wind-tunnel date which
had heretofore been unobtainable between Mach numbers of approximately
0.96 and 1.2 in the closed-throat test section of the Langley 8-foot
high-speed tunnel. Measurements were made at angles of attack of}4°, B
8°, and 12° for the same wing-fuselage combination tested in the closed- .
throat testsection and reported in reference 2. Tests also were made
in the slotted test section at an angle of attack of 20° through the
Mach number range from 0.60 to 1.11l. Fotrée Tést results for the same -
conflgurations tested in the.closed-throat test section have been =
reported In reference 3.

A more detailed analysls ofthe pressure-distributiocn data obtelined
in the slotted test section (reference 1) is presented herein in terms -
of-section and over-all wing-fuselage characteristics.

The Reynolds number for this Investigation varied fraom 1.73 X 106
to 2.01 X 106 when based on the wing mean aerodynamic chord or from
9.44% x 10% to 10.95 x 10® when based on fuselage length.

SYMBOLS
b wing span - - ... _° _ . L
c ~alrfoll gectlon chord, parallel to plane of symmetry
c average wing chord (S/b)
b/2 -
ct mean serodynamic chord (gl/; 'c2dy)
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d fuselage section diameter

Amex fuselagénmaximum diameter

M Mach number

P free-gstream statlic pressure

PZ local static pressure

P préssure coefficient (Ez—é;li)

q free-stream dynamic pressure (% §V2)

R Reynolds number (pzf')

r fuselage section radius

S total wing area..

v velocity in undisturbed stream

X distance measured parallel to the flane of symmetry from
leading edge of section

y distance measured perpendicular to the plane of symmetry in .
spanwise direction

o angle of attack of fuselage center line

8¢ angle of twist of wing tip, measured parallel to plane of
gymmetry

o) messg density in undisturbed stream

K coefficlent of viscosity in undisturbed stream

SBubscripts:

f fuselage croass section

L lower surface of sectlon )

U upper surface of section

P
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The coefflcients ere defined as -follows:

Co bending-moment coefficient of the ﬁing outside the
fuselage ‘about the wing-fuselage Jjuncture

b/2 c
(2 2%&,:)[,1 /2 3 T

'5" -] max

c
wing-gection normal-farce .coefficient <%l/ﬁ (PL - PU) dx)
; o :

n
cpc o
—_ section normal-licading coefficlent- - -
c
Cngp fuselage crose-sectlon normal-force coefflclent
1 Tr.
A2/ (m-m)w
-r
cp & - I o
£ fuselage cross-sectlon normal-loading coefficient
dma.x ’ ’ ' ’ Tt o LT
normal-force coefficlent of wing-fuselage combination
Sy - sectlion pitching-moment caefflecient about 25-percent-chord
c
osition [-i - - &
posssen (3 [ (3 - 2o~ £)
Cm . pltching-moment coefficlent of wing-fuselage combination

about 25-percent-mean-aerodynamic-chord position

APPARATUS AND METHODS

Tunnel

The investigation was conducted in the slotted test—section of the
Langley 8-foof transonic.tumnel. This facility is a single-return wind
tunnel having & dodecagonel, slotted throat in which the Mach number 1s
continuously varlable through the subsonic speed range, at and through -
the speed of sound, and at supersonic speeds up to a Mach number of .
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approximately 1l.14. Explorations of the flow in the slotted test sec- .
tion indicated that uniform flow exists throughout the speed range of

the tunnel. The deslgn and calibration of this transonic testing
facility have been reported in references 4 and 5. At free-stream Mach
nimbers below 1.03, deviations in Mach number did not.exceed 0,003. At
Mach pumbers above 1.03 the maximum devlations fram the average stream
Mach numbers increased gradually to a value not exceeding 0.010. TFurther
investigation of the flow 1n the “tunnel revesled that the angularlty of -
the flow in the test section was approximately 0.1°. All data were
obtained at corrected angles of attack to compensate for this angularity.

Model

The model investigated was the same as that tested in the closed-
throat test section of the ILangley 8-foot high-speed tunnel. A complete
description of the model may bé found in reference 2. The wing had the -
quarter-chord line swept back 45°, en aspect ratio of 4, a taper ratio
of 0.6, and NACA 65A006 airfoil sections parallel to the plane of sym-
metry, and was mounted on the fuselage in the midwing position. Dimen-
sional details of the wing-fuselage combination are presented in fig-
ure 1. The wing was constructed of a steel core (see table I) with the
external contour of the sections formed by a tin-bismuth alloy covering.
One hundred and fifteen static-pressure orifices were located in the
upper and lower surfaces of the wing, digtrlbuied among five spanwise
stations parallel to the plane of symmetry (20-, 60-, and 95-percent
semispan on the left wing; and 40- and 80-percent semispan on the right
wing). The steel fuselage had a ¢lrculer cross section and a basic
fineness ratic of 12, which was modified to an actusl flneness ratlo
of 10 by cutting off one-sixth of the fuselage to atitach the sting. One
hundred and elght static-pressure orifices were distributed among six
meridlians on the fuselage, designated by A, B, C, D, E, and F, from the
upper to the lower surface (fig. 1). A photograph of the model mounted
in the slotted test section of the tunnel 1s presented as flgure 2.

An attempt was made to maintain the model serodynamically smooth
throughout the investigation; however, the lower surface of the wings
became badly pitted and rough at the high angles of attack because of
" dirt particles in the alr stream,

Model Support System

The model was supported by a tepered sting attached to the rear of
the fuselage. The tapered sting was mounted on a support tube which was
fixed axially in the center of the tunnel by two sets of supports pro-.
Jecting from the tunnel walls. The forward tapered portion of the
support tube was hinged to the rear portion in such & manner that the
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angle of attack could be changed while the tunnel was operating. Detalls -
of the-model support system and the model location in the slotted tran- .
gonic test section are shown in figures 3 and 4.

Measurements

The angle of attack of the model was measured by sighting the cross-
halr of-a cathetometer on a reference line marked on the fuselage. The
use of this device in conjunction with the remotely controlled angle-of-
attack changing mechanism enabled model angles of attack to be set to- T
within 10.1° with the tunnel operating at any Mach number. -

The.same cathetometer was used to sight on a reference line marked
on the tip of the wing. This measurement provided informetion on the i
angle of twist—of the wing tip. Because of the vibrations of the wing L
tip during the investigatlon, the measurements of wing-tip twist are
Judged to be accurete only to within #0.25°.

Tests

The investigation was planned to accomplish two purposes. The
firet purpose was to obtalin serodynamic information in the Mach number . . .-
range between 0.96 end 1.2 which heretofore could not be obtained in ;
the closed-throat test section of the Langley 8-foot high-speed tunnel.

The angles of attack to be tested were selected in order to cover the o
more representatlive angles of attack of those tested in the earlier -
investigation reported 1n reference 2. The second purpose was to cover

the speed range from a Mach number of 0.60 to the highest obtainable

Mach number at an sngle of attack conelidered to be in the reglon near »
maximum 1ift. Tests were made for angles of attack up to 20° at Mach

numbers from 0.60 to 1.13. The baslc pressure distributions for all . B
angles of attack tested are, presented in reference l. The snalysis of . o
the data for the followling angles of attack and Mach numbers are pre-

sented herein:

Angle of attack Mach number
(deg)
. 0.9%, 0.97, 0.99, 1.02, 1.11, 1.13
8 0.9%, 0.97, 0.99, 1.02, 1.11, 1.13 ' .
12 : 0.89, 0.94, 0.97, 0.99, 1.02, 1.11, 1.13
20 0.60, 0.79, 0.89, 0.9%, 0.97, 0.99, 1.02, 1.11 «
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The variation with Mach number of the approximate test Reynolds
number based on the wing mesn aerodynesmic chord of 6.125 inches is
presented in figure 5.

RESULTS

The sectlon and over-sll wing-fuselage characteristlics were obtalned
from grephicael integrations of the baslc pressure measurements descrlbed
in reference 1. The results are presented for angles of attack of 49,

89, 12°, and 20°. These angles of attack were selected .as representative
of the angles of attack at which the more important aerodynamic phenomensa
occur. Data for angles of attack of 4°, 8°, and 12° obtalned in the
closed~-throat test section of the Langley B-foot high-speed tunnel at
subsonic speeds up to & Mach number of 0.96 and &t a supersonic Mach num-
ber of 1.2 (reference 2) are included. These data are utilized to pre-
pent the complete variastion wlth Mach number of the various parameters
presented herein,

The spanwise distribution of the sectlion normal-loadling coefficients
and the section pitching-moment coefficlents presented for the fuselage
in the presence of the wling were obtained from several vertical planes
which pass through the fuselage. These section normal-loaeding coef-
ficients were based on the chords of the sections of the wing extended
into the fuselage. The section pitching-moment coefficients were based
on the quarter chords of these same gections.

Mutual interference effects of the wing on the fuselage and the
fuselage on the wing are present in the results since they were obtained
from the investigation of the wing-fuselage comblnation.

Symbols are used on the figures to indicate the data obtained during
the present investigation in the slotted test section. The solid lines -
without symbols indicate the results of the previous investigation made
in the closed-throat test section (reference 2). The turnel wall inter-
ference due to wave reflections modified the flow over the model, there-
fore, data are not glven for the range of Mach numbers from 1.02 to 1.11
in order to ensure that the data presented are free of these effects.

The dete shown for a Mach number of 1.2 were obtained from the Investl-
gation in the closed-throat test section for an angle of attack of 4°
only.
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DISCUSSION

Frequent reference to.the baslc pressure meagurements presented An -
reference 1 may be desirable 1In conjunction with the discussion of—the
aercdynamic characteristlcs presented herein.

Span Load Cheracteristicse - .- - S =

The spanwige distribution of-loed. an the model is presented in terms
_ c,C :
of section normal-loeding coefficient r%b- in figures 6(a) to 6(1). In

figures 6(a) to 6(c) the.loading on the fuselage is the average of the .
section npormal-loading coefficients on the fuselage for Mach numbers
from 0.60 to 0.90. The load distributions in figures 6(d) to 6(i) are
shown for the. complete semligpan of the model beginning at the vertical -
center line of the fuselage and extending out to the tip of the wing.
In this manner the actual Ioad carry-over from the wing to the fuselage
1s portrayed for the wvarious angles of attack tested at Mach numbers
from 0.94to 1.13. The average of the sectlion loadings on the fuselege
is presented in-figures 6(a) to 6(c) rather than the individual section
loadings because of the time Involved in computing the indlwvidual sec-
tion loadings. The shepé of the gpanwlse distribution of loading over
the fuselage is well establisghed for the more,important Mach number
renge between 0.94 and 1.13 in figures 6(d) to 6(1).

Beveral general characteristics in the spanwise load distribution
are lmmediately apparent. The sectlon loading coefficient over the
fuselage and inboard sections of the wing Increased with an increase in
angle of attack up-to 20°. The loading on the outboard sectlons
Increased with change 1n attitude up to the angle of attack at which
severe separatlon was experienced over this region of the wing. The
point at which severe . separation occurred over the wing tip was iIndi-
cated to be delayed tuv higher sngles of attack as the Mach number was
increased. The spanwise dlstribution of losding did not change appreci-
ably with increase in Mach number from 0.60 to 0.80. Thereafter the
loadlng shifted outboard wlth increase in Mach number, except for an
angle of attack of 12° at & Mach number of 0.90; at this condition a
slight Iinboard shift was noted due to the severe gseparation over the
outboard. sectlions.

The results of reference 2 and of the present investigation indi-
cate that a dip in the spanwise load distribution, corresponding tv=
reduction in load occurred between the fuselage center line and the wing-
fuselage juncture (fuselage maximum diameter). This discontinuity in
loading became larger wlth increase in asngle of attack from 4C 5200,
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Angle of atteck of 4°.- At an angle of attack of 4° and Mach numbers
up to 0.94 (figs. 6(a) to 6(d)) the spanwlse distribution of section
normal-loading coefficient was characterized by a nearly elliptical shape,
asg might be expected from theory. Increasing the Msch number to 0.99
caused that part of the load carried by the outboard regions of the wing
to increase, while thet carried by the inBoard sections decressed
(figs. 6(e) and 6(f)). This trend with increase in Mach number resulted
in a roughly rectangular loading over the wing at Msch numbers of 0.99
and 1.02, where the level in loading at the 80-percent station was
gpproximately the same as the level in loading at the 20-percent station.
When the Mach number was increased from 1.02 to 1.13 (figs. 6(g) to
6(1)) the distribution of load returned to approximately that 1ndicated
st the subsonic Mach number of 0.97. Throughout the Mach number range
from 0.9% to 1.13 the value of normal lcoeding coefficlent at the tip
region {95-percent semispan station) remained almost constant at a value
on the order of 0.Z21.

Angle of atteck of 8%.- At an angle of attack of 8° the variation
of spanwlise losding with Increasing Mach number was essentlally the same
as that indicated at an angle of attack of 4°, although more prondunced.
For example, increasing the Mach number from 0.94 to 0.99 resulted in a
decrease 1n the lcoad carried by the inboard sections and an appreclable
increase in the load over the outboard regions. Thls created a peak in
the distribution located in the reglon of the 80-percent semispan
stetion. The shape of the spanwlise locad distribution remalned about
the same at the higher Mach numbers but the values of section normal-
loading ccefficient decreased slightly with increase in Mach number
indicating a slight reduction in over-all load on the wing.

Angle of attack of 12°.- Between angles of attack of 8° and 12° at
Mach numbers up to 0.94% a marked change 1n the nature of the air flow
over the wing produced & pronounced change in the dlistributlon of load
over the wing span. At 12° angle of attack 1t was evident that severe
separation of the flow over the outer sections of the wing resulted in
e cansiderably smaller amount of the total load being carried By this
region than at the lower angles of attack. The most evident loss of
loading, as the angle of attack was increased to 129, occurred at Mach
numbers between 0.89 and 0.94. At the same time the losd over the fuse-
lage and the inboard stations of the wing continued to ilncrease with
increase.in angle of attack. Increasing the Mach number above ‘0.9h4
cauged. the level of loading on the outboard regions of the wing to
graeduelly increase until at Mach numbers of 1.11 and 1.13 the distri-
butions were much the same as those of the lower angles of attack of 4°
and 8°. This increase of loading on the outboard stations was associ-
ated with the delay 1n the separation over the outboard stations to
bigher angles of attack as the Mach number was increased.
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Angle of attack of20°.- At 20° angle of attack and Mach numbers up
to 0.99 the distributlcon of load over the wing was roughly trisngular in
shape and was indicstlve of the inboard spread of separated flow over
the wing as angle of attack wes increased beyond 8°. The distribution
was much the same asg for 12° except that the maximum value of wing sec-
tion normal-force coefficlent occurred at the 20-percent semispan station
rather than the 4O-percent semispan station. With increase in Mach num-
ber, changes in the load distribution were noted for the inboard stations
only. Here the loading was seen to shift outboard in the same manner as
for the sectlaons nearer the wing tip at lower angles of attack.

Normal-~Force Charascteristics -

Total normal-force coefficient.- The variation with Mach number of
the total normsl-force coefficient, Cy, presented in figure 7, is the

summation of all the sectlon normal-loading coefficlents acting on the
wing-fuselage combination. The values of the total normal-force coef-
ficients obtained from the slotted-throat investigation continued with-
out discontinuity the trends with Mech number Indicaeted by the values
obtained from the closed-throat Investigation, except for an angle of
attack of 4°, At an sngle of attack of 4°, the discontinuity 1& believed
to be due 1n part to an inaccuracy in the ﬁp angle of sttack of the model
when investigated in the closed-throat test section. :

For an angle of attack of 4° the normal-force coefficient appeared
to reach a maximum value of 0.35 at a Mach number of approximately 0.95.
At angles of attack above 4° the normal-Force coefficient increased in
the Mach number range between 0.90 and 1.00. The rate of increase
became greater as the angle of attack was increased from 8° to 20°. The
force break Mech number also was delayed to higher values as the angle
of attack was incressed. The maximum normel-force coefficient—value
of 1.14 occurred for an angle of attack of 20° at the force break Mach
number of 1.025. The normsl-force coefficlents for Mach numbers of 1.1l
and 1.13, at all angles of attack, were slightly less than the values
obtalned at the faorce bresk. ' '

Percent of total load carried by fuselage.- At—an angle of attack
of 4O the percent of the total load carried by the fuselage, as shown
in figure 8, remalned relatively constant throughout the Mach number
range investigated and is on the order. of16 percent: These data indi-
cate that, at least for the low angles of attack, the fuselage carried
about the same proportion of the total load as would be carrled by the
portion of the wing blanketed by the fuselage, if the fuselage were not
present. For this wilng-fuselage combirnation 16.5 percent of the total
wing area was covered by the fuselage.

i

" i'.l' fird

4

i |.'. oyl .
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At all Mach numbers the percentage of totel load carried by the
fuselage increased with increasing angle of attack above 8°. For
exemple, 2t an angle of attack of 8° and a Mach number of 1.1l the fuse-
lage carried 13.6 percent of the total load, whereas at an angle of
attack of 20° for the same Mach number the load carried by the fuselage
relative to the total load increased to 19.1 percent. This increase was
agsoclated with the inboard shift of the spanwise load distribution on
the wing with increase in angle of attack. The limiting values of the
percent of total load cerrled by the fuselage varied from a minlmum of
13.7 percent occurring at an angle of attack of 8° and a Mach number
of 1.11, to a maximum value of 23.5 percent at an angle of esttack of 20°
end & Mach number of O.60.

Lateral center of pressure.- The variation of lateral position of
the center of pressure with Mach number as shown in figure 9 reflects
the changes 1n the spanwise load distribution discussed in comnection
with figure 6. As might be expected from an examination of the spanwise
digtribution of loading (fig. 6), the location of the lateral center
of pressure at any particular angle of attack was approximately constant
from a Mach number of 0.60 to 0.90, moved outboard from a Mach pumber
of 0.90 to 1.00, and was fairly constant at the supersonlc Mach numhbers.
The changes in location of the, lateral tenter of pressure were small
with the maximum change being of the order of 10 percent of the semlspan
outside the fuselage.

The most outboard positlion of the lateral center of pressure was
noted for the Mach numbers in the renge from 0.99 to 1.13 for an angle
of attack of 8°. For these conditions the center of pressure was
located at approximately 48 percent. of the semispan outside of the fuse~
lage. This was primarily the result of relatively higher loads over the
wing-tip region than those farther inboard.

At an angle of attack of 20°, since the shepe of the spanwise loed
distribution remained approximetely the gpame with increase in Mach num-
ber, the lateral posltlon of the center of pressure did not vary sppreci-
ably with Mach number. It may be noted also that at an angle of attack
of 20° the inboard sections of the wing carried a greater load relative
to the outboard sectlions than at eny other angle of attack tested;
therefore, as expected, the lateral center of pressure was located at
the most Inboard position noted during the investigation which was
approximately 37 percent of the semispan ocutslde the fuselage at sub-
sonic Mach numbers and 40 percent at the supersonic speeds.

Bendling-moment coefficient.~ The bendlng-moment coefficient of the
wing about the wing-fuselage Juncture 1s & direct funciion of the loca-
tion of the lateral center of pressure and normal force acting on the
wing. In figure 10 the values of the bending-moment coefficient
increased from 0.08 to 0.10 with an Increase in Mach number from 0.60
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to 0.85 for an angle of attack of 4°. At 12° angle of attmck, for the
game Mach numbers, the values of the bendlng-moment—coefficlent decreased
from 0.23 to 0.22. The bending-mcoment coefflclent increased rapidly with
increase in Mach number between 0.90 and 1.00 for all angles of attack
above 4°, The values were generally less at a Mach number of-1,11 than
1.00 for angles of ettack of 4°, 8°, and 20°. The meximum value of
bending-moment coefficient was 0.37, and this occurred at an angle of
attack of 20° at a Mach number of 1.02.

Wing-Tip Angle of Twist

Positive serodynamic 1ifting loads on sweptback wings produce
bending slong the span with progressilvely less positive angle of attack
of the sections from the wing-fuselage Juncture out toward the wing
tip. As a result, significantly different spanwlse and chordwise losding
dlptributions occur on swept wihgs of .varylng rigldity even though they
may have the same airfoll sections and geometrlic dimensions.

An indication of the elasticity of-the wing used in the present
investigation is given in figure 11 by the measurements of the wing~tip
angles of twist for angles of attack of 4°, 8%, 12°, and 20°. The minus
signe preceding the ordinate values indicate a decrease in angle of
attack of the wing tip compared with the fuselage center line, The
meagurements refleci the variation with Mach number of the loeding on
the wing for this particular investigetion only as tested in the Langley
8-foot transonic tunnel, Measgurements on this wing in free flight—or
other testing facility would be expected to be different from the data
presented. herein because of differences in the values of the free-stream
dynamic pressure q for the various testing techniques.

The magnitude of the angle of twlst of the wing tlp increased with
increase in both angle of attack and Mach number, reaching a maximum
value of 2.6° at an angle of attack of 20° and & Mach number of-1.11.
The most rapid change for a given angle of-attack occurred for an angle
of attack of 12° between Mach numbers of 0.9% and 1.05. The value at a
Mach number of 1.05 was 130 percent higher than at a Mach number of 0.9%.
This was because of the repid outboard shift—in lateral center of pres-
sure as a result of the delay in Inboard spread of separation at an angle
of attack of 12° when the Mach number was increased from 0.94 to 1.05. .
At the higher Mach numbers the. increase in'wing-tip sngle of twist was
smaell with increase 1n angle of attack between 12° and 20° because of
the Inboard shift in center of pressure (Fig. 9) caused by the inboard
spread of the reglon of separsted flow at the wing tip.

An attempt was made to calculate the twlst of the tip of the wing
and to compare the values with the actual experimental measurements
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obtained during the investigation. It was asgsumed thet the entire load
wae carried by the steel core of the wing, that zero bending occurred
about the 2l-percent semispan stetion, and that the axls of zero twist
was along the 47.5-percent-chord line of the steel core (center of mess
of steel-core cross section). (See table I.) The 47.5-percent-chord
line of the steel core corresponds to the 48.8-percent-chord line of the
airfolil sections. The moment of lnertia of a steel-core section perpen-
dicular to the 47.5-percent-chord line about the chord line of that sec-
tion was calculated to be the product of the chord of the steel core &nd
the cube of the maximum thickness of the steel core divided by 21.66,

wlth a modulus of elasticlity of 30 X lO6 pounds per square inch. Thease
essumptions, in conjunction with the spanwise loading distributiong
shown in figure 6(a) to 6(1), were used in the application of the moment-
area method for determining the angle of twist of the wing tip.

Calculated angles of twlat of the wing tip for angles of attack of
12° and 20° are compared with the measured velues in figure 11. The
calculated angles agree satlisfactorlly with experlment in the manner of
variation with Mach number, but exceed the magnitude of the mesasured
values., Overestimation is to be expected asince the tin-bismuth alloy
covering, pressure tubes, snd other machined characteristics of the wing
were not considered in the estimation of the moment of inertia of the
steel-core cross sections., Nevertheless, the calculated values 4o show
thaet the trend with angle of sttack and Mach number of the wing-tip twist
angle due to bending may be predicted with reasonable accuracy if the
sppanwise load distribution is known.

Spanwige Distribution of Section Pitching-Moment Coefflcient

The sectlon pitching-moment coefficlents about the quarter chord of
the wing sections are presented in figures 12(a) to 12(¢) for the semi-
span of the wing outside the fuselage at Mach numbers from 0.60 to 0.90.
for various angles of attack. The spanwise distribution of section
pltching-moment coefficient for Mach numbers from 0.G94% to 1.13
(figs. 12(d) to 12(1)) is shown for the complete semispan of the model .
extending from the vertical center line of the fuselage to the wing tip.

The fuselsge section pltching-moment cocefficlents were characterized
by lerge changes from posltive to negative values in the spanwise direc-
tion from the vertical center line of the fuselage. These extreme con-
ditions were magnifled by Increases in angle of attack.

Large changes in the shape of the distribution of section pitching-
moment coefficient over the wing semlspan occurred when the angle of
attack was increagsed at any particular Mach number., For example, as
the angle of attack was increased from 4% to 89, a region of negative
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pitching-moment coeffliclent occurred at the ocutboard section of the wing
due to an Increase 1n the chordwise extent of relatively high negative—
pressure coefficlents over this outer section. W1ith continued increase
in angle of attack, the region of most negative section pitching-moment-
coefficient was seen to shift lnboard. This shift resulted from
increapes in the level of negative pressure coefficient over the trailing
edge of inboard sectlons of the wing and the onset of separation. over

the outboard sections. Once separation was estsblished in the flow over
the wing sections, change in angle of attack had 1little effect on change
in pitching-moment coefficient of these stalled sectlons.

The delay in inboard spread of negative section pitching-moment
ccefficient at the higher Mach numbers was due to the delay in inboard
gpread of separation with increese 1n Mach number., A similar deley hes
been discussed wlith regard to the spanwise distribution of section
normal-loading coefficient:

Piltching-Moment Characteristics

Total pltching-moment coefficient.- The values of pitching-moment
coefficlent (fig. 13} obtalned in the slotted test section at transonic
speeds for the wing-fuselage combinatian contlnue without—discontinuity
the trends with Mach number obtalned in the closed—throat investigation
of-the same combination.

In general, the variations with -Mach number of the pitching-moment
coefficient for the wing-fuselage comblnation, as shown in figure 13,
were influenced mogtly by the piltching-moment characteristics of the
wing, since at any particuler angle of attack wlithin the speed range of
this Investigation the pitching moment for the fuselage is Indicated by
the pressure distributions In reference 1 to be relatively constant.
The pltching-moment coefficients for the wing-fuselage combination were
characterized by large increases 1n piltching-moment coefficients 1in a
negative direction at transonic speeds up to a Mach number of 1.02.
These negative pitching-moment-coefficlent gradlents were the result
principally of rearward shifte In the chordwige center of pressure on
the wing-fuselage configuration (fig. 14). These rearward shifts are
caused by the ghift of loed along the wing toward the tip sectlions
(fig. 9) as well as by rearward shifts in section loading. Most of
the ghift occurred in the speed range between Mach numbers 0.89 and 1.02.
At Mach numbers of 1.11 and 1.13 the pitching moment—appeared to differ
little from the values at a Mach number of 1.02, except &t an angle of
attack of 12 at this angle of attack the pitching—moment coefficlents
became more negative, ep might be expected from the continued rearward
shift-1n center of pressure and from maintenance of normal force on
the wing at Mech numbers up to 1.13.
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Generally, incressing the angle of sttack from 4° to 20° delayed
the break in the pltching-moment-coefflicient curves toward more negative
values to a higher Mach number. For example, at an angle of attack of 8°
the pitching-moment-coefficient curve broke in a negatlive direction at a
Mach number of spproximately 0.85, while at en engle of attack of 20°
the break was delayed untlil a Mach number on the order of 0.925 was
reached.

Chordwlse center of pressure of wing outside of fuselage.- The
location of the chordwise center of pressure is a function of not only
the chordwise distribution of section loeding, but the spanwise dlstri-
bution of sectlon loading as well. The variation of chordwise center
of pressure with Mach number (fig. 1%) was shown to be fairly constant
from & Mech number of 0.60 to 0.90, moved gredually rearward between
Mach numbers of 0.90 and 1.00, and was approximately constant in the
supersonic speed range. As & typlcal example, the chordwise center of
pressure for an angle of attack of 4C was located at about 37 percent of
the mean serodynamic chord between Mach numbers of 0.60 and 0.89. When
the Mach number was Increased to 1.02 the center of pressure shifted
rearward to 51 percent of the mean serocdynamic chord and remained at
this approximate location up to a Mach number of 1.2. ’

Longitudinal center~of-pregsure location of the wing-fuselage
combination.- The longltudinal center-of-pressure locatlon of the wing-
fuselage cambination, relative to the leading edge of the mean aero-
dynamic chord (fig. 15), shows the same trends with increase in Mach
number and angle of attack as was shown by figure 1h for the wing char-
acteristics outboard of the fuselage. The most pronounced changés in
the location of the center of preéssure occurred in the Mach number range
between 0.85 and 1.02. The changes were in the form of repld rearward
movements of the center of pressure, averaging on the order of 15 percent
of the mean serodynamic chord with increase in Mach number. At a Mach
number of 0.60 the center of pressure was located at approximately 20 per-
cent of the mean serodynamic chord for angles of attack of 4° and 20°, At
a Mach number of 1.02 for these same angles of atiack the center of pres~
sure shifted to approximstely 36 and 30 percent of the mean aerodynamic
chord, respecﬁively.

Aerodynamic center.~- The location of the aerodynamic center
(fig. 16) 1s presented for the range of normal-force coefficlents ususlly
asgsociated with the normsl maneuvering flight of an alrcraft of this con-
figuration (values of Cy fram 0.2 to 0.6%? At Mach numbers up to 0.80

the location of the aerodynamic center wae relatively comstant at approx-
imately the 25-percent station of the mean serodynamic chord for normal-
force coefficilents of 0.2 and 0.4, and at the 20-percent station for a
normal-force coefficient of 0.6. Increasing the Mach number from 0.80
to 1.02 caused a rapld rearward shift In the location of the aerocdynamic
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cenbter with the maximum chenge in locatlon occurring for & normal-force
coefficient of-0.6. For this normal-force coefficlent the aerodynamic

center moved from the 20.5- to the 50-percent station of the mean asro-
dynamic chord. At a Mach number of 1.02 for normal-force coefficients

from 0.2 to 0.6 the merodynamic center was at—1ts most rearward loca- -
tion, 50 percent of the mean serodynamic chord, and remained at approxi-

mately the same station with increase 1n Mach number from 1.02 to the

maximum Mach number of 1.2 of thils investigation.

Fuselage Characteristics in Presence of Wing

Fugelage-longitudinal-load coefficlent.- The dlstributions of longi-
tudinal loading on the fuselage, presented In figure 17, are expressed

_ cpd
in terms of fuselage cross-seéction normal-loading coefficient we
b4

From these distributions 1t is evident that the presence of the wing
greatly Influenced the load distributlion over the fuselage, especially
at - the region of the wing-fuselage Juncture. At the subsonlc Mach nume
bers thia effect of the wing wasg evident In front of-and behind the wing-
fuselage juncture. Increasing the Mach number from 0.94% to 1.13 for this
investigation resulted in a decrease in the Influence of the wing shead
of the wing-fuselage Juncture, a broadening of the influence of the wing
behind the- juncture, a rise in the loading level over the rear part of . o
the wing-fuselage juncture at an angle of-attack of 209, and a gradual T
reduction in the maximum values of loading over the fuselage in the :
reglon of the wing location.

The most pronounced. changes in the distribution were those produced
by varying the angle of attack. A As the angle of attack was Incressged -
from 42 to 20° at & Mach number of-0.9%, the values of the fuselsge
cross-gsection normal-loading coefficlent increased from 0.275 to 0.965
in the region of the wilng-fuselage-Juncture. At a Mach number of 1.1l
slightly lower levels of maximum fuselage cross-sectlion normal-loading
coefficient were obtained for the angles of attack investigated.

Longitudinal center-of-pressure .locaticon of the fuselage in the
presence of the wing.~ The location of the longlitodinal center of pres-
sure of the loads on the fugelage in the presence of the wing is
expressed in terms of percent of the fuselage length in figure 18. The
center-of-pressure shifts on the fuselage were due primarily to the
chordwise shifts in loading on the sections of the wing adjacent-to the L=
fuselage. At Mach numbers up to 0.80 the center.of pressure wes located -
approximately at the 45 percent point of the fuselage length. Increasing -
the Mach number up to 1.00 resulted 1n a relstively rapld rearward shift
to approximately L8 percent aof the fuselsge length. At supersonic speeds
the center of pressure moved glightly forward then rearward again. It
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may be noted that the Mach number corresponding to the most rearward
location of the center of pressure for & glven angle of attack increased
with increase in angle of attack. For example, at an angle of attack

of 4°© the most rearward location of the center of pressure was at a Mach
number of 0.9%; whereas at an angle of attack of 20° the locaticn
occurred at & Mach number of 1.02. Figure 18 also shows that, for the
Mach number and angle-of-attack ranges investigated, the center of pres-
sure was always located shead of the position of the quarter chord of
the mean aerodynamic chord. The quarter chord of the mean aerodynsmic
chord was located at the 60-percent point of the fuselage length. The
maximum resrward shift in the location of the fuselage center of pres-
sure with increase in Mach number occurred at an angle of attack of 4°
and was approximately 4 percent of the fuselage length, which 1s about
22 percent of the mean aérodynamic chord. )

CONCLUSIONS

From the aerodynemic loading investigetion of a wlng-fuselage com-
binstion having a wing of 45° sweepback at transonic speeds in the
slotted test section of the Langley 8-foot transonic tunnel, the fol-
lowing conclusions are drawn: '

1. In general, the aerodynamic characteristics of the wing-fuselage
combination investigated in the slotted-~-throat test section at Mach nume~
bers from 0.9% to 1.13 continue without discontinuity the trends with
Mach numbers fram 0.60 to 0.96 and at 1.2 indicated by the values
obtained from the investigation of the same wing-fuselage combination 1n
the clogsed-throat test section.

2. The spanwige loading on the wing at a constant angle of attack
was characterized by outboard shifts In normal loading with increase
in Mach number through the transonic speed range.

3. The loss 1n loading over the outboard sectlions of the wing which
occurred with an increage In angle of attack and was due to separation
was delayed to higher angles of attack wlith increase In Mach number
through the transonlc range. As & result, large increases in total
load on the wing-fuselage cambination were experienced with increase
in Mach number through the transonic speed range, especlally at the high
angles of attack.

4, The chordwlse center of pressure as well as the aerodynamic

center of the wing shifted rearward with incresse in Mach number through
the transonic speed range.
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5. The percentage of total load ¢carried by the fuselage decreased
slightly through the transonic speed range. At the lower angles of '
attack the-percentage of total load carried by the fuselage was approxi-
mately equal to the percentage of the total wing aree blanketed by the
fuselage, which was 16.5 percent. At the higher angles of- attack the
percentage of total load carried by the fuselage exceeded the percentuge
of the wing area blanketed by the fuselage. The peak values of the wing-
induced loading on the fuselage decreased with increase 1n Mach number
through the transonlc speed range, but the influence of the wing on the
loading. spread. rearward qver the fuselage,-and gave rise to a rearward
shift In the center of . pressure of the. fuselage with increase in Mach
number, - -

Langley Aeronautlcal Laboratory
National Advisory Committee for Aeronsutics
Langley Field, Va.
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TABLE T

COORDINATES OF WING CORE

2N
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——t—- - T
Leading edge
Root chord Tip chord

X,in. y.in. X,in, y.in.

O 0 ) 0O

1.688 .149 .O13 .090

3.938| .149 2.263 .090

5813 .108 3.488 065

7.313) O 4.388| O
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Figure l.- Details of the wing-fuselage combination Investigated in the
slotted temt—sectlion of the Langley 8-foot transonic tunnel. (All
dimensions are in inches except as otherwise noted.)
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Figure 2.- Model installed in the slotted test section of the
Langley 8-foot transonic tuanel.
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Figure 3.- Details of the location of the model in the slotted test section
of the Langley 8-foot transonic tunnel.
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Figure 4. - Model support system for high angles of attack.
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Figure 10.- The variation with Mach number of the bending-moment coef-
ficient of the wing outside the fuselage sbout the vi.ng—fuselage
Juncture at several anglea of attack.
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