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WIND-TUNNEL -SAT SUBSONIC SPEEDSOFTBE 

STATIC ANDDYNAMIC-ROTARY STABILITY DEKCVATIVES 

OF A TRIANGULAR-WING AIRPLANE MODEL HAVING 

ATRIANGULAR VERTICALTAIL= 

By Benjamin H. Beam, Verlin D. Reed, 
and Armado E, Lopez 

Oscillation tests were conducted in a wind tunnel to measure the Iii 
dynamic-rotary stabFlity derivatives of snairplsne model at high subsonic 
speeds. The model wing was approximately triangulsr with an aspect ratio 
of 2.2 and the vertical tail was triangular. TheMachnumberrsngewas 
from 0.25 to 0.95 and the basic Reynolds number was l,~O,OOO. The angle- 
of-attack range was from -8O to +i8O at low speeds but was more restricted 
at high speeds because of model safety considerations. The oscillation 
frequency for the majority of the tests was approximately 8 cyclee per 
second; however, some data sre included for sn oscillation frequency of 
approximately 4 cycles per second. The oscillation amplitude was 
amroximately 2'. 

Measurements included the dsmping in pitch, dezqing in yaw, damping 
in roll, the rolling moment due to yaw3ng velocity, and the yawing moment 
due to rolling velocity. The static force and moment characteristics of 
the model are also presented. Comparisons have been made between experi- 
mental values of the stabflity derivatives and values estimated by current 
semiempirical methods using the wind-tunnel static-force data. 

Generally fair agreement between estimation and experiment was 
obtained at low angles of attack for Mach numbers below 0.92. Some sizable 
differences were noted but these could be accounted for by simple modifi- 
cations to existing methods of computation. For Mach numbers of 0.94 and 
0.95 the damping in pitch and demping in yaw were considerably lower thsn 
at a Mach number of 0.92, and for angles of attack above loo at high Mach 
numbers the rolling derivatives were violently affected by flow irregu- 
larities on the Kfngs.. 

%orrected version supersedes original version which was found to 
contain a computing error in the yawing-moment coefficients measured 
dursllg static-force 'tests. 
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INTRODUCTION 

NACA RM A55A28 

The calculation and prediction of dynamic stability has aesumed con- 
siderable importance in recent years and, in fact, has become a neceseary 
part of nearly all current airplane design. The phase of these calcula- 
tions which is normally subject to the greatest uncertainty is the esti- 
mation of the dynamic stability derivatives for high speeds. The methods 
used in evaluating these derivatives include both theoretical and experi- 
mental techniques. A large number of purely theoretical reports have 
been published of which references 1 and 2 are examples. Wind-tunnel 
measurements include data taken at low epeeds in the Langley atability 
tunnel (ref. 3), tests with a steadily rolling model at high speeds 
(ref. 4), and experiments with oscillating models (refs. 5 and 6). Flight 
measurement5 include test5 with both piloted airplanes (refa. 7, 8, and 9) 
and rocket-propelled or freely falling models of aircraft (ref. 10). The 
literature on this subject is extensive and the above reference5 are only 
representative examples of the different techniques. Summaries of the 
unclassified research on dynamic stability and estimation of the stability 
derivatives can be found in reference8 11 and 12. 

The method used to obtain the data in this report represent8 a new 
approach to the measurement of dynamic atability derivatives in a wind 
tunnel (ref. 13). The technique should have considerable appeal to 
designers confronted with the problem of evaluating the dynamic perform- 
ante of an airplane. The necessary stability derivatives are measured on 
a scale model at high speeds and under orscillatory conditiona. With 
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these experimental data and supplementary static-force teet data it is 
shown herein that reasonably accurate estimates of the longitudinal and 
the lateral-directional dynamic stability characteristics can be made. 
Thus the most uncertain part of the dynamic stability estimate - the 
evaluation of the derivatives - becomes. amenable to wind-tunnel research. 
It is believed that methods such as this will permit the same assurance 
in eetimating the oscillatory characterietics as wind-tunnel static-force 
tests have provided in static stability and control calculationa. 

Results of teats on an airplane model having a triangular wing and 
a triangular verticaltail are presented in this report. The principal 
emphasie ha5 been placed on the presentation and discus5ion of the wind- 
tunnel data, and comparison with existing methods of e8timating the sta- 
bility derivatives. Some typical dynamic stability calculation5 are 
presented for a representative airplane to illustrate the application of 
the data. 

SYMBOLS 

Forces and moments are referred to the stability system of axes shown 
in figure 1. The various stability derivative5 are defined as follows: 
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The following additional symbdls are used in the report: 

CL 

CD 

CY 

(3 

c, 

%I 

M 

R 

S 

St 

Tl/2 
3 T1/10 

lift coefficient, lift 

$W's 

drag coefficient, drag 

+s 

side-force coefficient, side force 

@S 

rolling-moment coefficient, r" 77ing moment 

$%b 

pitching-moment coefficient, pitching moment 
1 3 pv%E 

y-am-moment coefficfent, YatinR moment 
$ pv33-b 

Mach number 

Reynolds number 

wing area 

tail area 

-. 
time to damp to one-half and one-tenth amplitude, respectively 

5 . 
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velocity 

Wing BPELI-I 

local chord 

wing mean aerodynamic chord 

tail mean aerodynamic chord 

frequency of oscillation, cps 

tail length 

rolling velocity 

pitching velocity 

yawing velocity 

time 

chordwise distance of aerodynamic center behind the center 
of gravity 

angle of attack, radians except where noted 

angle of eideslip, radians except where noted 

flap deflection angle, positive downward, deg 



NACA F&I A55A28 7 

P air density 

w circular frequency of oacilLLation, 2nf 

do z 
dt 

, 

Symbols used only in the appendix are defined in the appendix. 

MODEL 

The model wing used in this investigation was approximately triangu- 
lar and the vertical tail was triangular. Figure 2 is a three-view 
drawing of the model showfng some of the important dimensions. A front 
quarter view of the model mounted on the osciJJatRtfon apparatus in the 
wind tunnel is shown in the photograph, figure 3(a). Additional geometric 
and dimensional model data are given in table I. 

The wing was provided tith split flaps which could be set to angles 
of -4O, -8O, -12q and -16O, and tith a removable chordwise fence at 65- 
percent semispan on each tig panel. The fence extended from the wing 
leading edge to the flap hinge line 5.nd was 0.04~ in height above the wing 
surface.between chordwise stations of 0.1~ and 0.5~. The flap and fence 
tistallation is ahown in the photograph in figure 3(b). 

Construction details of the model are of interest because of the 
unique problems presented in dynamic testing. Although the weight of the 
model did not have a direct bearing on the accuracy of the measured aero- 
dynamic data, It was desirable to keep the weight as low as practicable 
because in this way other design and vibration problem5 in the model sup- 
port 5.nd oscillation mechanism were minimized. Structural rigidity in the 
model was also felt to be desirable to minimize flutter and aeroelastfc 
distortion although no quantitative measurements were made to evaluate 
their possible effects. 

The model wes built of aluminum alloy in four major parts: the wing, 
the vertical tail, the body shell, and the ca5e which enclosed the 05cilla- 
tion mechanism or the strain-gage balance and to which the other parts 
were attached. The wing and vertical tail were of sandwich construction. 
Aluminum honeyccanb was used as a core material and inserted into a one- 
piece skeletal framework for the wing which included the 1eEtding and 
trailing edges. This a5aembly was machined to a contour which, 5,fter the 
application of sn aluminum alloy skin, would result in the proper wing 
shape. The skin was then bonded to the core and to the frameKork under 
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pressure using a resin adhesive. In the fabrication of the body, sections 
of short sheet aluminum were formed to-shape in a drop-hammer die, then 
fastened together and attached to the case. The resulting weight of the 
model was approximately 16.7 pounds, of which the wing weight was 9.1 
pounds, the tail 0.7 pound; the fuselage 3.3 pounds and the case 3.6 
pounds. 

APPARATUS 

The static-force- and -moment characteristics were measured with a 
b-inch-diameter, four-component strain-gage balance enclosed within the 
model body. The dynamic stability derivatives were measured on a special 
oscillation apparatus which is a single-degree-of-freedom oscillatory 
system, described in detail in reference 13. The model was mounted on 
crossed-flexure restraining springs which permitted rotation about one 
axis only. Various-combinations of rolling, pitching, and yawing motions 
were obtained in this system by variations in the orientation of the axis 
of oscillation. The momenta due to prescribed combinations of theee 
motions were measured and separated into the various stability derivatives 

I 
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Oscillations were excited and maintained about the axis of rotation 
by a push-rod linkage-to an electrom~eticsllaker._ The shaker was, in. 
turn, excited by an electronic feedback network which automatically 
selected the natural frequency of the oscillating model and the desired 
amplitude of oscillation. The necessary-strain-gage measurements were 
processed through an analog computing system which evaluated and recorded 
the amplitude and phase relationship of each oscillatory quantity. 

TESTS 

Tests were originally planned for a range of arigles of attack from 
-8O to +18O for Mach numb&s from 0.25 to 0.95. The design of the oacil- 
lation apparatus was such that it was necessary to limit static pitching 
moments to approximately ~t300 inch-pounds .for the oscillation tests. The 
split flaps on the wing were therefore.provFded as a trimming device to 
maintain the pitching moment within these limits at high Mach numbers. 
This resulted in an overlapping in angle of attack at low Mach numbers 
with the varioua flap angles. - 

Oscillation teats were-first attempted at a Reynolds number of 
2,750,mO. It was found that buffet or random aerodynamic disturbances 
were encountered for Mach numbers above 0.90 at all angles of attack, 
and for angles of attack above 8O-at lower Mach numbers. These dietur- 
antes resulted in difficulty in maintainfng a uniform sinusoidal 
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oscillation and probably imposed loads on the model in excess of the 
design loads. The Reynolds number for the tests was therefore reduced 
to 1,500,OOO at all Mach numbers above 0.25 to reduce the dynamic pres- 
sure and the possibility of model failure. While this permitted testing 
at Mach numbers up to 0.95 at low angles of attack, it was found that, 
despite the reductFon in dynamic pressure, buffeting of the model and 
erratic aerodyaamic moments still prevented reliable measurements above 
an angle of attack of 8' at Mach numbers above approximately 0.85. 

Data were taken for osculation frequencies of approximately 4 and 
8 cycles per second. The oscillation frequency varied somewhat from these 
nominal values, depending on the variations in mass and aerodynamic restor- 
ing moments appropriate to a particular configuration. More complete data 
were obtained at the higher frequency because the restoring springs for 
this frequency were stiffer and the model oscillation was easier to 
control. Throughout the tests, data were taken for four different oscil- 
lation amplitudes ranging from peak amplitudes of less than lo to approxi- 
mately 3.5O. The data presented in this report were taken for a peak 
oscillation amplitude of approximately 2o, but no sfgnfficant variations 
fram the values shown were found for the other amplftudes. 

CORRECTIONS To DATA 

. 
The drag coefficient and the angle of attack have been corrected by 

the method of reference 14 for the induced effects of the tunnel walls 
resulting from lift on the model. The following corrections were added 
to the measured values: 

Aa. = 0.25 CL, deg 

AC, = 0.0043 CL2 

Induced effects of the tunnel walls on the pitching-moment coefficient 
were calculated and found to be negligible. The dynamic stability deriva- 
tives have not been corrected for tunnel-wall effects resulting from lift 
on the model. 

Corrections were applied to the'data to account for the constriction 
effects of the tunnel wslls using the method of reference 15. At a Mach 
number of O.g& this correction amounted to an increase of less than 2 
percent in the measured values of Mach number and dynamic pressure. 

The drag data have been adjusted to correspond to a base pressure 
equal to free-stream static pressure. The effect of interference between 
the model snd sting on measured valuea.of pitching-moment coefficient was 
assumed to be negligible on the basis of measurements with two different 

-- 

A- 
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atin@; diameters - the &-inch sting used for the static tests and the 
2-l/&inch sting used for the dynamic tests. 

Corrections to the measured values of the damping coefficients due 
to internal damping of the model and oscillation mechanism were determined 
from wind-off measurements of the damping with the tunnel evacuated. This 
correction would have changed the measured values of Cl P and Cn, less 
than 0.005 (and values of Cma + Cmd leas than 0.015) and was therefore 
considered negligible. 

A correction to account for interaction within the oscillator mecha- 
nism was applied to the values of Cn . this correction was about 6 
percent of the measured damping of thg oscillation reduced to coefficI.ent 
form (see ref. 13), and amounted to approximately -0.02 through the range 
of Mach numbers and angles of attack. Other interactions were found to 
be negligible. 

The effect of stZng resonance on the dynamic stability derivatives 
was established from a number of additional tests with the sting guyed 
rigidly to the tunnel wall and was found to be negligible. The effects of 
aerodynamic resonance caused by the wind-tunnel walls sitilar to that dis- 
cussed in reference 16 cannot be determined accurately in this case, The. 
relation used in reference 6 yields a minimum wind-tunnel reeonant fre- 
quency of 17 cycles per second. This frequency was for a Mach number of 
0.95, with higher resonant frequencies at lower Mach numbers. Since the 
model oscillation frequency never exceeded 10 cyclea per second, it is 
doubtful that aerodynamic resonance had any important effect on the data. 

RESULTS 

Results of wind-tunnel tests of the model and some estimates of the 
controls-ffxed o6ciJLLator-y response are presented in the figures listed 
in the following table. All moments are referred to an assumed center of 
gravity situated in the plane of symmetry at a point 0.30E behind the 
leading edge of the mean aerodynamic chord and 0.03e above the wing-chord 
plane. 

Static longitudinal characteristics Figure 
Basicdata ..... ............. ..................... . 

.I- 
...... .. 4 

Effectaoffences . 5 
Effects of Reynolds number ................... 6 
Effects of sideslip angle. ................... 7 
Body alone characteristics ................... 7 
Effects of &ch number ..................... 8 

l 

. 

I 

I 

. 



NACA RM A55A28 11 

Figure 
Dynamic longitudinal stabiLLty derivatives, C%, Cms + Cm. 

Basicdata .... ..... ....... .. .. ..? .... 9 
Effects of fences. .. I .......... ‘r ......... 10 
Effects of Reynolds number ................... 11 
Body alone characteristics ................... 12 
Effects of Mach number ..................... 13 

Static lateral characteristics 
Basicdata........................... 
Effects of variations in sideslip angle.'. . . . . . . . . . . . 15 

Sideslip derivatives, Cz 
Basicdata 

fj~ c-r,> hB 
..... . . ... ................. 16 

Effects of fences. ....................... 17 
Effects of Reynolds number and frequency ............ ~8 
Effects of Machnumber. .................... 19 

Lateral rotary derivatives, CL , Cnp, Cl, - CL., Cnr - Cn, 
Basicdata.........P........p.....j! .. ..2C 
Effects of fences. ....................... 21 
Effects of Reynolds number and frequency ............ 22 
Effects of Mach number ..................... 23 

Dynamic stability estimates 
Short-period, stick-fixed, longitudinal oscillation. . . . . . . 24 
Controls-fiXed lateral-directional osculation . . . . . . . . . 25 

Except where noted, the Reynolds number for the tests was 2,75O,OOC for 
a Mach number of 0.25 snd 1,500,OOO for the higher Mach numbers. 

DISCUSSION 

Static Longitudfnal Stability Characteristics 

The static longitudinal characteristics of the model tith no fences 
and with flaps undeflected are similar to results from other sources on 
triangular-wing models. In particular, the abrupt fcrward shift of the 
center of pressure and the corresponding reduction of lift-curve slope for 
angles of attack between loo and lZ" at high subsonic Mach numbers are 
aimLIar to those noted in references 17 and 18. This effect has been 
attributed to a loss of lift at the wing tips as the leading-edge vortex 
separates from the-wing tip and moves inboard. 

Effects of flaps.- Deflection of the split flaps diminished the sever- 
ity of the moment and lift change noted above, but the flap effectiveness 
was also greatly reduced for angles of attack above approximately loo 
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(fig. 4). This is an undesirable characteristic If, as in this case, the 
flaps sre used as a Ipitch control, since a reduction in flap effectiveness I 
could result in difficulty in recovering from a pitched-up attitude. 1 

Effects of fences.- Chordwise fences at 65-percent semispan were 
found to be partially effective-in relieving the adverse effects of flow 
separation at the wing tips. This fence configuration was found to be 
the most promising of a number of possible wing fixes in tests of a eimi- 
lar model at the NACA'S Langley Aeronautical Laboratory. As shown in 
figure 5, the presence of &he fences on.the wing prevented the revereal in 
the slope of the pitch--moment curve, but there was no corresponding 
improvement in flap effectiveness at the higher lift coefficients. 

Effects of sideslip~~angle.- Moderate sideslip was round to alter the -- 
angle of attack at which the abrupt pitching-moment change occurred 
h3. 7(c)). Thi s was probably the result of changes in wing loading with 
the changes in effective sweepback angle for the sideslfpping wing. The 
connection between pitching moment and sideslip angle in this range is 
also significant because it indicates an inter-relation between the longi- . 
tudinal and lateral-directional stability problems, which are often con- 
sidered separate,ly. 

Longitudinal Stability Derivatives, Cmc and Cmq + Cm. 
a . 

Two longitudinal atability derivatives were measured, & and 
- I- 

Cmq + Cm.0 These two terms and the lift-curve slope are the aerodynamic 

derlvati:es of greatest importance in determining the short-period, stick- 
fixed longitudinal motion, as will be shown for a representative airplane 
later in this report. 

The static longitudinal stability.derivative, L.- Values of C%, 

the rate of change of pitching-moment coefficient with angle of attack, 
obtained in the oscillation tests are compared in figure 9 with values 
from static tests. Although there is substantial agreement between the 
two sets of data, values of C% obtained under oscillatory conditions 
were generally more positive at the lower Mach numbers than those obtafned 
under static conditions. After careful consideration of the possible 
sources of error, it was concluded that these data accurately reflect 
either a reduction in CD or a slight forward shift in the center of 
pressure in the oscillatory case whi,ch was nearly independent of angle of 
attack. A forward shift in the center of pressure was observed in the 
data presented in reference 19 for a two-dimensional wing, while a rear- - 
ward shift was noted in reference.5 for a triangular wing having an aspect d 
ratio.of 4. In the present case the change Fn Cma is equivalent to a 
shift of the center-of pressure of not more than 5 percent of the mean c ..- 

aerodynamic chord. w 
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The damping-In-pitch der&ative, Cms + Cm,.- Damping in pitch has a 
been the subject of intensive investigation from both the theoretical and 
experimental standpoint iri recent years. The theoretical analyses in 
reference8 2, 20, and 21 approach the problem from different viewpoints, 
yet the final results are in general agreement (fig. 13). The derivat'ion 
of cmq given in Appendix A of reference 20 can be simplified by intro- 

ducing numerical constants for some of the variables which were found to 
change only slightly with changes in aspect ratio and Mach number. (In 
using ref. 20 it should be noted that there is a typographical error in 
eq. (fi3), and, as stated in the subsequently issued errata sheet, a minus 
sign should be inserted between Cmb/e and A&,/e.) The differences in 
the final result due to this approximation were found to be within 3~0.1 
for the plan form consldered in this report, and this increment was not . 
considered significant. The effect of the body on the damping in pitch 
can also be assumed negligible (figs. l.2 and 13). Thus simplified, the 
expression for a triangular wing becomes 

where CLC,. and b&g/a are from static-force data. Values of Cmq cal- 
culated from equation (1) are shown in figure 13 to account approximately 
for the magnitude and the variation with Mach Fber of the experimental 
values of Cms + Cm& up to a Mach number of O@$j No theory is Imown to 
the authors which would predict the.observed reduction fn damping above 
this Mach number. <+-j . 

The fS.rst term in equation (1) was obtained-in reference 20 by a 
spanwise integration of the section pitching moments resulting from the 
effective camber and twist caused by the pftching motion. It Is approxi- 
mately constent for triangular wfngs.at low Mach numbers, but can be shown 
to vary tith wing plan form from approxtiately 1.0 for a triangular wing 
to X/4 for an unswept wing hating a taper ratio of 1.0. The spanwise 
integration of section characteristics, or "strip theory,*' is also 
believed to be particularly applicable because the pitching moments due 
to camber do not depend on lift; therefore, a trailing vortex system does 
not have to be considered and the effects of finite span will be greatly 
reduced. 

The damping in pitch given by equation (1) does not include Cm,, 

but the theoretical values from reference 21 include such a co&rib&on 
and conaider the effect of the oscillating wake downstream of the ting 
from which the effects of frequency are calculated. At low Mach numbers 
the damping in pitch is shown (ref. 21) to remain approximately constant 
with variations in frequency at the low reduced frecencies encountered 
in dynsmic stability calculations. This conclusion may not be valid, 

-- 
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however, at high Mach numbers or high angles of attack where the rate of 
change of angle of attack may have more profound effects on the damping. 

Most theoretical estimates result in constant values of Cms + Cm& 

with variations of angle of attack. This follows~from the same type of 
assumptions that result in theoretically constsnt values of "La and cma 
with angle of attack. These assumptions are not completely valid, how- 
ever, and the changes that occur in dsmping in pitch with angle of attack 
are difficult to predict theoretically. A trend, noted previously in 
reference 22, is.apparent in the data of this report and may be of value 
in empirically estimating variations of damping in pitch with angle of 
attack. It may be noted in figures 9 through.12 that there is a corre- 

.spondence between variations in cma with angle of attack and variations 
of opposite Sign in Cms + Cmi. This correlation extends even to small 
variations that might otherwise be dismissed as experimental scatter. 

Effects of Mach number.- Comparison of these data with other measure- 
ments of damping in pitch for wings with related plan forms indicates that 
the variations with Mach number obtained in this case agree with trends 
anticipated from other data. In particular, the sharply reduced values 
of damping in pitch for Mach numbers of 0.94 and 0.95 (fig. 13) correspond 
with similar data in references 5, 6, 10, and 20 for triangular wings 
havfng aspect ratios from 2 to 4. 

Effects of fences.- For Mach numbers of 0.60 and less, the changes 
in C% caused by the addition of chordwise fences (fig. 10) are similar 
to changes indicated from the static-force data (fig. 5). For Mach num- 
bers of.O.85 and 0.94 the beneficial effects of fences were not assessed 
because of the limited test range of angles of attack. 

Static Lateral-Directional Stability Characteristics 

The static lateral-directional characteristics of the model indicate 
a region of poor static stability at high Mach numbers for certain angles 
of attack. A range of marginal lateral stability existed which corre- 
sponds with the range in which difficulties were encountered with the 
static longitudinal stability, and presumably these two effects have the 
same origin. ln addition, the static directional stability was adversely 
affected by a reduction in tail effectiveness in the presence of the wing 
at high Mach numbers. 

In this discussion of the static lateral characteristics it is 
inferred that the static stability derivatives C2 , Cy , and Cn can 

p &OF be calculated from data on Cl, Cy, and Cn at @ = This rePwires 
the assumptions that Cl, Cy, and Cn are zero for zero sideslip and that 
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they vary linearly with aideslip angle. Wind-tunnel data were obtained 
for zero sfdestip and, although not presented, confirm that the lateral 
forces and moments were zero for zero sfdealip. Additional tests, how- 
ever, revealed some deviations from linearity at the higher Mach nzrmbers 
in CL, Cy, and Cn between sideslip angles of 0' and 6O. From the data 
presented in figure 15 it is apparent that at a Mach number of 0.94 the 
tail contribution to Cn had a highly nonlfnear variation with sideslip 
sngle and therefore estimates of Cn 

B 
based on the increment of Cn 

between O" and 6O might be consZderably in error in this region when 
applied to small variations of sideslip angle. . . 

Separate effects of body, wing, and vertical tail.- The principal 
forces on a sideslipping body represent a yating couple which tends to 
rotate the body to a position at right angles to the direction of flight. 
The resulting yawing-moment coefficient Cn is seen to be nearly constant 
through the range of Mach numbers and angles of attack (figs..lk(a) 
through 14(e)). 

The important effect of sideelipping the wing is to be found in the 
rolling-moment coefficient Cl, or the effective dihedral parameter CzS. 
The recognized reason for the positive dihedral effect (negative values of 
Cl at positive angles of attack in fig. 14) is that the panel of a side- 
slipping swept wing which is advancing into the air stream will carry more 
lift than the trailing panel. This results in a rolling moment which tends 
to lift tbe advancing wing and to reduce the sideslip at positive angles 
of attack. For Mach numbers of 0.80 and 0.90 (figs. 14(b) and (c)) and . 
angles of attack from loo to rho, the rolling moment contributed by the 
wing appears to have been nearly opposite to that which would be expected 
from the above reasoning. Evidently a loss of lift occurred on the out- 
board portions of the advancfng wing in this range, adversely affecting 
the rolling as well as the static longitudinal stability. 

As shown in figure 14, the vertical tail is necessary to stabilize 
the wing-body combination for all fli&t conditions. The destabilizing 
effect of the body is such that any marked decrease in Cn contributed 
by the tail results in static directional instability (figs. 14(c), (d), 
=a (e>). The wing is shown to have bad donsiderable influence on the 
tail characteristics from a comparison of the data for the a-body-tail 
combination ufth those for the body-tail combination (fig. 14). One 
expected effect of the ting would be an increase in the effective aspect 
ratio of the tail. However, another effect is apparent at the higher Mach - 
numbers which could account for the loss of directional stability noted in 
the preceding paragraph. %'or Mach numbers of 0.90 and above, the tail 
contribution depended on its position in the wing flow field. This latter 
effect is most clearly shown at a Mach number of 0.94 (fig. 14(e)) where 
the Cy of the tail in the presence of the wing was less than ti the 
absence of the wing for angles of attack between O" and loo. 
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The range of poor static directional stability noted in figure 14 
includes the angles of attack and Mach numbers where poor static longitu- 
dinal and lateral stability were.encount.ered,.. This combination of effects 
could result in extremely undesirable static stability characteristics 
because of the interrelations among the various moments involved. 

I 
i 

Effects of wing fences.- Addition of the chordwise fences, which was 
found to be partially effective in Improving the static longitudinal sta- 
bility (fig. 5), is shown in figure 14 to have resulted in satisfactory 
lateral. stability throughout the range of subsonic Mach numbers and angles 
of attack over which the tests were conducted. Addition of the fences 
produced little improvement in the regions of poor directlonal stability. 

Sfdeslip Derivatives, C ypT Czpj and cnp’ 
- 

Values of Czp and Cn 
B 

obtained from the oscillation teats are pre- 
sented in figure 16 along with values of Cyp, Cl*, and CnS from the 

static-force and moment data. Theoretical methods o? .estimating these 
derivatives are available but little reliance is placed on these methods . 
in practice (see ref. 12). Interference between the various parts of an 
airplane and the large and unpredictable effects of.viscosity at the higher 
angles of attack prevent accurate estimation based on theory. Since these L 
derivatives can be obtained from static-force and moment data similar to 
those in the preceding-section; conventional wind-tunnel force tests are c 
considered essential in their determination. In the present case a com- 
parison can be made between values of Cl 

B 
and CnP obtained separately 

from the oscillation tests and from the static tests. 

Rolling moment due to sideslip, CL .- At low Mach numbers (fig. 16(a)) 
values of % obtained under oscillatory conditfons were approximately 
linear with angle of attack and differ considerably at high anglee of 
attack from values obtained in static-force tests. 
angle of attack of l8O, Cl 

For example, at an 
p from the oscillation tests was approximately 

double that from the static tests. The linear variation with an le of 
attack would be expected from purely theoretical considerations ? ref. 12), 
and this effect may therefore be an indication of a decrease in viscous 
or boundary-layer effects under oscillatory conditions. 

Small negative and even positive values of CzB were measured at 
10° angle of attack in the oscillation tests at the higher Mach numbers 
(figs. 16(b), (cl, and (d)). This agrees with the static-force data in 
indicating a region of reduced static lateral stability but does not cover 
as broad a range of angles of attack. 
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Yawing moment due to sfdeelip, Cn 
B 

.- As seat in figures 16 and 19, 

the values of Cns obtained under oscillatory conditions do not agree 
with the values from static tests as well as would be expected. Some 
Reynolds number effects are apparent in the data from the oscillation 
tests (fig. 18), an increase in Reynolds number from l,~O,OOO to 
2,75O,OOC generally resulting in better agreement with the static-test 
data. Also, as noted previously, the static-force data sre based on an 
increment of 6O in sideslip angle. The static-force data shown ti fig- 
ure 15 for an angle of attack of 6’ indicate that if an increment of 
sideslip angle of +2O hsd been used, as in the oscillation tests, the 
static-force data would then more nearly correspond with those obtained 
under oscillatory conditions at the lower Reynolds number. 

Separate effects of wing, vertical tail, and body.- The remarks on 
the effect of the separate model components discussed in connection with 
the static lateral-directional characteristics apply also to the results 
of the oscillation tests, with the exceptfon that the effectiveness of the 
wing and tail was apparently fncreaeed in the oscillatory case. These 
differences are pointed out in the above discussion of CzB and CnS. 

. 

* 

- 

Effects of the fences.- As shown in figure 17, addition of the chord- 
wise fences resulted in a more linear variation of C2 

B 
with angle of 

attack. The increment of Cz due to the fences for a Mach number of 
0.25 was somewhat higher thanRthe increment fndfcated from the static data 
(fig. 14(a)). Addition of the chordwise fences produced no change in the 
measured values of Cn within the range of angles of attack at which 

B 
tests were conducted and these data have been omitted. 

Lateral-Directional Rotsry Derivatives, C2 
P 

, 
c.~,-Czb, and Cnr-Cn* 

Cnp, 

P 

The most serious problem in calculating the oscillatory stability of 
an airplane is in accurately evaluating the lateral-directional dsmpfng 
derivatives including the cross derivatives. Little reliance can be placed 
on purely theoretical estimates because of the difficulty of predicting 
the effects of angle of attack and interference between different parts of 
the airplane. On the other hand, measurement of the derivatives requires 
special techniques and apparatus. The current methods of estimating these 
derivatives ., particularly the cross derivatives Cn 

P and CT,-Ct., are 
B 

semiempirical. Wind-tunnel force data are used as a basis for correct- 
theoretical estimates for the apProx5mate effects of viscosity and inter- 
ference. Suggested procedurea and a summary of various methods for com- 
puting these derivatives are presented in reference I2 and have been used 
in this report 88 .a basis for comparing the experimental data with .calcu- 
la-Led values. In the cases where it was found that reference 12 had been 
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superseded by more modern methods or th&t more 
had become available, this has been indicated. 

&c&t experimental data 

Damping in rol& Czp.- Experimental data (figs. 20(b), (c), and (d)) 

indicate a reduction in the damping in roll at high Mach numbers and at 
loo angle of attack, which Is attributed to flow irregularities at the 
wing tips. Except for the fact that these flow irregularities occurred 
at an angle of attack about 2O higher in the static test than in the 
oscillation test, the estimates of Cl 

P 
based on the static data agree 

well with data from the oscillatory tests. 

Yawing moment due to rolling velocity, Cn .- This derivatfve appears 
to be the most nearly negligible of all the..@teral:directional rotary 
derivatives for &n airphrie of thism type. From the theory of reference 12 
the wing cmtribution to Cnp would be expected to have large positive 
values at the higher angles of attack (fig. 20). Reference 4 is a more 
recent paper in which it is shown that for a wing of this plan form much 
better agreement with experiment can be obtained by an Improvement in the 
previous method. Estimated values of Cnp for the wing alone using cal- 
culated values of Cz and the method of reference 4 are shown for the 

P 
present data also to agree satisfactorily with the experimental data. 

Rolling moment due to yawing velocity, Cl,-Cz,.- In previous esti- 
P 

c 

mates of dynamic stability, it has generally been the practice to assume 
that the rolling moment due. to sideslip velocity, 

. 
Ct 

8' 
was negligible. 

Since Cl. cannot be separated from Czr in the case of the present 

experimental data, it is not possible to check the validity of this 
assumption. The eatimated values of Cl, in figure 20 are based on a 
semiempirical method (ref. 12) first presented in reference 23 in which 
force-test data on Cz 

B 
were used to predict a deviation of Cl, from 

the theoretfcal straight-line variation with angle of attack. When values 
of c2 from the static-force .tests are used, there is considerable dis- 

crepanc8y between the estimated and experimental values (fig. 20). At low 
speeds (fig. 20(a)) the experimental data for C2 -C r lfi appear to approach 

a theoretical straight-line variation with angle of attack in a manner 
similar to that noted previously in connection with Cz . 

P 
Furthermore, 

the variation of Czr with CL or a estimated from purely theoretical 
considerations (fig.'13 of ref. 12) is show-n to agree approximately with 
experiment in figure 20(a). However, because of the lack of agreement 
between esttmated and experimental values of C!z 

P 93 
from either static 

or dynamic tests), this is not the variation that would be obtained using 
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the method of reference 23, and experimental values of Cl . This sug- 
gests that the theory for the variation of Cz, with CL i! valid within 
its limits, but that it may not be des%rable to apply the empirical correc- 
tion to the theory indicated ti reference 23. 

From the limited data at high Mach numbers and high angles of attack, 
it appears that CT,-Cz.' 

B 
is violently affected by the flow irregularities 

at the wing tips. .Data have been included for an angle of attack of loo 
at 0.80 Mach number (fig. 20(c)) which indicated a value of this deriva- 
tive of +0.8. It is important to note here that since all the rolling- 
moment derLvatives, Cz pf czp2 ard CZr-CZB, exe particularly sensitive to 

asymmetry in the lift on the ulngs, any abrupt changes in loading with 
angle of attack on either wing panel would be expected to affect these 
derivatives, 

Damping in yaw, Cnr-Cn,.- In the past the yawing maent due to side- 
P 

slipping velocity has usually been neglected and the damping in yaw com- 
puted as the yawing moment due to yating velocltty, Cnr. EstUates of 

Cnr from the method of reference 12 are generally about half as large 
as the experimental values at the lower Mach numbers and angles of attack, 
and the largest discrepancy is Ln the contribution of the t&l. This 
discrepancy can be accounted for by noting that, because of the short tail 
length compared with the root chord of the tail, certain terms which are 
neglected in reference 12 assume considerable importance. As the tail 
length is shortened, estimation of Cnr becomes analogous to that for 
cmq- The yawing velocity introduces changes in loading which move the 
effective center of pressure of the tail rearwar d and result in higher 
values of Cnr .than the method of reference 12 indicates. 

The ewation gfven in reference I2 for the damping in yaw of the ta;Ll 
is -. 

2 

G-L 
rtai1 

=2 + 
0 

.cy 
hi1 

where the tail length 2 is the distance between 
of the tail and the moment center of the airplane 
longitudinal stability axis. Where this distance 
test data, the dsmping of the tail becomes 

(Cn&LilJ c, =scp rtail 
&ail 

(2) 

the center of pressure 
measured parallel to the 
is calculated from force- 

(3) 
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A simplified form of the equation for the damping in pitch of a triangular 
wing was shown to be (es. (1)). 

Comparison of equations (1) and (2) reveals that the expression for 
cn (es. (2)) corresponds to the last term of the equation for 

rt8il _ %q, --- -- 
and that a more accurate result would be obtained by including the addi- 
tional terms similar to those in equation (1). 'The equation for Cnr 

tail 
then becomes, for a triangular vertical tail, 

Equation (4) illustrates the relative importance of tail chord Et and 
tail length 2. L a form in which force-test data could be used to ccau- 
pute effective tail length, equation (4) becomes 

cn = - 
rtail 

J::z2 %(+r - 0.9(@CnBtail + 2 ~~'taily (5) 

S-tail 
_ _ _- ..- __-.- -. .-... .- 

The additional terms in equation (5) smount to approximately -0.06 for 
M = 0, using Et based on 8 projection of the tail to the fuselage center 
line. This approximately accounts for the difference between the experi- 
mental data and the theory of reference 12 for low speeds (fig. 20(a)). 

There ~8s a sharp decrease .Fn tail contribution to the damping in yaw 
at high Mach numbers (figs. 20(g), (h), and 23). Although no positive 
values Of C!n,-Cn 

B 
were measured, it is evident that at the highest Mach 

number the trend was toward a further reduction in damping with increasing 
Mach number. This observed variation of damping in yaw with Mach number 
is similar to that observed previously in damping in pitch (fig. 13). 

Separate effects of body, wing, and vertical tail.- The body contri- 
bution to the lateral-velocgty der.ivativas is normally small (ref. 12). 
Experimental data were obtained only for the dsmping in yaw of the body 
&lone. This derivative, Cnr-Cn.t was found to be positive, or destabiliz- 

ing, for sngles of attack 8boveSapproximately 12O (fig. 20). Similar 

. 
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effects at moderate angles of attack h8Ve been observed previously for 
bodies with flattened upper and lower surfaces (ref. 24). When the T&I@ 
are added to the body, however, the combination becomes dynamically stable 
and the damping in y8w increases s.t the higher angles of 8tt8Ck in the 
manner indic8ted by the theory for the wing-body cmbin8tion. 

Since the wing and tail had the same plan form, and since the dsmpfng 
in roll is proportional to the area of the lifting surface snd the square 
of 8 lever arm, the relative contribution of the wing 8nd tail should be 
roughly proportional to the fourth power of their linear dimensions. On 
this basis, the contribution of the tail should be 8pproximately 8 percent 
of the wing dsmping in roll, where the tail is assumed to extend to the 
body center line. This is approximately the or&r of magnitude indicated 
in the experimental data (fig. 20). 

At high angles of attack, the wing is of chief importance in the 
determination of the rolling moment due to yawing, Cz,-Cz.. In addition, 

B 
the tail is subjected to two effects which diminish its effectiveness; 
one of these is the blanketing effect of the body, and the other is 8 
shortening of the tail height due to inclination of the model longitudinal 
axis. 

Effects of fences.- In figure 21 it is shown that the addition of 
wing fences resulted in a more nearly linear variation of Cl .-Cz. with 

B 
angle of 8ttack for Mach numbers of 0.25 and 0.60 8nd ne8r loo angle of 
attack. Data were not taken at highMach numbers in this rauge of angles 
of attack, but it 8ppears from a study of the static-force data (figs. 5 
and 14) that 8 ch8uge similar to that ahown in figs. 21(8) and (b) would 
be expected at higher Mach &&era. 

Effects of Reynolds number.- For the Reynolds numbers at which oscil- 
lation tests were conducted (1,500,000 and 2,750,OOO) there were no large 
effects of Reynolds number on the lateral rotary derivatives (fig. 22). 
It will be recalled, however, from the discussion of Cn 

B 
and figure 18 

that there was a. change in the tail contribution to C, 
B 

in this range 

of Reynolds number. No effects of Reynolds number on the contribution of 
the wing were apparent in these data or in the longitudinal characteristics 
(figs. 6 and U). 

Effects of oscillation frepency.- The effects of frequency were found 
to be small from additional tests conducted at 8 frequency of approximately 
4 cycles per second, roughly half the oscillation frequency at which most 
of the oscillation data were obtained. The co?nbin&tion of Change8 in Mach 
number and oscillation frequency made 8Vailable 8 range of reduced fre- 
quenc.ies wb/2V, from approximately 0.003 at the high Mach numbers to 
0.26 8t low speeds. Experimental data for three representative Mach 
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numbers are shown in figure l8 for the sideslip derivatfves and -in 
figure 22 for the rotary derivatives. 

It will be noted that in figure 22 the data on the cross derivatives 

have been preaented as the combined derivative term Cnp 
+ (cp’;) l 

This form was consldered Justifiable because of the lack of apparent fre- 
quency effecta in the range investigated, and resulted In considerable 
simplification in the test procedure. 

Effects of oscillation amplitude.- .All the experimental data pre- 
sented in this report were taken for a peak oscillation amplitude of 
approximately 2O. The range of the tests, however, included peak oscil- 
lation amplitudes from less than 1 o to approximately 3.5O to establish the 
effects of oscillation~emplitude (see ref. 13). Particular attention was 
directed to the type of low-amplitude instability in pitch at high Mach 
numbers noted in reference 6 but no similar effects were found in the 
present investigation. 

Dynamic-Stability Estimates 

In order to provide more perepective Fn the evaluation of the dynmc 
stability of this particular configuration, the data in the foregoing 
figures have been applied to estimates of the dynamic motions for a repre- 
sentative airplane geometrically similar to the model. Values .of the 
period and time to damp of the short-period longitud+iL and-the lateral- 
directional oscillations have been calculated. The longitudinal charac- 
teristics have then been compared with the ALr Force and Navy flying 
qualities requirements (ref. 25) defFning the relation between the period 
and damping which is considered satisfactory from the standpoint of dyna- 
mic stability. These criteria of dynamic stability do not necessarily 
imply that unsafe or divergent motions till result if the criteria are not 
satisfied, but are merely rough indications as to whether the airplane will 
be able to execute satisfactorily its expectedmaneuvers in this range. 

A wing area of 650 aqua;re feet and an airplane weight of 23,000 pounds 
haa been assumed In the calculations. Additional assumed mass and geomet- 
ric data are listed ti table II. The airplane w&s considered to be in 
level flight at the start of the motion with no movement of the control 
surfaces during the oscillation. 

Dynamic longitudinal stability.- The method used in the estimation 
of the period and damping of the short-peri& longitudinal oscillation is 
given.in the appendix, and the results of the calculations are presented 
in figure 24. On the basis of figure 24 it appears that the dynamic sta- 
bility is satisfactory for level flight between the Mach numbers of 0.25 
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and 0.94. For Mach nm.Ibers between 0.92 and 0.94, the strongest Cantri- 
buting factor in the increase in time to damp is the decrease in damping 
in pitch in this range (fig. 13). The extremely low negative or even 
positive values of damping-in-pitch coefficient do not result in similarly 
lightly dsmped or divergent motions in the stick-fixed, longitudinal 
oecKUation because of the additional dsmplng contributed by 
Appendix A, eq. (A7).) 

CL a. (See 

A number of other aerodynamic derivatives enter into the estimation 
of the longitudinal oscillation (see appendix), but the effects of these 
additional terms can be shown to be small and in many cases entirely negli- 
gible. Variations in C 

k 
and Clq through a range of values from 0 to 4 

(typical for th5s configuration) resulted Fn changes in period and time to 
damp of the order of 1 to 2 percent. Independent measurement of Cms or 

% does not appear to be necessary for the conditions represented in 
figure 24 since the term Cms + Cm& is important when computing the time 

to dam-p, but some changes are produced in the period of the oscillation by 
the relative contribution of Cms and Cm.. If the measured damping is 
assumed to be entirely due to Cm 

&' 
the &timated period of the oscillation 

for this airplane wiJl be about 10 percent higher than if the damping is 
assumed to be entirely due to Cm ~ (from Appendix A, eq. (A8)). 

Dynamic lateral stability.- The period and damping of the lateral- 
directional oscillation, calculated by the method of reference 12, are pre- 
sented in figure 25. It is important to note that the period and damping 
of the lateral-directional mode of oscillation is not always a sufficient 
indication of whether the dynamic motlon.of an airplane folloxing various 
types of disturbances will be satisfactory. The flyfng qualities require- 
ments (ref. 25) have recently been changed to take note of this, and cal- 
culations of the time histories of the motions are becoming more popular. 
The results presented in figure 25, however, fndicate that for Mach numbers 
above 0.85 the damping of the lateral osc-Lllatfon becomes markedly less 
at altitude. 

For level flight the angles of attack of loo and 12' are encountered 
only at high altitudes and low Mach numbers. The differences in oscilla- 
tion characteristics between 30,000 and 40,000 feet at a Mach number of 
0.60 (fig. 25) represent the effect of increasing the angle of attack from 
p to 100, the point where the previously noted flow separation at the 
wing tips occurred. Although no large effects are indicated in figure 25, 
these calculations should be interpreted with considerable caution in this 
angle-of-attack region because of the possibly large effects of nonlinesri- 
ties or other deviations frown the assumed conditions. 

Derivatives other than those included Fn the data of thie report are 
encountered In the calculation of the lateral-directional motions of a 
rigid airplane, the most important of which are Cyr and Cy,. Estimates 
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of these derivatives revealed that for the..gxesent configuration, 

. 
their 

effect was small and could-be neglected. me .ewations in reference 12 
do not consider the derfvatives- due to sideslipping velocity, and there- 
fore the measured values of Cnr-Cni and C!z,-Cz ; have been used in the 
equations in place-.of- C& and Czr. This is, however, believed to be the 
most accurate way to account for the possible effects of aideslipping 
velocity In the absence of independent measurements of cz; and C$. 

- . 

SUMMARYOFRES~S 

_ -. -------- -- 
From the results of winditunnel measurements of .the static-force 

chs.racteriBtics and-the dynamic rotary-stability derivatives for a 
triangular-wing airplane model having a triangular vertical tail, the 
following observations may be made: 

__ -.- 
1. For Mach numbers above 0160 and- angies~ of attack of loo and 

higher, the static longitudinal stab$.l-$.iy characteristics were found to 
be undesirable. A chordwise-fence was partially succemful in improving 
the longftudinal characteristics in this range. 

i 

2. 'The static lateral.stabFlity was found to be marginal for the 8ame 
test conditions that resulted in undesirable static longitudinal charac- 
teristics. In addition, some of the data indicate a decrease in effec- ., 
tfveness of the vertical tail at high )Iach.numbers at certain positive 
angles of attack with a consequent reduction and, in some instances, loss 

of directional stability. . 

3. Measured values of the damping-in-pitch derivative, Cmq + Cm,, 

were in approximate agreement with current methods of estimating thi: 
coefficient up to a Mach number of 0.92. A sharp reduction in damping was 
noted above this Mach number which agrees with trends indicated by other 
experimental,data. 

c 

4. The damping-in-roll derivative, Czp, was found to be negative 
and in fair agreement with theory through the Mach number range. 

5. The yawing-moment-due-to-rolling derivative, Cnp,.waB found to 
be small and could be estimated approximately with an existing semfempiril- : , 
caL method. 

6. Values of the damping-in-yaw derivative, Cnr-Cna, estimated by a 

current approximate method were found to agree tith experiment at low 
speeds when a modification.was made to accountproperly for the contribu- 
tfon of the vertical. tail. At Mach numbers of 0.94 and 0.95 thi damping 
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. 
in yaw was reduced from that at 0.92 and lower Mach number8 in a mer 
eimilar to that observed with &mptig in pitch. 

7* The rolling-moment-due-to-yawing derivative, Czr-Cz., was in 
B 

generally poor agreement with theory for both the wing and the tail con- 
tribution. In addition, limited data at high Mach numbers and high angles 
of attack indicate that this derivative is violently affected by the flow 
irregularities which also result in the reduced static stability. 

8. Differences were noted in some cases between valuea of the deriva- 
tives, CmcL, CL 

B 
, and Cn 

B 
, under oscilI&tory conditions end those from 

the static data. 

Ames Aeronautical Laboratory, 
National Advieory Committee for Aeronautics, 

Moffett Field, Calif., Jan. 28, 1955. 
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APPENDIXA 

PERIOD AK0 TIME TO DAMJ? OF TEE LONGICTUDINAL OSCISATIOI? 

The equations for the short-period stick-fixed longitudinal motion 
and their solution have been presented in a. number of publications, but 
not Fn a form which Is readily applicable to the calculation of the period 
and time to damp to one-half amplitude. The equations of motion (Al) and 
(A2) are identical to those in reference 20, wherein it is assumed that 
changes in aircraft forward speed are negligible and that the longitudinal 
motion is a small-amplitude disturbance from equilibrium. The motion is 
defined approximately by two linear differential equations describing 
pitChing about the y axis and translation along the z 8.x18. 

[ ( 
&E + pv2s n CL.& + CLsg (~5~6) 

a > 
+ CL ] = mV(q-3 

$ pv=% g [ ( Cm&CC + Cm@ + 
> %.J )] Aa =I4 

ml 

(A21 

where m is the ULSSS of the airplane; I is the mass moment of inertia 
about the y axis; and ALL is an incremental change in angle of attack. 

With the substitutions m 
T=pvs' K=21 

pV%E ' 
and by use of the opera- 

tor D =&, the above equations become, 

K & CL & 
+ 29. + c&J& + (&- CLq - 2+ = 0 

(- &C%D + bZ+ 

The solution is of the form 

h,s = (const.)eht 

(A31 

(A41 

where h is a root of the characteristic equation of the q-stem, even 
by 

and 

Ah2+Bh+C=0 (A51 

4 
6.. 
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A=-K 

B= (&y (CmqCk- cm&)+ 2~5 (&C&Q) -KC% 

Thus J 

h,J, = -B&m 
(Aa 2A 

For an oscillatory system, &A-B2 and the roots are complex conjugates. 

The logarithmic decrement of the oscillation becomes - &, and the tfme 
to damp to one-half amplitude becomes 

T./2 = 0 g 1n2=1.386$ (A-i’) 

The perid of the oscillation is derived from the imaginary part of the 
root as 
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TABLE I.- MODEL DIMENSIONS 

Wing(Basic plan form, Leading and trailing edges extending to 
vertex and to plane of symmetry') 

Span,b,ft .......................... 2.86 
Area,S,sqft ........................ 3.72 
Mean aerodynamic chord, E, ft ................. 1.74 
Aspect ratio. ......................... 2.20 
Leading-edge sweep, deg .................... 6C 
True taper ratio (with cropped tips}. .............. 0.03 
Incidence,deg ........................ 0 
Dihedral,deg ......................... 0 
Airfoil section .................... NACA 0004-65 
Vertical location (chord plane below moment center), ft .... 0.05 

Vertical Tail (Basic triangle projected to body center line) 
Spsn,ft............................o.g 1 
Area,St, sqft ....................... .0.71 
Ekposed area above body, sq ft ................ 0.37 
Mean aerodynamic chord, Et, ft ................ IL.05 
Aspect ratio ......................... 1.16 
Airfoil section .................... NACA 0004-65 
Length, z (moment center to 0.35 Et), ft ........... 0.60 

Flap 
Area(total),sqft ..................... .0.39 
Length (moment center to hinge line), ft ........... 1.00 

MY 
Length,ft ........................ ..3.6 7 
Base area,sqft- ...................... -0.12 

Moment Center (on body center line) 
Horizontal location (aft of leadfng edge-of m. a. c.) .... 0.3cE 

TABLE II.- ASSUMED GEOMETRIC AND MASS DATA 
FOR REPRESENTATIVE AIRPLANE 

Geometric data 
Model scale (wing area 650 aq ft) . . . . . . . . . . . . . . 0.075 

Mass data 
Weight, lb . . . . . . . . . . . . . . . . . . . . . . . . . 23,000 
b slug-n2 . . . ; . . . . . . . -. . . . . . . . . . . . . 13,566 
=yor slug-ft= . : . . . . . . . . . . ; . . . . . . . . . . . 89,357 
I zo, slug-fts . . . . . . . . . . . . . . . . . . . . . . . . 99,695 
E,deg . . . . . . . . . . . . . . . . . . . . . . . . . . . 1.75 
where: Ixo, Iyo.' Izo moments of inertia about the 

principal axes 
E inclination of the principal axes to 

the body axes (positive principal 
longitudinal axis below wing chord line) 
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Horizontal CD 

Figure I.- The stabflity system of axes fs an orthogonal system of axes 
having its origin at the center of gravity, the z axis in the plane 
of symmetry and perpendicular to the rel.atLve wind, the x axis in 
the plane of symmetry and perpendicular to the z axis, and the y 
axis perpendicular to the plane of symmetry. Arrows indicate the 
positive directions of forces and moments. 



Dknensions In inches unless otherwise specified 

Fence details 

Fences located at 0.65# 

Figure 2.- Three-view drawing of the model. 
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A-11500.1 

(a) View of the model in the wind tunnel. 

Figure 3.- Photographs df the model mounted on the oscillation apparatus. 
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(b) Rear view showing the flaps and fences. 

Figure 3.- Concluded. 



# 

.6 

Pi i i i i i i i i I 

I I I I I I I I 

“‘I “1 I”I ” ” ” ” 
I I 

” 
I I I I 

” ” ” “. s ’ .04 .08 .I2 .I6 -4. 0 4 8 12 16 .08 .04 0 -.04 -.08 
CD a, deg Cm 

(a) M = 0.25 

Figure 4.- The etatic 1ongitudineJ. aerodynamic characterietics. 



0 .04 .08 .I2 .I6 -4 0 4 8 I2 .I2 .08 .04 0 -.04 -.08 

CD a, deg Cm 

(b) M = 0.60 

Figure 4.- Continued. 



, , 
1 , 

CL 

.6 

-.2 
LA 

741”’ I “I 
u 

II’I I 
IA 

” ’ “I”’ 
.04 .08 .I2 .I6 -4 0 4 8 I2 I6 .08 .04 0 -.04 -.08 

CD a, deg cm 

(c) M = 0.85 

Figure 4 ,- Continued. 



.6 

.04 .08 .I2 .I6 -4 0 4 8 I2 .08 .04 0 -,04 -.08 -.I2 -.I6 

CD Q, deg 

(d) M = 0.92 

Figure 4.- Continued. 

Cm 



.8 

.6 

.4 

CL 
.2 

0 

-.2 

-.4 
I3 Is IPi 1111111111111111111 

,04 .08 .I2 .I6 -4 0 4 8 I2 .I2 .08 
CD (1, dw 

-04 0 -.04 -.08 -.I2 -.I6 
cm 

(e) M = 0.94 

Figure 4.- Concluded. 



o Wing, body, tail q Wing, body, tail, fence 

for M=0.25 
-.04 -.08 -.I2 -.I6 720 

for M=0.25 

Figure 5.- The effect of chordwise fences on the static pitching-moment coefficient. 

, , 
, I 



.8 

.6 

.4 

2 I I 

-4lMq0.$5 .$O ’ .hS ’ ’ ’ ’ ’ ’ ’ ‘M=O.25’ 
. 

. -4 0 4 8 12. I6 “04 0 - -.04 -.08 -.I 2 -.I6 
u, deg cm 

Figure 6.- The effect of’Reynolds number on the lift and pitching-moment coefficients; 8 = 0’. 



Q, deg 

; o Wing, body, tail, p =O” 0 Wing, body, tail, fl=S” 0 Body, ,& 0” 
20 

I6 

I f I A cr 
F I 

Y Y 

I I I I I 1 I T 
.08 .I2 .I6 -.2 

I I I I I I I 

0 .2 .4 .6 .8 .04 0 -.04 -.08 
CD CL Cm 

(a) M = 0.25 

Figure 7.- The static longitudinal characteristics of the body, and the effects of sideslip on the 
longitudinal character5stlcs of the complete model; 6 = 0'. 



o Wing, body, tail, p=O” q Wing, body, tail, /3=6’ 0 Body, p=O” 

a, w 8 

4 

0 

Jq ’ I I I I I I I I I r4 I I ’ ’ ’ ’ ’ ’ ’ ’ 
‘0 .04 .08 .I2 ,I6 -02 0 .2 .4 .6 .8 .04 0 -.04 -.08 

CD CL Cm 

(b) M p 0.60 

Figure 7.- Continued. 



a, 

16 16 

12 12 

deg 8 deg 8 

4 

(c) M = 0.85 

Figure 7.- Continued. 

o Wing, body, toil, @=O” 0 Wing, body, tail, fi=S’ 0 Body, fl= O0 
20 

-4 
0 .04 .08 .I2 .I6 -.2 0 ,2 .4 .6 .8 .04 0 -.04 -.08 

CO CL Cm 

,,’ .’ 
1 

1 , ’ I ’ 



‘w ‘I 1 I 
, , ’ I ‘.b 

o Wing, body, tail, p=O” 0 Wing, body, tail, p= 6” 0 Body, p= 0’ 

I6 

12 

a, deg 8 

4 

0 

-4- 0 .04 .08 .I2 .I6 -.2 0 .2 .4 .6 .8 -04 0 -.04 -.08 -.I2 -.I6 

CD % %I 

(a) M - 0.94 

Figure 7.- Concluded. 



4% 

CD 

Gn 

c, 

x)4 

02 

n 

.-. NACA RM A55A28 

.06 

,04 

CLa, per deg 

'0 1 .I .2 .3 .4 .5 -6 -7 .8 9 Ix) 
M 

(a) CD, 2, CL 

Flgure e.- The variatFon.with Mach number of the Fgatic longitudinal 
st&ility and controrparameters. 



PIACA RM A55A29 49 

-.008- 

-.006 

--w == :: ---- 
---- . . ,z 

--oo5O .I .2 .3 .4 .5 .6 .7 .8 .9 IO . 

(b) Crnsr CL8 

Figure 8.- Conchdid. 



de 

20 

16 

12 

0 

9 
4 

0 

-4 

-8 

.O 

-- - 

(a) M = 0.25 

Figure 9.- The dynamic longitudinal stability derivatives from oscillation tests; f = approxi- 
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Figure 12.- The dynamic longitudinal stability derivatives for the body alone; f = approximately 
4 cyclea per second. 

t l 
I I 

1 t 

’ / 1 



c 

g 7008 Theory, wing, -- - 
Ii wing body, 

eq.(l), 
ref. 2 , -- - 

--a- 
; 7006 

S 
404 

0 

- 1.6 

- 1.2 

J 
f - -8 

CF 
-.4 

0 

.4 A 

-* 0 J .2 .3 .4 5 .6 -7 .8 -9 ID 
Mach number, M 

Figure 13.- The variation wfth Mach number of the dynamic longitudinal 
stability dekiikti+es, & and Cma + cm&; f = approximately 8 cycles 
per second. 



0 Wing, body, tail 0 Body, tail 0 Wing, body, tail, fence A Wing, body L Body 

m 
14 -.008 -.012 

(a) M = 0.25; p = 6’ 

Figure 14.- The static rolling-moment, side-force, and yawing-moment coefficients for a constant 
sideslip angle. s 

g 

z 
\p; 

1 ’ I I 
I- .’ 



I . 
\ , 

t I 
I , ’ h ‘I 

% dw 8 

o Wing, body, tail q Body, tail 0 Wing, body, tail, fence A Wing, body b Body 
20 I I I I Ill-11 I I I I-1 I I I-I I I 

I 

16 

.008 .004. 0 -.004 -.008 -,012 .04 0 -.04 -,08 .008 ,004 0 -.004-,008 -,dl2 

Cl CY Cn 

(b) M = 0.80; p = 6’ 

Figure lk.- Continued. 



% deg 8 

0 Wing, body, tail 0 Body, tail 0 Wing, body, tail, fence A Wing, body b Body 

16 

ifi -4 L I I I I 
.008 -004 0 -.004 ;008 -.Ol2 .04 

% 

0 -.04 -.08 ,008 .004 0 -.004 7008 -.012 

CY C” 

(c) M = 0.90; f3 = 6’ 

Figure lb.- Continued. 

1 , 
1 . 



16 

I2 

a, dw 8 

4 

0 

-4 

o Wing, body, tail q Body, tail 0 Wing, body, tail,fence A Wing, body h Body 

.008 ,004 0 -.004 -.008 ;Ol2 .04 0 -.04 -.08 ,008 .004 0 -.004-.008 -.012 
5 CY Cn 

(a) M = 0.92; /3 = 6’ 

Figure lk.- Continued. 



a, Q!l 8 

0 Wing, body, tail 0 Body, tail 0 Wing, body, tail, fence A Wing, body n Body 
20 

\ k * 
3 Y 

16 

-r .008 .004 0 ~004 ~008 ~012 ,04 0 ;04 708 .008 x)04 0 7004 7008 -.Oi2 
CL GY cn I 

(e) M = 0.94; p = 6O 

Figure lb.- Concluded. 
I 



9 I 
I I 

I t 
I ’ ‘ ’ * 

o Wing, body, tail q Wing, body, fence 0 Wlng, body,tail,f encc A Wing, body 
3 
2 

(a) M = 0.25; a = 60 

-x)4 -D8 -12 

CY 

(b) M = 0.80; a = 6’ 

.004 0 ~004 -DO8 -.OlE 

C” 

a 

Figure 15.- The effect of sideslip angle on the static lateral-directional characteristic8 at a 
constant angle of attack. 

3 



I 
8, 

oWlng, body, tail q Wing, body, fence Owing, body, tall, fence .a A Wing, body 

(c) H = 0.90; a = 6’ 

12 

deg 4 

0 

A q -4qlJJI 11 11 11 
--r .004 0 -$X4 -.008 .04 0 704 -.08 DO4 0 7004 -aI8 -a2 -.a6 

5 CY cn 

(a) M = 0.94; CL = 6’ 

Figure 15 .- Concluded. 

I 8 

I . 
P I 

I , I ’ 1 ’ 



, 
l ‘( , I 

I I ‘1 ‘, 

. 

Wlng, body, tail 0 8s 0” 

g :;: 
Wing, body k 8* -5 

Body b 

Static-force data, wing, body, tail ----- 
wing, body 

I6 

12 

8 

a, dw 

4 

0 

-4 

-8 

.0024 .OOl6 .0008 0 70008 70016 -DO24 .OOl6 .0006 0 -.0008 -.0016 -.0024 

cl/j, Per dg ,008 0 7008 ~016 

cyp per &cl 

Cnp per deg 

(a) M = 0.25 

Figure 16 .- The sidealip derlvativee from oscillation tests; f = approximately 8 cycles per second. 



Wing, body, tail 0 $a-$ Wing, body k 8=-g Static-force data, wing, body, toil ----- 

: -8” 
wing, body --- 

-- Body b 

Q, 

,006 -0 7008 -.ol6 

Crs, per deg 

(b) M = 0.60 

Figure 16.- Continued. 



I , 

I , 

I6 

8 

Q, deg 

4 

-8 

1 I 
I 

I I ’ L 

Wing, body, tail 0 8~ -5 

: -8O 

Wing, body e 6=-F 

Bodv Ll 

Static-force data, wing, body, tall ----- 
wing, body --- B 

:$ 

AI024 .Wl6 .0008 0 ~0008 93016 .OOl6 .0008 0 -,0008 70016 -.0024 

CIp PM deg ,008 0 7008 -.Ol6 Cns, PN deg 
CYp per deg 

(c) M = 0.80 

Figure 16.- Continued. 



Wing, body, toil 0 82 -r 
.g -*I 

Wing, body k 8~-& 

Body D 

Static-force data, wing, body, tail ----- 
B 

=oO 
wing, body --- =O” 

a. 

0 

16 

8 

B 
4 

-4 

-8 

,008 0 '-008 -.Ot6 
cYs. per dw 

(d) M = 0.85 

. 

Figure 16.- Continued. 

, . 



I I 

I l 

i 

.oc 

20 

16 

8 

0, deg 

4 

-4 

-8 

1 I 
I I ‘l ‘I 

Wing, body, tail 0 8= 00 
Wing, body t 8=-r Static-force data, wing, body, tail ----- 

B 
=o” P 

; 
1;: 0 

Bodv 
wing, body --- ~0” 

ts i2 

b24 .0016 .0008 0 4008 :OOl6 DO16 .0008 0 -.0008 -.0016 -.OOZ 

Cl/p Per deCl .ooa 0 7008 -.Ol6 

CY~, per deg 
Cnsl per deg 

14 

(e) M = 0.90 

Figure 1.6.- Continued. 



Wing, body, tail 0 8= 0” 

: :;: 
Wing, body t 8=-r Static-force data, wing, body, tail ----- 

B 
=o” 0 wing, body --- = 0” 

Body n 

(f) M = 0.92 

Figure 16.- Continued. 

. 

I t 

. I 4 ‘ 



I , 
* 9 , I 

I I 1 , ’ 1 

I6 

I2 

8 

a, deg 

4 

0 

-4 

-8 

Wing, body, tail 0 8= -$ 

: -a0 

Wing, body k 80 -C 0 
Bodv n 

Static-force data, wing, body, tall ----- 
!I 

=CP 
wing, body --- =O” 

20 

.0024 .OOl6 ,0008 0 -.0008 ~0016 -.0024 .OOl6 .0008 0 -.0008 -.0016 -.0024 

f$, per deg ,008 0 ~008 -XII6 Cnp, per deg 

CY@’ per deg 

(g) M = 0.94 

Figure 16 .- Continued. 



a, 

20 

I6 

12 

8 

w 

4 

0 

-4 

-8 

.oc 

l . 
I I 

Wing, body, tail o 6=-g 
0 Wing, body ; 8= O$ 

(h) M = 0.95 

Figure 16. - Concluded. 

. , 
1 0 



de 

Fl 

I6 

I2 

8 

‘8 

4 

0 

-4 

-8 

.0024 .OOl6 .0008 0 -.0008 70016 -DO24 for ho.25 

Qp, PM deg 

.gure 17.9 The effect of chordwise fences on the rolling-moment-due-to-sideslip derivative 
from oscillation tests; f = approximately 8 cycles per second. 

C2 
P 



Wing, body, tti 0 8s - 
Wing, body 
Wing, body, tail g 

Wing, body, totl “0 
Wing, body 

Static-force data 
W!ng, body, tail --- s= 0” Rs I,504000 

---- 
it: 2$, fail ---- $ 

I,500,000 
2,750,OOO 

a, deg 

no8 0 ~008 ~016 Cfls, PH deg 

(a) M = 0.60 

Figure la.- The effect of Reynolds number and frequency af osciLletion on the sidealip derivatives. 

I, . 
8 & 

c I, I :* 



I I 
l . 

I 8 

a, de 

Wing, body, tall o % 12 
Wing, body 
Wing, body, tall g 1; Wlng, body, 
Wing, body, tail e -4” 

Static-fort data 
Wing, body, tall --- b 
Wing, body -I-- 

q ; R= l,SOO,OOO 

Wing, body, tall --- 0” 
l ,500,000 
2,750,OOO 

,008 0 ~008 -.Ol6 

CyB, per deg 

(b) M = 0.80 

Figure la.- Continued. 



a, de ‘ZI 

. 

Wing, body, tail o a= 
Wing, body o 
;;t pj; al 0 

Wind body, tall $ 4cps 

Static-force data 

---- 
a= 0” R= ‘1,;;$;0; 

: 2:SOO;OOO 

20 

I6 

8 

4 

0 

-4 

-8 

.0024 .oOl6 DO08 0 GO06 ~0016 DOI6 .OOOi 0 -DO08 ~0016 -DO24 

yp Per de!il .006 0 a08 7016 

CY~, per dw 
Glp per %I 

. . 
. . 

(c) M = 0.85 

Figure 18. - Concluded. 

I I 
. l * . l 



:C 

. 

. 

e 

NACA RM A55A28 

-.0008 

c@ 70004 

-.004 

‘YB 
f I 

.OO 16 

.0008 

-.0008 

-.OO 16 

Statfc-force data 
-- 

: Iiiii~iiiiiiiiiiiiYTi 
‘0 .I .2 .3 .4 .5 -6 .7 .8 .9 LO 

Mach number, M 

Figure lg.- The variation with Mach number of the aideslip derivativ 
from the oscillation tests; a = 2O. 

‘es 

8 



-8 

Wing, body, tail 0 6= 0” 
: 1;: 

Theory, ref. tail ------ Wing, body 
8=-y 0 

12, wing-body, 

BUY 
; a ref. ref. 12, 

4, 
wing-body 
wing-body 

---- ---- 

16 

0 ,708 -.I6 -.24 -32 ..24 .I6 .W 0 708 
.08 0 708 

% 

0 -x)8 46 -24 -32 

cn;Cnj 

(a) M = 0.25 

Figure 20.- The dynamic lateral-directional rotary stability derivatives. 

w 

L . 

5 * 

. , , . 



20 

I6 

Wing, body, tail 0 Wing, body 8~ Theory, ref. 12, tail ------ 

: 

8=-g ; CJ 

0 

wing-body, 

-8” Body n ref. ref. 12, 4, wing-body wing-body ---- ---- 

I2 
c 

8 

dw 

4 

0 

-4 

-8 

,08 0 708 cplb 

% 

(b) M = 0.60 

Figure 20.- Continued. 

0 708 -.I6 ~24 732 

Gi;Cy 



20 

I6 

8 

a, dw 

4 

-8 

Wing, body, tail 0 6= 00 88 ref. tall ------ 

g :$ 

Wing, body ; CJ” 

0 

Theory, 12, wing-body, 

BUY n ref. ref. 12, 4, wing-body wing-body ---- ---- 

.08 0 708 0 :06 716 ~24 ~32 

% w$ 

(c) M = 0.80 

Figure 20.- Continued. 



, I 
J 1 4 I 

I I ‘b ‘I 

Wing, body, rail 0 a= -$ 

: -B” 

Wing, body ; a= -$ 

Body Is 

Theory, ref. 12, wlng-body, tail ------ 
ref. 12, wing-body ---- 
ref. 4, wing-body ---- 

20 ; 
zl 

I6 k 

12 

3 8 
1 

Q, deg 

4 

0 s 

-4 

-8 

0 708 -J6 -24 -32 .24 .I6 .OB 0 708 

% 
.08 0 708 Cl&j 

(d) M = 0.85 

Figure 20." Continued. 



I6 

-8 

Wing, body, tail 0 & 0” 

: I$ 
Wing, body 2 & 0” 

-40 
Bady n 

Theory, ref. 12, wing-body, tail -I---- 
ref. 
ref. 

12, 
4, 

wing-body ---- 
wing-body ---- 

0 716 .24 .I6 .OB 0 708 
.08 0 708 

c”P. 

(e) M = 0.90 

Figure 20.- Continued. 

1 , 
, I 

,* . , 



Y 

I I 
.r c. 

20 

I6 

I2 

8 

Q, dw 

4 

0 

-4 

-8 

4 ‘ 
1 *i ’ I 

Wing, body, tall 0 8~ O$ 

: -8” 

Wing, body t Sm O$ 

Body n 

Theory, ref. 12, wing-body, tail ------ 
---- ref. 12, wing-body 

ref. 4, wing-body ---- 

0 708 -.I6 .24 .I6 .08 0 
.08 0 -.08 

%J 

(f) M = 0.92 

Figure 20..- Continued. 



Wing, body, tall 0 8= 5 
g r& 

Wing, body ; 8=-r0 

Body !.I 

Theory, ref. 12, wing-body, tail ------ 
ref. ---- 
ref. /2, 4, wing-hod wing-bo 4 ---- 

m 0 -m 0 46 -d6 -24 -32 

% %7?4 

(g) M = 0.94 

Figure 20.- Continued. 

I ’ , ’ 



1 4 
J * 

I * 
, 

1 

16 

8 

Q, deg 
4 

0 

-8 

.08 0 708 

cnP 

0 708 -J6 ~24 ~32 

cnr-cnj 

(h) M = 0.99 

Figure 20." Concluded. 



16 

12 

8 

a, dw 

4 

0 

-4 

-8 

0 -d6 .I6 .08 0 ~08 
.08 0 -.08 

% 
Cl, - clj 

(a) M = 0.25 

0 -x)8 716 -24 -32 

G+ - Crib 

Figure 21.- The effect of fences on the dynamic lateral-directional rotary stability derivatives; 
f= approximately 8 cycles per second. 
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Figure 21.- Continued. 
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Figure 21.- Continued. 
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Figure 21.- Continued. 
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e 22.- The effect of Reynolds number and frequency of oscillation on the dynamic lateral- 
directional rotary stability derivatives. 
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Figure 23.- The variation with Mach number of the dynamic lateral- 
directional rotary stability derivatives; a = 2O. 
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Figure 24.- Estbnated period and time to damp of the controls-fixed, 
short-period, longitudinal oscillatfon for & representative airplane 
In level flight. 
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lateral-directional oscillation for a representative airplane in 
level flight. 
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