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By Bernard N. Daley and Richard S. Dick
SUMMARY

Tests of a group of related NACA ailrfoil sections varylng in maximm
thickness, design 1ift coefficient, and thickness distribution have been
conducted in a two-dimensional open-throst-type wind tumnel at Mach num-
bers of 0.3 to about 1.0, and at corresponding Reynolds numbers from

0.7 X 106 o 1.6 x 105. Normal-force, drag, and pltching-moment coeffi-
clents are presented, together with representative schlieren photographs
and pressure-distribution diagrams.

The results of these tests Ilndicate that at near-sonlc speeds the
maximum normal—force/drag ratlo approaches the low values theoretically
determined for a biconvex airfoil in supersonic flow; contrary to low-~
speed results the maximum normel-force/drag ratio increased as elther
the thickness ratio or the camber were decreased. At all Mach numbers
the normal~force coefficient for meximum normal-force/dresg ratio gen-
erally increased with increases in thickness ratio, camber, and with
forward movement of the position of maximum thickness. The trends of
the data in the highest Mach nunber range indicated thet the normal-
force-curve slopes of all airfoils tested are spproximately equal at
Mech number 1.0, the value being about the same as at low speeds.

INTRODUCTION

Designers of ailrcraft and aircraft propellers have repeatedly
expressed the need for airfoil section data in the transonic speed
range. Almost all section data in the subsonlic-speed range have been
obtained from closed-throat tunnels which inherently limit the speed
range of the tests to Mach numbers less than the choking value, gen-
erally about 0.9, Airfoil force characteristics measured at Mach num-
bers near the choking value are influenced an undetermined smount by the
flow distortion associated with this ghoking limitation. Furthermore,
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the correction applied to the closed-throat date for the effect of the
tunnel boundary is fundamentally a low-speed correction which has been
extended to high-speed conditions by the Prandtl-Glauert factor. Since
this factor is strictly applicable only at subcritical Mach numbers, the
applicebility of-the correction at higher Mach numbers is gquestionable.

One method of extending the subsonic speed range of two-dimensional
experimental tests 1s the utilization of the open-jet principal to elimi-
nate the chpking limitations. This scheme permits the siream lines
around the model to curve somewhat more than in purely two-dimensional
flow end presents some difficulty in measurement of the stream Mach num-
ber, but the only large correction required for the data is applicable
to the angle of attack. Thls correction is theoretically defined only
at low speeds, but since 8ll the force characteristics of an airfoll can
be obtalned simultaneously at the same effective or nominal angle of
attack, the lack of the correction should affect only those data in which
asngle of attack 1s used as a varisble or perameter. Although the use of
the open-Jjet princliple is subject to these disadvantages, its use appeared
to be a logical first step toward the attainment of experimentsl data near
Mach number 1. The flow boundaries in the Langley rectangular high-speed
tunnel were therefore extenslvely revised to produce a two-dimensional
open-throat-type tunnel, now designated as the Langley U- by 19-inch semi-
open tunnel. 'This method was used by Ferri (ref. 1) in .obtaining sirfoil
deta at Mach mumbers up to 0.9% and Reynolds numbers up to 4.2 X 107.

In the present: investigation, a group of related alrfoll sections
varying in meximum thickness, cember, and thickness distributlion were
tested for the purpose of determining the effects of these varlables on
the flow and force characteristics of airfolls at Mach numbers up to 1
end at Reynolds numbers up to 1.6 X 106. The results of these tests are
presented hereln. When the results of high-speed ailrfoll tests 1n a semi-
open tunnel such as the Langley 4 by 19-inch facility or the tunnel used
in reference 1 asre compared with alrfoil data from closed-throat tunnels,
certain chearacteristic discrepancies ere noted. In particular, the elr-
foll force coefficients at supercritical speeds tend to change more
rapidly with Mach number in a closed-throat tumnel. It is unfortunately
impossible-at present to determine definitely which type of tunnel pro-
duces the more nearly correct results. Comparisons of the present
results with transonic ailrfoll data derived from transonic wing tests
in free air and in & large slotted tunnel are included in this report,
and these comparisons lend support to the validity of the present data.
However, until more conclusive evidence becomes availsblie, all high-
speed airfoil dats should be used with some caution.
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SYMBOIS

A aspect ratio
c glrfoll chord._
cg section drag coefficilent
Cdo section drag coefficient at zero 1ift
Cm section pitching-moment coefficlent, about quarter chord
Cn section normal-force coefficient
cyy design section 1ift coefficient (incompressible)
cng section normal-force-curve slope,’ Bcn/acr.
h test-section height i
H test-section total pressure
M test-section Mach number (determined from a calibration

using the average pressure in the chambers above and

below the model as a reference)

d.Cd
M3, test-section Mach number at drag rise ™ = 0.1
Mey test-section Mach number at force bresk (%l- = O)
M, local Mach number
n/d section normal-force—drag ratio
(n/d) meximum section normal-force--drag ratio
P -
P pressure coefflcilent, —TL-q—E
. . 005283 - P

Pe critical pressure coefficient, ——p——

q

=
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r test-section statié pressure
P, local stetic pressure
Pref static pressure used as reference for calibration
q test<section dynemic pressure
R Reynolds number, based on 4-inch chofd'
t airfoil méximum thickness ) '
Xcp location of center of Pressure, chords aft of leading edge
Gtest gsection angle of attack, uncorrected
' [0 4% section angleé of attack, corrected for jet deflection

(as calculsted for incompressible flow)

APPARATUS AND TESTS

Wind Tunnel

General description.- The tests. were conducted in the Langley 4- by

19-inch semiopen tunnel, an induction tunnel which is shown in figure 1.
The parallel plates or side walls form fixed boundaries to the flow in
the plane of figure 1(b). The test section of the tunnel is sealed from
the atmosphere but—the flow over the top and bottom of the test section

is not restrained by fixed boundaries. An external duct connects the
upper with the lower chamber. For two-dimensional models {this arrange-
ment results in an essentially open~throat tunnel which is not subject

to the usual choking limitations of a closed-throat tunnel, An adjustable
choking device, which controlled the tunnel mass flow by varying the mini-
mum ares of the stream, was installed in the exlt cone, 8ince the power
avalleble was always sufficlent to maintain the. speed of sound. at the
minimum area of the stream, the choking device stabllized the flow and
was used to fix the test-section Mach pumber at any desired value from

0.3 to about 1.0. Reynolds numbers up to gbout 1.6 X 106 were obtained.

Exit-cone size.- Exploratory tests were made to determine the effect
of exit-cone opening on the tunnel flow. Filgure 2 shows that the exit-
cone opening did not exert a large influence on the tunnel calibration __
but that the highest obtainable Mach number was reduced to 0.935 1f the

exit-cone opening was as small as 19% Inches. The exit-cone opening

e
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required to prevent a reduction in the meximum Mech number was larger.
then the opening at the exit of the nozzle (;9% in.) because of the flow

mixing &long the 8-inch length of free boundaries. - When testing an air-
foil,: an additionel increase in exit-cone opening is required because of
the model wake, Tests with models indicated that & minlmum exit-cone

opening oFf 20% inches is reQuired“se that the highest speed range of the

tunnel can be utilized. This value hés been used for the dats in the
remainder of this paper.

Mach number distributions.- Figure 3 shows that the Mach number is
reasonably uniform across the 19-inch dimension of the tunnel., Uniform
longitudinal Mach number distributions in the empty tunnel, however, are
more difficult to obtain. Figure 4(a) shows that the Mach number in the
region occupied by a 4-inch-chord model varies up to 2. 5 percent from
the free-stream Mach numbér.

Influence of model on flow.- The effect of the model on the flow in
the tunnel is also shown in figure 4. (The data on this figure have been
selected so that the local Mach mumber at the 2U-inch station is the same
with or without the model installed.) Figure 4(a) shows that the model
restrains the flow along the tunnel longitudinal axis and reduces the
maximim locael Mach number within the nozzle. This condition 1is not
peculiar to the center line of the tumnel but 1s shown to exist near the
edges of the jet in figure 4(b). In the regions above or below the model
location near the edges of the jet, the distributions without model are
relatively flat; these Mach number varistions increase considerably when
the model is introduced. At high Mach numbers 1t appears that most of
the Mach number increase near the exit 1ip of the nozzle with model in
place is caused by a rapid thinning of the:boundary leyer inside the
nozzle and by the expsnsion out of the nozzle into the unrestrained aresa,
rather than by any direct local influence of the model on the flow field.
(The tunnel back pressure was maintained at a sufficiently low value to
cause this expansion.)

In an effort to determine the effect of this restraint on the tunnel
calibration, calibrations were obtained (fig. 2) by using as references
the average pressure in the chambers sbove and below the model, and also
the pressure at the 2h-inch station within the nozzle. The results of
these calibrations for the "wilth-model" condition of figure 4(a) are
indicated by the connected arrows 1n the region specified "model location.
The arrows on the left of this regilon. indicate the tunnel Mach numbers
obtained using the calibrations and pressure measurements of the upstream
orifice (2h-in. station); the arrows on the right indicate the tunnel
Mach numbers obtalned by using the celibrations and measurements of the
average pressure of the tunnel chambers. The upsﬁream orifice provides
no indication of the expansion existing at the 1ips of the nozzle (w1th

e
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model in place) and therefore the maximum Mach number indicated by this
method is low (fig. 4(a)). Further, the calibration of the upstream
orifice is excessively sepsitive at Mach numbers near unity (fig. 2).
Since a calibration based on the average chember pressure includes the
effect of the expansion near the lips of the nozzle and is more regular
than one based on the upstream orifice at near-sonic speeds, the average
. chamber pressure has been used as a reference for calibration. The
stream Mach number, as determined by the pressure in the tunnel chambers,.
may be influenced by two opposing effects, the increase in velocity due
to the model and the decrease in veloclity near the 1lips of the exit cone.
The amount by which these effects influence the stream Mach number is not
known but it is not expected to be large.

Wind-tunnel corrections.- Aerodynamic deta from this type of wind
tunnel are subject to corrections similar to those of an open jet.
References 2 and 3 show that the only important correction to the air-
foil forces in an open Jjet is the Jet deflection or angle-of-attack cor-
rection. The Langley k- by 19-inch semiopen tunnel is a modified open-
throat-type wind tunnel, since the exit cone provides some restraint to
the Jet deflection. The corrected angle of attack (In degrees) for this
specific configuration with equal pressures in the chambers above and
below the model can be calculated by reference LI to be @ = @pagy - 1.85¢y

for incompressible flow. No methods have been devised to extend this cor-
rection to Mach numbers near 1, but some indication that the msgnitude of
the correction does not change greetly at high Mach numbers is given under
the side heading "Comparisons with Other Data.® For the purpose of con-
sistency, however, all date presented In this paper are uncorrected unless
otherwise specified. The values of angle of attack presented herein,
therefore, are nominal only. The values of normel-force-curve slope pre-
sented herein are also uncorrected and should not be used quantitstively
but they should be qualitatively correct in their varistions with airfoil
shape parameter, normal-force coefficient, and Mach number. Since all
the serodynsmic forces were measured simultaneocusly at the same effective
angle of attack, the validity of all other data presented herein (that is,
all data which are presented without reference to angle of attack) and the
conclusions drawn should not be affected by neglecting the corrections.

Effect of duct size and humidity.-~ The tests of all the airfoils
were not conducted with external ducts of the same size. An external
duct having a minimum area of 5.5 square inches was used for the original
tests. After these tests showed that equal pressures in the chambers
above and below the model could not be maintained at high angles of
attack, the minimum duct area was increased to 52 square inches to insure
pressure equalizstion. Limlted investigations to determine the effect of
duct size on the aerodynamic characteristics have been made and the
. results of one of these tests are presented in figure 5. The dilsagree-
merits shown in this figure between the data of the different duct sizes
are the largest found in any of the tests. For this particular comparison,
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a considerable emount of the difference between the data of the two duct
sizes appears to be due to a difference in Mach number and effective angle
of attack, but this was not consistently found in other comparisons.

At zero angle of attack (fig. 5), where no flow occurs through.the
duct and & change in duct size should not affect the airfoil character-
istics, differences in drag coefficient may be observed in the Mach num-
ber range sbove the drag rise. It 1s believed that these differences are
due to differences in relative humidity. Evidence was found that con-
densation shocks in the flow which have the effect of increasing the
normal-to-chord extent of the shock loss are possible when the stagne-
tion relative humlidity is as low as 25 percent. Since it was not gen-
erglly possible to.test at relative humidities much less than 20 percent,
some of the drag coefficients in the highest Mach number range may be
subject to condensation effects. The differences in drag coefficlent
shown at the higher speeds for all lifting conditions in flgure 5 =are
therefore not necessarlly due to the effect of duct size. No evidernce
was found that the stagnation relative humidity had appreciable effects
on the 1ift and moment coefficients. The duct size used for each air-
foil is indicated in the basic data plote where the data are plotted as
a function of Mach number. Whenever & comparison of alrfoil data is made
to show the effects of change of alrfoll meximum thickness, design 1ift
coefficlent, or thickmness distrlbution, the duct size is the same.

Comparisons with other data.- No other two-dimensional date are
avaellsble with which to compare the dste presented herein at Mach numbers
approaching 1.0. An attempt to verify the data from the Langley L4- by
19-inch semiopen tunnel was made, however, by comparing the data presented
herein with those obtained from other two-dimensional facilities at some-
what lower speeds and wilth three-dimensional wing data. Polints of agree-
ment could be found in these comparisons but no genersl agreement of all
forces wes found, nelther between the 4 by 19-inch-tunnel data and those
from any other facility, nor between the data from eny two of these other
facilities. Comprehensive quantitative comperisons are therefore omitted.

Several figures have been prepared by using the mesger available
data to provide a qualitative indication of the value of the data pre-
sented herein. The variation of the zero-lift drag with Mach number
cbtained in the 4~ by 19-inch tunnel for several symmetrical airfoils
is compared in figure 6 with data obtained by the falling-body method
(refs. 5 to 7) and with data from a two-dimensional closed-throat tunnel

for which % = 0.133 (unpublished data). NACA 6hA-series alrfoils

.having infinite aspect ratio were used in the L~ by 19-inch-tunnel tests,
whereas NACA 65-series airfoils having an aspect ratio of 7.6 were used
in the falling-body tests and NACA 6l-series airfoills having infinite
aspect ratio were used in the closed-throat-tunnel tests (shown to the
choking Mach number). The drag data from the 4% by 19-inch tunnel are

o ol SO
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lower then those from the closed-throat tunnel at high Mach numbers.
This difference could result from three possible effects: the lack of
sufficlent restraint to the flow along the free boundaries of the open
tunnel, the influence:.of the choking limitations in the closed-throat
tunnel, and the questiocnable nature of the closed-throat-tunnel correc-
tions at high Mach numbers. The drag dete from the h- by 19-inch tunnel
are higher than those obtained by the falling-body method. At a Mach
number beyond the drag rise, the Mach number increment between the drag

curves of the NACA 651-012 wing (A = 7.6) tested by the falling-body

method and the NACA 644012 airfoil (A = «) tested in the 4- by 19-inch
tunnel 1s approximately the same ss that which would be expected for

this change in aspect ratio from the results of reference 8; for ailr-
foils of lesser thickness, this Increment decreases, as would be expected.
Since the data of references 5 to 7 should correspond closely to condl-
tions of unrestrained flow, it appears, therefore, that the variation

of drag coefficlent with Mach number as obtalned in the Langley ). by
19-inch semiopen tunnel is approximately correct.

Chordwise pressure distributions have been obtained at various
spanwise stations on the wing of the X-1 airpleme in flight (ref. 9 and

unpublished data) and on a % -scale model of the X-1 airplane in the

Langley 1l6-foot transonic tunnel (ref. 10). These data for spanwilse sta-
tions 49 or 64 percent of the semispan from airplane center line are com-
pared at equal lift coefficients (fig. 7) end excellent agreement is
obtained (see also ref. 10). For purposes of comparison with these data,
the same airfoil section, the NACA 65-110, was tested in the k- by 19-inch
tunnel. The angle of attack of the 4- by 19-inch-tunnel data (for figs. T
and 8 only) has been correécted for jet deflection (as calculated for incom-
pressible flow) and is compared with 1l6-foot-tunnel data (uncorrected for
‘downwash) at corresponding angles of attack. Although a comperison of
two- and three-dimensional data at high subsonlc Mach numbers is compli-
cated by unknown effects of tip relief and fuselage velocity field, some
significent points can be made. The pressure distributions from the two
sources (fig. 7) are in good esgreement over the forward portion of the
profile at all Mach numbers. This similarity of the forward portions of
the pressure distributions provides an indicatlon that the calculated
incompressible correction to angle of attack is of the proper order at
these Mach numbers. At Mach numbers of 0.35 and 0.90, the pressure dis-
tributions over the rear of the airfoil are similar for both tests, except
that the rapid pressure rises associated with the shock phenomenon on the
ypper and lower surfaces are somewhat more rearwsrd on the wing than on
the airfoil and 1t appears that little or no separation occurs on the wing
forward of the shock weve. These differences are magnified as the Mach
number is increased from 0.90 to 0.95, in which range the data for the
three-dimensional case are very sensitive to changee in Mach number.

These differences may be the result of three-dimensional effects or dif-
ferences in Reynolds mumber, that of the 16-foot-tunnel tests being
approximately three times those of the present tests. At a Mach number

) T - i '
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of 1.0, good agreement between the two- and three-dimensional data
is observed, the shock wave being near the trailing edge for both
configurations.

A similer comparison for normal-force and pitching-moment coeffi-
cients is presented in figure 8. Good agreement is shown between the
16-foot-tunnel data (ref. 10) and the 4~ by 19-inch-tunnel data up to
a Mach number of 0.90. At somewhat higher Mach numbers the three-
dimensional data indicate larger normal-force coefficients and more
negative moment coefficients then the two-dimensionsl data. At M = 1.0,
the two-dimensional force data are agein in good agreement with the three-
dimensional data. Although the differences shown at Msch numbers of 0.925
and 0.95 appear to be due to a difference in indicated Mach number, it
should not be concluded that a Masch number error exists 1n either group
of data because of the possible large influences of fuselage shock, tip
relief, and Reynolds number on the wing pressure distribution in this
speed range.

Models
Aerodynamic data for the following airfoils are presented herein:

NACA 6LAOOkL NACA 64A006 NACA- 634009
NACA 64A009 NACA 64A206 NACA 65A009
NACA 6LkA012 NACA 64A506 NACA 16-009

Ordinates for these alrfoils are given 1n table I and & comparison of the
profiles is made in figure 9. (See ref. 11 for the development of the
6A-series airfoils.) All models had a 4-inch chord and completely spenned
the lL-inch dimension of the tunnel. Static-pressure orifices having a
diameter of 0.0135 inch were drilled normal to the surface near the mid-
span station at the chordwise locations shown in figure Q.

Tests

Lift and moment coefficients for some of the alrfoils were obtalned
with the NACA electrical pressure integrastor (model B) comnected to the
airfoil-surface orifices. This instrument is described in reference 12,
(A1l airfoil orifices were also comnected to & manometer so that the
shepe of the pressure distributions could be obtained if desired.) Cor-:
responding data for the other airfolls were computed directly from manom-
eter readings of the airfoil-surface pressures. Drag coefficients were
computed by the method of reference 13, using the pressures megsured in
a total-pressure survey downstream of the model. The angle-of-attack
range for most airfoils extended from the angle corresponding to zero

- . i-i - . i
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1ift to 8°. For some of the airfoils, 1i1ft and moment data were obtained
at angles of attack of 10° and 12°., Tests were conducted through a Mach
number range from 0.30 to approximately 1.00, with a corresponding

Reynolds number range from 0.7 X 100 to 1.6 x 106.
PRESENTATION OF RESULTS

The baslic force characterlstics of all airfolils tested are presented
as a function of Mach number in figure 10 by using uncorrected angle of
attack, oyegts 88 & parameter (see section entitled "Wind-Tumnel Cor-

rections"). These data are analyzed with reference to normal-force
coefficlent in figures 11 to 13, drag coefficient in figures 1k to 17,
moment coefficient in figures 18 to 22, the transonic similarity rules
in figure 23, and flow characteristics in figures 24 to 26.

Several of the figures have been presented in the form of a modi-
fied "carpet."” TFor the carpets in figures 11, 1k, 19, and 21, the scales
for a, cg; cps 8nd Xops respectively, are correctly orlented only for
that Mach number specified in the scale identification. For any other
Mach number presented, these scales must be shifted so that the zero for
the scale 1s on the coordinate which is labeled with the selected Mach
number,

DISCUSSION

Normal-Force Coefficlent

Normel-force-coefficlent data for each of the airfoils are shown in
figures 10 and 11. In order to faclilitate the analysls of-these data,
the normal-force-curve slope (cn@) is plotted as & functlon of Mach num-
ber in flgure 12 for several velues of normal-force coefficient. As
previously discussed, the values of angle of attack of these data have
not been corrected for Jet deflection. The omission of this correction
cguses the values of normal-force-curve slope presented to be too low,
but these values should be qualitatively correct in their variations
wlth airfoil shape parameter, normal-force coefficient, and Mach number.

The effect of change in airfoil-thickness ratio on Cng, is 1llus-
trated in figure 12. At the lower speeds Cng, does not appear to be

affected by change in airfoil thickness or normal-force coefficlent.
As the Mach number is increased, Cng, of all the airfolls increases. The

e 4
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peak value of cp, "and the Mach number corresponding to the peak value
are progressively higher as the airfoil thickness decreases. In addition,
the Mach number range through which the values of Cng for the thin

alrfoils are higher than those of the thick airfolls increases as the
normal-force coefficient increases. The values of ‘Cng, at high Mach

numbers for all of the airfoils generally incresassed as the normal-force
coefficient increased; this was particularly noticeable for the 1l2-percent-
thick airfoil, which exhiblted a large loss in Cn, at zero 1lift.

An increase in design 1ift coefficient causes an increase in the
normal-force coefficient attalned at zero angle of attack for all Mach
numbers (fig. 11(b)}). The normal-force coefficient attained at a = 0O°
increases with Mach number up to M = 0.9 for cry = 0.2 or to M= 0.8

for cli = 0.5, and decreases progressively with further increase in Mach

nunber (figs. 10(d), 10(e), 10(£), and 11(b)). The effect of change in
airfoll design 1ift coefficlient on Cng, (fig. 12) is irregular at low
Mach numbers, probably because of the curvature of the normsl-force
curves of the NACA 64A206 airfoil (fig. 11(b)). IA the Mach number
range near 0.87, the airfoil having the highest camber produced the low-
est value of cp,, but at Mach numbers of 0.95 and above the airfoil
having the highest camber produced the highest value of Cn, -

éhe effect of change in airfoil-thickness distribution on Cng is

shown in figure 12. Except for localized differences at Mach numbers
from 0.90 to 0.95, there appears to be little systematic variation of
Cng, with normal-force coefficient or thickness distribution for the

GA-series alrfoils. Where differences can be observed in the low-speed
range, however, the 65A airfoll generally has the lowest values of Cng, .
The l6-series airfoil has a lower value of Cp, +than the 6A-series air-

folls, except at the highest Mach numbers or at the highest normsl-force-
coefficients, At low normal-force coefficients the change in Cng

through the Mach number range is less for the 16-series sirfoil than for
the 6A-series airfoils, but at a normal-force coefficient of 0.4 there
is little difference between the data of the various airfoils.

The trends in Cng, in the highest Mach number range indicate that

the values of Cng, of all airfoils tested will be essentially equal

at a Mach number of 1.0, the value being about the same as at low speeds
and only slightly affected by normal-force coefficiéent (fig. 12). At
high Mach numbers the effect on Crg, produced by the change in airfoil

thickness was the largest of any profile parameter within the ranges
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investigated, and the change in thickness distribution produced the
- smallest effect.

The Mach number for hormal-force break (fig. 13) generally decreases
with increase in normal-force coefficlent. At any particular normal-
force coefficient, an increase in airfoll thickness or design 1if{ coef-
ficient decreases the Mach number for normel-force break, whereas thick-
ness distribution has little effects: -

Drag Coefficilent

Drag-coefficient data obtained by the wake-survey method are pre-
sented in figures .10 and 14 for the various airfoils. The veloclty field
of the model extends approximately to the tunnel boundary at the highest
Mach number presented; but, singe the local Mach numbers experlenced at
the tunnel boundary never exceed 1.05 for any data presented herein, very
little shock loss is experienced in this regilon and the effect on the drag
coefficlents is negligible. (The irregularities observed in the data
for the 64AS06 airfoil at Mach numbers above 0.9 are believed to be the
result of condensation shocks.) The omission of the angle-of-attack cor-
rection due to Jet deflection (previously discussed) does not influence
the data presented in this sectlon since angle of attack 18 not used as
8 parameter or wvarisable.

Figures 15 and 16 illustrate the effects of change in airfoil sec-
tlon, normal-force coefficient, and Mach number on the airfoil normsl-
force/drag ratio. Figures 15(a) and 16 show that (n/d)pgy and the cp

at (n/d)pay 1ncrease as the thickness ratio increases for Mach numbers

of 0.75 and lower; the thicker asirfoile maintain their superiority at the
highest normsl-force coefficients investigated (fig. 15(a}), but at low
normal-force coefficients little difference can be noted between the

n/é& values for ailrfoils of different thicknesses. Throughout the normal-
force-coefficient range, the values of n/d undergo a reduction at some
Mach number above 0.70; the Mach number at which this reduction in n/d
occurs increases a3 the airfoil thickness decreases. At Mach numbers of
0.9 and above, n/d et any normal-force coefficlent increases as the
thickness ratio decresases.

For the cambered airfoils (figs. 15(b) and 16), (n/d)p,, and the
c, for: (n/d)max increase with design 1ift coefficient at Mach numbers
up to about 0.75, the cp for (n/d)max being always somewhat greater

than the design 1lift coefficient. In this speed range the NACA 6L4A206
eirfoll generally had the highest value of n/d at low normal-force

cpefficients (fig. 15(b)), but at higher normal-force coefficients the
NACA 644506 airfoil had the highest n/d. These effects of changes in
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design 1ift coefficient on n/d in this speed range are in agreement
with those pointed out in reference 1k. A decrease in (n/d)pay occurs

for all airfoils at some Mach number above 0.70, the largest decrease
occurring for the airfoil having the highest design 11ft coefficlent

(czi = 0.5). At Mach numbers of about 0.85 and above, the NACA 64A506

airfoil has a lower value of n/d than those airfoils having less camber,
this undesirable feature occurring throughout the normal-force-coefficient
range investigated. '

At Msch numbers less than Q.75, the effect of change in thickness -
distribution on the 6GA-series airfoills (figs. 15(c) and 16) was to pro-
gressively reduce (n/d)p,, and the c, for (n/d)pgy 88 the location

of meximum thickness was moved rearward. The differences between the
values of n/d for the ailrfoils of this series, however, are generally
not large over the whole normal-force-coefficient range (fig. 15(c)).

The values of n/d at moderste normal-force coefficients, of Ch/d)max,
and of c¢n for (n/d)max were generally lower for the l6-series alr-
foils than for the 6A-series airfoils at Mach numbers less than 0.80. At
higher Mach numbers, all airfoils indicate a rapld decrease in the value
of n/d as the Mach number increases. This decrease occurs at M =~ 0.85
for the 16-series airfoil and at M = 0.80 for the 6A-series airfoils,
causing the 16-series airfoil to have the higher values of n/d in the
Mach number range near 0.85. At Mach numbers above 0.90, thickness dis-
tribution has little effect on the normal-force/drag ratio.

Generally, the effect on n/d produced by the change in airfoil
thickness or design 1ift coefficient (within the range of airfoil param-
eters investigated) was much larger than that produced by the change in
thickness distribution. At high Mach numbers, (n/d)max generally

increases with a decrease in thickness and design 1lift coefficient (a
reversal of the low-speed results) and decreases rapidly with increasing
Mech number. The values of (n/d)max for the sirfoils at M = 0.97

closely approach the theoretical valués for a biconvex airfoil in super-
sonic flow computed by the method of reference 15 (fig. 15(d)). At Mach
numbers somewhat greater than 0.8, the - ¢y for (n/d)Inax for all sir-

foils tested increases with Mach number (fig. 16}. The cp for (n/d)pa.y

increases with sirfoil thickness, design 1ift coefficient, and with for-
ward movement of the location of maximum thickness &t all Mach numbers.
This increase In cn Tfor (n/d)max is assoclated primarily with a

reduction of the rate of change of cg with c, (fig. 1k), rather than
with an increase in the zero-lift-drag coefficient.
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A related effect 1s shown in figure 14{a) in which the dotted lines
indicate Cdy * Cn sin o, where c, sin a 1s drag coefficient due to

1ift when the resultant of the 1lift component and the drag due to 1lift
component 1s assumed to be normal to the chord; in this figure a hori-
zontal line originating at the drag coefficlent for zero 1lilft indicates
the drag when this resultant is normal to stream direction (dreg due to
1lift equals zero, as predicted by potential-flow theory). These con-
ditions have been referred to as zero leading-edge suction and full
leading-edge suction, respectively, but for supercritical flows the
change in pressure over the rear part of an airfoil that occurs with
change in 1ift coefficient can have a stronger effect on drag due to
1ift than changes in the suction forces near the leading edge. In the
lower cp range, an increase in Mach pumber increases the measured drag
increment due to lift-except at the highest Mach numbers on the thick
airfoils. A decrease in alrfoil thickmess also incresses the drag
increment due to 1ift (in the lower Cp range) except at Mach numbers
between 0.85 and 0.95. An analysis has shown that the conditions which
bring about these variations are very complex because of the unpredict-
able neture of the flow when shock and separstion are present.

The drag-rise Mach number of the various airfoils is presented in
figure 17. This parameter 1s presented and discussed only in the normal-
force-coefficient range where low values of the low-speed-drag coeffi-
clent are obtained and the significance of the drag-rise Mach number as
an indication of airfoil performance is not impaired by flow separation.
The highest drag-rise Mach number occurred at zero 1lift for the symmet-
rical airfoils, as expected, and at normal-force coefficlents approaching
the design value for the cambered airfoils. The meximum drag-rise Mach
number increased with a decresse in thickness and design 1ift coefficient
but was little influenced by changes in location of meximum thickness of
the 6A-series airfoils. The 16-009 alrfoil had higher values of the
drag-rise Mach number than the 6A-series airfoils of comparable thick-
ness throughout the normal-farce-coefficlient range. -

Moment Coefficlent

The basic date in figure 10 have been cross-plotted in figure 18 to .
show the effect of Mach number on ¢ for the various airfolls at several
normal-force coefficients. The omission of the angle-of-attack correc-
tion due to Jet deflection (previously discussed) does not influence the
data presented in this section slince angle of attack is not used as a
parameter or variable. The. effect of increase in cp Tfor symmetrical
alrfoils from zero to somefpositive value Is to cause large variations
in the moment coefficient to occur at high Mach numbers (fig, 18). With
the exception of the 16-00Q airfoil, the effect of increasing the normal-
force coefficient from 0.2 Yo 0.4 is small.

" - - e
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Little effect of thickness on the moment coefficient is observed
for lifting conditions at Mach numbers less than 0.8. Above this speed,
the thickest alrfoil experiences a rapid increase in climbing moment,
followed by an equally rapid decrease, while the thinnest airfoil
experiences only an Increase 1n diving moment, which is less rapid and
occurs at a somewhat higher Mach number than on the thick airfoil. For
intermediate thicknesses the moment trends experienced with change in
Mach number tend to fall somewhere between these two extremes. This
change in variation of cp with Mach number 1s caused by the differ-
ences in flow over the rear portion of alrfoils of different thicknesses;
as will be pointed out later, the thick airfoils experience reversals in
locading over the rear portion, while the thin airfoils have relatively
high loadings near the trailing edge. The effect of increasing the
design 1ift coefficient of the 6-percent-thick airfoils was to cause a
negative shift in moment coefficient without greatly affecting the trends
with Mach number. Changes in the thickmess distribution had little .
effect on the GA-series airfoils, but changing the profile to the
l6-series airfoil eliminated the ebrupt pitch-up tendency at high Mach
numbers and changed the character of the curve throughout the Mach num-
ber range investigated.

Most airfoils tested were neutrally stable or slightly unsteble in
the lower Mach number range (figs. 19 and 20), the NACA 16-series air-
foil being most unstable. Except for the thicker airfoils near zero
1ift, all airfoils tested become stable in the higher speed range.
Large changes in the stability parameter ch/acn are observed, how-

ever, at these higher Mach numbers. Because of the large abrupt changes
in ¢ and cp with Mach number in this speed range, it is often 4if-

Picult to define exactly the stability parameter.

Although the stability parameter is erratic in its variations, the
chordwise location of the center of pressure (xcp) behaves in a more

regular fashion (figs. 21 and 22). All of the 6A-series airfoils showed

an initial resrward shift in xcp with Msch number at Mach numbers

around 0.8 to 0.9. This rearward shift with Mach number is continued
to the highest speeds tested for the Y-percent-thick airfoil and is -
little affected by changes 1n normal-force coefficient. For the thicker
sections, however, this initial rearward shift is followed by & forward
shift and for the thickest airfolls an additional reversal occurs which
returns Xcp to approximately its low-speed valuel_ These variations

in xcp for the thickest airfoils are reduced as the normal-force coef-

ficient is- increased. An increase in design 1ift coefficient resulted
in a rearward shift of xcp, as expected. A rearward shift was also

caused by increasing the Mach number for these 6-percent-thick cambered
alrfolils. The effect of an increase in normal-force coefficient was to
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produce & forwar8 shift in Xeps which would be expected at low speeds,

and this forward shift was found to occur throughout the Mach number
range. The effect of chanke in thickmess distribution on Xep was

small for the 6A-series airfolls. The l6-series alrfoll produced a
somewhat more desirable variation of Xep with Mach number, but the

total change 1n x¢p through the Mach number range did not decrease
with normal-force coefficient, as was the case for the 6A-series airfoils.

Correlations Mede by the Transonic Similarity Law

The transonic similarity rules provide a methocd of correlating deta
“from thin airfoils at Mach numbers near 1.0 in such a manner that any
particular force or moment component for all airfolls of a family may be
defined in two-dimensional flows by & single curve. Thus, if data from
one profile are available, data for any other airfoll section having the
same thickness distribution mey be estimeted or predicted by this rule,
provided the flows are truly similar. A correlation of the experimental
data of the 6lA-series airfoils varying in thickness 1s shown in figure 23,
based on the transonic similarity parameters presented in reference 16.
All these sirfoils correlate well on the basis of zero-1lift drag coeffi-
cient. The correlation of the 4#- and 6-percent-thick airfoils on the
basis of drag due to 1lift; normal-force and pitching-moment parameters, .
is reasonably good at high Mach numbers. The disagreements between these
results at lower Mach numbers result from dissimiler flow conditions; the
flow over the Y4-percent-thick airfoil separates near the leading edge at -
a very low angle of attack, so that the normal-force coefficient is
reduced (see fig. 11(a)); whereas the flow over the 6-percent-thick air-
foil remalns attached over most—of the surface at these low angles, The
9- or l12-percent-thHick alirfolils do not generally correlate with the
thinner airfoils in the high Mach number range, but there is a tendency
toward correlation at the highest speed shown. Some of the differences
maey be due to the application of the similerity rule beyond its limita-
tions but most of the differences shown are probably due to the combina-
tion of two effects on the thick airfoils, the separation behind the
shock wave over the rear of the upper surface and the rapid decrease in
pressure over the lower surface with increase in Mach number; both effects
tend to cause the normal-force coefficient to decrease and the moment o
coefficlent to breek in the positive direction for thick airfoils.

Flow Characteristics

The schlieren photographs and pressure distributlons shown in fig-
ures 24 to 26 are representative of the flow conditions over the airfoils .
investigated. The pressure distributions over the airfoil surfeace are
superimposed on the schllieren photographs so that the alrfoil chord line
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identifies the P = 0 axis. The s0lld line represents the upper-surface
distribution and the deshed line represents the lower-surface distribu-
tion. In general, the flow changes in the near-sonic speed range are
similar to those frequently observed in a lower supercritical speed range,
that is, the effect of increase in Mach number 1s to Increase the local
pressure over the fore part of the upper surface and cause the shock waves
on both airfoll surfaces to move consistently rearward with a resulting
decrease in the local pressures over the rear part of the alrfoil.

For lifting conditions, the separstlon which occurs over the upper
surface of the symmetrical airfoils at high speeds (parts (b) and (c) of
figs. 24 and 26) 1s generally much more severe for the thicker airfoils
than for the thin airfoils. This separatlon tends to increase the local
pressure over the rear part of the upper surface. The flow generally
remaing attached on the lower surface, however, resulting in low pres-
sures over the lower surface near the rear part of the model and a conse-
quent reversal in airfoil loading near the trailing edge. Thils reversal
is particularly noticeasble for the NACA 16-009 airfoil (parts (b) and (c)
of fig. 26) and the NACA 6LAO12 airfoil (fig. 24(Db)).

Two widely separated shock waves of three types are frequently
observed simultaneously on the lower surface of cambered airfoils at
low angles of attack (figs. 25(a) and 25(b)). Each of these separate
shocks is similar in nature to shocks observed on symmetrical airfoils;
they are unusual primarily in that they occur in combination on the
cambered sirfolls. The shock located at the leading edge of the highly
cambered airfoil occurs because the upwash (near the leading edge) at
high Mach numbers is much less than at low speeds. The leading edge of
the alirfoll 1s then effectively at a negative angle of attack and the
leading-edge~flow conditions are similar to those discussed in refer-
ence 17. The lower-surface shock near the midchord of the moderately
cambered airfoll asppears to be assoclated with the basic curvature of
the surface itself, since increasing the design 1ift coefficient elimi-
nates this phenomenon. The third type of shock which mey occur in com-
bination with another shock is located at the trailing edge and is fre-
quently preceded by an expansion (indicated by a dark region on the
schlieren photographs). This trailing-edge expansion followed by a
shock wave has been observed at supersonic speeds (ref. 18) and was
attributed to a pressure difference between the upper and lower surfaces
near the trailing edge which caused a turning of the flow around the
trailing edge until its direction is upward relative to the free stream,
followed by a deflection to the free-stream direction through a shock upon
meeting the flow from the upper surface. This trailing-edge expansion
with the subsequent shock was observed also at Mach numbers approaching
unity on symmetrical airfoile under 1ifting comnditions (parts (c) of
figs. 24 and 26) and in some of these cases little difference in pres-
sure coefficient between the upper and lower surfaces was indicated.
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This phenomencn was particularly notlceable, however, on the cambered
airfoils (fig. 25), where large differences in pressure exist between
the upper and lower ‘surfaces near the trailing edge.

large varistions in the shock &ngle are observed at M =1 fob
the various airfoils at low angles of attack, as illustrated in
fig. 24(a). These variations follow the trends expected from super-
sonic theory, which predicts that the shock angle would be a function
of the local Mach numbe¥ ahead of the shock and the effective turnling
angle of the flow into a corner at the trailing edge. Separation of
the flow, however, prohibits & more detsiled analysis of this phenomenon.

CONCLUDING REMARKS

Tests of a group of related NACA airfoils, verying in thickness
(6LA0OL, 64A0C06, 6LACO9, 64AO12)}, design 1ift coefficilent (6LA0COS6,
6LA206, 6LA506), end thickness distribution (634009, 6LAOO9, 65A009,
16-009), have been c¢onducted in a two-dimensional open-throat-type
wind tunnel at Mach numbers from 0.3 to about 1.0 and at corresponding

Reynolds numbers from 0.7 x 108 to 1.6 x 106. The angle-of-sttack
range of the tests extended from that for zero 1lift to about 10°. The
only apprecigble correctlion to these data is believed to be a Jjet-
deflection correction to angle of attack which has not been determined
for the high Mach number range. This correction, therefore, has not
been applied to the data presented but its omission 1s not expected to
alter the followlng c¢onclusions:

1. The trends of the data in the highest Mach number range indi-
cated that the normal-force-curve slopes of &ll airfolls tested will
be approximetely equal at Mach number 1.0, the value being gbout the
same as at low speeds and only slightly affected by normal-force
coefficient.

2. At near-sonic speeds, the maximum normal-force/drag ratio
approaches the 'low values theoretically determined for a biconvex air-
foil 1n supersonic flows, and, 1n a direct reversal of the low-s8peed
results, increases with a decrease 1n ailrfoil-thickness rstio and
design l1lift coefficlent.

3. At all Mach numbers the normal-force coefficient for maximum
normel-force/drag ratio generally increases with airfoil thicknmess,
with deslgn 1ift coefficient, and with forward movement of the loca-
tion of maximum thickness.

P,
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4. Except for the thicker airfoils near zero lift, all airfoils

tested become stable in the higher speed range with respect to a
moment center at the quarter-chord point.

Langley Aeronautical Laboratory,
National Advisory Committee for Aeronautics,
Langley Field, Va.
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TABLE I.- ATRFOIL ORDINATES
. I:Btationa and ordinates given in percent of airfoil ehord._]
Ordinate for NACA airfoil v
Btation
6laogh GUAC0E 64a009 6hao12 634009 654009 16-009
0 0 ¢] o 0 0 . 0 o
5" .323 ] 725 961 .137 .690 ————
.5 .390 .585 873 1.158 887 IRy A [—
1.25 493 .T3¢ 1.10k 146k 1.127 1.068 .969
2.50 .678 1.015 1,521 2,018 1.564 . 1.463 1.354
5.0 .932 1.399 2,095 2.788 2,171 1.965 1.882
7.5 l.122- 1.684 2.525 - 3.364 2.624 2.385 2,27k
10.0 1.278 1.929 2,879 3.839 2.990 2.736 2.393
15 1.520 2.283 3.430 %.580 3.552 3.292 3.101
20 1,702 2.557 3.8k% 5.132 3.956 i.’rlh 3.498
25 1.836 2.797 I, 1kh 5.534 k.24 .03k 3.812
30 1.929 ° 2.896 4,351 5.809 k. kg .266 %, 063
35 1.583 2.977 4 469 5.965 -] hoh20 | aeeea
4o 1.999 2.999 4 497 5.993 . b73 L ko5 L,391
b5 1.966 2.945 4 408 5,863 k. 350 L.86 . ————
50 1.889 2.825 L2212 5.605 k. 161 L.379 4,500
55 1.776 2.653 3.956 5,244 - 3.891 4178 m——
60 1.634 2.438 3.629 4,801 3.560 3.881 4,376
65 1,469 2,188 3.2 | k.289 3.177 3.519 ———
T0 1.282 1,907 2.825 L7121 2.751 3.099 3.952
-] 1.078 1,602 2.371 3.118 2.301 2.631 ————
80 .866 1.285 1.901 2.500 1.845 2.127 3.12%9
85 652 967 1.h31 1.882 1.389 1.602 ——
90 .38 649 961 1.263 .932 1.075 1.883
95 .223 .331 lgo N 475 ShT 1.061
100 .008 013 1 .018 .025 019 .020 .090
L.E. redius; .106 26 556 .99% .60L 516 2397
T.E. radiuss .010 .01k .021 .028 .022 021 | memew -
FRACA 65A206 airfoil HACA 6BASOS airfoil -
Upper surface Lower aurface Upper surface Lower surface
Station Ordinate Btetion Ordinate Station Ordinate Station Ordinate
0 0 0 o] 0 o o
L4k .539 546 -.ha7 .388 .613 .612 -.331
698 .622 801 -, 50k .62 .T69 876 -.373
1,192 .858 1.308 -.616 1.107 1.027 1.393 ~23
2.h32 1.225. 2.568 -.803 2.333 1.530 2.667 -.‘l:gh
L.g2h 1.758 5.076 -1.036 h.812 2,288 5,188 - gk
T. 2.168 T.579 -1.196 7.304 2.889 7.696 - 457
9.921 2.513 10,079 -1.32L 9.803 3.hoo 10.197 -
14,924 3.063 15.076 ~1.50L 1%.812 L, 207 15,188 -.323
19,931 3..486 20,069 -1, 19,828 L.877 20,172 -.225
24,940 3.807 25.060 -1.705 24,850 5.382 25.150. ~.12h
29.950 k,o0k3 30.050 -1, ThT 29.876 5. 76k 30,22k -.022
34,961 k.201 35.039 -1.753 34,903 6.035 35.097 .035
39.973 L. 278 Lo,027 -1.720 39.932 6.195 4o.0688 199
.985 4.259 45,015 -1,631 kk 962 6.231 45,038 .34
k9,997 k,155 50.003 -1.495 49,991 6.151 30.009 .501
55.007 3.979 5k.993 ~1.327 55.019 5.969 54,9681 .663
60.01.7 3.7h0 =9. i -1.136 60.043 5,692 59.95T .
65.026 3.3 6k, 97 -.933 65.064 5,324 64,936 .950
70.033 3.090 69.96T -T2k 70,082 1,862 69.918 1,052
75.039 2.685 Th, 961 -.519 T5.096 k.300 T4, 90k 1.102
Bo.ols 2,219 79.954 -.3 80.115 3.617 79.885 1.037
85.045 1.687 k.955 -.2 85.113 - 2,764 84,837 Bkk
90,032 1.138 89.968 -.158 90.079 1.870 89.921 .582
$5.016 S5T6 94,984 -.086 95.0ko .9k2 94,960 .28k
100,000 .013 100,000 -.013 100.000 .013 100,000 -.013 -
L.E. radius: 0.246 L.E. radius: 0.246
T.E. radius: 0,01k “T,E. radius: 0.0l
Slope of radius through L.E.: 0.09%5 Slope of redius through I.B.: 0.238 .
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Figure 1.~ Langley 4- by 19-inch semiopen tunnel. .
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Figure l.- Concluded.



Test-section vach nugber, M

1“ E
f o]
%‘ 5 ¢
1.1 - i ﬁfE E
2l-inch mm\i“ ¥ }ég
(€]
10 ﬁ;E?? g
b
VEEe
,4ﬁ;5 L] munael chaaber
I
.y
.8 L AT
B
A‘ﬁ llelerence pressnres Bxit cone
. red a3,
7 jgztf Tamer | 2l-iuop | OPevingsinche
AL |_chasber | station _
A | lo—ol|a---«| 13
b %E [ — | N a)i
4 p— e — Y
5
’/
/]
.h I’[

08 5 N T~ S ) 32 % o W a8 52 56
H.
Local compression ratic, _E_PHI.

Gz

Figure 2.- Representative calibrationg of the Langley 4- by 19-inch tunnel
for several exit cone openings (tunnel empty).




1.1 " Center 1ine of T
" flpt walls ¥ Bxl0
= G- 1.005 1,59
B 3
% . N R 2501 .9M 1-55
w YA 4 N Fa e v
ol Ao Y
W9
=Y ‘—'|-AL A _.‘_\_AA %é./\ A 2, &'823 1.156
.8 -
7 o e e g TR gnﬂJ%~L4
=
- .6
g = —ﬂ,hq.e_a v, —H £ S D '571 1.17
cl
-
159 © Io-01o——olo-oo—|o— o © b2 1.0
3
b e = PR F— (T 383 | .85
RS = G-~ G— G418 281 | ey
-8 -6 -4 -2 0 ) A 6 ] io

Distance acrosa tunnel, inches

Figure 3,- Representative Mech number distributions across the 19-inch
dimension at the 34-inch station of the tunnel.

92

BTESRCT WY VOVN




WACA RM L52G3la SR 27

- ///////////% :

1 X
1. ~ (without
\ model)
Maximum e _ \\
1.0 \ (with m70dell-——-\< —T \f
/-——‘_’ ].o086
N.997
9 ///f o] B 935
A/ o) ow e .897
A e ) 865
~ / /] D [©] ]
- -8 ~
/ /-’— 0811.
o /' / b o ‘><
% ¢ T~ 752
. g .7
- 2 L~ = ' T T—.655%
:g 6L
. _
.556
Without model
~ A
(@) Wwith model
A
] —1{.376
= Model location—— >
.3 [ I |
16 20 2 28 32 36 ko

Distance along longitudinal axis of tunnel, inches.

T (a) Distributions along center line.
Figure 4.- Local Mach number distributions along center line of the flat

side walls of the Langley L4- by 19-inch tunnel, with and without model.
NACA 64A012 airfoil, ..t = 8°.



28

My

Iocal Mach mumber,

l.l

1.0

9

o7

OOWEEDIEe. T, NACA RM L52G3la

LA S

Maximum |
(wrlbh model) | /N

M (with mod.e?) .\

1.028=— '
IR
o9 B
.8
4 & G-g
:;//’.789,/—1
. N
1 [ U 'O AUV R S _— N
6 S-Ge0-9OoPTVeq g L
'/71/ "Model location N o
(o] oCca 10—t
.S70 G<<>:é_’?@' '—EE'@'—%}‘—ET‘“‘[@: ~
. ] K.Y ¢
| Distributions measured on f1at wall along J
center line of tunnel
M e line 8%—1nches above center line ) with model
- —————— 1line Sﬁ-inches below center line .
— O lines Bia-inches sbove and below | without 1
: center line model
: L1 1 1 I 1 1 l L1
16 20 2L 28 32 36 Lo

Distance along longitudinal axis of tunnel

(b) Distributions near free boundaries.

Figure 4.- Concluded.

ccunilllia



NACA RM L52G31la

o
Sul- w\ ” L -
[} 0 = o o
&K= 1
RN |
/ oo
7 /] )
H )
: &
"
-]
E)
E)
3
. 4
| =
i ] .
b ]
\ m d
t % A4d 6 HHE & Ad 6 an o n
. 1 1 t ] r
To  ‘3UeTOTIIE00 JUOWON PJIUMO-ae3IWND TOTGIE
<
R e N ] ] "
r7 B e -~ Nl./ll[lll
R T T ey
tw / l::#
E..lu.@ o /&. e L) 8!
uy'l. - vl
ﬁA.rl: B -
/// T m
Ay
‘. o o
\ k-
L &
/ 3
b
| s
N il
1
/ 1
[=] [z=] 0 - T L =
i el 3 g g 3 ]
Py  ‘queloTryeco Swap umorjoeg
Q
B - ~ ! Cad
o L) - *~ hS
w AN 3 = w ~~
..N..... n._u.m - =T i l.Ma bl
.m.m A T A... 1
o LA { L
.m " m [§ :r- t 1 *
ar #d 1
> S A i "
448 - X ¥ \ [ .w
oy \ \ \
2 NN
! . T . r .Awn
“ L __ ' __ 1 g
; ! \ ' : ! d
. 1 .. —— .— -_ 1
' ! i } 4 \
I
T H : T -+
i . ! H ' .
AT
Q - ' L] - n.l ) o t
~
Usy 1qmaTaTIIG00 @00 J-THILIOU. TDTI06R

Figure 5.- Effect of duct slze on airfoll section characteristics.

NACA 64A009 airfoil,




TYIINATIANOD

ot

2 Mca
airfoil
—_—————  @© 640XX L~ by 19-inch tunnel .
_________ qxx Telling body "!ﬂﬁg’F’
o (e e D '
e ot e - clo - a
R @ Sh-omx {unpublished) [
.10 //
) t "I /r""'-.
E = 0.10'\# /f
BT ! 17
, A !' 1‘
[ | 7 /
.06 . i
t 1 ) !
- O-w_'ﬁ 7 /L_'—— I
[+
; ] i ! / !
i 17
0l . ; ' f' L1
b a
| s 11/ T/
1 Pd —7 ; / T
s /
02 // I' / / :’ 1’
. ‘ ¥ eg.06 / :7” Yuou '1/" .02
Z o ¢ ’/ f’ ¢ / ), c
’{_.-44 1 -_':-/" z 4’ | — ff’
0
-7 8 9 1.0 7 8 9 1.0 N £ .9 1.0
ksch mmber, M © Mach nomber, N Mach number, M

Figure 6,- Comparison of zero-lift drag coefficients obtained from tests
in the Langley 4- by 19-inch tunnel with those obtained from tests by
other methods.

BIEDSCT W VOVN




NACA REM L52G31ls L 31

———————Full-scale flight (ref. & and unpub. data)
—= —~= ————TLangley 16-foot transonic tunnel (ref, 10) W
O Lower surfacel ; g/ 0qy 4- by 19-fnch tunnal

aex 6° QO Upper surface con 7,659
- 000065 .
- 009999 GOOb\ N
02—~ B ] g
AR ﬁﬂtmﬂﬂﬁér" 413
Dy~ o) L]
- E‘[ =
&
<
a
=
o s
k-] ——
o E\& -
- ja] Q 14
g ‘B mmﬂ ©004 3
- - a2
5 —Fe m/ﬁe =
g o D’G .
.4 f L ) S L L 1 I i
-8k ,"”_\\
. QQ_QG’QOO )
- fe) -
a5 aBE8an o g
- . O
-, Eﬂﬁﬂ ovo \1 ot
o Uar
o]
.4 o] L 1 [ I 3 L 1 1 1
Q - ~
-.S%ﬁbq—’gf 0000 N
o i iad - o] \\,
- oY
4 7 29, 3
iy e VS~ 3
gie 3 =
| = ABE Pag) G)Oo‘ =
& | e
o A B
Ra oo
4 i ] L 1 1 t L ] t R
"o 20 4Q 80 80 100 100
Percent chord

Figure T.- A comparison of pressure distributions obtained on an NACA
65 =110 airfoil from full scale and model tests of a three-dimensional

wing and from two-dimensional tests in Langley 4- by 19~inch tunnel.

C G



¢ (b by 19-1n, tummsl) Ref. 10} e Py
0 prm—— o] -
‘% """" - § W = B~
————- v a2 s
1.0 —L2 ol a2
SN PR
™~ - .
At [T y /A N
g LA J=& v | v / 3 ¥
o =2
§ L1 NG/ ° ] $
L y o .0 p
2 v A © J H o A
: /AN"e il g =A
-] - “ 4 [ a‘-
° -1 < a ! / E // o =.l
2 .4 L o .0 +— B
B (3 ] ] g
b R 1 H f i é :
': L N c-—- ~ A
| e mals bl
a 1y d ¢ ‘
H & 1 \.é o .01'. / g - 1
g AL 3 /. g
-l-:"l \ I/ ! 5 E!
g & - ] | 2 0 \
"0 %E:\"” .02 / /J] 3 B S '"_'E'_"EFE’ gt
) L
© = et j ’17[ -1
== = 4 ? 1
.
Sa— N3 B 1.0 R X .0 1.0 -5 N3 ¥:] 1.0
Mach pumber, N Mech number, Mach mmber, ¥

Figure 8.- Variation with Mach number of force and moment coefficlents
obtained from corrected data from the 4~ by 19-inch tunnel compered
with data at corresponding angles of attack obtalned st the mid-
semispan station of a wing on a one~quarter-size model of the X-1 air-
plane (NACA 65-110 airfoil section}.

2t

BTEDSCT W YOVN




SF NACA RM L52G3la NGRS 33

- NACA airfoil

S U N s e 6haook
T T e 6lu006
T 20

1 ) L ¥ L :
~t- $
" L £ 3+ ] - [} H
m | ll : . ' . 1 i , 6hA506
}-

b
-

Orifice locations

1
—

N 1
T L)

I
4
1
+
A
T

<
<

& L 2
£ T + L

Figure 9.~ Alrfoil profliles and static-pressure orifice locations.

L



34

OaiNaDT.L

NACA RM L52G3la

jis

irF

R
11
8

.6
¥ach muwbar,

1
Imﬁf

]

=
. g
i
T 3T $ T ¢ 7 8 37T 8 ¢ =
Wy  3USTOTIICO FUGKOW PIOYO-ANGJEND TOT4o6R — W
v R
£ %
— e 3 m b
<+ . e
- W o St = g m
#’ AIAM’ o ﬂ S
..hS .AaVV -
lmosas > T : % 8
4190 7 g3
v | . =
v __ i o
I = - BIE R =
ant T g &
++ ' X . : & <
[.1 - ! [ g °
A B ! < ] C] ge Bo-e =9
Po  qmeT0}JI000 Seap UOFL0eq \mf m
T3
o
@ o ..m
<} . ﬂ\\J . =g
B '
<1 . B 0-
p e 2 ~
rv J'.m/nl . .H“. m
u ] :
s R | Bl lel B N
113 1]t g
T3
w .
L
< = =< o g & =
a Yo f3UeT0fIFe00 $0I0I~TEWOU UOTI00E ' '




HACA BM L52331s

AT

1.0

Ly — | =™

, Mm —v
b <4 k] ﬁm
. P [:] ‘o
i m_ ¥ @ m
3 : T
- ] : : -t
| m
T o L " g # g ®Oa78 1
. Hy faueloTirece ".«.Hoﬂo.h ?ubﬂon..uopgv uoTiceq
Boabe - - A o] m
J vip [~ I!Mr e
| L~
3 WVAW. 3t Ea
.um_mnn_.ﬁhzo R SN .
Pl P
i S L sl
I 3 g
I t al 4 9 s
i ; =
I { -+
b 44 Jﬂ fe .
] | N\,
T 9 8§ ¥ § g~ gToos
' ’ Po ‘queTojJIecc Psap wopjoeE
EEE NS E ?
= -
R L@
V‘\l;& ] b . m
AN -
, m w : 1
NN | 20 . ,mm
YR §
L @
A \ : [ o+
g = pod _..._ G 1
Vo \ “
< P = v o 4 o =

1.2

1.0

T3  fquepofFIeco -ﬂ.uo.ul.nqﬁhon a03108g

WO

[=

(b) NACA 64A009 airfoil (emall duct).

35

Flgure 10.- Continued.



36

NACA BM L52G31a

Y DJ T <
a mu_ & -
L —fo
3 ,
v .
: et
: g b
1 1,
- _o a3 Ad T F T e A
1 ] ] P .-
Wy .w..c.o.no.ﬂﬁan.u JTGHOW DIoyo~Jeg.Tenk UOT 005
o
~
toal
-
B . <
: H “ 0 o
] o ] =
i s -3k
b4 4o AR
11 L4
| | e ] g g g7 e
Po  fyueporzzeco Bep woisoes
B <. =
Sy v...i: - A
e -
g ..wv\w\.hh_\n x
VV\ -
: :
& Y Lo &
J 4 % .
2 A | g
I ®
1A \
1] f__\
\ )\ 1
o = © ] D R o o ~
- - By - g O h
JUSTOTTI00 QUIOT=TRILIOU UOTZ00E

(c) HACA 644012 eirfoil (small duct).

Figure 10.- Contimmed.



KACA RM L52G31= ntlﬂﬂiﬁlﬂﬂth

L

.
N

|
i

]

Mach noaber ,

I

psievaales
SHERE ﬁw

L
1
|
= e | — 1
PR S _.. b4 4 .

1 _

B . lw\/A., . 1 ﬁ,lar.mﬁi.

1.0

¥
:

w/:va JJJ%ﬂ7:A;:MFﬂ/gwr!

o
14

6

R
——

Eack mumber, M

4

[ A m—— e -} ——
-~
TRF

[ ——
I S

Figure 10.- Continued.

Rkt
12

[= . a 0
— =] o
- . -

s ‘quetorJIece Bwap uoTjoes

0

(d) NACA 644006 airfoil (esmasll duct).

1.0

z MNMMB qufﬂ‘ _mhﬂ||llww
4 . %
p

Maoh number, M

a8

g
1}
f
o
1

Yo
N
[ ] hu_u.?."

nl - - -
- o ’ @
Y9  ‘qUeTATIFE00 €0I0F-TMLIOU UOTI06E




GRS NACA RM L52G3la

- By

I
' I
¥aoh mmber,

4

i el

I

b

[

.
:
W OGN OH R oUW S
1 ' 1 1 1 ! £

‘U0 JIP0C JUNIOM PIoyo-JegJanl mopjoeg

— N
1

B
a o 8
P m_ SR ’ /.90- e ) m
m Sorotoio o :V/ﬂ Aubitﬂ/.,r 9 el o hatd
Ny T Y v g
@ = ., Q
jAT+ g
SN _ AAWWV eE 3
1] iy
il AL
=R 3 g ¥ P 3 M SR
3 - a ; ] 3 g =
Ps  fquelorIecn Swap UOTjves \nl...a
h_\h.m_ | \hv =
# Waa i

a T o

IEKY .

\ YL m

' | 9 V m“u ﬁ b fu..n

NIRWE N EI i

NEEEEEE
) A.v m._.. t
: ™ H = ] =

99  ‘JUSTRTJINO00 SOIOT-THEION HOTIO08E

Figure 10,~ Continued.



NACA RM L52G3la GONPEREN

14 w% 7 I»fw . [
& . i y 7L
o P j ¢ .”_,
IEE R N
! 4 : . i
F A_ .,w u- =+
_ . 1 q | |
BT 1T g w0 8 1 8 ° & 19 % %

By FRUSTOTFIP00 JULHO P JIOTO-Ie4Je0l TOTL0AE

1!0

~
=4

JLT:] I S

Q [>=] 0
- [~} =]

Po  rjueporgzece feap wopioeg

T
A
o8, \%L
.‘Q\?‘A%
e’ Fﬁgﬁ“ﬁu‘
R,
ST %
o
R
por Bt %9
A
.
T
Y
YH

.6 .
¥ach masber, N

7
7
£
A-""&rﬁ
o

= .Y
w. b 3 P A
3
wﬂ P a@ ﬂ_ '
K $ 3)
1\ \ \ ! f
J ] B =3 s [IN==3 d o h o v o =t
=1 - 1 1

Uy  ‘qUapoTIe00 endoJ-THRIOT Uojjaes

PR S

(£) NACA 64AS06 airfoil (emall duct).

39

Figure 10,- Continued.



NACA RM L52G3la

SO
P [o] 0.
L ) % ol % -
4 IR}
£ b b
wﬂ 4
4 £ 4 11¢M|! g
q =]
M 4 i Am rb.m
¥ 4 % st
M A B 4 a
v 3 4
_ ; w i
v > P I .
b e T ek %FIM T g
Wy fquelojJJeos juemou pacyo-JdejJdsnb uoyjoes
n o« 6 [ 0-
TS -
030 TR I a2
- N
- FVIV . AL/l
B D0 NS .\AI:V/_I.Vll/ AAIA/
o Q -
%umq“ ' =P
++P $d
’w";
i
i > " I “
3
Htits
L . 1 i
m. . N g 2 o °

Po ¢qUueTOTIJ000 Buap UWOTF008

_ hd e 2

by y o= -6/Mw iy -

My A "

g Tl "R |- mw “
BRIV OB 3
EETEe T T

\A_%m. ) wv u" 4 *

1.0

G r,b = O 2D

Uy ¢4ueTotJJe0t 9040T-TBWJIOU UOCTI06E

SEES——.

0G

M

Mach mmber,

(g) NACA 634009 airfoil (large duct).

Figure 10.- Continued.



3F

WACA RM LSeG3la

.
<
.
i

il ]
g
D
a

.6 8 1.0
Mach pumber, MW

!

D

=)

Ql.-d--—-e-\?-v"?'
y

1..,L i
»

E &

I T

o M -
- = . »
L] 3

e

SRR

By cquetoTIIeat JUENNK PIOHI-ISLsAnD DOT30NE
< n o
T e o P ,.
yrs B Fas .II‘.: e e Y s
- b T O N N
TER TS .....:J:v. T
| H == Sk © 2
i % | % 44 |8
E] 1 .
[ b VRS
- n.— 1>
Ty
ey e
Bo  fquepeiizece TeIp TOTIOEE
o

3

il

T m.
&umﬂ W MY&.:
¥4 J.le : 4
a4 B1 &1 8 13
AR ML
s e e

1.0

g A3uRSTIINO0 990 I0T~TNEIDT noﬂav-m

(h) NACA 64AO0S mirfoil {large duct).

k1

Pigure 10.~ Continuved.



MR, T, NACA RM L52G3la

—
=,
N
@y

3
T.0

Figure 10.- Continued.

s
Jmﬁ ; =
||M|I q m.
1 2 : §fod
. F-}
w , ) th J E
. Jv . & J._ [ 1]
3 i : |
- e R 8 " E
_ s .Pﬂ-._“ow.ﬂ..._.wcu u.nlao!.u.unﬂnlnouﬁnﬂu ToTLoeg —_
.
g
% LR
- 3
R N 2=
_Thite L =
R ) N
i I3 i g
BRCLARLTi 3 _ 2
\ L, 5
..N. i m
YT g g oy e =
' Py 'queToTIJe00 Todp uorjoeg \.qu._l
[ % o IJ‘ [l nw
rw > v JA;HJ-é Fmr )
R W‘AJ - » .
g 1 W - ‘
SR S 4
‘d
i S B | ¥ 13
= A ,_ < i 1
VE R !
IR A | :
a A A S T

Ta ‘3UeTDIIJe0D G0JOJ-TEEJIOU UCTE00T



NACA RM L52G31a

e

ras

AL

s

Pyt

- K
_
- A i Mﬂ rmm
i 1% ; i 3 ] 1%
L N ]
| 1 | * | A .
5 ¥ 1 ¥ :
W R r i _ f [ __ — “ =] )
; I LR ; e R T
Wy cqueysTII00s JUEHSE PISTD-Je3mub TCTI08%
P -, ll’.n 9.J..:@-l — M
1 4/!. I.w---..lV..H..I;.A’_.VIn'w..’“n 4.1#%1 '
b w ~-- e
FBspoas I MRER .
: ol )
S i
| :_ k :
1 “ "
Rt m
B! e E 2 2 g
Po  cjuejorsyece Bwap UOTLO8G
[ o <
& B 1
RNIE YN
. > |
= L.
7 | Y % |8 w :
S r W i £
B q M ¢ .mm
b [+ =
W AHEEHE N
3 f 3 [ q
A S
05 1T
s . T o W T 3
[al HHD (-]

‘JUSTOTIIO00 Q0J0F-TEMIOU Wajqoag

(J) NACA 16-009 airfoil (large duct).

L3

Figure 10.- Concluded.



hh e_-!. NACA RM L52G31la

N NACA 84AD12 airfoll J//
o A
Mach ?‘m‘mr; M /// / / L
S ASRN IV VLA LT LA )
f’: \?2/// ,40, ivd ,}/ (a5 o) | 984 //
R BV g - s 75+ %o
//r Z 2 : A Z:/ //,
JA /| L
8 NACA 64A009 alrfoll -1
8 /// '///// P Z]

Mech number, M /Z /, /,/ / A ,/ / P
LB VAN A AT 77
5 sl Y Vo 58 5 A ik ',/ v
g 2 //7 / // /// / / d /
§ / 4/ A / ) ,/K
F ol AREar
B 8 - - T .

S NA"CA c{umde atrfoll /// g A [~ //
3, L NAAA LA A1
Machnm;ber, M /J/ // J // ’/ /
4 .'-573 \J///légs/ . 0071 4 o Z 78 Vm Z
AV, 7034 dore 4 7 Vi A
2 L / / / / Vi
'/ A J J/ /
. /
o Y =
NACA 64A004 airfoll // %
|nEERREnY 77
Mach xix;;nber, M ) /f / / A |
Cesv a7 77
:;g ny f . --eﬁ-é yi o0 £ fozb |
2 - ,// ANV //7 /| ;5' %s‘ .
AAANAANS 41 KA
o o / / L,
30 .0 70 .75 .80 .B25.85 .875 .80 .02 .05  .976  .986
Mach number for "'teat-oa axis
o° i 4° 6o 8°
Angle of attack, LI M=0.20

(a) Bffect of change in airfoil thickness ratio.

Figure 1l.- Variation of section normal-force coefficient with angle of
attack at various Mach numbers. '



b5

" NACA BRM L52G31la

" g07017900 90I0]-TEMLION HOHOIR

i // //
& ANIAN IRVAUAN
NENEAN ANIAN i N_LEN
/ . ﬁ // / // /// W// / / ///

NEN AN N PRI NN NN
ANINENENURNE NENURNEAN NFRANE,
NNANE NEANERN N AN I NN,
\ NN ™~ .. // J N /r/ NAUAN N

////// //// /// /// // /////// 4 N < . //M/N// /// /m
N ANRN N N N AR N
NASNNNEAWERNERANSANNE NEEANS A UANK
ANMNANUNAERN INNN VSN NEAN NN SN
\ e >
/V/// //&/ NN //AW.“,WNM ™ ,/////,M,WN/NM 3
N\ / N N NN N 8
NSNEK NNINNAN NN
NNEASN ANCARNAN 5 i Mm
HBWGESNNN 1 \\\xv?w/// RN NN
E VNN NN E /7 AN\ Il aggel NN\
E NN NN N EEEINNNN HEE NN
LIWE NNNNNEpt NNWERN
NNNNERE N
2 NN g ) 2
N
N |
S L] ] < 9 © L) ) < - o ° 9§ = @ ~ o ©

-]

,for M =0.30

2° 4° e g
Angle of attack, o,

00

(b) Effect of change in airfoil design 1ift coefficient.

Figure 11.- Continued.



NACA RM L52G3la

L6

« ] o « ©
1

do SISORFR0D KAIOJ-TEWIOT UOHDRE

[+]

A ]
N NININ NI\
NN N N
N N NAN LN
) N ED AN AN \
N NENNUNR NCRALN NN [
NMYNANLHNAURINEMNMSS ' N
\ NN XN P \ NS
/L / // ) //// N X MV// // /// N
ANk 13 )
\ N NEAUAN Y \ TR
) NEANEMNAELN \ \ N %
/ // ,,/ / . m./ ) %. Moz
NNAUWENAR AN AN e
MERVNNNAER NN NN N
N ANSNENEARRA NN N 2h
\ N NSRRI NUS:A N 1.
/, / /// .m..// / NN // / o
_...m : N /m, lm //w./ ..1 N ) .H 2,
(] N ﬂ \ m | J \ “Rw
HEE FIMEIWRN HEE e S ETEERRRRE |
FINEIVZZANNEE m N BRI /N\NNIRFHEE NNNE T
AR EEENNREEE SR AR E I EEANN A
: i N ] N E 8T
/ T

.20
Q°

Angle of atiack, @yut for M =0.80

(c) Effect of change in airfoil thickness distribution.

Figure 11.- Concluded.



tect

Blope of narmal-ferca curvd, Cp

4
rd
#
a8 ! /
"Z\" ‘ff\ 217 ‘\\\\
: e A v
-1a o J \ ,’t//’f Y T \
L P \ %'0‘35"4'{‘\ 1N N = N
111 Y L1 —-= = \ v e 1>
08 1 \ ‘L oot i \/’\" \
L i \[
\ 4“-’/ o NACA 84A004 -
H ——- HACA 804000
-------------- NACA 84AD0
HACA 84A012
0 N I T
a8
] | I oy
e \\
" 9, =0 i ;:;, ‘/‘n\‘ o, =0.2 - f.--.f?\\ ey =0 ‘{[.T Y |
e = e T - o NV - et NN
08 -__:::-::' i 1171 ;;;:_.-—::7’--"-—“
—— - ——-—— NACA 84ADS
H — FACA 4A0
i e L L0
0 HE :
.12 ] . - v
ci:0 ; Ty ¢, =08 L '.‘:" P Cp =04 | gk-;'g(-
o -.1.---==r-"-"-'-‘:-_::' | Y > :___...-:::-i-_'::—-_:f?___::---/ "/H"\. S e i e S >\ u:‘.'_:;_-:
EE Y BRI/ % BT N4
04 s HACA 834000
e e reeMACA SLAD0D| T
———————— HASA 86A0CR| W
————————— WALA 18-009 —
0 I I I I | I I
£ A B A 7 4 o 10 . o & | i ] ) 10 3 A ] 8 W1 3 - 10
Mach mamber, M Mach monber, M Mach ambar, M

Figure 12.- Variation of normal-force-curve slope with Mach number for
the various alrfolls at several section normel-force coefficients.

BTEDRGT WM VOVN

Ly




48 SO NACA RM L52G3la
1.0 I '
NACA airfoil section
~._
-9 ——==h—=x=—— 6laook
. 6Laood \\,\\;_ poad B
~ ~. ~— .\.
.8 =~ | _6lwoos
.7 ¥
.6
ﬁ 1.0
)
—__ | 6La006
g -? .J\ \-\_ ~
'8 ‘—_.1__\6%%§~~~:\- —~—
E .
X .
g .8 | 6LA506 ~..
'° r ‘-.\ \\
: ~A
S g ~.
i o
2
b
.9 ‘ I ‘
L 16ms
} .‘\
-,
. 63a009 | 6LACO?
07 y i
(4] .2 4 .6 .8 1.0 1.2

Normal-force coefficient, e

n

Figure 13.- The effect of airfoll profile on the variation of normal-
force-break Mach number with normal-force coefficient.

L~



TF

Be:-.ummﬁul-inm aoetﬂch'ﬁ., e, ’

NACA EM L52G31a GOSN
3 =
g 31~ N
WH MHWWV L TN 10
_//f /._/M T e lfl[ﬂ / ,‘ ‘
L RS R RS N ~ _
EINAN SN AN g [ N pet bl el
-mu,mj B S \ A RANANA
HEIRERANESESYENERNE T
T T s e R e =
a |l ™ - .fl.’l.ll..ll l..lll[“llllllll o
LN T TR NN
IRNNENENER ~N s \
EEIE NS N NS S VEANAY ,
ELINE NSNS RN R hei (i
IR WR VAN [k VR
2 Lwa B ) T 3
~ ~ T T
RS RESaSNENE e
p SNBSS YRNESN NS
HEESNEENEENENESNNRRY
HHERNCEENEANENRNSSNNANNEE
J IEEESOUENEE N WA BN
_ IRUAN S YN jEs hel (e8]l
ME NN R A LR LR
i AREIENEEL 2111
e R ——
g N ORI
i SANANRSNRN
_|.m A /.r!/:”//.l 1/ /// /.f./ ./.I/./.:/}
mE HEEA NA RN AN
AR EERNNREW AR
AERNEEARE2N VN efal®
TTY KT 11 SARARANK
£ 558 g § ® & 88
2 ] = - g bl e o= Po aquIT GAEp

98670 = Pt 20F ‘Po “marorRecs Bep wonoeR

(a) Effect of change in alrfoil thickness ratio.

Figure l4.- Varlation of section dreg coefficient with section normsl-

49

force coefficient et various Mach numbers.




NACA BRM L52G3la

N | I N -
Jll ‘/A ) < l// // xR
- /V < e / A.J( /
ﬁ..Mn // / r/ N — I /LM h_ ©
_.m 5 NEEUBEUERNERE - NKIEEIRIEIER
1§13 .
JEIN , I g
L [ 7/ / 3
JM \ \ \\N A ’ / A m
NSO N AL A T %
VT VA VTAAY A LAA o
)/ - - &
\\.!_ N ] |1 .ﬂ .
A e -~ BN <
\ a Nl [T N A/./ RN Lzm.m .m m
SEMNRANWAR K- I-
rafm 7./ N g /1 Py 1o =
| SENDNENR VA WAV W LA T o 8
W i AN WAV WARLAEN \ ‘m o
1 [ WA ERE AL EEEEEER:
.Jm I I
F N\ \ 1 N I
, ] g y
: T aiaaaaiaak B
Y11 1717 7 T
7 0
d 6
. o]
V;lll.rPlLflq IIL:IJIII: a .ﬂ
[ f/._J ™ e 2
lm //l//;/ ~ - N .AJ/ e 2|
ﬁ A K r/ . b a
Hm m FEMERSBRNAUNP NN S o
lv.m i /. // J/. ) \ A}
1 NEA! s
S WANANANA .
NIV TN _ R
i} 5% 8§85 8 &8 88 g8
A g 3 g 3 g = opce = Py aof dequeron TR



Beatim normal-fores umm;im, a:v.“I

NACA RM 152G31le L
/N /:// N //, /.NH.// f“.ll.lr ”r//.:;/.“/” RSN
EINY NHAN ENEEUNNNNAR
e ALY NEMRARAR
LR AR AN EENERIREIFEAA0
HE N NN \ N ININANANANANL
_ [ A& \ IR ANRRAND
]~ TR~
N 4 T T~ T~ ,.// L
LRNMENE S SRN ////,/
“ m -lu_ // /1// // // 7//.. N f \
HE ERRYANRNEL NE WY
HEE SRS HESEE ARBEIFIEEERR
i NHRNEN NI TE(T L]
NN ESER=NESNE
S S R SR NN RS
./ [/. ///.. A..l/_./r // //./ ./.._.r /
IENBNANRNER NI N T b A
N AN SR
31 i Nel [N [ el [\ |\ ME[iR[ls[l8
1 NERYENEREREIn
1 | [T ~L
/////////.HIHII/MHf r./l //H/ /// }
-m.ix. // & //. ™ // /// F/ ]
EEESE Y /mzm/m ele sl
HENRENAY NENE RN
] 4 VAV A A VR TR
5] | NI | | IR
S ERERER EEEE
9 5 3 & muzu...mua & wixs 0= P 2of Tequam USeK

(¢) Effect of change in airfoil thickness distribution.

51

Figure 1.~ Concluded.




Bectlon norgal-rforcs/draz ratic, n/d

M:30 Fum' a.uTrou: seotion M0 M7 J \éh‘f'!lz
} ~glaci2 g a.\:: ’ { ] ngog K
LA T anog AR 7 losns NS
= Y N o N ® Earm ~
- ), “ezost / ~h
hanoly
1 N d
75 780 I} M-85
=43 /”:%%a“ﬂ" AT
) 7z L aar #supocks Y, e \
RS gy ol R
HARRSTH D2 e
/ \%‘.‘ / ﬂﬂl ‘\‘: = = TZ‘,’ hm \ - "n%
J AT It
Iy T 1T 1 1
90 | | i N A
gkl T B
Z -1 !
4 [~ e B
. o~ T 1 £ :
v - & e e ST 4 ho0ly 008" {33005
gl 614012 | Ejados e T e T R , == i :
] 2 .6 N:] 1.0 0 .2 . & ja 1.0 0 . . 3 .8 1.0

Section narmal-foros coafflolant, o

(a) Effect of change in airfoil thickness ratio.

Figure 15.- Variation with section normal-force coefficient of the section
normal -force-~dreg ratic at variour Mach numbers.

BIEHIET W YVOVN




o l/130 =50 KR} 7970 A
HACA ld.rfo:l.lj seatlon / \\ // \\
o e |\ sae ||
go d ! /J g
/ \ / X yi \
/ \ / \ / X
o y -~ <y \_\ P < Ay // "‘f-lu - \‘
D NEERN, VS CINAN AR TH AN
T ,/ / bl ffﬁ] N / 4 AN
s eI Vi VAN
E 20 ',"l/ / hN < "\\ .‘/ / < \ - . i’/ /1' \6&“ Q06 l"‘\\
2 ‘4 // mm / 1/ ? Z ' P
A4 7 (7
E ]
g -7 -7
(™ Tt T
i deers | | LR L Demeo| L] e 11285 W' ~
E 7 4 \“ \‘\ ) 0 =
. 1 N ;
7 N ¥ Iy
g / , dhueods | [\ / Buaste
F paraN }‘\‘ \ N i 7\\ ~ \\ \\‘ P _{ltuf“
AV AR R @R NN 7 awoos -
17 NUASHY 4Euin s R AR NS
r:/,/ n 17 7&-/ = I -
Q A .
resg, L= llgi6 | /195 e il o
i e ST
- "I’_ . all - N I .Iﬂ l-g:'.:‘-'- - J——-l ok .6 -'B ':::-f"—‘z# 2 -4 b .'B 1.0

1.0
Seotlon normel-force coelTicisnt, 8y

(b) Effect of change in alrfoil design 1ift coefficient.

Figure 15,- Continued.

BIEDECT WY VOVN

£g




D

Section normtl-forossdrag ratie, n/d

/1230 "“’:f‘f}ﬂ section /75,50 /7"70
_ ,:_f'-s_ m:‘? ”!,.j"\éuoo'a 51#&-(;09-— A:-_s\zmog
21 I\ '\“‘6"»1\00\]7 A= \; smoe LA T N
rﬁ’ 16-00 | * / N ‘él'i““"? 16-003 . ‘,\\“
/ / Coses
=75 /=80 /785
i [
2L N o e, T
AAPN \iy65420 Vi 15.5695}%\ 0 I
SN ) ﬁi\\ A= 3 A009
et ee
/72,50 12,95 /1300 ":; 17
I —
— lﬁ?m&lmflﬁmn 'EQNW?HW’QT
Y6009 ana S5h009] ] 2 Jeotem ] and 16-
.2 . .6 .B 1.0 0 2 . .5 .8 1.0 g 2 . . ]

Ssotion normel-foroe coarficlent, o

(c) Effect of change in airfoil ihickness distribution.

Figure 15.- Continued,

BTEDSGT WM VOVN




NACA RM L52G3la

for M = 0,97

a:

Section normal force/drag ratio, 2

SONEEG

(n/d)mx of biconvex airfoil

in supersonic flow (ref. 15) \

12 t/c
N .o
8 NACA Airfoil
-~ 6400k —+.06
/] 11 eloos
/ 4 _1-—}-—1 élnoos
A 13
/ /// 1 6laol2 —+-
LY -
///
0
8
. 6“206 _6)_“'006
/// d ,/f’/ﬂghA§06
l ,[J /// /'L"
. |~
% -
A
OLZ
1
8
631009 and 65009
|- 16-009
. = |
// _
O/ . 11
0 2 A 6 .8 1.

Section normal-force coefficient, ¢,

(d) Effect of profile at M = 0.97.

Figure 15.- Concluded.

N

55



| C oW ) NACA RM L52G3la

Yo

7
V
4
L~

|
4

: x_/,/V r.,ﬁ H T~ :.

m.,\_u/ ) ﬁ\.; - \W\..\ ko

L] i \ \. 1

=Y . \
- 1L S 4‘ ( 4 e

s 81 | L - i m
Umqm\. HI N ! 2
Bt Lw il N ! i
Lm ol 8 B i a

£

1 AO12
o0l
Ehag0h-
]
5

i ERk |
Ii iR | wL -

o o
.

1]
[~} -5} N [= ] (=]
. . L3 =

H . K 2 -
H-Hﬂr\.ﬂv a0 %o ‘o73ud Sedd/ecIof-TYRIOU JO SUTEA WRINEXWE 3% JUSTOTIIE00 €0J0J~TWILmK

Figure 16.- Conditions pertaining to maximum normal-force—drag ratio.

P

7 3
\L‘\t“\n \\4 lon
7 A7 Pl

{7 M7 .\\.-a\\\\ﬂn- ] =

.ﬂ%_an .s\n.\_ _L..WL -

M w /w“ \ ﬂq \,\L " /’ e =

iy N / i

RNl \ . ‘ hog

AIEE L i
] - h%./ a \ ' 1

Im ] _ i Ead
[ 43 Mg} N | & 5 :
pemm iy A

il _ al

b

_
1 \ N

3 X =3
XU,
mu\ﬁv ‘01qrI Beap/ecI0 - TeEICT o enTeA TANIIEN



8F

NACA RM L52G3la enONREDENN 57

NACA airfoil section.
Qi \ T .

o N Ghaook
6LA006 .__;?\;\\\

6LAOGY =

-8 \ ‘. ﬁ\
6Laol2

-7

8 S

Msr

Drag-rise ¥Mach mmber,

I
. _16-009

'%1_?‘
BT TS
634009 3

654009

|
o] .2 4 .6 .8 1.0 1.2

Normal—foi'ce coefficient, ¢,

.6

Figure 17.- The effect of airfoil profile on the variation of drag-rise
Mach number with normal-force coefficient.

= SonmeemGiiie



58 SO NACA RM L52G3la

NACA sirfoil section

o GM N —— \\
N \
N
- .
o N
o
N \k
A
B)
. él34009 an .
NN
[T
iz
s _ RN oy
o
5
g7
- e X
- L " ghAz06 Nl Lodd g \
E -1 I _ ” \\\ _ \‘
g \\\'\ 641506 < . ~ ‘#\ . ~
é T NN N
B = ~
:
1)
g N 43A009
Z NN A\ 4
3
TE T
0 s \_‘(\
. N 654009 N i
N\
-1
, 16-00 _\\\ ] |/ \"‘i
™~ N
-1 g o 0 5 s ;i T.o

.6 B
Mach number, N

op =0 on = 0.2 on=0.h

Figure 18.- The variation of section gquarter-chord moment coefficient with
Mach number for seversl normal-force coefficients for all the airfoils
tested.



BTEOSGT W VOVN

for M= 935

¥ach puaber for oy = 0 axis

By

Sectlan Quertar-chord somsnt cosfflplent,

Wach mbar, 'K Wich Zogar, X ™ Mach “"’f;é X Wich mmber, N
0 = ) -
. ] i .50 |
.70 70| O D A 70
< ]
. _——-—""-K .5 || [ R L‘
b0, A\ A .80 .60
OIS P [~ [~
_ L 8e (4! | o5
o [ s
- "'--.__._. \\ . [ .
.85 —d «B5 -
- \\1 F"‘-—-._____ .85 ™
..
A7 £ ] -
—
0 \TL— ] / e
[ —~ ——— P
- - \\.L 1 5
]
S e e
- -~ — - [ - / [~
1,99 ""\L\‘ .98 Fg
] ™ |1 L3973
e 5 ] 974 b 5 -
RAgA 64400} airfol) Mok 84006 airford] ™~ BAOA 644009 airfo HACA 61012 aipfol)
985 ] 2 L9
]
.6 . 2 L [ 3 od Y b .8 TR Wb

Aentlon normal -favse soafTicient, o W

(a) Effect of chenge in airfoil thickness ratio.

Figure 19.- Variation of section quarter-chord moment coefficient with
gsection normal-force coefficient at various Mach mmbers.




Hach b A

for M = .97

Cpe

Ssotion guarter-chord moment ocefiloient,

50 Noon mumber, M Mich mumber, M
B 0]
J0 .50+ 30| | |
| LeTE 70l — 50
L 80 15
~— (i
8as) ,8c =~ — 75
] ¢ — Ba
]
tﬁ-\ -
37;1 — NRe T
T i I e~
T~ [
— e
\._1___ z
a— ——
.90 L8735~ —+
\\L' - I —~—] -87
1 \\ﬂ&
25 J ] I .90
i ~ =
. [ 925 ]
=
L] 5
\\9\\ ™~ \\\ ~~~__| Loz
\\; - J I et SO \\
. ~ 5 N
@\ N 22 N ~]
NACA 6l,A006. airfoll MACA 6LA206 sipfoil : NACA 6LA506 air
.6 .8 - 1.0 -« .2 . X3

.2 ol .6 .
Section normel-faros coeffliclent, o

(b) Effect of change in airfoil design 1ift coefficient.

Figure 19.- Continued.

BIEDECT W VOVN




STEDRCT Wa VOVM

for N = 1.0

Oes

k]

T

Bsotlion guarter-chord moment cosfflcient,

Wach Tomber, X Wach (] Uizeh amber, X Nach mumber, M
" 30| 30| | .50 L 30
. X s 50
50 .50 | - ~ 50 ._.\‘[ .50 L 1% | | .70 ‘f
0 Jol ot Tl ——— D) 70 ,.f—‘"""‘P | ] ikl
«T5 Bl —'-—7—5 / T ¥ // .o
LT o
B0 .G ] =80 7 8o | -
Y AN i B25
.82 B2t i E25 e P
) i ] -
"-___; “"“-.; 85,
o) I B = -
— - T O s e = ar
] 7 M LT
_—
.27 P 1 BT5 5
] =] —
~ i +50
.50 .9 .90 e
.. \‘\._i \\__
. oS [ ‘
202! ™ }\-_ -"‘-J 925
S L. [~
; 95 B T N
9
\""-.._ .55
[ — —
\ \\ T Y
9 3 = 37 .73 -
- — . u - R NET
T R - _——
1.00 WAOL 634009 airfoll '\.___L MACA 64A009 mirfoll ] WACA 654009 airroil) P NAOA 16-009 airfoil
. 1,00 =11, Y ~
““-—-..__L_‘- "L- &g-_ --.-"‘--.;.___‘ 1.00
T
b~ T . [~~~
2 - .6 4 0 2 L 6 A C 2 4 K3 .8 v TN i

aouuon'mr-.'l.-fa-u weffialent, a

(c) Effect of change in airfoil thickpess distribution.

Figure 19.- Concluded.

9




[T EREENE

et~ NACA 844008 LI

e HACA 64ADDM B o . e 2 NACA 83A009
e R - hal e
HACA 04AD18

- FACA 16-009

——e—gebod L

vty

L S

[ e o O O s
O 0y o N ) e e i
¢ N ~ \ WA
\" \I \\\ 1‘\ ‘U'
%0 \ % \ %0 \
\:;: \( U
N J
s\
L kY
C Y
A N
LT N

et~ —F-J - &
= = =N . = =1 N
N i N /¥
T ik |\
0,8 \\r P ¢ =02 \/ 0, =0.3
N\ ™
|
o] - J 1 \‘
] o o Ny - e e TN |
W ALY W
i D \
o =04 'Q €y *0.4 'S e, =04 B
! \ ™ | W Lﬁl
4 B 4 E 2 o 10 4 r & I w3 4 5 R S
Mach namber, M Mach wamber, M " Mach namber, M

Figure 20.~ Variatlion of a longltudinal stability parameter with Mach
number for the various alrfoils at several section normsal-force
coefficients.

BIEDSCT WY VOVH




for M= ,985

op?
.

x

Chortwlas iooatlon of cenbter of pressurs,

= o

- nmmbar, N Hach m-belr, | Mach mumber, X Mach number, N
[ -9?5 <985 !
] L o7 .-ﬂ ﬂ? '935
N LEA " [ ]
% 95| - : =1 | o
il % 925— - ] 99: /,%"'
T | —1 .
985 ] P IV~ e 55
975 V 90 1/ 2 ) %0 //
- [} N -/l | F f_‘/ 675 7 _q.g;
«950 ""'/‘;'_ 875

85

X
h
\
]
H\z
I
\
!
\
\-
_\:SL
i

o
u 925
%' e T e .BZS— T 'ms
) BT -1 4—‘""—‘4 825 1 T
8 BT |~ .Bo ] Bq [—
T s LT .80 i
e i 5
Bos .79 ___+ 75 L1~ o | V. *, —
w )
R I T T - — wl L 10
g " 50 L~ 50 [ +90. .50
B
'7J _-_Z‘l__ - 'ﬁo'i o 30 B
70 =
ACk 6hLA0OL airfoll 'Hac ﬁ,l;mos'm-"uu CA 614005 mivfoil MAGA EhA012 sirfoll
50
305 n 6 8 0 2 g g 6 8 0 2 i 3

Seotinx.l nm-tJ.:rqruu coaffislant, a,

(a) Effect of change in alrfoil-thickness ratilo.

Figure 21.- Veriation in chordwise locatlion of center of pressure with
section normal-force coefficient at verious Msch numbers,

BTEDSLT WY VOVM

9



. SR NACA RM L52G31a

.-L'h
T —
1.0

AN |R/AvANIE
i /] ‘ [1f 8
i \M\ g aArivimEamE
T - 0 L . — - i & %
WY ¥ & &5 o e
\q\\\\\\\ y / / \ 3
e e T T ol B V-
1ttt 4T . =
&
o b
, 3 m
f T8
N ‘ ) ...mu — .
o K a3
: ayaN TRy 8%
T T LA VI i T & 3
AR AT ACIC I 1
s AL VIN Y SIAAL Y 3 m e
L~ \\.\\\\\\ A \\\ - oy m e
— = Lt AV \\\ e m m
R
- w :
=t
L "
\ &y
Wi g ;
fa ho L
IRE d H
2 / / m " =
& o - \ 3 el
AN EBEIRE EEREEL
5 & : By & _ly
g L
f / f; = i~ gl = <
EREEEEE AR
BTXw .onnou 07 JeqmEnn Youn
g 22 T ety te .
__M. =n 203 ‘Pr cemssoxd JO JeqUR0 JO UOTINQGOT @STMDIoU]



Chordwise location of center of pressure, xcp' for M= 1,00

i ' ] » L]
Mach numbar, M Mach '1;1-"';’: K] Mach mumber, N Mach mmber, M
1,00 — 2,00
= Esennnl=s =
5]~ [T : 97
— ul 93 A1
-
10 1/ -SL‘—_H_—J"‘-i -95 |1 ﬁs e 095
. T-éaT | = = — T
e I so———| [— /fﬂf’ e O R P e e B ,L
.90
55 LAV T = a= Sk PR
. & 875 // 8 | ] | »
K -.925 = 2 . -B75
‘// | | T8
o e TN Y
N [~
& 8 —P&o——"'f__‘,‘ ] —--'_f/\ I N B g LBE‘D/-'Q\
E & -75 .75 l | 7w L - ﬁ__-_&_’.//j
g || 10 ! .70 - .70 \ ] T3]
R 2 2 B S e
E -_-_-_4___________.._22 _—-/ 250 J_ .50-__/ ] :5” — [
B XACA 6 AD09 afrroil NAOA 9 wirfoil WACA 65A009 afrfoil FACA 16-009 alrfoil
5 11 SREN HEE | |
= el eb . 2 . .6 ) An .6 ' Ir: L ) .

Bastion normel-foree coefficient, o, W

(c) Effect of change in airfoil thickness distribution.

Figure 21.- Concluded.

a6

BTED2CT W VOVN

&9



66 o T GANNEEEEI. NACA RM L52G3la

Chordwise location of center of pressure, X,

¥ ‘ B}
il ’II\ N\
r‘*/‘I : £Yf \ A
e 9V 11 . 0% i LA AN
20— o il — Y 4" 1 e i ;ﬁr-__ -l 11 bl 1‘5-#._? ~J/
1
o ; f —
\ NACA 6Laol2
————— NACA 6114006
——-~~—--NACA 6laook
-.20 [ ]
cto U’
1.00 T T T T
/ —— - —NAGA 64A006
- - ACA 61,0206
| —1 ' ————- NACA 61506
.80 = /
-1 ! ’/’
H V4
6 /
] <
,’/ ,/-/’ ’/
—-1-—1""] 1 /'
o 7S N — 7
—I1" /
7|
.20 T e Bl R - — 1" [~ T~ "/
~———— -~ RACA 631009
Lo ————— NACA 64A009
7 ~ —————MNACA, 654009
,___: L ——-——NAGL 16-00%9 ”f;\\f
A W 7 5
20— Eff‘ﬁ/ /l‘ —F=== :’:4/ \ /" _-__""""‘"‘B-_E:ﬁyf /
b —— | T~k v,
— -k { ~—i -V
} i
o E" SJAGA T
) 1 . L )
4 6 .8 1.0 A .6 .8 . 1l.0 A4 .6 8 1.0
Mach mmber, M
ey = 0.1 . oy = 0.2 ey = Ok

Figure 22.- The variation of chordwise location of center of pressure
with Mach number for several normsl-force coefficients for all the

airfoils tested.



NACA RM L52G3la

3 1.2
L
w f"
5 1.0 /
1]
. Q /
Lis RACA eirfoil. AL
ok 6A012 ok .8 7
~ 614009 =--~=--~— - /A0 3
— 6414005 — - —~ g >
n AlaaQl, —— - ——~ V’ 4 - /?’
e 3 - 4 —~ .6 7
° 944 o " 4 1T
3 Y3 o ) f, R
7 Vi ' « - 1k
~e 2 =q ! o - te:t = 0.5 g 4 '.
®n /g' /.'f 1;\ ~, \
7 1 -
1 4 2—+ —— '—"/J’lf hE
/, :I — /A/
B 1= \
0 0
05 = a5 o
LN\ - 1.~ e N,
k/// A \ 7/4-‘2_'/'<v 3\
” A 5
ol ] AL IR Q.o Al 1] N N
Q. |~ B V4 \ ' % )// \ \‘ \\;
“k 7/ 4 ‘; \Y) N =1 ‘\ ,
= - AN IRVl o o D IR Y,
B 03 o - ; £ 03 | n\_z/
e v U e \
H 7 H
§ e
o,:u.oa = .02 \\Vj
_ / @ Ttest _ 0.5
ey = Q \ " T/ - Y
.01 .01
o a | I S B
3 —— ol
-t -
Ly . \ .
= 4+ TS || -1 h
2 ) T = > \/ o "~:~ / < \\ f
L ., =3 %_—/ A Y
sammnt \ —A// K~ _
L/
N 4 - A
Q - "
a. i [
© w5t = 2.0 “'i; fost = 1.0
L% o 1 L -
N <
z, o .k
. F P
1 == >, 0 o IS
[ I N v L7 ="
- test _ T / Qtaat K L gl
= = 0.5 \ "4 /5 = 0.5
ok | I -l | S
-h.o ~3.2 -2, -1.6 -.8 o .o 3.2 -2 -1.6 -.8 o
___L
(t/0)2/3 /5

=31

(/123 W3

Figure 23.- Correlation of experimental data of the NACA 6LAOXX airfoils
using the transonic similerity law.

-



-1
(@]
8-
1
0 i
=
1
-1
=
o
o
O "
- =
=
3
7 1
o
el
o]
Q
[}
Q
5
)
] o
A o i
=
1
-1
=
«©
(@]
o L
=
1
NACA 6LA0OL NACA 6LA009 NACA 6L4A012
(a) apegt = 0°. NAcA,
L=73042

<GOMNEEDEE NACA RM L52G3la

Figure 24,- Effect of change of airfoil thickness ratio on flow.



NACA RM L52G3la

-1
0
1
-1

e O

=

a1

Q

o

o

QO

[o]

[$]

@ -1

@

w

&

a0
1
-1
0
1

NACA 64A00L

NACA 6L4A009
(b) apegt = 57,
Figure 24.- Continued.

NACA 6éLAO12

L=-730)11

M=1,00

M= 0.9%

M = 0.87

M=0.79



TO

P

Pressure coefficient,

-1

-1

-1

NACA 6L4A00L

NACA 64A009
(e)” ogegt = 8°.

Figure 2L.- Concluded.

NACA RM L52G31a

NACA 6ka012

L-730l6

M =0.89 M=1.00

M = 0.80

M = 0.T70



L

NACA RM L52G3la

~
i

-1

d

fqUITOTITO00 9INE83II

NACA 64A206 NACA 644506

NACA 6L4A006

L-73%0L9
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