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SUMMARY 

Tests of a group of related NACA a i r fo i l   s ec t ions  varying i n   m a x i m  
thickness,  design l i f t  coefficient,  and thickness  distribution have  been 
conducted i n  a two-dimensional  open-throat-type w i n d  tunnel at Mach n u -  
bers of 0.3 t o  about 1.0, and at corresponding Reynolds nuibers from 
0.7 X lo6 t o  1.6 x lo6, Mormal-force, drag, and pitchfng-mmnt  coeffi- 
cients aze presented,  together w i t h  representative  schlieren  photographs 
and pressqe-d is t r ibu t ion  diagrams. - 

The r e su l t s  of these tests indicate that at  near-sonic speeds the  

determined f o r  a biconvex a i r f o i l  i n  su ersonic flow; contrary  to  low- 
speed re su l t s   t he  mximum normal-force drag ra t io   increased as e i ther  
the  thiclmess  ra t io   or   the  caniber were decreased. A t  all Mach numbers 
the normal-force coeff ic ient   for  meximum nornal-force/dra@; r a t i o  gen- 
erally  increased  with  increases  in  thickness  ratio,  cmiber,  and with 
forward movement of the posit ion of maxim  thickness .  The trends of  
the data i n  the highest Mach nuniber range indicated that the  normal- 
force-curve  slopes of all a i r fo i l s   t e s t ed  axe appraximately  equal at 
Wch number 1.0, the value  being  about the same as at low speeds. 

r maximum normal-force/drag r a t i o  approaches the l ow values theore t ica l ly  

* P 

INTRODUCTION 

Designers-of  aircraft and aircraf t   propel lers  have repeatedly 
expressed the need f o r   a i r f o i l   s e c t i o n  data in  the  transonic  speed 
range. Almost a l l  section data i n   t h e  subsonic-speed  range  have  been 
obtained f'rom closed-throat  tunnels which inherently limit the speed 
range of the tests t o  Mach numbers less than  the choking value, gen- 
e r a l l y  about 0.9. Airfoi l   force  character is t ics  %asured at Mach num- 

flaw distortion  associated with this Choking l imitation. Furthermore, 
t bers  near the choking value are influenced an undetermined amount by the  

UNCLASSIFIED 
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the  correction  applied  to  the  closed-throat data fo r  the e f fec t  of the 'I 

tunnel boundary is fimdam&ntaliy a law-speed correction which has been 
extended t o  high-speed conditions by the Prandtl-Glauert  factor,  Since 
this factor  i s  s t r ic t ly   appl icable   only at subcr i t ica l   mch numbere, the 
appl icabi l i ty   op the   cor rec t ion  at higher Mach numbers i s  questionable. 

I 

One method of extending  the  subsonic speed range  of two-dimension& 
experimental tes-bs is the u t i l i za t ion  of the open-jet  principal  to  elimi- 
nate  the chpking limitations. This  scheme p.ermits the stream l ines  
around the model t o  curve. somewhat- &ore than  in  purely two-dimensional 
flow and presents some d i f f i cu l ty  i n  measurement of the stream Mach num- 
ber, but the only large correction  required  for the data is applicable . 
t o  the  angle of attack. This correction is theoretically  defined  only 
at low speeds,  but  since all the force  characterist ics  of an a i r f o i l  can 
be obtained  simultaneously a t  the same ef fec t ive   o r  nominal angle of 
attack,  the  lack  of the  correction  should  affect  -only  those data i n  which 
angle of a t tack i s  used as a variable o r  parameter. Although the use of 
the open-jet  principle is  subject to these  disadvantages, i t s  use  appeared 
t o  be a log ica l  first step toward the  attainment of experimental data near 
Mach number 1. The flow  boundaries i n   t h e  Langley rectangular high-speed 
tunnel were therefore.  extensively  revised  to produce a two-dimensional 
open-throat-type  tunnel, now designated as the Lesgley 4- by 19-inch semi- 
open tunnel. 'This method was used by Fer r i  (ref. 1) in -obtaining  airfoil  

.- 

! data at Mach numbers up t o  0.94 and Reynolds numbers up t o  4.2 x 105. f! 

I n  the  present::-investigatTon, a group of re la ted a i r f o i l  sections 
varying i n  maximum thickness, .camber,  and thickness  distribution were 
tested f o r . t h e  purpose o f  determining  the  effects of these  variables on 
the flow and force  characterist ics of a i r f o i l s  at Mach numbers  up t o  1 
and at Reynolds nmibers up t o  i.6 x lo6. The resu l t s  of these tests are  
presented  herein. When the results of  high-speed a i r f o i l  tests-in a semi- 
open tunnel  such as the  Langley 4- by 19-inch f a c i l i t y  or the  tunnel used 
i n  reference 1 are compared wfth a i r f o i l   d a t a  from closed-throat  tunnels, 
certain  characterist ic  discrepancies  are noted. In particular,  the air- 
fo i l   fo rce   coef f ic ien ts   a t   supercr i t ica l  speed6 tend  to change more 
rapidly with Mach number i n  a closed-throat-tunnel. It is  unf'ortunately 
inpossible-at   present  to determine def in i te ly  which type of tunnel  pro- 
duces the more nearly  correct  results.  Comparisons of the  present 
results  wfth  tr-onic  airfoil data derived from transonic wing tests 
i n  f r ee  air and i n  a large  s lot ted  tunnel   are   included  in   this   report ,  
and these  comparisonclend support t o   t he   va l id i ty  of the  present data. 
However, u n t i l  more conclusive  evidence becomes availabie, a l l  high- 
speed a i r fo i l   da ta ' shoula  be used with some caution. 

t 
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A aspect   ra t io  

C a i r f o i l  chord - 

C d  section  dra&coefficient 

cdo , 
section drag coefficient at zero lift 

Cm section pitching-moment coefficient, about ~ quarter  chord 

Cn section normal-force coefficient 

21 design  section l i f t  coefficient  (incompressible) 
1 .  

cn, section normal-force-curve  slope,' ac,/& 

h test-section  height 

H tes t -sect ion  total   pressure 

M test-section Mach number (determined from a calibratfon 
using the average  pressure i n  the chmibers above and 
below the model as a reference) 

test-section Mach number at drag r i s e  - = 0.1 ( 2 )  
test-section Mach number at force  break (2 = 0) 

M2 loca l  bkch  number 

n/a section normal-force-drag r a t i o  

(n/d 1- maximum section normal-force-drag r a t i o  

P pressure  coefficient, Pz - P 
- q  - 

0.528H - p 
PC cr i t ical   pressure  coeff ic ient ,  9 

c 

, 
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a, 

test-section  static  pressure 

local  static  pressure . 

static  pre.seure  used  as  reference  for  calibration 

test-section  dynamic  pressure 

Remolds number,'  based on 4-inch chord. 

airfoil liiiiximmi thickness 
.. - 

location  of  center of pressure,  chords  aft of leading  edge 

section  angle of attack,  uncorrected 

section angle of attack,  corrected  for  jet  deflection 
(as  calculated for incompressible flow) 

Wind  Tunnel 

General description.- The  tests  were  conducted  in  the  Langley 4- by 
19-inch  semiopen  tunnel, an induction  tunnel  which  is  shown  in f i v e  1. 
The  parallel  plates or side  walls  form  fixed boundaries to  the f low in 
the  plane of figure l ( b )  The  test  sect-ion of the  tunnel  is  sealed. from 
the  atmosphere  but-the f low over  the  top  and  bottom of the t e s t  section 
is not  restrained by fixed  bouudazies. An external  duct  connects  the 
upper  with  the  lower  chamber. For two-dimensional  models  this arrange- 
ment  results  in an essentially  open-throat  tunnel  which is not subject 
to  the usual choking  limitations of a closed-throat  tunnel, An adjustable 
choking  device,  which  controlled  the  tunnel mass flow by vruying the  mini- 
mum area  of  the  stream,  was  installed in the  exit  cone.  Since  the  power 
available was always  sufficient  to  maintain  the.speed  of sound.at  the 
minimum azea of  the  stream,  the  choking.device  stabilized  the flow and 
was  used to fix the  test-section  Mach  number  at any desired  value from 
0.3 to  about 1.0. Reynolds  numbers  up  to  about 1.6 X 10 6 were  obtained. 

Exit-cone  size.-  Exploratory  tests  were  made  to  determfne  the  effect 
of exit-cone  opening on the  tunnel flow. Figure 2 shows  that  the  exit- 
cone  opening  did not-exert a large  influence on the  tunnel  calibration _ _  . 

but  that  the  highest  obtainable  Mach  number was reduced  to 0.935 if the 

.. 1 

." 

3 

exit-cone  opening was &6 small a8 I inches. The exit-cone opening 
I 
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required  to  prevent a reduction  in the maximum Mach  n-er was'lazger. 
than the opening at the esit of the  nozzle (l* in.)  because of t he  flow 

mixing along the 8-inch  length  of free boundaries. -When tes t ing  an air- 
foil ;-an  additional  increase in exit-cone  opening is  required  because of 
the  mddel  wake. Tests with models indicated. that a minimum exit-cone 
opening of 2d inches is required"so that the'highest  speed  range  of  the 

4 .  . .  1 

tunnel can be ut i l ized.  This value  has  been  used for the  data in the  
remainder of t h i e  paper. 

Mach  number distributions.-  Figure 3 shows that the  W h  &er is  
reasonably  uniform  across  the  19-ihch  dimension  of  the  tunnel. Unlf'orm 
longitudinal Mach n M e r   d i s t r i b u t i o n s   i n   t h e  empty tunnel, however, are 
more diff icul t   to   obtain.   Figure &(a) shows that the Mach  number i n  the 
region  occupied  by a 4-inch-chord model varies up t o  f2.5  percent from 
the  free-stream Mach nmiber. 

Influence of model on flow.- The ef fec t  of the model on the  flaw i n  
the  tunnel is also s h a m   i n  figure 4. (The data on . th i s  figure have been 
selected s o  that the   loca l  Mach  number at the 24-inch s t a t ion  is the same ' 

with  or  without the model installed.) Figure 4(a) shows that the model 
restrains the flow alongthe  tunnel . longi tudinal  axis and  reduces  the 
maximum local Mach  nurnber within  the nozzle.  This  condition is  not 
pecul iar   to   the  center   l ine of the  tunnel  but is shown to   ex is t   near   the  
edges of  the  jet i n  figure 4(b). In the  regions above o r  below the  model 
location  near  the edges  of the jet, the  distributions  without model are 
r e l a t ive ly  f lat;  these Mach number variations  increase  considerably when 
the model is introduced. A t  high Mach numbers it appears that most o f  
the Mach  number increase  near   the  exi t   l ip  of the nozzle  with model i n  
place is causecl by a rapid  thinning of thenboundary  layer  inside  the 
nozzle and by the expansion  out of  the nozzle into the  unrestrained *ea, 
rather  than  by any direct  local  influence of the model on the flow field. 
(The tunnel back pressure was maintained a t . a  suf f ic ien t ly  l o w  value t o  
cause this expansion.) 

In an e f f o r t   t o  determine the ef fec t  of this r e s t r a in t  on the  tunnel 
calibration,  calibrations were obtained  (fig.  2) by using as references 
the average  pressure i n   t h e   c h d e r s  above and below the model, and also 
the pressure at the  24"inch s ta t ion  within  the nozzle. The results of 
these  cal ibrat ions  for   the "with-model" condition of figure 4(a) are 
fndicated  by .the connected mrows in  the  region  . .specified " d e l  location." 
The arrows on the le f t  of this   regiop. indicate   the  tunnel  Mach numbers 
obtained  using the calibrations and pressure measwements of the  upstream 
o r i f i c e  (24-in. stakion);   the arrows on the r ight   indicate  the tunnel 

average  pressure of  the  tugnel'chmfbers. The ups&eam.orifice  provides 
no indication of the  expansion exis t ing at the ,lips-.of  the  nozzle  (with 

- Mach numbers obtained by using  the  calibrations and measurements of t he  

. .  * 
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model in  place) and therefore the  maxim Mach  number indicated by t h i s  
method is low (fig. 4(a)). Further, the calibration of the upstream 
or i f i ce  is excessively  sansitive at Mach nmbers  near  unity  (flg. 2).  
Since a calibration based on the  average chaniber pressure  includes the 
effect  of the  expansion near the l i p s  of the  nozzle and is more regular 
t h e  one based on the  upstream o r i f i c e  at near-sonic  speeds,  the  average 

. chamber pressure has  been used as a reference.for  calibration. The 
' stream ,Mach n-r, 'as  determined by the  pressure €n the tunnel chambers, 

may be influenced by two opposing effe'cts, the  Fncrehe  in  velocity due 
to the  model and the  decrease in  velocity  near the lips of the ex i t  cone. 
The amount by which these effects  influence the stream Mach  number is  not 
known but It is  not expected t o  be l u g e .  

I 

Wind-tunnel corrections.- Aerodynamic data from thfs type of wind 
tunnel  are  subject  to  corrections similar t o  those of an open jet. 
References 2 and 3 show that the  only  important  correctfon t o  the sir- 
f o i l   f o r c e s   i n  an open jet is  the jet deflection.or  angle-of-attack  cor- 
rection. The Langley k- by  19-inch semiopen tunnel is a mdffied open- 
throat-type wind tunnel,   since  the.   exit  cone provides some r e s t r a i n t   t o  
the Jet  deflection. The corrected angle of attack ( i n  demees) fo r  this 
specific  conffguration w i t h  equal  pressures in the chambers above and 
below the model can be calculated by reference 4 t o  be aC = - 1 . 8 5 ~ ~  
for incompressible flow. No methods have been  devised t o  extend this cor- - 
rec t ion   to  Mach nunitters near I, but some indication that the magnftude of .I 

the correction does not change great ly  at high Mach nunibers is given under 
the side heading llComparisons with Other Data." For the purpose of con- 
sistency, however, all data  presented fn thfs.paper- are uncorrected  unless c 

otherwise  specified. The values of angle of attack  presentea  herein, 
therefore, are nominal only .  The values of normal-force-curve slope  pre- 
Sented  herein are also uncorrected and should  not  be  used  quantitatively 
but  they should, be qual i ta t ively  correct  b~ their va,riations w i t h  a i r f o i l  
shape parmeter,  normal-force coefficient, and hbch  number. Since all 
the aerodynamic forces were measured simultaneously at the s&me effective 
angle of attack, the va l id i ty  of all other data presented herein (that is, 
a l l  data which are presented  without  reference t o  angle of attack) and the 
conclusions dram should not be affected  by  neglecting the corrections. 

Effect of duct s i z e  and humidity.- The tests of all t he   a i r fo i l6  
were not  conducted w i t h  external  ducts of the same size.  An external 
duct  having a minimum area of 5.5 square inches w a s  used f o r  the or iginal  
tests. After these tests showed that equal pres6ures i n  the chan&ers 
above and below the model could  not  be  maintafned at .high angles of 
attack, the minim duct area w a s  +creased t o  52 square  inches to insure 
pressure  equalization. Limited invest igat ions  to  determine the effect of  
duct  size on the aerodynamic character'istics have been made and the  

. results of one of these tests are presented In f i w e  5. The disagree- 
merits shown i n ' t h i s ' f i g u r e  betweeqthe data of the  different  duct  sizes 
are the largest  found i n  any of the ' t e s t s .  For this par t icular  comparison, 

b 
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a considerable amount of the  difference between the  data of the  two duct 
sizes  appears  to  be due t q a  difference in Mach n-er and effective  angle 
of a t tack,   but   this  was not  consistently found in   o the r  comparisons. 

At  zero  angle of  a t tack  ( f ig .  5 ) ,  where no flow 0cc.w~  through. the 
duct and a change in duct  size  should  not  affect  the  airfoil  character- 
i s t ics ,   d i f fe rences   in  drag coefficient may be  observed i n  the Mach num- 
ber range above the drag  rise. It is believed that these differences are 
due to   differences i n  re la t ive  humidity. Evidence w a s  found tha t  con- 
densation  shocks i n   t h e  flow which  have the  effect  of increasing  the 
normal-to-chord extent of the shock loss are possible when the stagna- 
tion r e l a t ive  humidity is as low as 25 percent,  Since it w&s not gen- 
erally poss ib l e   t o . t e s t  at relative  humidities much less than 20 percent, 
some of the  dr&g coef f ic ien ts   in  the highest Mach  number range niay be 
subject  to  condensation  effects. The differences i n  drag coefficient 
shown at the  higher.  speeds f o r  all lifting conditions  .in figure 5 are 
therefore  not  necessarily due t o   t h e   e f f e c t  of duct  size. ,No evidence 
was found that the s tagnat ion  re la t ive humidity had appreciable  effects 
on the lift and moment coefficients.  The duct s i z e  used f o r  each air- 
f o i l  is indica ted   in   the   bas ic  data p lo ts  where the-data are plot ted as 
a function of Mach  number.  Whenever a comparison of a i r f o i l  data is made 
t o  show the   e f fec ts  of change of a i r f o i l  maximum thickness,  design lift 
coefficient,  or  thickness  distribution,  the duct s i z e  is the same. 

c 

Comparisons with  other data.- No other two-dimensional data are 
available  with which t o  compare the data presented  herein at EZach numbers 

i approaching 1.0. An attempt t o   v e r i f y   t h e  data from t h e  Langley 4- by 
19-inch semiopen t h e 1  w a s  made, however, by comparing the data presented 
herein  with  those  obtained  from  other two-dimensional facilities at some- 

' what lmer speeds and with  three-dimensional wing data. Points of agree- 
ment could be found in   these compezisons but no general agreement of all 
forces w a s  found, neither between the  4- by  19-lnch-tunnel data and those 
from  any  other  facility,  nor between t h e  data from any two of these other 
f a c i l i t i e s .  Comprehensive quantitative comparisons are therefore  omitted. 

Several figures have  been prepared by using the meager available 
data t o  provide a qual i ta t ive  indicat ion of the  value of the  data pre- 
sented  herein. The m i a t i o n  of t he   ze ro - l i f t  Wag with Mach  number 
obtained i n   t h e  4" by  19-inch  tunnel  for  several smtr ical  a i r f o i l s  
is compared i n  figure 6 w i t h  data obtained by the  falling-body method 
( re fs .  5 t o  7) and with data from a two-dimensional closed-throat  tunnel 
fo r  which 2 = 0.133 (unpublished data). NACA 644-series a i r f o i l s  

.having  inf ini te   aspect   ra t io  w e r e  used i n   t h e  4- by 19-inch-tunnel tests, 
whereas MCA 65-series a i r f o i l s  having an aspect   ra t io  of 7.6 were used 

aspect   ra t io  were used i n  the closed-throat-tunnel tests (shown t o   t h e  
choking  Wch  nmiber) .- The $rag data from  the k- by  19-inch  tunnel are 

h 

- in  the  fall ing-body tests and NACA 64-series  airfoils having i n f i n i t e  

% 
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lower than  those from the ’closed-throat  tunnel a t  high hhch numbers. 
This.’difference  could result from three possible  effects: the lack of 
su f f i c i en t   r e s t r a in t   t o  the  flow along the  free boundaries of the open 
tunnel, the influence-of the choking l imitations in the  closed-throat 
humel, and the questionable  nature of the  closed-throat-tunnel  correc- 
t ions at high Mach numbers. The drag data from the  4- by 19-inch  tunnel 
are  higher  than  those  obtained by the falling-body method. A t  a Mach 
number beyond the drag rise, the Mach  number increment between the drag . . .. . 

curves of the NACA 651-OJ-2 wing (A = 7.6) tested by the  falling-body 
method and the ‘NACA 64A012 a i r f o i l  ( A  = m) tested i n  the 4- by 19-inch 
tunnel i s  approximately  the same as that  which would be expected f o r  
t h i s  change i n  aspect   ra t io  from the results of  reference 8; f o r  air- 
foils of lesser  thickness, t h i s  increment  decreases, as would be  expected. 

. Since  the data of references 5 to 7 should  correspond c lose ly   t o  condi- 
t ions  of unrestrained flow, it .appears,  therefore, t h a t  the variation 
of drag coefficient w i t h  Mach nmfber as obtained in   t he  Langley 4- by . 
19-inch semiOpen tunnel is approximately  correct. - *  

. .  

Chordwise pressure  distributions hav&been  obtained at various 
spanwfse s ta t ions on the wing of the X - l  airplane i n  flight (re.f. 9 and 
unpublished  data) and on a -scale model of the X - l  airplane  in   the 

-ley 16-foot  transonic  tunnel  (ref. 10). These data fo r  spanwise sta- 
t ions  49 or  64 percent of the semispas from airplane  center  lfne  are com- 
pared at equal lift coefficients ( f ig .  7) and excellent agreement i s  
obtained (see also ref. 10). For purposes of comparison with these data, 
the  same a i r fo i l   sec t ion ,   the  NACA 65-110, was t e s t ed   i n   t he  4- by  19-inch 
tunnel. The angle of attack of t he  4- by 19-ipch-tunnel data ( fo r  fig8. 7 
and 8 only)  has been corrected for j e t   def lec t ion  (as calculated  for incom- 
pressible f low)  and is compared with 16-foot-tunnel data (uncorrected fo r  
‘downwash) at corresponding  angles of attack. Although a comparison of 
two- and three-dimensional  data at high subsonic Mach numbers is compli- 
cated  by -own ef fec ts  of t i p   r e l i e f  and fue lage   ve loc i ty   f ie ld ,  some 
significant  points can be made. The pressure  distributions from the two 
8ources  (fig. 7) are i n  good agreemene-over  the  forward  portion of the 
p ro f i l e  at a l l  Mach nunibers. T h i s  s imi la r i ty  of the forward  portions of  
the pressure  distributions  provides  an  indication that- the  calculated 
incompressible  correction  to  angle of attack is of the  proper  order at 
these Mach numbers. A t  Mach numbers of  0.85 and 0.90, the  pressure dis-  
tributions  over  the  rear of t h e   a i r f o i l  are similar for  both  tests,   except 
that   the  rapid  pressure  r ises  associated  with  the.shock phenomenon on the 
upper and lower surface6 a r e  somewhat  more rearwwd on the w i n g  than on 
the a i r f o i l  and it appears that l i t t le o r  no separation  occurs on the wfng 
forward of the shock wave. These differences are magnified as the Mach 
nuniber is increased from 0.90 t o  0.95, in which r u e  the data for  the 
three-dimensional  case are very  sensit ive  to changes i n   m c h  nmiber. ip 

These differences m y  be the  resul t  of three-dimensional  effects o r  d i f -  
ferences in Reynolds nunber, that of the 16-foot”tunnel tes ts   being t 

approximately  three times those of the  present tests. A t  a Mach number 

z T 
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of  l.O,.good agreement  between the two- and three-dimensional  data 
i s  observed, the shock wave being  near  the  trailing edge f o r  both 
configurations. 

A similar comparison f o r  normal-force and pitching-moment coeffi-  
c ients  i s  presented  in figure 8. Good agreement i s  shown between the 
16-foot-tunnel data ( re f .  10) and the  4" by 19-inch-tunnel  data up t o  
a Mach  number of 0.90. A t  somewhat higher Mach nmibers the three- 
dimensional  data  indicate  larger  normal-force  coefficients and more 
negative moment coefficients  than  the two-dimensional data. A t  M = 1.0, 
the two-dimensional force data are   aga in   in  good weement  with  the  three- 
dimensional data. Although the  differences shown at Mach nmibers of 0.925 
and 0.95 appear t o  be due t o  a difference in  indicated Mach nuiber, it 
should  not be concluded that a Mach  number error e x i s t s   i n e i t h e r  group 
of data  because of the  possible  large Fnfluences of fuselage shock, t i p  
r e l i e f ,  and Reynolds nuniber on the wing pressure  distribution i n  this 
speed  range. 

Models 

Aerodynamic data f o r  the  following airfoils are presented  herein: 

NACA 64A004 NACA 64~006 63A0Og 
NACA 64AOOg 6-6 NACA 6%- 
NACA 64~012 64A506 mm 16-ow 

Ordlnates f o r  t hese   a i r fo i l s  are given f n  tab le  I and a  comparison of the  
prof i les  is made in   f i gu re  9. (See ref. 11 f o r  the development of the  
&-series a i r f o i l s . )  A l l  models had a &-inch  chord and coqpletely  spmned 
the &-inch  dimension of the  tunnel.   Static-pressure  orifices h&ving a 
diameter of 0.0135 inch were d r i l l e d  normal to  the  surface  near  the m i d -  
span s ta t ion  at the chordwise locations shown i n   f i g u r e  9. 

Tests 

L i f t  and mment coeff ic ients   for  some of the  airfoils were, obtained 
with  the NACA electr ical   pressure  integrator  (model B) connected t o  the 
airfoil-surface  orifices.  This  instrument is described in   reference 12. 
(All a i r f o i l   o r i f i c e s  were also connected t o  a manometer so that the  
shape of the  pressure  distributions  could be obtained If desired.) Cor-' 
responding data f o r  the  other airfoils were computed d i r ec t ly  from manom- 
eter  readings of the  airfoil-surface  pressures.  Drag coeff ic ients  were 
computed by the  method of reference 13, using  the pressures mewured i n  
a total-pressure  survey  damstream of the model.  The angle-of-attack 
range f o r  mst airfoils extended from the angle corresponding to zero 



10 NAA RM L52G31a 

lift  to 80. For some of the  airfoils, lift and  moment-  data  were  obtained I 

at  angles  of  attack  of ld-and 12O. Tests  were  conducted  through a Mach 
numher  range from 0.30 to  approximately 1.00, with a corresponding 
Reynolds  number  range  from 0.7 x 106 to 1.6 x 106. I 

PRFSEXWPION OF HESU"S 

The  basic  force  characteristics  of  all  airfoils  tested  are  presented 
&s a function  of Wch number i n  figure 10 by  using  uncorrected  angle of 
attack, as a parameter  (see  section  entitled  "Wind-Tunnel  Cor- 
rections").  These  data  are  analyzed  with  reference  to  normal-force 
coefficient  in  figurea 11 to 13, drag coefficient  in  figures 14 to 17, 
moment  coefficient  in  figures 18 to 22, the  transonic  similarity  rules 
in  figure 23, and flow characteristics in figures 24 to 26. 

Several of the  figures  have  been  presented in the form of a modi- 
fied llcazpet ." For  the  carpets in figures 11, 14, 19, and 21, the  scales 
for a, Cd, cm, and xcpJ respectively,  are  correctly  oriented only for 
that  Mach  number  specified  in  the  scale  identification.  For any other 
Mach  number  presented,  these  Bcales  must  be  shifted so that  the  zero  for 
the  scale  is on the  coordinate  which is labeled  with  the  selected  Mach 
number. 

DBCUSSION 

Normal-Force  Coefffcient 

Normal-force-coefficient  data  for  each  of  the  airfoils  are  shown in 
figures 10 and 11. In order  to  facilitate  the  analysis  of-these  data, 
the  normal-force-curve slope (ck) is  plotted  as a function of Mach nu- 
ber in figure 12 for  several values of normal-force  coefficient. AB 
previously  discussed,  the  values of angle of attack  of  theee  data have 
not  been  corrected for jet  deflection.  The omission of this  correction 
causes  the  values  of-normal-force-curve  slope  presented  to  be  too low, 
but these  values should be  qualitatively  correct in their variations 
with  airfoil  shape  parameter,  normal-force  coefficient,  and  Mach number. 

-. 

The  effect of change in afrfoil-thickness  ratio on cna is illus- 
trated  in  ffgure 12. At  the  lower  speed3  cna  does  not  appear  to  be 
affected by change  in  airfoil  thickness or normal-force  coefficient. e 

As the  Mach n d e r  is  increased,  cna  of all the  airfoils  increases.  The 



peak value of cna -and the Mach number correspondfig to the peak value 
are progressively higher as the  airfoil   thickness  decreases.  In addition, 
the Mach  number range  through which the  values of cna fo r   t he   t h in  
a i r f o i l s  are higher  than  those of the  thick  a i r foi ls   increases  as the  
normal-force coefficient  increases. The values of -cna a t  high Mach 
numbers f o r  all of the  airfoils  generally  increased as the  normal-force 
coefficient  increased; this w a s  particularly  notkeable  for  the  =-percent- 
t h i ck   a i r fo i l ,  which exhibited a l a rge  loss in  cllcL at zero lift. 

An increase in design lift coefficient  causes an increase  in   the 
norrpal-force coefficient  at tained a t  zero angle of a t tack   for  all Mach 
numbers ( f ig .  l l ( b ) ) .  The normal-force coefficient  at tained at a = Oo 
increases  with Mach number  up t o  M = 0.9 f o r  czi = 0.2 o r   t o  M = 0.8 
f o r  cz = 0.5, Etnd decreases  progressively w i t h  further  increase in Mach 

number (figs.  10( d)  , 10( e), 10( f )  , and 11( b) ) . The ef fec t  of change i n  
a i r fo i l   des ign   1 i f t . coe f f i c i en t  on cn, ( f ig .  12) is irregular at low 
Mach numbers, probably  because .of the  curvature of  the  normd-force 

' curves of t he  NACA 6 4 M 6  a i r f o i l  (fig. ll(b)). In the Mach  number 
range ne= 0.87, t he   a i r fo f l  having the  highest camber produced the  low- 
est value of cna, but a t  Mach riders of 0.95 and above t h e   a i r f o i l  
having the  highest camber produced the  highest value  of  ck- 

i 

E 

The ef fec t  of change in   a i r foi l - thickness   dis t r ibut ion on cna is 
I shown i n  figure 12. Except for  localized  differences at Mach numbers 

from 0.90 t o  0.95, there  appears t o  be l i t t l e  systematic  variation of  
cn, with  normal-force  coefficient or thickness   dis t r ibut ion  for  the 

, 6A-series a i r f o i l s .  Where differences  can  be  observed  in the low-speed 
range, however, the 6% a i r fo i l   gene ra l ly  has the  lowest values of cna. 
The 16-series a i r f o i l  has a lower v-&lue of cnct than  the  &-series air- 
foils, except at the  highest Wch nuibers  or at the  highest  normal-force- 
coefficients.  A t  low normal-force coefficients  the change i n  cn, 

the  &-series  airfoils,   but a t  a normal-force coeff ic ient  of 0-4  there  
is l i t t l e  difference between the  data of the vazious  airfoils.  

. through  the Mach nmber  range is less f o r   t h e  16-series a i r f o i l  thas f o r  

The trends in cIlct in the  highest Mach number range indicate   that  
t he   veues  of cna of a l l  a i r f o i l s  tested w i l l  be  essentially  equal 

a t  a Mach  number of 1.0, the  value  being about the  8- as a t  low speeds 
and only s l igh t ly   a f fec ted  by normal-force coeff ic i5nt   ( f ig .  12). A t  

thickness was the  largest  of any profile  parameter  within the ranges 
c high Mach numbers the   e f fec t  on cn,  produced by the change in a i r f o i l  

U 
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investigated, snd the change i n  thickness  distribution produced the 
smallest effect  . 

The  Mach  number f o r  n6rmdL-force break  (fig. 13) generally  decreases i 

. with  increase in normal-force  coefficient. A t  any part icular  normal- 
force  coefficient,  an increase  in  airfoil   thickness  or  design lift coef- . 
ficient  decreases  the Mach  number 'for normal-force break, whereas thick- 
ness  distribution ha6 l i t t l e  eff'ect-;. . .  

Drag Coefficient 

Drag-coefficient data obtained by the wake-survey method are  pre- 
sented in   f i gu res .10  and 14 fo r   t he  vazious a i r fo i l s .  The ve loc i ty   f fe ld  
of the  model extends  approximately to  the  t imnel boundary at the  highest 
Mach number,presented;  but,  since the loca l  Mach number6 experienced a t  
the tunnel boundmy  never  exceed  1.05 fo r  any data, presented  herein,  very 
l i t t l e  shock loss  is experienced in   th i s   reg ion  and the   e f fec t  on the  drag 
coefficients is negligible. (The i r regular i t ies  observed in   t he  data 
f o r  the 64A506 a i r f o i l  a t  bbch nmibers above 0.9 are believed  to be the 
r e su l t  of  condensation shocks.) The omission of the angle-of-attack  cor- 
rect ion due t o  Jet deflection  (previously  discussed) does not  influence 
the  data  presented  in  this  section  since  angle of attack is not used aa 
a parameter  or  variable. . 

Figures 15 and 16 i l iustrate-   the   effects .of  change i n   a i r f o i l  sec- 
t ion,  normal-force  coefficient, and Mach  number on t h e   a i r f o i l  normal- 
force/drag  ratio-.  Figures 15(a) and 16 show that (n/d)- and the Cn 
at (n/d),, increase as the   th ichess   ra t io   increases   for  Mach numbers 
of 0.75 and lower; the thicker   a i r foi ls   maintain  their   superior i ty  at the 
highest  normal-force  coef'ficients  investigated  (fig. 15(a))', but &%low 
normal-force coef f ic ien ts   l i t t l e   d i f fe rence  can be noted between the  
n/d values f o r   a i r f o i l s  of different-thicknesses.  Throughout the norrual- 
force-coefficient  range,  the  values of n/d  undergo a reduction at some 
Mach number above 0.70; the Mach number at which this   reduct ion in n/d 
occurs  increases a3 the  airfoil  thickness  decreases. A t  Mach numbers of 
0.9 and above, n/d a t  any normal-Wce  Coefficient  increases 8s  the 
thickness  ratio  decreases. 

* 

- 

For the cambered a i r f a i l s   ( f i g s .  15(b) and 16) (n/d),, and the 
cn f o r -  (n/d),,, increase  with  design l i f t  coefficient at Mach numbers 
up t o  about 0.75, the Cn fo r  (n/d),, being always somewhat greater 
than  the  design l i f t  coefficient. I n  t h i s  speed  range the NACA 64~206 
a i r fo i l   genera l ly  had the  highest  value of n/d at low normal-force 
cpeff ic ien ts   ( f ig .  15( b) ) , but at higher  normal-force  coefficients  the 
UK!A 6 4 ~ 5 0 6   a i r f o i l  had the  highest n/d. These effects  of changes i n  
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- design l i f t  coefficient on n/d i n  t h i s  speed  range are ' i n  agreement 
wfth  those  pointed  out  in  reference 14. A decrease  in (n/d)- occurs 
f o r  all a i r f o i l s  a t  some  Mach nmiber above 0.70, the  Imgest  decrease 
occurr ing   for   the   a i r fo i l  having the  highest 'design lift coefficient 

a i r f o i l  has a-lower  value of i / d  than those  aikfoils having' less camber, - 
this  undesirable  feature  occurring  throughout  the normal-force-coefficient I 
range  ,investigated. 

r 

( C Z i  = 0.5) . A t  Mach nunibers of about 0.85 and above, the NACA 64A506 

A t  Mach numbers l e s s  than 4.75, the  effect  of change i n  thickness 
distrdbution on the &series ai ' r foi ls   ( f igs ,  15(c) and 16) w a s  t o  pro- 
gressively  reduce (n/d),, and the c, f o r  (n/d),, as the location 
of maximum thickness was  moved rearward, The differences between the  
values o f  n/d for t h e   a i r f o i l s  of this series, however, are generally 
not  lazge  over  the whole normal-force-coefficient range (fig. 15(c)) .  
The values of n/d at moderate normal-f orce coecf ic ien ts ,  of (-b/d)mm, 
and of cn f o r  (n/d)max were generally  lower  for  the  16-series air- 
fo i l s   than  fo r  the &-series a i r f o i l s  at Mach numbers less than 0.80. A t  
higher Mach numbers, all a i r fo i l s   ind ica te  a rapid decrease in the value 
of n/d as the Mach number increases. This decrease  occurs at M w 0.85' 
f o r   t h e  16-series a i r f o i l  and at M z 0,80 for   the   &-ser ies   a i r fo i l s ,  

c causing the 16-series a i r f o i l   t o  have the higher  values of n/d €n the  
. Mach  number range near 0.85. A t  Mach numbers above 0.90; t h i c h e s s  dis- 

t r ibu t ion  has little ef fec t  on the nomal-force/drag  ratio. 
i 

Generally,  the  effect on n/d produced  by the change i n   a i r f o i l  
thickness or design lift coefficient  (within  the range of a i r f o i l  param- 
eters  investigated) w a s  much lazger  than  that  produced by the change in 
thickness  distribution. At high Mach numbers, (n/d)- generally 
increases  with a decrease in   thickness  and design l i f t  coefficient (a 
reversal  of the  low-speed r e su l t s )  and decreases  rapidly  with  increasing 
Mach nmiber. The values of  (n/d)- f o r   t h e   a i r f o i l s  at M z 0.97 
closely approach the  <heoretical  valu&  for R biconvex a i r f o i l  in  super- 
sonic  flow computed by the method of reference 15 (fig.  15(d)). At Mach 
numbers  somewhat greater  than 0.8, the - c, f o r  (n/d),, f o r  a l l  air- 
f o i l s  tested increases  with Mach nuniber (fig.  16). The c, fo r  (n/d)- 
increases  with  airfoil   thickness,  design lift coefficient,  and with  for- 
w a r d  movement of the  location of maximum thickness at all Mach numbers. 
This  increase in cn f o r  (n/d),, is associated  primarily  with a 
reduction of the rate of change of  C d  w i t h  cn (f ig .  14), rather than 
with a n  increase i n  the  zero-lift-drag  coefficient. 
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A related  effect  is  shown  in  figure 14(a) in  which  the  dotted  lines 
indicate c h  + cn sin a, where- cn s i n  a is  drag  coefficient  due  to 
lift when  the  resultant of the  lift  component and the drag due  to  lift 
component  is  assumed  to  be normal to  the  chord;  in  this  figure a hori- 
zontal  line  originatdng  at  the drag coefficient  for  zero  lift  indicates 
the drag when  this  resultant-  is normal to  stream  directioq (drag due to 
lift; equals zero,  as  predicted by potential-flow  theory).  These  con- 
ditions have been-referred  to  a8  zero  leading-edge  suction and f u l l  
leading-edge  suction,  respectively,  but  -for  supercritical  fldTjs  the 
change  in  pressure  over  the  rear  part o f  an airfoil  that  occurs  with 
change in lift  coefficient  can  have a ssronger  effect  On drag due to 
lift  than  changes in the  suction  forcee’,near  the  leading  edge. In the 
lower Cn range, an increase in %ch  number  increaaes  the  measured  drag 
increment  due  to  lift--except at the  highest  Mach  nunibers on the thick 
airfoils. A decrease  in  airfoil  thickness also increases  the  drag 
increment  due  to  lift  (in  the  lower  Cn range) except  at  bkch  Ilumbers 
between 0.85 and 0.95. An analysis has shown that  .the  conditions  which 
bring  about  these wiations are very  complex  because of the  unpredict- 
able  nature  of  the flow when  shock and separation  are  present. 

The  drag-rise  Mach  number of the  various  airfoils  is  presented in 
figure 17. This parameter  is  presented  and  discussed o n l y  in  the normal- 
force-coefficient  range  where low values of the  low-speed-drag  coeffi- 
cient  are  obtained and-the significance  of  the  drag-rise  Mach rimer as 
an indication  of  airfoil  performance  is  not  impaired  by flow separation. 
The  highest  drag-rise  Mach  number  occurred  at  zero lift-for the  symmet- 
rical  airfoils, as expected, and.at normal-force  coefficients  approaching 
the  design value for  the  cambered  airfoils.  The maximum drag-rise  Mach 
number  increased  with a decrease in thickness  and  design  lift  coefficient 
but  was  little  influenced by changes in location of ma~imrlm thickness of 
the  &-series  airfoils.  The 16-009 airfoil had higher d u e s  of the 
drag-rise  Mach  number  than  the  &series  airfoils of comparable  thick- 
ness  throughout  the  normal-farce-coefficient  range. r 

Moment  Coefficient 

The basic  data  in  figure 10 have  been  cross-plott-ed In figure 18 ta . 
show  the  effect of Mach  number on c, for  the  various  airfoils  at  several 
normal-force  coefficients.  The  omission of the  angle-of-attack  correc- 
tion  due to jet  deflection  (previously  discussed)  does  not  influence  the 
data  presented in this  section  since  angle  of  attack  is not used as a 
parameter or variable: Theieffkct of increase i n  cn  for  symmetrical 
airfoils  from  zero  to  some.’positive  value  is to cause  large  variations 
in  the  moment  coefficient to occur  at  high  Mach nunibers (fig, 18). With 
the  except$on of the 16-ow. airPcil,  the  effect .of increasing  the normal- 
force  coefficlent  from 0.2 i;o 0.4 is small. 
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L i t t l e  e f fec t  of  thickness on the  moment coefficient is observed 
for   l i f t ing  condi t ions at Mach numbers less than 0.8. Above this speed, 
the  thickest   a i r foi l   experiences a rapid  increase  in  climbing moment, 
followed  by an equally  rapid  decrease,  while  the  thinnest  airfoil 
experiences  only an increase  in  diving moment, which is  less   rapid and 
occurs at a somewhat higher Mach  number than on the   th ick   a i r fo i l .  For 
intermediate  thicknesses  the moment trenas  experienced  with change i n  
Mach  number tend t o   f a l l  somewhere between these two extremes. This 
change in variation of cm with  Wch nuzziber is caused by the differ- 
ences i n  flow over  the  rear  portion of  a i r f o i l s  of different thicknesses; 
88 w i l l  be pointed  out  later,  the  thick  airfoils  experience  reversals  in 
loading  over  the rear port ion,   while   the  thin  a i r foi ls  have re la t ive ly  
high  loadings new t h e   t r a i l i n g  edge. The ef fec t  of increasing  the - 

design lift coefficient of the  6-percent-thick  airfoils w a s  t o  cause a 
negative shift in moment coefficient  without  greatly  affecting the trends 
with Mach  number.  Changes i n  the thickness  distribution had little . 
ef fec t  on the &-ser ies   a i r foi ls ,  but changing the   p ro f i l e   t o   t he  
16-series  airfoil  eliminated  the  abrupt  pitch-up  tendency at high Mach 
numbers and changed the  character of the  curve  throughout  the Mach num- 
ber  range  investigated. 

Most a i r f o i l s   t e s t e d  were neut ra l ly   s tab le   o r   s l igh t ly   uns tab le   in  
the lower Mach rider range (f igs .  19 and 20), t he  NACA 16-series air- 

lift, a l l  a i r f o i l s   t e s t e d  become s tab le  i n  the  higher  speed range. 
Urge  changes i n  the s t a b i l i t y  parameter aze observed, how- 
ever, at these  higher Mach numbers. Because of the  lmge  abrupt changes 
in I+ and cm with Mach  number i n  this speed  raage, it is  often air- 
f icult  to   def ine  exact ly   the  s tabi l i ty  parameter. 

* f o i l  being mst unstable. Except for  the  thicker  airfoils  near  zero 

L 

Although t h e   s t a b i l i t y  parameter is e r r a t i c  in i t s  variatfons,   the 
chordwise location of the  center of pressure (xcp) behaves i n  a more 
re@& fashion  (figs. 21 and 22). All of t h e   a - s e r i e s   a i r f o i l s  showed 
an i n i t i a l   r e w a r d   s h i f t  in xcp with bkch number at Mach numbers 
around 0.8 t o  0.9. This rearwwd shift with Mach n&er is continued 
to   the   h ighes t  speeds tes ted  for   the  4-percent- thick  a i r foi l  and is ' 

l i t t l e   a f f e c t e d  by  changes i n  normal-force coefficient.  For the  thicker  
sections, however, t h i s   i n i t i a l  rearward s h i f t  is followed  by a f o m d  
s h i f t  and f o r  the th i ckes t   a i r fo i l s  an additional  reversal  occurs which 
returns xcp t o  approximately i'ts low-speed value.  These variations 
i n  xcp for   the   th ickes t   a i r fo i l s -  are reduced as the  normal-force  coef- 
f ic ient   is - increased.  A n  increase  in  design lift coeff ic ient   resul ted 
i n  a rearward shift of x as expected. A rearward s h i f t  w a s  also 

a i r fo i l s .  The e f fec t  of an increase  in  normal-force coefficient w a s  t o  

" 

CP' 
* caused by increasing  the Mach  number for these  6-pgrcent-thick canibered 

t 

1 



16 

produce a forwar& shift in xCP,  which  would  be  expected  at low speeds, 
&nd this  forward  shift w a s  found to  occur  throughout  the  Mach  number 
range.  The  effect  of c h d e  in  thickness  distribution on xcp was 
small for  the  6A-series  airfoils.  The Sseries airfoil  produced a 
somewhat  more  desirable  variatian  of xcp  with  Mach  number,  but  the 
total  change  in xcp through  the  Mach  number  range  did  not  decrease 
with  normal-force  coefficient,  as was the  case  for  the  6A-serfes  airfoils. 

Correlations Made by  the  Transonic  Similarity Law 

The  transonic  similarity  rules  provide a method of correlating  data 
'from  thin  airfoils  at  Mach  numbers  near 1.0 in such a manner  that  any 
particular  force  or  moment  component-  for  all  airfoils of a family may be 
defined  in  two-dimensional flows by a single  curve.  Thus,  if data from 

. one  profile  are  available,  data  for any other  airfoil  section  having  the 
same thickness  distribution  may  be  estimated  or  predicted  by  this ru le ,  
provided  the flows. are  truly  similar. A correlation  of  the  experimental 
data  of  the  64A-series  airfoils  varying  in  thickness  is  shown in figure 23, 
based  on  the  transonic  similarity  parameters  presented  in  reference 16. 
A l l  these  airfoils  correlate  well on the  basis of zero-lift  drag  coeffi- 
cient. The  correlation  of  the 4- and 6-percent-thick  airfoils on the 
basis of drag  due  to lift~normal-force and  pitching-moment  parameters, 
is  reasonably  good  .at  high  Mach  numbers.  The  disagreements  between  theae 
results  at  lower Mach numbers  result  from  dissimilar  flow  conditione;  the 
flow  over  the  4-percent-thick  airfoil  separates  near  the  leading  edge  at L 

a very low angle of attack, .EO that  tbe  normil-force  coefficient is 
reduced  (see  fig. ll(a)); whereas  the flow over  the  6-percent-thick  air- 
foil  remains  attached  over mostof the.surface  at  these low angles. The 
9- or 12-percent-tktich  airfoils  do  not  generally  correlate  with  the 
thinner  airfoils  in  the  high  Mach  number  range,  but  there  is a tendency 
toward  correlation  at  the  highest-  speed  shown. Some of the  differences 
may be  due to the  application  of  the  similarity  rule  beyond its limita- 
tions  but  most of the  differencea,shown are probably  due  to  the  combina- 
tion  of  two  effects on the  thick  airfoils,  the  separation  behind  the 
shock  wave  over  the rear.of the  upper  surface  and  the  rapid  decrease  in 
pressure  over  the  lower  surface  with  increase in Mach  number;  both  effects 
tend  to  cause  the  normal-force  coefficient  to  decrease  and  the moment 
coefficient  to  break i n  the  positive dhection for  thick  airfoils. 

. -  

Flow Characterfstics 

The schlieren  photographs and pressure  distributions  shown  in  fig- 
ures 24 to 26 are  representative  of  the flow condirtions  over  the  airfoil8 
investigated.  The  pressure  distributions  over  the  airfoil  surface  are 
superimposed on the schlieren  photographs so that  the  airfoil  chord line 

... .. 
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ident i f ies   the  P = 0 axis. The solid  line  represents  the  upper-surface 
d is t r ibu t ion  and the dashed l ine  represents   the li5wer-surface dis t r ibu-  
tion. In  general,  the flow changes in  the  near-sonic speed  range  are 
similar t o  those  frequently  observed i n  a lower supercritical  speed  range, 
t ha t  is, the   e f fec t  of  increase i n  hBch nunher is to   increase   the   loca l  
pressure  over  the  fore  part  of  the upper surface and cause  the shock waves 
on both   a i r fo i l   sur faces   to  move consistently  rearward  with a resul t ing 
decrease in   the  local   pressures   over   the rear -part  of  t he   a i r fo i l .  

For l if t ing  conditions,   the  separation which OCCUTS over the upper 
surface  of  the  symmetrical  airfoils at high  speea-  (parts (b) and ( c )  of 
f igs .  24 and 26) is generally much  more severe f o r  the th i cke r   a i r fo i l s  
than  for   the  thin  a i r foi ls .   This   separat ion  tends  to   increase  the  local  
pressure  over  the rear par t  of the upper  surface. The flow generally 
remains attached on the  lower  surface, however, resulting in  low pres- 
sures over  the lower surface  near  the rear par t  of the  model and a conse- 
quent   reversa l   in   a i r fo i l   loading   near   the   t ra i l ing  edge. This  reversal  
i s  par t icular ly   not iceable   for   the NACA 16-OOg a i r f o i l   ( p a r t s  (b) and ( c )  
of f ig .  26) &nd the  NACA 64A012 a i r fo i l   ( f i g .   24 (b ) ) .  

Two widely separated shock waves of t b e e  types &e frequently 
observed  simultaneously on the lower surface of cambered a i r f o i l s  at 
low angles of a t tack   ( f igs .  25( a) and a ( b )  ) . Each of these  separate 
shocks is simflar in   na tu re   t o  shocks  observed on symmetrical a i r fo i l s ;  
they  are  unusual  primarily i n   t h a t   t h e y  occur i n  combination on the 
cambered' a i r fo i l s .  The shock located at the  leading edge of  the highly 

high Mach numbers is much less than at lar speeds. The leading edge of 
t h e   a i r f o i l  I s  then  effectively at a negative angle of  attack and the  
leading-edge-flow  conditions are similar t o  those  discussed  in   refer-  
ence 17. The lower-surface  shock  near  the midchord of the  moderately 
caribered a i r f o i l  appears t o  be associated w i t h  the basic  curvature  of 
the  surface i tself ,  since  increasing  the  design lift coefficient  el imi- 
nates t h i s  phenomenon.  The t h i r d  type of  shock  which may occur i n  com- 
bination  with  another shock is located at t h e   t r a i l i n g  edge and is f r e -  
quently  preceded  by 851 expansion (indicated by a dark region on t he  
schlieren  photographs).  This trail--edge expansion  followed  by a 
shock wave has been  observed at 'supersonic speeds (ref. 18) and w a s  
a t t r i b u t e d   t o  a pressure difference between the upper and lower surfaces 
near   the   t ra i l ing  edge which caused a turning of the flow azound the  
t r a i l i n g  eage u n t i l  i t s  direct ion is upnard r e l a t ive   t o   t he  free stream, 
followed by a deflection  to  the  free-stream direction through a shock upon 
meeting the f l o w  from the  upper  surface.  This  trailing-edge  expansion 
with  the  subsequent  shock was observed also at Mach numbers approaching 
uni ty  on symmetrical a i r f o i l s  under l i f t ing   condi t ions   (par t s   (c )  of 

sme coefficient between the upper and lower surfaces w a s  indicated. 

a. cambered a i r f o i l  occurs  because the upwash (ne= the  leading edge) at 

- f igs .  24 and 26) and i n  some of these  cases l i t t l e  difference  in  pree- 

. 
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This  phenomenon was particularly  noticeable,  however, on the  canibered 
airfoils  (fig. 25), where  large.differences  in  pressure  exist  between 
the  upper and lower'durfaces  near  the  trailing  edge. 

1 
. .. 

L 
Lmge variations in the  shock  angle are observed  at M = 1 for 

the  various  airfoils  at low angles  of  attack,  as  illustrated in 
fig.  24(a). These  variations follow the  trends  expected  from  super- 
sonic  theory,  which  predicts  that  the  shock  angle  would  be a function 
of the  local  Mach rimer ahead  of  the  shock and the  effective  turning 
angle of the  flow  into a corner  at  the  trailing  edge.  Separation of 
the  flow,  however,  prohibits a more  detailed  analysis  of  this  phenomenon. 

Tests of a group of related NACA airfoils,  varying in thickness 
(6kA004, 64A006, 64A009, 64A012), design  lift  coefficient (64A006, 
64A.206, 64A506), And  thickness  distribution (63.009, 64~009, 65~009, 
16-009), have  been  .conducted i n  a two-dimknsfonal open-throat-type 
wind  tunnel  at-  Mach  numbers  from 0.3 to about 1.0 and at  corresponding 
Reynolds  numbers  from 0.7 X 10 6 to 1.6 X lo6. The angle-of-attack 
range  of  the  tests  extended from that  for  zero  lift  to  about 10'. The 
only  appreciable  correction  to  these  data  is  believed  to  be a jet- 
deflection  correction tuangle of attack  which has not been  determined 
for  the  high  Mach  nuniber  range.  This  correction,  therefore,  has  not 
been  applied  to  the  data  presented but its  omlseion is not expected to 
alter  the  following  conclusions: 

1. The  trends of the  data  in  the  highest  Mach  number  range  indi- 
cated  that  the  normal-force-curve slopes of a l l  airfoils  tested  will 
be  approximately  equal at Mach  number 1.0, the  value  being  about-  the 
same as  at low speeds  and  only  slightly  affected  by  normal-force 
Coefficient. 

2. At  near-sonic  speeds,  the maximum normal-force/drag  ratio 
approaches  the  'Low values theoretically  determined  for 8 biconvex  air- 
foil  in  supersonic  flows,  and,  in a direct  reversal  of  the.low-speed 
results,  increases  with a decrease  in  airfoil-thickness  ratio  and 
design  lift  coefficient. 

3. At all Mach  numbers  the  normal-force  coefficient  for  maximum 
normal-force/drag  ratio  generally  increases  with  airfoil  thickness, 
with  deaign  lift  coefficient,-and  with  forward  movement  of  the  loca- 
tion  of  maximum  thickness. 



4. Except for  the  thicker airfoils near zero lift, all airfoils 
tested become stable in the higher speed range with respect to a ’ 

moment center at the quayter-chord point. 

Langley Aeronautical Laboratory, 
National  Advisory Committee for Aeronautics, 

Langley Field,  Va. 
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(a) Pic tor id   representa t ion .  

Figure 1.- Langley 4- by 19-inch semiopen tunnel. 
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(b) Schematic representation. 

Figure 1.- Concluded. 
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Figure 2.- Repreeentative calibrations o f  the Langley 4- by 1g-Fach tunael 
for severd. exit cone openings (tunnel empty). 
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Figure 3.- Representative k c h  mker distributions across the 19-lnch 
dimension at the 34-inch station of the tu-1. 
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(a) Distributions along center line. 

Figure 4.- Local Mach  number distributfons a long  center line of the flat  
side w a l l s  of the  Langley 4- by 19-inch tunnel,  with and wlthout model. 
NACA 64A012 airfoil ,  a+est = 80. 
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( b )  Distribut-lons near f ree  boundaries. 

Figure 4. - Concluded. 
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Figure 5.- B f f e c t  of duct size on airfoil section characteristics. 
NACA 64.4009 a i r f o i l .  
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Figure 6 . -  Comparison of zero-lift drag coefficients obtained from tests 
in  the Langley  4- by lg-inch t m l  with thase Qbtained from t e s t s  by 
other methods. 
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Figure 7.- A comparison of pressure dfstributions obtained on an MACA 
65 - l l 0  a i r f o i l  from full scale and model tests of a three -dimensional 
wing and from two-dimensional t e s t s  in Langley 4- by 19-inch tunnel. 
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Figure 8.- Variation with Mach number of force and moment coefficients 
obtained from corrected data f r o m  the 4- by lg-inch t-1 ccmrpared 
wlth data at corresponding angles of at&k obtained at the nid- 
semispan station of a wing on a one-quarter-size model of the X - 1  air- 
plane (HACA 65-110 airfoil  section). 
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NACA airfoil 

Figure 9.- Airfoi l  profiles and static-pressure orifice locations.  - 



( a )  NACA 64~m4 airfoil (amdl duct). 

Figure 10.- Variation of'airfoil section characteristics with Mach mAuber. 
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(b) HACA 64~009 airfoil ( small duct). 

Figure 10.- Contkued. 
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(c) PIACA 64AOl2 a i r f o i l  (mall duct 

Figure 10.- Continued. 
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(a) NACA &A006 airfoil ( s m a l l  duct). 

Figure 10.- Continued. 
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(e )  NACA 6 4 M 6  airfoil ( d l  duct). 

Fl- 10.- Coilti-d. 
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(f) MCA 6411506 airfoil ( d l  duct).  

Figure 10. - Continued. 
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(g) NACA 63~009 airfoil (large duct). 

Figure 10.- Continued. 
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(h) NMA 64Aoog airfoil (large duct). 

Figure 10.- Continued. 
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. (i) NAcA 631009 a i r fo i l  (large duct).  

Figure 10.- Continued. 
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( j) NACA 16-009'airfoil ( b g e  duct). 

Figure 10.- Concluded. 
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(a) Effect of change i n   a i r f o i l  thickness ra t io .  

Figure 11.- Variation of section normal-force coefficient with angle of 
attack at various Mach numbers. 
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( C )  Effect of Chnge in airfoil-. thickness distribution. .- > .  4 .  

Figure 11.- Concluded. 
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Figure 12.- Variation of normal-force-curve slope with Mach m k r  for 
the various s i r fo i l s  at  several section normal-force coefficients. 

.. . 



48 - NACA RM L52G3l.a 

09 

.8 

.7 
0 .2 .L .6 .8 1.0 1.2 

&mal-forae coeffiaient, an 

Figure 13. -  The ef fec t  of airfoil prof i le  on the  var ia t ion of normal- 
..- . .. 

force-break Mach number w i t h  normal-force  coefficient. 
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(a) Effect of change i n  ah - fo i l  thiclmess ratio.  

Figure 14.- Variation of section drag coefficient with section n o d -  
force  coefficient at various Mach numbers. 
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(a) Effect of. change in airfoil  design llft coefficient. 

Figure 14.- Continued. 
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( c )  Effect of change in a l r f o i l  thickness aletributlon. 

Figure 14.- Concluded. 
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(a) Effect of change in airfoil , thichss  ra t io .  

Figure 15.- Variation with section mmkA"rce coefficient of the section 
normal-force-drag r a t io  at various Mach numbers. 
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(b)  Effect o f  change i n  a i r fo i l  design lift caefficient. 

~tgure 15.- contiauea. 
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of biconvex airfoil 

Section normal-f or- ooeff icient, On 

(a) Effect of profile at M = 0.97. 

Figure 15. - Concluded. 
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Figure l.6.- Conditions pertaining to maximum normal-force-drag ratio.  

M 

F 
F 

. ', 
! ' I  

I I 



NACA RM ~5e031a 57 8F 
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(a) Effect of change in a i r fo iZ  thickness ratio. 

Figure 19.- Variation of section quarter-chord mament coefficient with 
section. normal-force coefficient a t  various Mach numbers. 
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Figure 19. - Continued. 
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Figure 20. - Variation of a long i tud ina l   s t ab i l i t y  parameter with Mach 
number for the various &foils at several section normal-force 
coefficients . 
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(a) Wfect o f  change in drfoil-thickness ratio. 

Figure 21.- Variation in chordwise location of center of pressure vlth 
section n o d - f o r c e  coefficient at various Mach numbers. 
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( c )  Effect of change in a l r fo i l  thickness distribution. 

Figure 21.- Concluded. 
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Figure 22.;- The var ia t ion of chordwise locat ion  of-center  of pressure 
with Mach  number for  several  normal-force coefficients for  a l l  the 
airfoils tested. . .  - 
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Figure 23. - Correlation of eiperimental data  of the .%ACA 64AOXX airfoi ls  
using the transonic similarity l a w .  
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Figure 24.- Effect of change of a i r f o i l  thickness r a t i o  on flow. 
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(b) a t e s t  = 4O. 

Figure 24. - Continued. 
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Figure 24. - Concluded.. L-73046 

c 

0 
0 
rl 
II 

x 

0 
II 

E 

8 
0 

e 
0 



. 

NACA RM L52G3l.a - 



_.L NACA RM ~ 5 2 ~ 3 1 a  

NACA 64AOO6. NACA 6 4 A 2 O 6  - -  MACA 6 4 A 5 O 6  

(b) a t e s t  = 4O. - 
L-73045 

Figure 25. - Continued. 
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Figure 26. - Effec t  of -&ng6. of a-i%foil thicbness d i s t r i b u t i o n  on flow. 
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Figure 26. - C o n c l u d e d .  


